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PREFACE 


This  report  contains  the  results  of  a  study  performed  by  AGARD  Working  Group  09  on  boundary  layer  simulation  in 
wind  tunnels  with  emphasis  on  the  transonic  speed  regime.  The  working  group  was  active  under  the  auspices  of  the  AGARD 
Fluid  Dynamics  Panel.  The  participants  in  the  study  represented  Canada,  France,  Germany,  Italy,  Netherlands,  United 
Kingdom,  United  States,  and  Turkey. 

This  report  is  intended  to  display  the  current  state-of-the-art  in  boundary  layer  simulation  where  Reynolds  number  is  or 
cannot  be  simulated  and  give  attention  to  wind  tunnel  effects  as  well  as  to  document  the  physical  aspects  of  boundary  layer 
simulation  and  the  research  needed.  Finally,  a  simulation  methodology  is  proposed  which  can  serve  wind  tunnel  user  and 
operator  as  an  ordered  thinking  process  for  the  design  of  wind  tunnel  tests  where  viscous  effects  are  important. 

M.L.LASTER 
Chairman 
Working  Group  09 


*  *  * 


Ce  rapport  presente  les  resultats  d’une  etude  realisee  par  le  Groupe  de  travail  AGARD  09  sur  la  simulation  de  la  couche 
limite  en  soufflerie,  en  mettant  l’accent  sur  le  regime  transsonique.  Le  Groupe  de  travail  s’est  reuni  sous  l’egide  du  Panel 
AGARD  de  la  Dynamique  des  Fluides.  Les  membres  du  groupe  ont  represente  les  Nations  suivants:  le  Canada,  la  France, 
l’Allemagne,  l’ltalie,  les  Pays  Bas,  le  Royaume  Uni,  les  Etats  Unis  et  la  Turquie. 

Le  present  rapport  donne  un  apergu  de  l’etat  de  Part  dans  le  domaine  de  la  simulation  de  la  couche  limite,  ou  le  nombre  de 
Reynolds  n’est  pas  ou  ne  peut  pas  etre  simule,  examine  les  effets  crees  en  soufflerie,  documente  les  aspects  physiques  de  la 
simulation  de  la  couche  limite  et  precise  les  besoins  en  matiere  de  recherche. 

Enfin,  il  est  propose  une  methodologie  de  simulation  de  la  couche  limite  qui  peut  servir  aux  utilisateurs  et  aux  operateurs 
des  souffleries  comme  ligne  de  pensee  pour  la  definition  de  certains  essais  en  soufflerie  oil  les  effets  visqueux  sont  dune 
importance  particuliere. 
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Boundary  Layer  Simulation  and  Control 
Report  of  the  AGARD  Fluid  Dynamics  Panel  Working  Group  09 

1.0  Introduction 

The  problem  of  boundary  layer  simulation  in  wind  tunnels  is  well  known.  The  chief  fluid  dynamic  parameter 
for  scaling  viscous  flows,  the  Reynolds  number,  often  cannot  be  matched  when  larger  aircraft  and  missiles  are 
tested  in  present-day  transonic  wind  tunnels.  Furthermore,  it  is  important  to  note  that  matching  Reynolds 
numbers  based  on  some  dimension  parameter  such  as  wing  chord  or  body  diameter  may  not  result  in 
duplication  of  all  the  relevant  viscous-fluid-related  phenomens.  For  example,  wind  tunnel  noise  is  widely 
recognized  to  influence  transition  Reynolds  number.  Evidence  of  this  was  obtained  in  transition  test  of  the 
AEDC  100  cone  tested  in  several  North  American  and  European  wind  tunnels. 

In  attempting  to  duplicate  flight  conditions  the  experimentalists  has  required  to  artifically  simulate  boundary 
layer  transition  at  a  matching  relative  location  with  'tripping'  devices  or  try  to  trip  the  boundary  layer  at  some 
location  to  match  some  other  parameter  such  as  trailing  edge  boundary  layer  thickness  in  hopes  in 
duplicating  viscous/in  viscid  flow  interactions.  Not  only  transition  location  and  boundary  layer  thickness  but 
velocity  profile  and  detailed  character  of  the  turbulence  most  likely  will  cause  one  tripped  boundary  layer  to 
be  unlike  the  full  scale  naturally  turbulent  counterpart. 

A  deficiency  in  simulation  of  boundary  layer  properties  is  believed  to  affect  shock  wave  and  boundary  layer 
separation  locations,  with  marked  effects  on  aerodynamic  forces.  These  problems  are  particularly  severe  in 
transonic  flows  because  shock  wave-boundary  layer  interaction  often  has  a  strong  influence  on  overall 
aerodynamic  performance.  Observation  of  experimentalists  at  various  wind  tunnel  facilities  reveal  that 
boundary  layer  simulation  is  approached  without  detailed  knowledge  of  the  physics  of  the  process,  with 
techniques  varying  from  one  facility  to  another.  The  wind  tunnel  users  generally  apply  "tripping"  procedures 
without  regard  to  unique  tunnel  environments.  This  is  brought  about  in  part  because  in-depth  information 
of  the  tunnel  environment  and  its  affect  on  boundary  layer  simulation  is  usually  not  available. 

Therefore,  it  is  necessary  to  critically  examine  simulation  requirements  related  to  boundary  layer 
characteristics  and  to  try  to  formulate  criteria  for  guidance  of  experiments  using  transonic  wind  tunnels. 

Boundary  Layer  simulation  in  wind  tunnels  is  not  a  well  defined  science  in  the  absence  of  Reynolds  number 
simulation  but  largely  dependent  upon  varied  techniques  employed  by  individual  experimentalists.  The 
purpose  of  Working  Group  09  is  to  assess  the  state-of-the-art  in  wind  tunnels  at  high  subsonic  and  transonic 
speeds  and  recommend  research  which  will  aid  in  improving  understanding  and  prediction  of  aerodynamic 
forces  on  aircraft  and  missiles. 

The  mission  of  Working  Group  09  was  scoped  as  follows: 

1.  Critically  review  what  conditions  must  be  achieved  to  yield  adequate  simulation  for  typical  transonic 
aircraft  and  missiles  tested  in  wind  tunnels  at  Reynolds  numbers  less  than  those  corresponding  to  the  full-scale 
counter-parts  in  free  flight.  The  focus  will  be  upon  high  subsonic  and  transonic  speeds. 

2.  Conduct  a  review  of  current  boundary  layer  simulation  criteria,  their  ranges  of  applicability,  and  the 
techniques  used  to  satisfy  these  criteria.  Identify  areas  of  conflicting  criteria  and  recommend  investigations  to 
resolve  the  conflicts. 

3.  Define  needed  research  to  improve  understanding  of  the  flow  physics  necessary  for  proper  boundary  layer 
simulation  and  research  needed  to  identify  and  compare  wind  tunnel  environmental  effects  on  boundary 
layer  simulation. 

4.  Propose  a  simulation  methodology  based  on  results  of  the  above. 

5.  Define  a  confirmation  program  to  test  recommended  simulation  methodology. 

The  Working  Group  had  six  meetings  beginning  in  May  1984  and  the  final  meeting  was  held  October  1986. 

The  Working  Group  was  divided  into  three  committees;  review  (state-of-the-art),  simulation  methodology, 
and  research.  Sections  2.0, 3.0,  and  4.0  of  this  report  reflect  the  work  of  these  respective  committees.  The 
scope  of  each  committee's  activity  was: 

Review  (State-of-the-art) 

Current  boundary  layer  simulation  practices 
Conditions  to  achieve  adequate  simulation 
Identity  Conflicting  Criteria 
Conflict  Resolution  -  Recommendations 

Simulation  Methodology 
Propose  methods 

Assess  potential  adequacies  and  inadequacies 
Propose  AGARD  methodology 
Propose  confirmation  program 

Research 

Review  research  of  flow  physics 

Propose  needed  theoretical  and  experimental  research 
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The  participants  in  AGARD  FDP  Working  Group  09  were: 


Y.  Y.  Chan 

NAE,  CANADA 

R.  Michel 
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C.  Armand 

ONERA-MODANE,  FRANCE 

E.  Stanewsky 
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J.  Szodruch 
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G.  P.  Russo 
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A.  Elsenaar 

NLR,  NETHERLANDS 

A.  B.  Haines 

ARA,  UNITED  KINGDOM 

A.  G.T.  Cross 

BRITISH  AEROSPACE,  UNITED  KINGDOM 

E.  Kraft 

CALSPAN-AEDC,  U.S. 

J.  L.  Potter 

VANDERBILT  U,  U.S. 

J.  Peterson 

NASA  LANGLEY,  U.  S. 

Eli  Reshotko 

CASE  WESTERN  RESERVE  U,  U.  S. 

M.  L.  Laster 

USAF/AEDC,  U.  S.-Chairman 

C.  Ciray 

Metu,  Turkey 

The  participants  in  the  committees  were: 


State  of  Art-Review 

C.  Armand 
J.  Szodruch 
A.  Elsenaar-Chairman 
A.  G.  T.  Cross 
J.  L.  Potter 
J.  Peterson 


Methodology 

Y.Y.  Chan 

C.  Armand 

G,  P.  Russo 

A.  Elsenaar 

A.  B.  Haines 

E.  Reshotko-Chairman 

J.  L.  Potter 


Research 
R.  Michel 

E.  Stanewsky-Chairman 

J.  Szodruch 

J.  LVan  Ingen 

A.  G.T.  Cross 

E.  Kraft 

J.  Peterson 

C.  Ciray 
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SECTION  2.0 

REVIEW  OF  BOUNDARY  LAYER  SIMULATION  PROCEDURES 

BY 

REVIEW  COMMITTEE 


2.1  INTRODUCTION 

The  scope  of  the  working  group  is  well  described  in  Section  1.  Its  basic  aim  isto  propose  a  simulation 
methodology  that  can  be  defined  as  "a  scheme  in  which  a  wind  tunnel  testing  procedure  is  defined  together 
with  the  means  for  extrapolating  the  wind  tunnel  results  to  flight  conditions"  (E.  Roshotko).  In  order  to 
achieve  this  goal  the  activities  ofthe  group  have  been  split  into  three  committees:  Review,  Simulation 
Methodology  and  Research. 

At  the  first  working  group  meeting  (Brussels,  May  1984)  nearly  all  participants  presented  a  review  largely 
based  on  their  own  observations.  The  larger  part  of  these  reviews  was  of  particular  relevance  to  the  Review 
Committee.  Also,  a  publication  by  J.  L.  Potter  "Review  of  Requirements  and  Status  of  Simulation  and  Scaling 
of  Transonic  Flows' was  distributed  shortly  after  the  meeting.  As  its  title  implies,  this  report  more  or  less 
covers  the  assignment  of  the  Review  Committee.  It  was  nevertheless  decided  at  the  first  meeting  ofthe 
committee  to  have  a  review  by  each  committee  member  of  the  national  situation.  This  resulted  in  a  number 
of  reviews,  presented  at  the  second  meeting  in  Toronto,  October  1984.  These  reviews  range  from  a  few  pages 
to  a  very  detailed  report  (attachment  1).  This  large  variation  in  scope  is  mainly  caused  by  some  overlap  with 
the  "Brussel"  presentations  on  the  other  hand. 

In  order  to  reach  a  state  of  convergence  the  committee  divided  their  work  subsequently  along 
phenomenological  lines  (see  table  of  contents)  and  the  outcome  of  this  survey  is  reflected  in  this  report. 

A  few  remarks  have  to  be  made  at  the  end  of  this  introduction.  Firstly,  simulation  methodologies  (either 
existing,  or  still  to  be  developed)  are  closely  coupled  with  the  existing  evidence  on  Reynolds  number  effects. 

It  is  not  intended  in  this  review  to  present  a  detailed  account  of  observed  Reynolds  number  effects*  but,  as 
one  will  see,  a  part  of  this  review  is  devoted  to  observations  regarding  Reynolds  number  effects. 

Also,  one  should  be  well  aware  of  the  fact  that  it  is  intended  in  this  section  to  review  rather  than  to 
recommend  particular  simulation  techniques.  For  that  reason,  the  review  is  not  a  collection  of  recipes  that 
can  be  applied  faithfully  in  the  wind  tunnel.  Instead,  the  reasoning  behind  a  particular  technique  is 
described.  Only  a  better  understanding  opens  the  way  to  improve  upon  existing  practice. 

Finally,  there  is  a  chance  of  overlap  with  the  work  of  the  other  two  committees.  This  overlap  can  be  reduced 
by  a  rapid  dispersal  ofthe  outcome  ofthe  committee  among  the  other  working  group  members.  Forthis 
reason  the  work  presented  here  had  to  be  done  under  some  pressure  of  time. 


& 


*AGARD-FDP  also  assigned  T.W.  Binion,  E.  Stanewsky  and  A.  Elsenaarto  write  an  AGARDograph  on  Reynolds 
number  effects. 
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ATTACHMENT  1 


LIST  OF  NATIONAL  REVIEWS 

U.S.  A  ./Canada 

reviewed  by  J.L.  Potter 

"A  summary  of  a  1 984  survey  of  aerodynamicists 
regarding  boundary  layer  tripping  for 
simulating  high  Reynolds  numbers" 
(WG09/RC/CR-0 1 ;  19  pages,  18  figures) 

United  Kingdom 

reviewed  by  A.G.T.  Cross 

"High  Reynolds  Number  Simulation" 

U.K.  Industry  Approach" 

(WG09/RC/CR-01;  19  pages,  18  figures) 


France 

reviewed  by  C.  Armand 
"Techniques  Transition" 

(WG09/RC-AR-01;  2  pages  with  figures  +  list  of  references) 

Germany 

reviewed  by  J.  Szodruch 

referred  is  to  the  presentation  in  Brussels,  May  1984,  by  the  same  author. 
"Transition  fixing  methods  used  by  MBB, 
civil  aircraft  division" 

(WG09/RC/SZ-01 ;  17  pages  with  figures) 

Italy 

reviewed  by  G.P.  Russo 

"High  Reynolds  number  simulation  in  Italy" 

(WG09/RC/RU-02;  1  1/2  page) 

The  Netherlands 

reviewed  by  A.  Elsenaar  J 

"Some  examples  of  current  practice  with  respect  to 
Reynolds  number  extrapolation;  a  NLR  contribution 
(WG09/RC/EL-07;  4  pages) 
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SECTION  2.2  CONFIGURATIONAL  ASPECTS 
SECTION  2.2.1 

MISSILES,  FUSELAGE  AND  SIMILAR  BODIES 
by 

J.Leith  Potter 
Consulting  Engineer 
200  Sheffield  Place 
Nashville,  TN  37215,  USA 


2. 2. 1.1  INTRODUCTION 

The  problem  of  simulating  higher  Reynolds  numbers  during  wind  tunnel  testing  of  missiles  and  fuselages 
has  not  received  as  much  attention  as  it  has  in  regard  to  aircraft  wings,  particularly  transport  wings.  That  is 
because  the  configurations  and  sizes  of  typical  missiles  frequently  allowtesting  at  full-scale  Reynolds 
numbers,  and  also,  flows  over  missiles  ana  fuselages  are  not  usually  as  critically  tailored  to  specific  operating 
conditions  as  wing  flows  are.  However,  there  are  some  important  results  arising  from  Reynolds  number 
dependent  flow  phenomena  that  affect  forces  and  moments  on  these  bodies.  (It  has  proved  difficult  to  coin  a 
descriptive  term  for  the  "not-wings"  bodies  discussed  in  this  section.  They  will  be  rather  loosely  termed 
"fuselages"  or  "bodies"  hereafter,  and  it  should  be  noted  that  wings  are  discussed  separately.) 

The  flows  over  these  bodies  may  be  of  the  type  where  only  localized  areas  of  boundary  layer  separation 
exist,  such  as  may  occur  on  boattails.  There  are  also  situations  wherein  large  areas  of  separation  are 
encountered,  but  the  separation  lines  are  not  affected  by  Reynolds  number,  being  essentially  fixed  by  salient 
edges.  Abrupt  changes  in  body  contour  can  produce  this  case;  many  base  flows  are  examples.  Thirdly,  they 
may  be  of  the  type  associated  with  a  relatively  slender  body  at  high  incidence  with  flow  separation  and  strong 
vortical  effects.  The  first  two  cases  need  little  elaboration  in  regard  to  Reynolds  number  effects,  but  the  latter 
is  more  complex;  the  leeside  flow  may  be  divided  into  several  subcategories.  The  situations  usually 
encountered  by  a  slender,  pointed  body  of  revolution  are: 

(1)  Vortex-freeflow-  -  -  this  occurs  at  angles  of  attack,  a,  less  than  roughly  5  to  20  degrees  for  most 
cases.  Boundary  layer  transition  usually  moves  forward  on  lee  surfaces  for  increasing  angles  of  attack.  At  the 
same  time,  it  may  move  aft  on  windward  surfaces  when  angles  of  attack  are  small,  then  forward  as  angles 
increase. 

r 

(2) ,  Symmetric  vortex  flow  —  this  occurs  in  lee  flows  for  angles  of  attack  in  the  range  of  perhaps  10  to 
40  degrees. 

(3)  Steady  asymmetric  vortex  flow ---the  range  may  be  approximately  10  to  70  degrees;  this  is  a 
subsonic  or  transonic  phenomenon. 

(4)  Unsteady  wake-like  flow —  arises  when  the  body  is  above  roughly  60-70  degrees. 

The  overlap  in  these  angles  of  attack  is  much  reduced  when  a  particular  shape  is  specified.  Mach 
number  affects  the  angle  of  attack  ranges  indicated  above,  as  does  nose  apex  angle,  ratio  of  nose  length  to 
after  body  length,  body  fineness  ratio  and  cross  section.  Examples  may  be  found  in  the  extensive  review  by 
Peake  and  Tobak(Ref.  1).  When  crossflow  Mach  number,  Mc  =  M00sin  a,  reaches  the  transonic  level,  say 
Mc<0.8,  shock  waves  form  in  the  supercritical  crossflow,  tending  to  enforce  flow  symmetry  and  suppressing 
asymmetric  loadings.  A  very  thorough  investigation  of  one  ogive-cylinder  configuration  in  subsonic  flow  has 
been  reported  by  Lamont  in  Ref.  2  where  marked  Reynolds  number  influence  is  displayed. 

The  emphasis  on  vortical  phenomena  associated  with  high  incidence  should  not  be  interpreted  as 
disregard  of  scaling  problems  under  other  conditions.  Boattails  are  one  feature  of  afterbodies  that  may  pose 
a  Reynolds  number  simulation  problem  for  experimenters.  An  exhaust  plume  or  plumes  may  also  be  involved 
Trips  comprised  of  typical  roughness  elements  and,  sometimes,  vortex  generators  may  be  relied  on  for 
establishing  a  turbulent  boundary  layer.  It  is  important  to  bear  in  mind  that  increased  Reynolds  number,  Re,i; 
actual  or  simulated,  does  not  necessarily  reduce  overall  drag  coefficient,  Cp.  The  net  effect  depends  upon  the 
losses  and  gains  in  expanding  and  recompressing  regions  of  the  flow,  and  Cp  may  increase  or  decrease  with 
Re  in  different  ranges  of  the  latter  parameter. 

Upswept  rear  fuselages,  such  as  one  sees  on  C-130,  C-141,  Caribou,  Buffalo,  Breguet  941,  and  C5A 
aircraft,  experience  flowseparation  and  present  questions  regarding  high  Re  simulation.  Practical  design 
solutions  that  have  been  devised  to  stabilize  the  often  unsteady  vortical  flows  in  such  cases  are  use  of  strakes 
or  sharp  fuselage  afterbody  corners.  Vortex  generators  may  be  used  on  either  full-scale  or  wind  tunnel 
models  to  improve  flow  conditions.  The  presence  of  wakes  from  wings,  nacelles,  undercarriage  fairings, 
propellers,  etc.  may  complicate  these  flows  and  perhaps  override  Reynolds  number  effects. 

This  section  presents  a  review  of  current  practices  for  coping  with  the  simulation  deficiency  when  tests 
of  elongated  bodies  are  conducted  at  Reynolds  numbers  appreciably  lower  than  full-scale  values.  High 
subsonic,  transonic,  and  low-supersonic  ranges  of  Mach  number  are  covered;  hypersonic  conditions  are 
excluded  although  much  of  the  discussion  is  also  relevant  to  hiqh  Mach  number  flows.  Because  the  flows 
considered  here  may  or  may  not  have  supersonic  regions  and  shock 
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waves,  it  is  important  to  remain  alert  to  the  differences  that  shock-boundary  layer  interaction 
may  impose  upon  any  conclusions  that  are  based  upon  shock-free  flows.  Drag  and  side  force 
variations  generated  by  changes  in  Reynolds  number  receive  the  principal  attention.  The  working 
premise  is  that  the  higher  Reynolds  number  simulation  goal  implies  also  that  a  turbulent  boundary 
layer  is  desired  and  that  it  has  to  be  established  by  artificial  means. 


2. 2. 1.2  BODIES  AT  LOW  INCIDENCE 

A  slender  body  at  low  angle  of  attack  presents  a  simulation  problem  very  similar  in  many 
respects  to  an  airfoil.  Boundary  layer  tripping  to  achieve  a  turbulent  layer  upstream  of  any 
afterbody  shocks  or  flow  separation  normally  will  be  done  by  conventional  forward-tripping  means, 
i.e. ,  a  band  of  grit  or  other  roughness  elements  is  placed  near  the  nose.  The  trip  typically  is 
located  3-10  percent  of  body  length  from  the  stagnation  point.  A  local  Reynolds  number  (Re)  of 
105  based  on  wetted  length  is  consistent  with  Bras low 's  criteria  (Ref.  3),  which  most  often  are 
the  basis  for  sizing  trip  heights  for  subsonic-to-low  supersonic  Mach  numbers.  For  higher  Mach 
numbers,  the  methods  proposed  by  Refs.  4-5  often  are  used.  Obtaining  an  accurate  estimate  of 
full-scale  drag  coefficient  and  establishing  turbulent  flow  ahead  of  a  boattail,  inlet,  or  fins 
may  be  the  objectives.  Experimental  verification  of  tripping  and  persistence  of  a  turbulent 
boundary  layer  downstream  should  not  be  neglected  because  of  the  possibility  of  relaminarization. 

Aft  tripping,  i.e.,  tripping  10-to  15-percent  of  body  length  ahead  of  the  station  where  a 
turbulent  boundary  layer  of  the  least  feasible  thickness  is  wanted,  is  an  alternative  to  forward 
tripping.  A  more  extended  discussion  of  this,  with  mention  of  advantages  and  disadvantages,  is 
given  in  various  reports,  e.g.,  Ref.  6.  While  forward  tripping  and  a  consequent  nearly  all- 
turbulent  boundary  layer  may  be  preferred  for  drag  studies  involving  extrapolation  of  CD  to  higher 
Re,  aft  tripping  may  be  preferred  for  studies  of  inlet  or  afterbody  flows  where, relative  boundary 
layer  thickness  as  well  as  the  laminar  or  turbulent  state  can  be  a  significant  simulation 
parameter,  cf.  Ref.  7.  In  particularly  sensitive  cases,  not  only  boundary  layer  state  and 
relative  thickness  but  also  shape  factor  should  be  matched  for  complete  simulation.  However,  it 
is  important  to  always  remember  that  variations  in  tunnel  freestream  conditions  (calibration), 
interference  from  other  model  or  support  structures,  and  jet  influence  can  be  at  least  as  critical 
as  refinements  in  boundary  layer  simulation. 

Local  edge-of-boundary  layer  flow  conditions  should  be  used  in  calculating  boundary  layer 
thickness  and  the  trip  Reynolds  number.  These  calculations  also, must  be  appropriate  for  the 
axisymmetric  or  3-D  flow  of  interest.  Fortunately,  the  improvements  in  computational  capabilities 
now  make  such  calculations  more  accurate  and  less  troublesome  than  they  once  were.  In  the  context 
of  this  report,  which  is  confined  to  current  practice,  there  is  little  more  to  be  said  regarding 
bodies  at  low  incidence  to  the  freestream  flow.  The  abundance  of  material  on  airfoils  and  wings 
adequately  covers  the  general  subject.  (See  Section  2.2.2  of  this  report  and  references  given 
there.)  Therefore,  the  remainder  of  this  section  mainly  concerns  special  features  of  fuselage 
afterbody  flows  and  vortical  flows  of  the  type  generated  by  elongated  bodies  at  larger  angles  of 
incidence . 


2. 2. 1.3  AFTERBODY  TESTING 

A  general  factor  in  afterbody  testing  that  often  accounts  for  the  observed  Reynolds  number 
effect  is  the  interaction  between  viscous  and  inviscid  phenomena,  i.e.,  the  change  in  pressure 
distribution  caused  by  thickened  or  thinned,  separated  or  unseparated  boundary  layers.  This  is 
illustrated  by  Fig.  1,  taken  from  Ref.  7.  The  drag  coefficient  in  Fig.  1  is  the  pressure  drag 
coefficient  for  the  afterbody,  based  on  body  maximum  cross  section  area. 

Pozniak  (Ref.  7),  after  reviewing  a  large  number  of  reports,  calls  attention  to  the  need  to 
account  for  effects  of  unit  Reynolds  number  on  tunnel  calibration  and  the  significance  of 
different  Mach  number  regimes  and  boattail  steepness  combinations.  He  then  states  that  - 

At  subsonic  Mach  numbers  and  in  the  absence  of  flow  separations,  significant  but 
compensating  pressure  changes  (on  afterbodies)  often  are  found,  resulting  in  little  effect  on 
the  afterbody  pressure  drag  of  complete  afterbodies. 

In  the  presence  of  flow  separations,  the  effects  of  Reynolds  number  tend  to  be  small 
when  the  location  of  the  flow  separation  is  fixed  as  a  result  of  a  sudden  change  in  the 
boattail  contour,  but  on  afterbodies  with  smooth  boattailing,  changes  in  afterbody  drag 
depend  on  the  effects  of  Reynolds  number  on  the  location  of  the  point  of  separation; 
conflicting  factors  are  involved  and  the  afterbody  drag  can  increase,  decrease,  or  remain 
unaffected  by  Reynolds  number  changes. 

Figure  1  illustrates  the  danger  of  simply  extrapolating  a  trend  of  drag  coefficients  in  a 
limited  range  of  Reynolds  number.  In  general  terms,  it  shows  low  afterbody  drag  coefficient  at 
very  high,  flight  Re  where  the  thin  boundary  layer  would  have  been  attached  over  much  or  all  of 
the  boattail.  This  would  allow  recompression  on  the  rear  of  the  body,  thereby  lowering  drag.  At 
low  Re,  as  may  exist  in  wind  tunnels,  the  thick  boundary  layer  cannot  penetrate  the  region  of 
rising  pressure  and  it  separates.  However,  drag  coefficients  may  be  affected  in  opposing  ways. 
When  the  separation  occurs  very  early  on  the  boattail,  the  overexpansion  near  the  shoulder  is 
eliminated  and  drag  is  relatively  low.  At  intermediate  Re,  when  the  separation  occurs  downstream 
of  the  overexpansion  but  upstream  of  the  recompression,  there  is  higher  drag.  Often  the  opposing 
effects  on  drag  arising  from  movement  of  separation  or  change  in  effective  body  contour  brought 
about  by  changed  displacement  boundary  layer  thickness  nearly  cancel  over  a  range  of  Re.  When 
that  occurs,  afterbody  drag  coefficient  is  almost  constant,  cf.  Ref.  8.  (It  will  be  noted  that  in 
this  discussion  a  turbulent  boundary  layer  is  assumed.) 


7 


For  Mach  number  (M^)  below  the  critical,  and  boattails  on  which  separation  does  not  occur, 
effects  of  Re  may  be  predicted  on  the  basis  of  corresponding  changes  in  displacement  thickness, 
i.e.,  changes  in  effective  body  contour.  In  the  same  low  Mach  number  regime,  a  smooth  but  steep 
boattail  contour  on  which  separation  occurs  can  show  the  trends  illustrated  in  Fig.  1.  As  already 
noted,  effectively  cancelled  effects  and  nearly  constant  drag  are  possible  in  this  case. 
Simulating  higher  Re  by  boundary  layer  modification  may  be  misleading  if  it  does  not  match  the 
changes  in  state  and  relative  thickness  that  would  occur  naturally. 

With  higher  subsonic  Mach  number,  when  shocks  occur  on  the  boattail,  the  observed  effect  of 
increased  Re  has  often  been  a  decrease  in  drag-rise  M„.  This  can  be  due  to  increased  expansion 
made  possible  by  the  thinner  boundary  layer  on  the  upstream  part  of  the  boattail  followed  by  a 
shock  and  separation  downstream  preventing  or  minimizing  pressure  recovery  there.  Factors  to 
consider  when  planning  a  test  are  the  probable  effect  of  trips  on  shock  location  and  the  ability 
of  the  boundary  layer  to  withstand  the  pressure  gradients.  The  same  interaction  exists  for 
boattails  at  supersonic  speeds,  and  it  is  usual  for  the  boattail  drag  to  increase  with  Re.  How¬ 
ever,  an  opposite  trend  may  be  found  for  the  same  configuration  at  subsonic  Mach  numbers.  This  is 
illustrated  in  Fig.  2,  from  Ref.  7,  where  an  effect  of  propulsive  jets  is  also  shown.  Afterbody 
drag  coefficient  is  here  based  on  wing  area. 


2. 2. 1.4  BODIES  AT  HIGH  INCIDENCE 

Present  practice  for  simulating  higher  Reynolds  numbers  in  wind  tunnel  testing  is  usually 
aimed  at  reproducing  or  clarifying  the  sequence  of  events  so  nicely  illustrated  in  Ref.  2. 
Figures  3-4  are  taken  directly  from  that  source  and  presented  here  for  the  convenience  of  the 
reader.  The  nomenclature,  CNO  and  CYO,  represent  overall  normal  and  side-force  coefficients, 
respectively,  and  ReD  is  based  on  body  diameter  and  freestream  flow.  Reference  2  should  be 
consulted  for  a  full  discussion,  and  it  should  be  borne  in  mind  that  higher  Mach  numbers  or 
differences  in  body  shape  can  affect  the  results  depicted  in  Figs.  3-4. 

The  underlying  cause  of  the  type  of  Reynolds  number  effects  shown  in  Figs.  3-4  is  explained 
by  the  character  of  the  flow  separation  and  lee-side  vortices.  Figures  5-6,  also  from  Ref.  2, 
help  to  make  this  clear.  Depending  on  the  laminar,  transitional,  or  fully  turbulent  nature  of  the 
boundary  layer.  Fig.  5  shows  that  the  magnitude  of  influence  of  the  vortical  flow  varies.  In  this 
example,  laminar  or  turbulent  separations  produce  roughly  equal  side  force  and  normal  force 
coefficients  for  angles  of  attack  in  the  range  of  50-60  degrees,  and  transitional  boundary  layer 
separations  cause  the  least  effect.  One  may  speculate  that  the  consistent  asymmetry  that  causes 
the  side  force  is  not  maintained  under  the  more  intense  fluctuation  of  local  velocities  and 
transition  locations  typical  of  transitional  regions.  It  should  be  noted  that  Lamont's  pressure 
distributions  suggest  the  presence  of  laminar  separation  bubbles  just  ahead  of  transition  under 
the  conditions  he  labels  transitional.  Such  bubbles  are,  of  course,  familiar  features  of  laminar 
flows  in  adverse  pressure  gradients  on  2-D  and  3-D  shapes.  The  critical  influence  of  minute  model 
nose  irregularities  or  flow  asymmetries  in  determining  direction  of  the  forces  generated  by 
vortical  separation  is  reflected  in  Fig.  7,  from  Ref.  2,  which  shows  how  side  force  direction 
depended  on  roll  angle  of  thd  nominally  axisymmetric  body  in  a  low-turbulence  wind  tunnel. 

Thus,  although  there  is  no  great  difference  between  basic  techniques  for  tripping  boundary 
layers  on  wings  or  elongated  bodies,  the  latter  often  will  require  that  trips  be  positioned  all 
downstream  along  the  body  ahead  of  the  separation  line  to  assure  turbulent  flow  at  higher  angles 
of  attack  (if  that  is  the  predicted  full-scale  situation).  It  is  obviously  important  that  the 
boundary  layer  trips  fulfill  their  function  of  creating  a  turbulent  boundary  layer  without  also 
artificially  fixing  the  separation  lines.  If  the  latter  occurs,  the  forces  in  the  plane  of 
symmetry  as  well  as  the  side  force  may  not  accurately  represent  high  Reynolds  number  conditions. 
Circumferential  locations  of  separation,  denoted  by  the  angle  Og,  have  been  shown  to  vary  with 
body  shape,  longitudinal  station,  angle  of  attack,  Mach  and  Reynolds  number.  Figures  8-10  from 
Refs.  1  and  12,  illustrate  this  point.  Subscript  1  denotes  primary  separation. 

The  simpler  geometries  of  axisymmetric  bodies  represented  in  the  figures  illustrating  the 
types  of  lee-side  flows  encountered  in  tests  of  bodies  at  higher  incidences  have  not  included 
typical  aircraft  fuselages.  However,  the  latter  produce  essentially  the  same  flow  fields  and 
their  greater  full-scale  Reynolds  numbers  may  be  more  troublesome  insofar  as  simulation  is 
concerned.  An  interesting  collection  of  papers  dealing  with  fuselage  forebodies,  strakes,  and 
other  airplane  and  missile  flows  is  contained  in  Ref.  13.  References  14-18  also  include  much  of 
value  in  regard  to  vortical  flows,  but  boundary  layer  tripping  practices  are  not  covered.  In 
general,  the  techniques  are  somewhat  standardized  in  basic  approach  and  empirical  in  regard  to 
trip  sizing  and  placement.  Therefore,  details  of  particular  testing  applications  are  seldom 
described. 


2. 2. 1.5  MODES  OF  TRANSITION  WITH  SEPARATION 

When  the  Reynolds  number  is  low  enough  for  the  boundary  layer  to  be  laminar  at  the  separation 
angle,  O  ,  the  relatively  unstable  laminar  free  shear  layer  may  undergo  transition  to  turbulence, 
and  the  turbulent  layer  may  reattach  to  the  body  surface.  This  condition  is  identified  as  "free 
shear  layer  reattachment."  A  short  separation  bubble  is  a  feature  of  such  a  case,  and  the  locus 
of  points  of  reattachment  forms  a  reattachment  line  of  transitional  flow.  An  elongated  body  at 
intermediate  angles  of  attack  will  have  3-dimensional  flow,  so  that  a  component  of  flow  along 
attachment  lines  usually  exists.  This  secondary  flow,  when  unstable,  provides  the  contamination 
that  is  referred  to  in  discussions  of  transition  in  this  type  of  boundary  layer.  Hence, 
"attachment  line  contamination"  is  a  mode  of  transition  that  may  be  encountered.  Another  form  of 
secondary  flow  is  created  by  the  3-D  boundary  layer  profile  that  typifies  crossflow,  regardless  of 


3 


whether  separation  exists,  and  this  provides  a  third  destabilizing  influence  or  "crossflow 
transition."  Finally,  there  is  the  type  of  boundary  layer  transition  that  would  be  expected  if 
the  flow  were  axisymmetric  and  unseparated,  i.e.,  "streamwise  flow  transition."  There  are 
critical  Reynolds  numbers  corresponding  to  all  of  these  modes  of  transition. 

Poll  (Refs.  19-21)  has  analyzed  transition  associated  with  cylindrical  bodies  at  high 
incidence  in  subsonic  flow.  Other  relevant  references  are  given  therein.  Figures  11  a-b,  from 
Ref.  20,  show  the  regimes  of  a  and  Re  where  the  various  modes  of  transition  may  be  expected  when 
testing  a  long,  pointed  body  of  circular  cross  section  at  angle  of  attack  in  a  low-turbulence 
subsonic  tunnel.  In  Fig.  11,  Rd  is  the  freestream  Reynolds  number  based  on  cylinder  diameter. 
The  letters  L,  B,  and  T  indicate  regimes  of  laminar,  short-bubble  separation  with  transition,  and 
turbulent  boundary  layer  flow,  respectively,  as  determined  by  Lamont  in  his  experiments  (Ref.  2). 
Quantitative  parameters  defining  the  regions  for  these  boundary  layer  states  are  discussed  in 
Refs.  19-20,  where  Poll  suggests  that  use  of  appropriate  trips  may  lower  the  boundaries  by  factors 
of  1/3.  In  Ref.  20  he  has  reviewed  in  depth  the  subject  of  transition  on  a  cylindrical  afterbody 
at  incidence  in  subsonic  flow,  and  includes  an  analysis  of  the  effect  on  crossflow  drag  and  normal 
force.  Reference  21  concerns  a  detailed  experimental  study  of  the  transition  process  on  the 
windward  surface  of  a  yawed  cylinder. 


2. 2. 1.6  BOUNDARY  LAYER  TRIPPING 

The  development  of  the  boundary  layer  and  its  separation  on  typical  pointed  bodies  at 
incidence  has  caused  several  investigators  to  place  boundary  layer  trips  along  helical  paths,  as 
shown  in  Fig.  12  a-b,  which  is  taken  from  Rao  (Ref.  22).  One  can  see  in  Fig.  8  that  the  angle  0_, 
measured  circumferentially  from  the  windward  attachment  line,  is  considerably  greater  near  the 
noses  of  pointed  bodies,  so  that  if  one  wanted  to  trip  just  upstream  of  separation,  a  helical 
placement  that  approximately  parallels  the  separation  line  would  be  appropriate.  A  question  could 
be  raised  regarding  the  correct  name  of  the  trips  in  such  cases.  They  are  not  tripping  the 
boundary  layer  in  the  traditional  sense;  their  primary  role  is  to  cause  symmetrical  separation. 
For  that  purpose,  2-D  (e.g.,  wire)  trips  probably  are  more  effective  than  3-D  (e.g.,  grit)  trips. 
In  some  cases  experimenters  may  want  symmetrical  separation,  but,  for  example,  Lamont 's  data  show 
that  asymmetrical  separation  and  large  side  forces  may  also  be  associated  with  fully  turbulent, 
high  Reynolds  number  boundary  layers.  Therefore,  suppressing  asymmetric  separation  by  locating 
trips  so  as  to  provide  symmetrical  salient  edges  is  not  truly  simulating  high  Reynolds  numbers. 

J 

The  distinction  between  a  boundary  layer  trip  and  a  "separation  holder"  or  "mini  strake"  is 
possibly  illustrated  in  Fig.  13  a-b,  from  Ref.  2  3.  There  it  will  be  noted  that  the  "nose  wire 
trips"  had  a  diameter  of  0.159  cm  or  0.0626  in.,  whereas  the  "nose  grit  strip"  was  number  46 
carborundum.  The  average  grain  diameter  of  the  latter  material  is  given  as  0.014  in.  by  the 
Carborundum  Company.  Thus,  the  wire  trip  was  4.5  times  higher  than  the  grit.  It  seems  likely 
that  the  3-D  grit  strip  was  sufficient  to  cause  boundary  layer  transition,  (local  flow  conditions 
are  not  given)  but  it  apparently  had  far  less  influence  on  the  rolling  moment  variation  with 
sideslip.  Presumably  this  resulted  because  the  wire  "trip"  acted  more  like  a  "separation  fixer" 
or  "mini  strake." 

When  crossflow  Mach  number  is  roughly  0.5-0. 8,  asymmetrical  separation  usually  will  be 
prevented  by  symmetrically  located  crossflow  shock  waves  and  shock-induced  separation.  This  is 
illustrated  in  Fig.  14.  When  it  is  necessary  to  trip  the  boundary  layer  for  simulating  higher 
Reynolds  numbers  in  transonic  and  supersonic  testing,  tripping  should  be  accomplished  sufficiently 
upstream  of  the  crossflow  shock  location  to  avoid  interaction  between  trips  and  shocks.  Current 
practice  for  wings  or  airfoils  is  to  make  this  distance  at  least  10-15  percent  of  chord.  For 
bodies  of  revolution  this  would  correspond  to  about  40  percent  of  body  radius. 


2. 2. 1.7  CONCLUDING  REMARKS 

Emphasis  has  been  placed  on  a  review  of  flow  conditions  that  are  important  to  scaling  and 
simulation  for  fuselage  and  missile  bodies.  It  is  pointed  out  that  care  must  be  taken  to  plan, 
boundary  layer  tripping  so  as  to  accomplish  the  desired  objective  of  simulating  higher  Reynolds 
numbers  without  also  altering  the  flow  field  external  to  the  boundary  layer  in  ways  that  do  not 
follow  from  boundary  layer  transition.  This  latter  pitfall  is  encountered  when  tripping  so 
thickens  the  boundary  layer  that  relative  thickness  at  the  critical  station  on  the  body  is  much 
greater  than  the  full-scale  value.  For  example,  this  may  happen  at  inlets,  boattails,  or  bases  of 
bodies.  Another  manifestation  of  this  error  is  found  when  trips  also  serve  to  locate  and 
stabilize  separation  and  associated  vortices.  This  is  a  danger  when  testing  bodies  at  higher 
angles  of  incidence. 

Boundary  layer  tripping  with  the  aim  to  simulate  higher  Reynolds  numbers  in  testing  fuselages 
and  missiles  normally  has  been  done  with  a  narrow  band  of  sparsely  distributed  grit  at  a  station 
3-10  percent  of  body  length  downstream  of  the  nose.  The  trip  band  typically  is  on  the  order  of 
0.05  inches  or  0.13  cm  wide  and  only  3-10  percent  of  its  area  is  occupied  by  particles  of  grit, 
microspheres,  or  other  roughness  elements.  Sometimes  the  axial  location  is  determined  by  the  Re  = 
105  criterion  recommended  in  Ref.  3  for  placing  trips.  Some  experimenters  use  a  roughness  height 
of  80  percent  of  that  given  by  Ref.  3  for  2-D  bodies,  considering  that  their  3-D  or  axisymmetric 
models  have  thinner  boundary  layers  than  2-D  bodies  under  the  same  flow  conditions. 

In  view  of  the  features  of  flows  over  bodies  at  high  angles  of  attack,  as  reviewed  here,  it 
appears  that  a  simple  circumferential  trip  near  the  nose  of  a  body  often  will  not  suffice.  When 
high  angles  of  attack  are  involved,  a  longitudinal  trip  along  the  windward  attachment  line  or  a 
pair  of  trips  along  the  body  will  be  needed  if  a  turbulent  boundary  layer  is  to  be  obtained  ahead 
of  separation  and/or  shock  interaction. 
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It  will  no  doubt  be  noted  that  free  flight  may  involve  more  varied  vehicle  motion  than  the 
static  wind  tunnel  cases  represented  in  this  discussion.  Thus,  the  spatial  asymmetries  in 
separation,  transition  and  vortex  shedding  may  change  with  time  at  varying  rates  in  flight.  This 
will  not  eliminate  the  phenomena  illustrated  by  the  wind  tunnel  data,  and  simulation  of  higher 
Reynolds  numbers  would  be  approached  in  the  same  way. 

The  complexity  of  this  problem  justifies  careful  planning  and  extra  time  in  the  wind  tunnel 
to  better  understand  the  simulation  requirements  of  a  particular  test. 
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Fig.  1  Example  of  effects  of  Reynolds  number  on  boattail  drag. 

(From  Ref.  7  where  data  are  credited  to  Ref.  9  of  this  paper.) 
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CoaW  =  AFTERBOOV  ORAG<FR(CTION.  PRESSURE)  BASED  ON  WING  AREA 
b  .Effect  of  Reynolds  number  on  afterbody  drag. 

Fig.  2  A  comparison  of  Mach  and  Reynolds  number  effects  on  afterbody  drag,  with 
and  without  propulsion  jets. 

(From  Ref.  7  where  data  are  credited  to  Refs.  10-11  of  this  paper.) 
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Fig.  3  Example  of  variation  of  normal  force  with  Reynolds  number  and  angle  of  attack. 
(From  Ref.  2.) 
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Fig.  4  Example  of  variation  of  maximum  side  force  with  Reynolds  number  and  angle 
of  attack. 

(From  Ref.  2.) 
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Fig.  5  Example  of  Reynolds  number  effect  on  variation  of  maximum  side  force 
on  an  ogive  cylinder  at  constant  angle  of  attack. 

(From  Ref.  2.) 


Fig.  6  Example  of  pressure  distributions  around  an  inclined  cylinder. 
(From  Ref.  2.) 
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Fig.  11  Illustration  of  the  types  of  transition  on 
measured  results. 

.(From  Ref.  19.) 
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Fig.  12  Example  of  the  use  of  helical  trips. 
(From  Ref.  22.) 
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Fig.  13  Comparison  of  results  obtained  with  a  band  of  grit  and  a  much  thicker  wire. 
(From  Ref.  23.) 
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Fig.  14  Approximate  boundaries  for  various  types  of  vortices. 
(From  Ref.  12.) 
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SECTION  2.2.2 

HIGH-ASPECT-RATIO  WINGS 

by 

John  B.Pctcrson,  Jr 
NASA  Langley  Research  Center 
MS  294 

Hampton,  VA  23665,  USA 


2. 2. 2.1-  INTRODUCTION 

High-aspect-ratio  aircraft-  include  most  transport  aircraft  such  as  commercial  and 
military  transports,  business  aircraft,  and  cargo  aircraft.  Generally,  these  types  of 
aircraft  are  designed  to  cruise  over  a  narrow  range  of  lift  coefficients  and  Mach  num¬ 
bers  in  the  performance  of  their  mission.  Emphasis  is  therefore  placed  on  the  cruise 
performance  of  transport  aircraft  and  every  effort  is  made  to  obtain  accurate  wind- 
tunnel  data  to  use  as  a  basis  for  prediction  of  full-scale  cruise  performance.  However, 
off-cruise  performance  is  also  important  and  methods  have  been  developed  for  extrapo¬ 
lating  wind-tunnel  data  on  buffet  and  flutter  at  transonic  speeds. 

Transport-type  aircraft  have  been  tested  extensively  in  various  wind  tunnels  around 
the  world  and  many  different  test  techniques  have  been  developed  to  simulate  higher 
Reynolds  numbers.  Methods  developed  for  one  tunnel  may  not  be  applicable  to  another 
tunnel  because  of  differences  in  size,  Reynolds  number  capability,  running  tine,  test 
objectives,  etc.  Many  of  the  methods  of  boundary- layer  control  developed  in  two- 
dimensional  airfoil  testing  can  be  applied  in  tests  of  transport  configurations,  but 
sometimes  the  three-dimensional  flow  fields  that  develop  on  transport  aircraft  can  make 
application  of  the  two-dimensional  methods  difficult  or  impossible. 

The  following  discussion  is  intended  to  be  a  representative,  but  not  exhaustive, 
survey  of  the  various  methods  of  high  Reynolds  number  simulation  in  the  testing  of  high- 
aspect-ratio  aircraft. 

2. 2. 2. 2-  SUBSONIC  MINi.VUM  DRAG 

In  wind-tunnel  tests  of  transport-type  models,  transition  is  generally  fixed  near 
the  leading  edge  in  subsonic  tests.  This  ins  res  that  the  boundary  layer  is  turbulent 
on  the  model  in  areas  where  it  would  be  turbulent  on  the  full-scale  aircraft.  In  some 
cases,  tests  are  made  with  free  transition,  though  this  is  not  the  generally  accepted 
procedure.  In  such  cases,  instabilities,  such  as  crossflow  in  the  boundary  layer  or 
adverse  pressure  gradients  on  the  model,  are  depended  on  to  trip  the  boundary  layer. 

In  any  case,  it  is  important  to  know  where  transition  occurs  on  the  model  so  that 
skin-friction  drag  on  the  wind-tunnel  model  can  be  calculated.  The  transition  position 
can  be  determined  by  a  flow  visualization  method  such  as  the  oil-flow  or  chemical- 
sublimation  methods  described  in  section  2.3.2  of  this  report.  Often,  flow  visualzation 
is  Used  when  boundary-layer  trips  are  used  to  make  sure  that  the  trips  are  effective. 
Sometimes,  the  trips  are  sized  and  applied  to  the  model  using  standard  procedures  which 
have  been  shown  to  satisfactorily  fix  transition  in  previous  tests  and,  therefore,  flow 
visualizaton  is  not  used. 

Once  the  transition  position  is  known,  the  drag  measured  in  the  wind  tunnel  can  be 
extrapolated  to  full  scale  by  calculating  the  difference  in  skin  friction  on  the  model 
and  the  skin  friction  in  flight.  Usually,  the  difference  in  skin  friction  is  determined 
from  the  theoretical  skin-friction  laws  and  shape  factors,  determined  empirically,  or 
determined  from  the  velocity  distribution  over  the  model. 

Generally,  it  is  assumed  that  the  boundary  layer  on  the  full-scale  aircraft  is 
turbulent  at  the  leading  edge.  This  is  a  conservative  assumption,  since  the  extrapo¬ 
lated  drag  is  highest  under  this  assumption.  There  are  several  ways  that  the  boundary 
layer  might  be  tripped  at  the  leading  edge  of  the  full-scale  airplane.  The  roughness  of 
practical  construction  and/or  dirt  and  insects  accumulated  on  the  leading  edges  of  the 
wing  can  be  large  enough  to  cause  transition  (refs.  1  and  2).  Also,  at  high  Reynolds 
numbers,  the  boundary  layer  on  a  swept  wing  can  be  tripped  by  crossflow  instabilities  in 
the  boundary  layer,  or  the  attachment  line  boundary  layer  can  have  a  high  enough 
Reynolds  number  to  support  turbulent  contcmination  along  the  span  of  the  wing,  which 
causes  the  entire  wing  boundary  layer  to  be  turbulent.  At  full-scale  Reynolds  number, 
the  fuselage  Reynolds  number  it-  usually  high  enough  so  that  the  natural  transition 
position  is  a  small  percentage  of  the  fuselage  length  and,  therefore,  the  fuselage 
boundary  layer  can  be  assumed  to  be  fully  turbulent.  ' 

2. 2. 2. 3-  COMPRESSIBILITY  DRAG 

At  transonic  speeds,  the  shock  boundary- layer  interaction  and  position  of  the  shock 
on  the  upper  surface  of  the  airfoil  can  he  Reynolds-number  sensitive.  Therefore, 
considerable  attention  has  been  paid  to  this  problem. 
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It  is  important  that  the  boundary  layer  at  the  shock  location  on  the  model  be 
turbulent,  if  that  is  the  case  at  high  Reynolds  numbers,  because  the  interaction  between 
the  shock  wave  and  the  boundary  layer  differs  considerably  for  a  laminar  boundary  layer 
as  compared  to  a  turbulent  boundary  layer.  Therefore,  at  low  Reynolds  numbers, 
transition  is  usually  fixed  with  a  boundary- layer  trip. 

Some  researchers  fix  transition  near  the  leading  edge  for  transonic  tests.  The 

data  then  must  be  corrected  for  the  effect  of  Reynolds  number  by  theory.  For  cases 

where  separation  does  not  occur  at  low  Reynolds  numbers,  this  method  seems  to  work  quite 
well  (ref.  3). 

Another  method  of  obtaining  data  at  low  Reynolds  numbers,  on  airfoils  that  tend  to 
separate  over  the  aft  part  of  the  airfoil,  is  to  thicken  the  trailing  edge  of  the  air¬ 
foil  so  that  the  pressure  gradients  are  reduced  (see  ref.  4).  The  data  are  then 
corrected  with  the  help  of  theory  for  the  difference  in  geometry  and  corrected  to  full- 
scale  Reynolds  numbers. 

In  1968,  Blackwell  (ref.  5)  suggested  that  transition  should  be  fixed  further  aft 
than  the  normal  position  near  the  leading  edge  of  the  airfoil  so  that  the  relative 
thickness  of  the  boundary  layer  at  or  near  the  trailing  edge  of  the  airfoil  would  match 

that  expected  in  flight.  His  data  showed  that  when  the  transition  is  fixed  just  ahead 

of  the  shock  wave  so  that  the  boundary- layer  thickness  is  matched  at  the  trailing  edge 
of  the  wing,  the  shock  wave  will  then  be  located  at  the  same  x/c  on  the  wind-tunnel 
model  as  it  is  in  full  scale.  This  procedure  is  used  by  many  researchers  today  with 
some  other  researchers  matching  the  relative  boundary-layer  thickness  at  the  shock.  It 
is  important  that  the  trip  be  placed  ahead  of  both  the  position  of  natural  transition 
and  the  position  of  the  shock  on  the  airfoil.  These  positions  are  determined  by  subli¬ 
mation  visualization  and/or  by  oil-flow  visualization  tests  in  the  wind  tunnel  (see 
Section  2.3.2).  The  trip  is  then  generally  located  about  0.1  chord  ahead  of  the  shock 
position  on  the  wing  (ref.  6).  If  the  trip  is  located  too  close  to  the  shock  position, 
laminar  boundary-layer  separation  could  occur  ahead  of  the  trip.  If  the  Reynolds  number 
of  the  test  is  not  too  small,  matching  the  relative  thickness  of  the  boundary  layer  at 
the  trailing  edge  of  the  airfoil  is  possible  with  a  trip  that  is  0.1  chord,  or  more, 
ahead  of  the  shock  position.  However,  if  the  shock  is  far  forward,  which  can  occur  near 
the  fuselage  and  tips  of  the  winq,  or  if  the  test  Reynolds  number  is  quite  small  in 
comparison  to  the  flight  Reynolds  number,  it  may  not  be  possible  to  fix  the  transition 
far  enough  aft  to  match  the  relative  boundary-layer  thickness  at  the  trailing  edge. 

Haines  (ref.  6)  has  extended  Blackwell's  procedure  of  aft  tripping  to  cover  a  large 
range  of  Hach  numbers  and  lift  coefficients.  He  has  shown  that  the  boundary-layer  trip 
should  be  located  in  different  positions  on  the  airfoil  depending  on  the  Cl  and  Mach 
number  of  the  test.  In  general,  in  tests  with  an  advanced  wing  design,  at  least  two  and 
possibly  three  trip  locations  should  be  used.  Figure  l  shows,  in  a  qualitative  way,  the 
regions  where  a  forward-,  middle-,  and  aft-located  trip  should  be  used.  The  exact  loca¬ 
tions  of  the  regions  are  dependent  upon  the  airfoil  characteristics  and  have  to  be 
developed  from  examination  of  the  measured  pressures  on  the  airfoil  or  information  from 
oil-flow  visualization  backed  by  an  interpretation  of  drag  data.  The  forward  trip  is 
located  about  7  or  8  percent  of  the  chord  so  as  not  to  interfere  with  the  leading-edge 
flow,  which  can  be  quite  sensitive  to  small  surface  deviations.  The  forward  trip  should 
be  downstream  of  the  suction  peak  at  the  leading  edge  and  downstream  of  the  immediate 
adverse  pressure  gradient  behind  this  peak.  The  middle  and  aft  trips  are  located  ahead 

of  the  shock  by  about  10  to  15  percent  of  the  chord.  Haines  has  found  that,  as  the 

angle  of  attack  is  increased  at  high  Mach  numbers,  the  forward  movement  of  the  shock 

tends  to  be  delayed  by  a  "hesitation"  when  the  shock  is  about  0.1  to  0.15  chord  aft  of 

the  trip.  This  anomalous  behavior  is  an  indication  that  a  trip  should  not  be  located 
too  close  to  the  shock  wave. 

A  description  of  the  various  regions  of  application  of  the  forward,  middle,  and  aft 
trips  is  given  at  the  bottom  of  figure  1.  A  very  complete  and  thorough  description  of 
this  method  of  simulating  high  Reynolds  numbers  is  given  by  Haines  in  reference  6. 

2. 2. 2. 4-  DRAG  DUE  TO  LIFT 

If  the  tost  Reynolds  number  is  relatively  low,  the  drag  duo  to  lift  obtained  in  the 
wind  tunnel  may  have  to  be  corrected  to  full-scale  Reynolds  numbers.  Some  researchers 

use  the  measured  or  theoretical  span-load  distribution  and  calculate  the  drag  due  to 

lift  theoretically.  The  measured  data  for  the  drag  due  to  lift  is  then  corrected  to  the 
theoretical  value. 

In  another  method  proposed  by  Henderson  (ref.  7),  the  leading-edge  suction  is 
related  to  the  Reynolds  number  based  on  the  leading-edge  radius  (see  figure  2).  The 
leading-edge  suction,  s,  shown  in  figure  2,  is  the  percentage  ot  the  theoretical 
suction  force  developed  by  the  leading  edge  of  the  wing.  An  illustration  of  how  the 

suction  parameter,  s,  is  obtained  from  experimental  data  is  shown  in  figure  1.  The 

curve  of  zero-percent  suction  is  obtained  from  ,\Cq  »  Cl  tan  «,  and  the  curve  of  100- 
percer.t  suction  is  obtained  from  the  spanwiso  lift  distribution  on  the  wing,  assuming 
fully  attached  flow  at  the  leading  edge. 

From  figure  2,  the  suction  parameter,  s,  can  be  determined  for  the  wind- 
tunnel  model  and  for  the  full-scale  airplane.  Then,  by  calculating  the  differences  in 
the  drag  due  to  lift  for  the  wind-tunnel  model  and  for  the  full-scale  airplane  from  the 
suction  parameter  and  the  theoretical  drag  due  to  lift,  the  wind-tunnel  results  for  drag 
due  to  lift  can  be  corrected  for  the  effect  of  Reynolds  number. 
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Other  similiar  methods  for  correcting  the  drag  due  to  lift  measured  in  the  wind 
tunnel  are  given  in  references  8,  9,  and  10.  All  methods  for  correcting  the  drag  due  to 
lift  for  the  effect  of  changes  in  Reynolds  number  must  be  used  with  caution;  however, 
since  they  generally  predict  increases  in  performance  for  the  full-scale  airplane 
compared  to  the  wind-tunnel  results,  these  methods  have  been  known  to  give  overly 
optimistic  results. 

2. 2. 2. 5-  FLUTTER  AND  BUFFET  TESTS 

Flutter  tests  are  generally  conducted  at  low  lift  coefficients  where  adverse 
pressure  gradients  are  small  and,  therefore,  the  boundary  layer  will  generally  remain 
attached.  Since  Reynolds  number  effects  are  small  on  these  types  of  flow,  the  Reynolds 
number  effects  on  flutter  boundaries  are  expected  to  be  small  (see  ref.  11).  No  special 
procedures  are  used  to  simulate  full-scale  Reynolds  numbers  in  the  wind  tunnel  other 
than  tripping  the  boundary  layer  near  the  leading  edge  to  insure  that  the  boundary  layer 
is  turbulent  over  the  surfaces.  If  there  are  shocks  in  the  flow,  aft  tripping  could  be 
used  to  make  the  relative  thickness  of  the  boundary  layer  at  the  trailing  edge  the  same 
as  in  full-scale  flow,  similar  to  the  procedure  for  wings  near  the  drag-rise  Mach  number, 

Buffet  tests,  on  the  other  hand,  are  conducted  at  high  angles  of  attack.  There  are 
significant  areas  of  adverse  pressure  gradient  and  the  boundary  layer  generally  sepa¬ 
rates.  In  general,  the  effect  of  Reynolds  number  on  the  buffet  boundary  depends  on  the 
configuration  of  the  wing.  For  configurations  with  sharp,  highly-swept  leading  edges, 
the  Reynolds  number  effects  are  small,  since  the  separation  is  forced  at  the  leading 
edge  at  all  Reynolds  numbers.  For  rounded  leading  edge,  unswept  wings,  Reynolds  number 
can  have  a  considerable  effect  on  the  angle  of  attack  for  buffet  onset,  as  shown  in 
figure  4  from  reference  12.  In  this  figure,  there  is  no  uniform  trend  with  Reynolds 
number  and,  therefore,  extrapolation  of  low  Reynolds  number  data  to  full  scale  is 
difficult.  However,  transition  was  not  fixed  for  these  tests  and,  therefore,  the 
variations  shown  in  figure  4  may  be  a  result  of  changes  in  transition  position  with 
changes  in  Reynolds  number. 

There  are  other  cases  where  wind-tunnel  and  full-scale  buffet  boundaries  agreed 
well  on  configurations  with  rounded  leading  edges.  One  such  case  is  shown  in  figure  5 
from  reference  13.  The  model  was  tested  at  a  Reynolds  number  of  0.9  to  1.3xl06  and  the 
airplane  was  flown  at  Reynolds  numbers  of  20  to  28xl06.  In  this  case,  the  model  was 
constructed  as  a  flutter  model  and  the  surfaces  were  very  rough.  Transition  was  prob¬ 
ably  caused  near  the  leading  edge  by  this  roughness.  Another  case  is  shown  in  figure  6 
from  reference  14,  which  shows  the  buffet  boundary  for  the  L-1011  transport  obtained 
from  wind-tunnel  data  compared  to  flight  values.  Transition  was  fixed  near  the  leading 
edge  for  these  tests,  but  the  author  states  that  other  test3  with  the  transition  trip 
located  further  aft  showed  essentially  the  same  results  indicating  that  this  particular 
configuration  would  probably  be  relatively  insensitive  to  Reynolds  number. 

Elsenaar,  in  reference  3,  shows  the  effect  of  Reynolds  number  on  the  maximum  lift 
coefficient  of  a  transport  configuration  at  transonic  speeds.  The  data  in  figure  7  are 
shown  at  various  spanwise  stations  for  transition  free  and  transition  fixed  at  5-percent 
chord.  This  figure  shows,  that  the  fixed  transition  data  are  consistent  at  all  of  the 
spanwise  stations  over  the  Reynolds  number  range  tested,  increasing  the  confidence  that 
the  dat '  can  be  extrapolated  to  larger  Reynolds  numbers. 

' 

Many  aircraft  manufacturers  use  a  combination  of  theory  and  empirical  methods*  to 
predict  buffet  boundaries  on  transport  aircraft.  Unfortunately,  these  methods  are 
usually  proprietary  to  the  manufacturer.  The  procedure  used  at  the  Douglas  Aircraft 
company  is  outlined  in  reference  15.  It  uses  the  calculated  shock  upstream  Mach  number 
and  the  snock  position  as  a  fraction  of  the  chord  to  determine  if  the  airfoil  is  in  a 
buffet  condition.  The  regions  of  buffet  are  proprietary,  however,  and  are  not  given. 

2. 2. 2. 6-  LOADS 

Extrapolation  of  the  pressures  and  loads  measured  on  the  wing  of  a  transport 
aircraft  to  full-scale  Reynolds  numbers  is  important  in  the  design  of  the  structure  of 
transport  aircraft.  One  method  was  developed  by  Cahill  and  Conner  (ref.  16)  and  Khan 
and  Cahill  (ref.  17)  to  predict  the  pressure  distribution  on  a  wing  at  full-scale 
Reynolds  number  using  low  Reynolds  number  wind-tunnel  data. 

They  plot  a  curve  of  cp,te  against  the  parameter  K  where 


and  Me  is  the  normal  Mach  number  and  C£  is  the  skin  friction  just  upstream  of  the 
shock.  The  curve  which  resembles  that  shown  in  figure  8  is  developed  at.  a  constant 
Reynolds  number  using  data  from  the  wind  tunnel.  Khan  and  Cahill  have  found  that  the 
shape  of  this  curve  is  constant  and  only  shifts  by  certain  increments  of  ak  and 
ACp  te  with  changes  in  Reynolds  number.  They  have  also  found  that  the  shifts  in  f. 
and*  Cptte  are  a  universal  function  of  Reynolds  number  so  that  the  curve  can  be 
constructed  for  full-scale  Reynolds  number  from  the  data  obtained  in  the  wind  tunnel. 
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Also,  a  curve  of  shock  position  against  trailing-edge  pressure  at  a  constant  Mach  number 
and  angle  of  attack  is  developed  using  data  from  the  wind  tunnel  with  transition  fixed 
at  various  locations,  various  Reynolds  numbers,  and  even  vortex  generator  data,  if  it  is 
available.  Then,  with  this  curve  and  the  curve  of  K  versus  Cp,te  at  full-scale 
Reynolds  number,  the  location  of  the  shocks  on  the  airfoil  and  the  Cp  at  the  trailing 
edge  can  be  determined.  This  information  together  with  the  shape  of  the  pressure  rise 
through  the  shock  (given  in  ref.  17)  and  the  stipulation  that  the  normal  Mach  number 
behind  the  shock  is  one,  allows  development  of  the  entire  pressure  distribution  over  the 
airfoil  at  full-scale  Reynolds  number.  The  procedure  does  not  apply  to  cases  where  the 
separation  occurs  at  the  shock  and  is  restricted  to  moderate  angles  of  attack.  In  cases 
where  separation  occurs  at  the  shock,  scale  effects  are  expected  to  be  small,  if  there 
is  a  turbulent  boundary  layer  at  the  shock  location. 

2. 2. 2. 7-  CONCLUDING  REMARKS 

This  review  of  the  methods  of  simulating  high  Reynolds  numbers  on  high-aspect-ratio 
wings  leads  to  the  following  comments. 

Many  different  test  techniques  have  been  developed  in  various  wind  tunnels  around 
the  world  to  simulate  higher  Reynolds  numbers  on  high-aspect-ratio  wings,  but  methods 
developed  for  one  tunnel  may  not  be  applicable  to  another  tunnel  because  of  differences 
in  wind  tunnels  3uch  as  size,  Reynolds  number  capability,  run  time,  test  objectives,  etc 

For  subsonic  tests,  transition  is  usually  fixed  with  a  boundary  layer  trip  near  the 
leading  edge.  If  transition  is  not  fixed,  then  a  boundary  layer  visualization  method, 
such  as  sublimation,  is  used  to  determine  the  location  of  transition.  Even  if  transi¬ 
tion  is  fixed,  visualization  is  often  used  to  determine  the  effectiveness  of  the  trip. 

For  transonic  tests,  it  is  important  that  the  boundary  layer  be  turbulent  at  the 
shock  location,  if  that  is  the  case  at  high  Reynolds  numbers,  because  the  interaction 
between  the  shock  wave  and  the  boundary  layer  differs  considerably  for  a  laminar  bound¬ 
ary  layer  as  compared  to  a  turbulent  boundary  layer.  The  position  of  the  boundary-layer 
trip  used  in  various  tunnels  varies  from  near  the  leading  edge  (ref.  3)  to  just  in  front 
of  the  shock  wave,  but  not  less  than  10  to  15  percent  of  the  chord  in  front  of  the  shock 
wave,  if  possible.  This  may  require  two  or  three  trip  locations  to  be  used  at  the 
various  lift  coefficients  tested,  as  explained  by  Haines  (ref.  6).  Another  way  of  simu¬ 
lating  higher  Reynolds  numbers  on  airfoils,  which  tend  to  separate  over  the  aft  part  of 
the  airfoil,  is  to  thicken  the  trailing  edge  (ref.  4). 

If  the  wind-tunnel  test  is  conducted  at  very  low  Reynolds  number,  the  drag  due  to 
lift  measured  in  the  tunnel  may  be  corrected  for  the  effects  of  Reynolds  number  by  one 
of  the  methods  discussed  in  this  section. 

Flutter  and  buffet  tests  were  discussed  and  it  is  apparent  that  there  is  much  room 
for  improvement  in  methods  used  for  the  prediction  of  buffet  boundaries  at  high  speed, 
but  most  wind-tunnel  experiments  seem  to  indicate  that  fixing  transition  gives  more 
uniform  changes  with  changes  in  Reynolds  number. 

A  method  developed  by  Cahill,  Conner,  and  Khan  (refs.  16  and  17)  for  correcting 
load  and  pressure  data  on  a  wing  to  higher  Reynolds  numbers  was  also  outlined. 

It  is  apparent  that  there  remains  much  work  to  be  done  in  the  area  of  high  Reynolds 
number  simulation  on  high-aspect-ratio  wings  except  ir.  the  simplest  cases. 
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Figure  4.-  Effect  of  Reynolds  number  on  buffet-onset  angle  of 
attack  for  tbe  NPl  °510  wing  model .  K  s  n.3. 
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Figure  5.-  Comparison  of  buffet  response  fro n  airplane  ana 
model  tests.  M  =  0.76,  wing  sweep  -  26. 
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Figure  6.-  Comparison  of  the  buffet  onset  boundary  from  wind- 
tunnel  tests  with  flight  measurements  for  the  L-1011.  (From 
Hopps  and  Dan  forth,  reference  14.) 
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Figure  7.-  Effect  of  Reynolds  number  on  the  maximum 
lift  coefficient  on  a  3-D  wing  at  var1',_.  spanwlse 
stations  with  and  without  fixed  transition.  (From 
Elsenaar,  reference  3.) 


Figure  8.-  Trailing-edge  pressure  coefficient  as  a  function  of 
the  correlation  parameter  K.  (From  Khan  and  Cahill, 
reference  17.) 
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SECTION  2.2.3 

DELTA  WING  CONFIGURATIONS 
by  J.Szodruch 

Mcsscrschmitt-Bolkow-Blohm  GmbH 
Civil  Transport  Aircraft  Division 
TE2I0I  Iluncfcldstrns.sc  1—5 
2800  Bremen  1 
Federal  Republic  of  Germany 

2. 2. 3.1  INTRODUCTION 

The  flow  field  over  a  slender  delta  wing  at  angle  of  attack  immersed  in  a  supersonic  stream  can 
be  divided  into  two  characteristic  regions.  The  windward  or  pressure  sid»  faces  the  oncoming  flow  and 
is  strongly  influenced  by  the  bow  shock  wave;  the  leeward  or  suction  side  is  dominated  by  the  effects 
of  inviscid/viscous  interaction.  It  is  mainly  the  leeward  flow  which  is  then  affected  by  Reynolds  number 
changes  and  especially  these  effects  are  discussed  in  more  detail  in  the  present  paper. 

In  the  past,  for  subsonic,  transonic  and  supersonic  free  stream  Mach  numbers  the  essential  issue 
of  design  with  slender  wings,  where  vortices  occur  over  the  wing  at  virtually  every  flight  condition, 
is  to  fix  the  location  of  the  separation  lines  so  that  the  vehicle  is  always  controllable.  This  is  why 
Reynolds  number  effects  in  these  flow  regimes  have  been  considered  of  secondary  importance.  On  the  other 
hand  at  hypersonic  speeds  the  influence  of  Reynolds  number  on  peak  heating  as  well  as  on  the  development 
and  size  of  characteristic  patterns  in  the  flow  field  are  more  important.  Here  hypersonic  viscous  inter¬ 
action  (characterized  by  a  parameter  depending  on  Mach-  and  Reynolds  number)  is  dominating,  especially 
near  the  wing  apex,  and  the  vortices  induce  high  rates  of  heat  transfer  along  attachment  lines. 

In  the  following,  the  discussion  shall  be  confined  to  free  stream  Mach  numbers  from  high  subsonic 
to  supersonic.  With  respect  to  Reynolds  number  effects  it  is  of  (t.-jor  importance  to  define  the  different 
types  of  vortical  flow  in  that  velocity  rar^a  and  to  consider  the  influence  of  wing  geometry. 

The  given  reference  list  in  the  appendix  is  by  no  means  complete,  however,  the  cited  reports 
contain  the  majority  of  available  literature  on  that  subject. 


2. 2. 3. 2  FLOW  FIELDS  AND  BOUNDARIES 

The  main  variables  for  the  leeside  flow  over  delta  wings  are  Mach  number,  angle  of  attack,  wing 
geometry  (leading  edges,  cross-sectional  shape)  and  Reynolds  number.  For  the  purpose  of  systematizing 
the  flow,  a  delta  wing  is  considered  having  straight  leading  edges  and  essentially  conical  flow  (i.  e. 
conditions  on  the  surface  and  in  the  flow  field  are  constant  along  a  ray  from  the  wing  apex),  either 
fully  laminar  or  fully  turbulent. 

It  then  appears  sufficient  to  describe  the  flow  in  a  plane  normal  to  the  leading  edge,  using  the 
parameters  of  Mach  number  and  angle  of  attack.  These  components,  MN  and  a  N,  are; 


-  sin*  A  •  cos’  (a  +  8  ) 


.  tar  (o  +  6 ] 
aN  -  *an  - cos r~ 


tan 


■1  tan  8 


cosa 


where  A  is  the  leading-edge  sweep  angle  and  6  is  the  upper  surface  wedge  angle  in  the  plane  of 
symmetry  11] .  The  angle  of  attack  a  is  measured  in  the  meridian  plane  between  the  wind  vector  and  the 
ridge  line  (the  leeward  generator)  on  the  upper  surface.  The  parameter  Mn  and  on  ,  which  are  taken  to 
characterize  the  flow  field,  are  illustrated  in  figure  1.  For  a  flat-topped  delta  wing  with  8  =  0°, 
the  equations  reduce  to  those  given  by  Stanbrook  and  bquire  12].  It  should  be  noted  that  in  incompress¬ 
ible  flow  the  parameters  of  relative  incidence  a  /X  ,  and  cross-flow  velocity  U„  sino  have  been  used 
to  correlate  delta  wing  results  (  X  is  the  serai -angle  at  the  wing  apex). 

The  parameter  M,.  then  describes  the  position  of  the  sonic  line,  i.  e.  whether  the  leading  edge 
is  inside  or  outside  the  Mach  cone.  Using  this  criterion  together  with  angle  of  attack  as  a  first  ap¬ 
proximation  to  define  types  of  flow,  mainly  four  leeside  characteristics  car,  be  recognized  [21.  These 
flow  fields  and  associated  skin-friction  line  patterns  are  sketched  in  Figure  2.  Apart  from  the  simple 
solution  with  attached  flow  over  the  entire  leeside,  two  types  of  symmetrical ,  separated  flow  are  shown. 
Depending  on  the  normal  Mach  number,  the  first  is  the  well  known  “leading-edge-separation"  and  the 
second  type  is  the  "shock-induced  separation”.  A  more  detailed  description  on  the  formation  of  these 
types  of  flow  is  also  given  in  (1]. 


2. 2. 3. 2.1  The  c^-Mj^  Diagram 

On  the  basis  of  the  above  considerations  Stanbrook  and  Squire  evaluated  the  available  experimental 
results  in  an  an  vs  M^  diagram,  defining  regions  of  attached  and  separated  flow  at  the  leading 
edge  (2].  The  boundary  between  these  two  regions  has  since  been  called  the  "StanbrookSquire  Boundary". 
We  shall  abbreviate  this  term  to  SSB  in  the  ensuing  text.  Notice  that  we  are  assuming  that  the  sweep 
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angle  A  can  be  effectively  removed  as  a  governing  parameter  by  utilizing  the  formulation  for  a,,  and 
,  and  only  one  explicit  experiment  has  been  conducted  with  models  of  varying  sweep  angle  and  in  streams 
of  varying  Mw  to  verify  that  identical  flow  fields  are  produced  at  particular  coordinates  [3] . 

Figure  3  shows  experimental  results  for  sharp  leading  edges  together  with  other  results  for  wing- 
body  combinations.  The  zone  between  separated  and  attached  leading-edge  flow  representing  the  limits 
for  the  change  over  from  one  flow  type  to  the  other,  is  a  narrow  band  and  coincides  only  at  higher 
aN  with  Mu  =  1,  the  limit  between  subsonic  and  supersonic  leading-edges.  The  experimental  investigations 
carried  out  thus  far  allow  a  detailed  description  of  the  flow  structure  about  the  leeward  flow  as 
sketched  in  Figure  4a  and  4b  (11. 

However,  since  most  experiments  are  conducted  with  relatively  small  models,  a  careful  interpre¬ 
tation  of  the  results  is  usually  required.  Figure  4a  shows  the  skin-friction  line  pattern  and  form  of 
the  external  flow  for  the 'case  of  leading-edge  separation  at  moderate  angle  of  attack.  The  conical  lines 
of  separation  and  attachment  are  denoted  on  the  leeward  surface  by  angles  0$  and  ©a  ,  respectively. 
Figure  4b  shows  the  details  of  the  flow  field  when  the  flow  is  attached  at  the  leading  edge  but  sepa¬ 
rates  Inboard  (the  "shock-induced”  type).  The  difference  between  attached  and  separated  flow  at  the 
leading  edge  is  evident  from  the  skin-friction  line  pattern  on  Figure  1.  When  the  flow  is  attached, 
the  local  direction  of  the  skin-friction  lines  is  away  from  the  leading  edge;  when  it  is  detached,  the 
converse  is  true. 

Further  detailed  studies  with  flat-topped  thick  delta  wings  (thickness-to-chord  ratio  =  0 . Z5 )  lead 
to  an  extended  tv-M^diagram  with  additional  types  of  flow  [4],  as  seen  in  Figure  5.  A  description  and 
discussion  of  the  new  types  of  flow  is  found  in  [1]  with  additional  information  in  (51. 

Having  established  the  basic  leeward  flow  fields,  the  boundary  layer  development  and  transition 
effects  as  well  as  the  Influence  of  Reynolds  number  on  the  flow  field  boundaries  and  effects  of  wing 
geometries  shall  be  reviewed. 


2. 2. 3. 2. 2  The  Influence  of  Reynolds  Number 

So  far  in  the  above  discussion  in  a  first  approximation  only  fully  laminar  or  fully  turbulent  flows 
have  been  considered.  Studies  on  boundary  layer  transition  and  the  associated  longitudinal  vortices 
developing  from  amplifying  instabilities  in  the  laminar  zone  imply  that  these  may  be  exerting  an  impor¬ 
tant  influence  on  the  development  of  the  leeward  flow.  In  [6-9]  the  existence  and  behaviour  of  longitu¬ 
dinal  vortices  with  respect  to  Reynolds  number  were  investigated. 

The  boundary  layer  development  indicates  an  influence  of  Reynolds  number  on  the  types  of  flow  in 
the  0L,-MN-diagram  [Fig.  5].  For  leading-edge  flow  conditions  from  subsonic  to  supersonic  when  flow  sepa¬ 
ration  is  fixed  at  the  leading  edge  [regions  6,  3,  2  and  1  in  Fig.  5)  the  vortex  position  and  intensity, 
and  thus  the  suction  pressure,  vary  while  the  type  of  flow  remains  nearly  unchanged  [10].  In  contrast, 
since  the  secondary  separation  lines  are  not  fixed,  the  disposition  of  the  secondary  vortices  may  be 
influenced  by  Reynolds  number  to  a  larger  extent.  The  effect  of  transition  on  the  secondary  separation 
lines  is  shown  in  Figure  6,  together  with  the  chordwise  transition  position  [11].  For  further  illus¬ 
tration,  the  locations  of  the  secondary  separation  lines  vs  Reynolds  number  are  plotted  for  supersonic 
as  well  as  subsonic  free-stream  Mach  numbers  on  Figures  7a  and  7b.  respectively  [1],  There  is  a  notice¬ 
able  movement  of  the  secondary  separation  line  position  towards  the  leading  edge  as  Reynolds  number 

R.  increases  from  10’  to  10'. 

L  <® 

As  angle  of  attack  increases  to  higher  values,  the  transition  zone  moves  closer  to  the  wing  apex, 
so  that  any  effect  of  transition  becomes  less  at  the  measurement  station  shown  on  Figures  7a  and  7b. 

The  consequence  is  a  slowdown  in  the  rate  of  movement  of  the  secondary  separation  line  position  in  the 
turbulent  flow.  We  should  note  that  the  form  of  the  static  pressure  distribution  across  the  wing  semi¬ 
span  attributed  to  the  primary  vortex  evidences  an  increase  of  the  peak  suction  pressure  level  as  we 
proceed  from  laminar  to  tu'bulent  flow.  Correspondingly,  the  effect  of  the  secondary  vortices  on 
broadening  the  width  of  the  suction  pressure  zones  is  greater  in  laminar  than  in  turbulent  flow,  as 
is  evident  in  Figure  8  [12], 

These  pressure  distributions  imply  increasing  lift  with  higher  Reynolds  number  as  seen  in 
Figure  9a  [13],  These  results  are  confirmed  in  other  Investigations  as  well  [14].  Opposite  results  for 
the  same  type  of  flow  but  for  wings  with  rounded  leading  edges  have  been  found  in  [15].  For  these  geo¬ 
metries  in  [161  various  examples  are  shown  where  high  Reynolds  number  leads  to  a  loss  of  lift  due  to 
decreased  suction  peaks. 

The  flow  development  is  illustrated  in  Figure  9b  [16],  Both  cases  in  Figure  9  are  well  to  the 
left  of  the  SSB,  at  M^  =  0.33  and  0.13,  respectively.  While  for  the  rounded  leading  edge  there  might 
be  attached  flow  at  higher  Reynolds  numbers,  it  is  argued  in  !161  that  lift  loss  also  occurs  for  the 
sharp  edged  delta  wing  due  to  vortex  breakdown  at  higher  Reynolds  number. 

Therefore,  at  least  for  sharp  edged  delta  wings,  the  boundaries  in  the  a,, -It,  diagram  for  leading- 
edge  separation  seem  not  to  be  influenced  considerably  by  Reynolds  number  variations.  On  the  contrary, 
the  types  of  flow  on  the  right  hand  side  of  the  SSB  [regions  4  and  5  in  Figure  5]  are  found  to  be 
Reynolds  number  dependent  [10].  Figure  10  shows  that  as  Reynolds  number  increases,  the  effects  of  tran¬ 
sition  in  region  4  diminish  until  at  sufficiently  high  Reynolds  number  [R,„  *  10'  ],  region  4  can  no 
longer  be  ascertained  [1].  The  flow  field  develops  directly  from  one  withL leading-edge  separation  for 
Mn  <1  (region  2]  to  one  with  shock-induced  separation  for  MN > 1  (region  5]. 

Furthermore  the  position  of  the  boundary  between  region  5  and  region  6  in  figure  5  is  dependent 
on  Reynolds  number  as  well,  Figure  11.  Therefore  Figure  5  is  strictly  valid  only  for  one  Reynolds  nucber 
as  was  pointed  out  in  [10]. 
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2. 2. 3. 2. 3  The  Influence  of  Ming  Geometry 

The  discussion  so  far  centered  around  delta  wings  with  sharp  and  straight  leading  edges  and  flat 
upper  surfaces.  However,  changing  the  collection  of  parameters  that  describe  the  body  geometry  might 
lead  to  different  boundary  positions  between  the  types  of  flow  and  might  change  as  well  the  Reynolds 
number  sensitivity. 

In  the  following  only  the  geometry  of  the  leading  edge  shall  be  discussed  further  due  to  the  ' 
relatively  large  importance  compared  to  other  cross-sectional  geometry  parameters.  A  first  example  is 
given  by  the  disposition  of  the  SSB  due  to  rounded  leading  edges,  as  the  evaluation  of  experimental 
results  in  Figure  12  suggest  [21.  In  comparison  with  the  SSB  for  sharp  edges,  a  broad  region  results 
where  both  separated  and  attached  flows  may  be  found  in  the  a „  vs  HN  diagram.  From  what  has  been  de¬ 
scribed  earlier  it  may  also  be  deduced  that  the  rather  broad  region  results  from  evaluating  different 
Reynolds  number  cases  and  different  radii.  The  tendency,  however,  is  evident  from  Figure  12,  showing 
that  a  round  leading  edge  tends  to  suppress  leading-edge  separation  to  larger  incidences.  This  is  also 
confirmed  in  Figure  13  where  the  lift  for  sharp  and  round  leading  edges  is  plotted  and  compared  to  the 
linear  lift.  Final ly  it  seems  reasonable  that  the  larger  the  leading  edge  radius  the  greater  the  depend¬ 
ency  on  Reynolds  number  tl7l. 

The  leeside  flow  of  wings  with  non-straight  leading  edges  has  found  considerable  interest  in  the 
past,  mainly  in  connection  with  strake  or  leading  edge  extension  (LEX)  vortex  flows.  Basic  investi¬ 
gations  with  increasing  or  decreasing  sweep  angles  downstream  the  apex  have  been  performed  at  sub¬ 
sonic  (18 J  and  supersonic  119]  free-stream  Mach  numbers.  It  was  found  that  the  Interference  effects 
between  the  leading-edge  vortices  from  different  chordwise  stations  are  higher  in  the  case  of  a  wing 
with  decreasing  leading-edge  sweep  while  the  flow  field  over  a  wing  with  increasing  sweep  is  more  simi¬ 
lar  to  a  wing  with  straight  leading  edges. 

Wings  with  curved  leading  edges  (i.  e.  “gothic"  or  "ogee"  plan  form)  have  shown  attached  flow  along 
part  of  the  leading  edge  and  separated  flow  along  the  remainder,  the  extent  of  each  type  of  flow  varying 
with  both  Mach  number  and  incidence  II  I.  Reynolds  number  is  believed  to  have  an  effect  similar  to  what 
has  been  shown  earlier  with  respect  to  iisposition  of  secondary  separation  lines  and  vortex  intensities 
(suction  peaks).  The  a^-M^  systematic,  especially  the  SSB  is  no  longer  valid. 


2.2. 3.3  VORTEX  BREAKDOWN 

At  certain  angles  of  attack  and  leading-edge  sweep  angles  the  vortex  flow  over  delta  wings  with 
leading-edge  separation  has  been  observed  to  breakdown.  This  phenomenon  is  regarded  as  an  expansion 
of  the  spiral  vortices  by  transition  from  laminar  to  turbulent  flow.  Thus  vortex  breakdown  is  sometimes 
considered  as  a  second  dynamic  flow  condition,  while  other  investigators  call  it  an  unstable  condition. 
Vortex  breakdown  starts  downstream  the  trailing  edge  and  moves  upstream  with  increasing  incidence.  The 
movement  of  vortex  burst  location,  the  hysteresis  unstable  region  with  vortex  oscillations  are  shown 
in  Figure  14  1201,  for  incompressible  flow.  There  seems  to  be  a  final  position  of  the  breakdown  location 
which  lies  for  delta  wing  with  sweep  angles  between  70°  and  85°  at  about  30  %  to  40  %  of  the  wing  chord. 

As  summarized  in  121],  vortex  breakdown  has  been  observed  only  in  highly  swirling  flows.  An  appar¬ 
ently  necessary  condition  for  breakdown  is  a  positive  or  adverse  pressure  gradient  appearing  near  the 
vortex  core  (and  not  necessarily  in  the  outer  vortex  regions).  Then  the  approaching  flow  is  decelerated 
and  a  zero  velocity  point  is  formed  on  the  vertex  axis  with  reversed  flow  near  the  axis.  A  large  in¬ 
crease  of  turbulent  intensity  occurs  and  downstream  a  new  vortex  structure  with  an  expanded  vortex  core 
is  established. 

Since  vortex  breakdown  depends  also  on  the  position  of  the  leading  edge  with  respect  to  the  free-- 
stream  direction,  the  yaw  angle  becomes  an  important  parameter.  In  Fiqure  15  the  roll  stability  versus 
angle  of  attack  for  a  fixed  yaw  angle  8  is  plotted.  There  is  a  loss  of  lateral  stability  due  to  the 
asynmetric  breakdown  (20). 

The  results  presented  here  are  from  observations  at  subsonic  freestream  velocities,  however,  there 
are  investigations  at  transonic  and  supersonic  Mach  numbers  showing  similar  flow  developments  and  char¬ 
acteristics. 

It  has  been  stated  that  Reynolds  number  effects  on  vortex  breakdown  position,  vortex  core  location 
are  negligible  122).  A  large  number  of  references  have  been  evaluated  for  onset  of  vortex  breakdown 
at  the  trailing  edge,  as  observed  in  water  tunnels,  wind  tunnel  and  flight.  Figure  16  seems  to  sugqest 
that  only  angle  of  attack  and  leading-edge  sweep  angle  are  the  major  parameters.  Although  there  is  a 
rather  large  scatter  (6a  *  i  5")  there  seems  to  be  no  systematic  Reynolds  number  effect  detectable, 
bearing  in  mind  that  really  high  Reynolds  number  do  not  exist  for  evaluation. 

On  the  other  hand  the  angle  of  attack  for  vortex  breakdown  at  the  trailing  edge  agrees,  in  general, 
reasonably  well  with  a  reduction  in  the  rate  increase  of  axial  velocity  with  angle  of  attack.  Water 
tunnel  and  windtunnel  data  show  a  Reynolds  number  effect  on  axial  velocity,  as  seen  in  Fiqure  17  (22), 
and  then  it  might  be  concluded  that  vortex  breakdown  is  dependend  on  Reynolds  number.  Unfortunately 
only  few  investigations  on  Reynolds  number  Influence  are  known  in  order  to  be  able  to  develop  a  more 
detailed  description  of  the  vortex  breakdown  at  higher  Reynolds  number. 
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2. 2. 3. 4  TRANSITION  FIXING 

It  has  been  pointed  out  earlier  that  the  goal  in  designing  delta  wings  is  not  to  suppress  separa¬ 
tion  but  rather  to  control  it,  for  instance  by  fixing  separation  to  the  leading  edges.  But  even  then, 
the  above  discussion  has  shown  a  considerable  influence  of  Reynolds  number  on  the  lift  of  delta  wings 
due  to  the  different  development  of  vortices  with  laminar  or  turbulent  separation  (see  Figure  8  and  9). 
The  simulation  of  high  Reynolds  number  conditions  can  be  achieved  by  transition  fixing. 

The  problem  with  transition  fixing  is  that  it  has  to  be  employed  according  to  the  type  of  flow 
encountered  and,  associated  with  that,  according  to  the  wing  geometry.  This  is  further  aggravated  by 
the  fact  that  the  type  of  flow  might  depend  on  Reynolds  number  as  well.  Thus  a  test  at  low  Reynolds 
number,  even  with  transition  fixed,  might  not  give  the  correct  answer  since  the  type  of  flow  at  high 
Reynolds  number  is  different. 

If  on  a  sharp  edged  delta  wing  leading-edge  separation  Is  assumed  then  only  the  secondary  separa¬ 
tion  line  needs  to  be  fixed.  The  example  in  Figure  1 8  [ 231  shows  transition  fixing  along  a  conical  line 
from  the  apex  of  the  wing  using  a  Carborundum  band,  tbe  pressure  distribution  documents  the  at  least 
partial  success  of  fixing.  According  to  Figure  10  one  would  expect  a  rather  flat  suction  peak  for  lami¬ 
nar  separation  while  in  the  turbulent  case  a  narrow  and  even  higher  suction  peak  develops.  Figure  18 
depicts  all  these  characteristics  when  employing  a  transition  trip,  however,  the  turbulent  suction  peaks 
are  not  as  high  as  expected  [231. 

The  second  example  in  Figure  19  [131  shows  that  here  transition  fixing  at  low  Reynolds  number  can 
lead  to  suction  peaks  of  similar  magnitude  as  observed  with  free  transition  at  higher  Reynolds  numbers. 
Unfortunately,  it  is  not  known  how  and  where  the  transition  trip  was  applied.  The  pressure  distributions 
seem  to  indicate  that  in  this  special  case  for  Re  =  2.5  x  10°  there  is  already  turbulent  separation. 

The  transition  fixed  case  only  differs  with  respect  to  the  suction  peak  location,  i.  e.  the  vortex 
center  position. 

For  shock-induced  separation  transition  fixing  should  be  app  "d  ahead  of  the  shock,  i.  e.  a  fixing 
trip  on  a  conical  ray  through  the  apex  would  be  applied,  similar  to  u  one  for  fixing  secondary  separa¬ 
tion.  No  explicit  examples  with  transition  fixing  are  known  for  this  type  of  flow.  An  indication  of 
Reynolds  number  effects  on  the  pressure  distribution  is  given  In  [91. 

Changing  the  wing  geometry  might  lead  to  higher  Reynolds  number  sensitivity.  As  an  example  serves 
the  delta  wing  with  round  leading  edges.  Transition  trips  can  be  applied  again  on  a  conical  ray  in  the 
vicinity  of  the  leading  edge.  However,  also  streamwise  trips  wrapped  around  the  leadirg  edge  are  pos¬ 
sible,  inducing  leading  edge  contamination.  Finally  modifications  of  the  leading  edge  .  ;dius  could  be 
considered  to  simulated  high  Reynolds  number  flows,  provided  the  simulation  goal  is  actually  known. 

The  disadvantage  of  altering  the  leading-edge  shape  is  at  least  for  supersonic  flow  the  nfluence  on 
the  bow  shock  and  the  associated  changes  on  the  lower  side  flow  field  and  the  impact  on  t  e  upper 
surface. 

There  is  a  strong  coupling  between  separation  and  wing  motion  (e.  g.  pitching)  and  also  transition 
is  sensitive  to  wing  motion.  The  problem  then  arises  with  dynamic  testing,  since  no  tripping  device 
(as  it  is  known  so  far)  can  be  used  [20]. 


2. 2. 3. 5  CONCLUSIONS 

These  notes  present  the  current  status  of  delta  wing  research  with  respect  to  Reynolds  number 
effects.  Prediction  of  flight  characteristics  from  wind  tunnel  tests  requires  detailed  knowledge  of 
the  different  leeside  types  of  flow  and  how  they  vary  with  Reynolds  number.  Besides  the  flow  conditions, 
the  wing  geometry,  notably  leading-edge  radius,  wing  thickness,  and  cross-sectional  shape,  is  of  impor¬ 
tance.  Due  to  windtunnel  wall  effects  and  support  Interferences,  which  might  lead  to  vortex  breakdown 
or  similar  effects  as  induced  by  Reynolds  number  variation,  a  careful  designed  test  set-up  is 
recommended. 
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Figure  1 :  Delta  wing  geometry  and  flow  components  M) 
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Figure  2:  Flow  structure  and  skin  friction  line 

pattern  on  leeside  of  slender  delta  wings  (21 
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Figure  3_:  Detached  and  attached  leading  edge  flow  l 1  1 


Skin-friction  line  pattern  and  external  flow  structure 
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Figure  5:  Lee  side  flow  regimes  over  thick  delta  wings 
at  supersonic  speeds  - 
aN  vs  diagram  [4] 


Figure  6j  Boundary  layer  flow  on  suction  side  of  slender  delta  wing  [11] 
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figure  7a:  Influence  of  Reynolds  number 
cn  skin-friction  line  pattern 
(secondary  separation  line). 
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Figure  7b:  Influence  of  Reynolds  number 

on  skin-friction  line  pattern 
(secondary  separation  line). 
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Pressure  distributions  over  a  thin  delta  wing 
at  low  speeds  with  laminar  and  with  turbulent 
flow  (12J 
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Figure  9a:  Effect  of  Reynolds  number  on  leading-edge  vortex  flow 
A  *  0.52  delta;  (131 
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Figure_9b:  Variation  of  lift  coefficient  with  Reynolds  number 
where  leading-edge  separation  and  vortical  flow 
exist.  (16! 
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Figure  10:  Influence  of  Reynolds  number  on  flow  types 
and  boundaries  at  constant  aN  HI 
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Figure  11:  Influence  of  Reynolds  number  on  flow  types 

and  boundaries  at  constant  tl] 
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Figure  12:  Boundary  between  detached  end  attached 

leading-edge  flow  for  rounded  edges  11,2) 


Figure  13:  Influence  of  loading-edge  shape 
on  lift  and  moment  coefficients 
for  slender  delta  wing  123] 
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2.2A.\  Introduction 

The  practice  of  simulating  high  flight  Reynolds  number  behaviour  in  a  low  Reynolds  number 
facility  is  well  known.  However  the  problems  now  encountered  at  transonic  speeds  are 
considerable  and  vary  for  different  model  designs  such  that  it  is  difficult  to  predict 
with  real  confidence  the  actual  flight  conditions.  In  two  dimensions  these  scale  effects 
become  more  apparent  as  the  degree  of  supercritical  flow  Is  increased  and  In  particular 
with  rearward  movement  of  shocks.  In  three  dimensions  the  problems  arc  more  severe 
particularly  when  wing  sweep  is  high  due  to  vortex  and  turbulent  attachment  line  flows, 
both  of  which  are  Reynolds  number  dependent  and  when  complex  configurations  are 
considered  the  potential  for  scale  sensitive  effects  Is  considerable  owing  to  the  many 
regions  where  flow  separation  can  occur.  The  designer  will  often  seek  to  avoid  scale 
sensitive  flow  separations  in  model  tests  and  this  amounts  tc  designing  for  low  Reynolds 
number  with  a  reduction  in  the  potential  gains  to  be  had  for  design  for  full  scale.  3y 
furthering  the  understanding  of  scale  effects  more  reliable  use  can  be  made  of  Reynolds 
number  simulation  techniques,  so  enabling  design  for  conditions  closer  to  full  scale  with 
significant  gains  in  flight  performance. 

These  notes  review  the  current  practice  with  regards  to  high  Reynolds  number  simulation 
in  transonic  wind  tunnels  for  industrial  standards  of  testing  relating  to  complex 
aircraft  configurations. 

2.2.11.2  Background 

The  modern  combat  aircraft  is  a  highly  complex  geometric  shape  as  can  be  seen  in  Figure 
1.  Not  only  ara  the  geometries  complex,  but  there  is  a  great  diversity  of  forms  of  which 
just  a  few  arc  reproduced  here  and  so  it  should  not  be  surprising  that  difficulties  arc 
encountered  when  testing  models  of  such  aircraft  in  the  wind  tunnel. 

Each  model  test  has  to  be  considered  on  its  own  particular  merits,  unless  the  experience 
gained  from  previous  similar  designs  can  be  drawn  upon.  For  this  reason  there  tends  to 
be  a  general  awareness  of  the  simulation  p.-oblcms  with  remedies  for  specific  cases,  but 
with  few  hard  and  fast  rules  that  can  be  called  a  general  methodology.  Indeed  it  is 
interesting  to  note  that  the  main  conclusion  of  Haines  in  Reference  l  is  that  th"  present 
prsition  is  unsatisfactory  and  that  the  case  for  a  high  Reynolds  number  testing  facility 
is  now  stronger  than  ever.  However  in  the  absence  of  the  full  scale  condition  being 
achieved  any  increase  in  Reynolds  number  may  only  make  a  small  difference  unless  some 
minimum  and  generally  uncertain  critical  value  is  achieved. 

Owing  to  the  Importance  of  effects  such  as  free  stream  turbulence  and  tunnel  wall 
interference,  to  name  but  two,  simulation  methodologies  are  not  necessarily  transportable 
from  one  tunnel  to  another.  Unfortunately  industry  cannot  support  the  necessary  research 
work  required  to  develop  procedures  for  its  own  facilities  and  the  tendency  is  to  adopt 
the  more  general  experience  of  the  research  establishments.  For  aircraft  the  wing 
remains  the  main  scale  sensitive  component  owing  to  the  separations  that  occur  at  high 
lift,  though  for  combat  aircraft  in  particular,  the  Interaction  with  the  fuselage, 
pylons,  external  stores  and  other  lifting  surfaces  becomes  very  important.  High 
incidence  non-attached  flows  arc  now  very  much  part  of  the  fighter  aircraft’s  operational 
flight  regime  and  this  poses  particular  simulation  difficulties. 

For  transport  aircraft,  manufacturers  can  generally  make  use  of  a  large  data  base 
resulting  from  tunnel  tests  and  flight  test  data  originating  from  previous  designs.  This 
is  particularly  true  for  designs  involving  an  evolving  family  of  aircraft  and  such  data 
bases,  correctly  used,  can  enable  a  fair  degree  of  precision  at  full  scale  with 
reductions  in  operating  cost,  or  other  benefits.  The  emphasis  is  then  on  the  accurate 
prediction  of  performance  and  providing  the  customer  with  guarantees. 

For  military  aircraft  it  is  difficult  to  see  such  an  approach  being  successful  as  the 
tendency  now  is  for  more  complex  configurations  with  each  case  having  to  be  considered  on 
its  own  merits.  Even  so  some  form  of  simulation  methodology  Is  necessary,  though  this 
may  in  practice  be  little  more  than  an  awareness  of  the  problems  involved  ana  without  any 
real  remedy. 

The  ahility  to  develop  adequate  simulation  techniques  for  the  military  aircraft  is 
further  frustrated  by  the  high  costs  associated  with  model  manufacture,  model  testing  and 
flight  testing;  the  latter  of  which  at  typically  $9000  per  flight  Is  particularly 
expensive,  while  often  being  the  sole  source  of  high  Reynolds  number  data.  For  this 
reason  the  basic  requirement  of  industry  is  a  minimum  of  testing  and  this  generally 
results  in  a  shortage  of  good  quality  data  for  confirming  the  soundness  of  either 
existing  cm  new  simulation  techniques. 
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While  speaking  of  flight  data,  it  should  be  appreciated  that  this  is  in  the  form  of 
forces  and  moments  as  determined  from  flight  performance  and  estimated  engine 
performance.  On  the  other  hand,  tunnel  tests  do  not  generally  include  engine  effects  and 
intake  and  jet  orifices  are  usually  extended  by  simple  fore  and  aft  bodies.  Thus  the 
scope  for  uncertainties  between  tunnel  tests  and  flight  is  very  large  and  differences 
cannot  be  merely  considered  as  a  Reynolds  number  effect.  Where  scale  sensitive 
separations  are  suspected  and  some  improvement  in  flight  performance  is  required  this 
will  generally  result  in  further  tunnel  tests  involving  simple  remedial  modifications 
such  as  vortex  generators,  or  fences.  The  "state  of  the  art"  is  that  for  any  new  design 
corrective  measures  of  this  sort  would  generally  be  necessary  though  any  major  redesign 
would  be  considered  a  failure. 

For  projects  involving  radically  new  concepts  the  uncertainties  between  tunnel  tests  and 
actual  flight  performance  may  be  very  large.  For  such  cases  and  well  before  the  design 
is  finalised  a  special  aircraft  may  be  built  and  flown  to  demonstrate  the  design  at  full, 
or  near  full  scale.  Obviously  any  improvement  in  simulation  methodology  that  reduces  the 
need  for  such  expensive  tests  is  clearly  welcome  though  it  is  ironic  that  this  can  only 
really  materialise  if  more,  and  of  improved  quality,  flight  data  becomes  available  to 
assist  in  the  development  of  simulation  methodology. 

2 . 2 .  *4 . 3  Separation 

When  complex  configurations  are  considered,  such  as  that  of  a  complete  fighter  aircraft, 
the  potential  for  scale  sensitivity  is  great  owing  to  the  many  regions  where  separation 
can  occur.  The  most  common  areas  where  separation  can  be  present  and  their  effect  on 
design  are  listed  as  follows: 

Forebody  High  incidence  flow  where  asymmetric  vortices  and  sideforce  may  result  in 
lateral  stability  problems  including  nose  slicing. 

Canopy  Separations  and  low  frequency  turbulence  giving  rise  to  cockpit  internal 

noise  problems  at  high  speed  low  level  flight  conditions. 

Diverters  Drag  penalties. 

Intakes  Intake  pressure  recovery  degradation  resulting  in  reduced  engine  efficiency. 

Strakes  High  incidence  vortex  flow  effecting  maximum  lift  and  longitudinal  and 

lateral  stability. 

Wing  Leading  and  trailing  edge  separations  and  shock  induced  separations  effecting 

high  speed  and  low  speed  buffet  boundaries,  maximum  useable  lift  and 
longitudinal  and  lateral  stability.  Forebody  vortex  bursting. 

Stores  Drag  producing  separations  and  vortex  flows  effecting  maximum  speed,  range, 

and  sustained  and  instantaneous  rates  of  turn. 

Spoilers  Intentional  separation  for  high  drag,  lift  dumping  and  or  lateral  control. 

Flaps  Separations  at  high  lift  and  during  transonic  manoeuvre. 

Junctions  Wing/body  junction  vortex  influencing  flow  breakdown  on  inner  wing  region. 
Wing/pylon  junction  vortex  producing  drag. 

Airbrakes  Intentional  steady,  symmetric,  separation  to  produce  high  drag. 

Afterbody  Base  drag. 

It  is  not  practical  to  cope  with  so  many  problem  areas  and  so  it  is  usual  to  restrict 
attention  to  the  more  dominant  scale  sensitive  regions.  Thus  at  low  incidence  there  is  a 
tendency  to  concentrate  on  the  wing  and  its  interaction  with  other  components  in  its 
close  proximity,  while  at  high  incidence  the  flow  over  the  forebody  becomes  important  as 
this  can  generate  asymmetric  forces  that  effect  lateral  stability. 

Base  drag  originating  from  the  fuselage,  or  external  stores,  is  sensitive  to  Reynolds 
number  when  separation  occurs  on  a  smooth  boattail  contour  and  this  type  of  flow  can,  as 
discussed  in  Reference  2,  require  the  allowance  for  Reynolds  number  during  the  wind 
tunnel  calibration.  The  temptation  in  design  is  then  to  introduce  a  salient  edge  to  fix 
the  separation  and  reduce  sensitivity  to  Reynolds  number  and  this  approach  is  often  used 
more  generally  for  controlling  unavoidable  smooth  body  separations. 

A  further  problem  associated  with  the  complexity  of  the  configuration  is  that  of  the  low 
Reynolds  number  based  on  the  characteristic  length  of  the  components,  as  in  order  to  make 
a  complete  model  the  various  components  are  inevitably  much  smaller  than  those  that  can 
be  tested  in  isolation.  For  such  complete  models,  testing  at  Reynolds  numbers  as  low  as 
3  million  is  not  uncommon. 


2 . 2 .  it .  ll  Low  Sweep  Wings 

The  wing  is  still  the  most  important  feature  of  a  complex  aircraft  configuration  and  the 
main  aim  during  testing  is  to  ensure  a  turbulent  boundary  layer  at  the  shock  and  to 
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reduce  the  boundary  layer  thickness  to  minimise  3cale  error  at  the  3hock  and  trailing 
edge.  The  former  requirement  i3  based  on  the  full  scale  flow  being  turbulent  close  to 
the  leading  edge  resulting  in  a  turbulent  3hock  boundary  layer  interaction.  Transition 
fixing  is  used  to  ensure  that  the  flow  is  turbulent  and  the  downstream  position  of  the 
fix  controls  the  scale  of  the  boundary  layer  at  the  3hock  and  trailing  edge. 

This  approach  is  developed  from  two  dimensional  considerations  and  can  only  be  U3ed  when 
wing  sweeps  are  low  and  three  dimensional  effects  not  too  severe.  Reducing  the  scale  of 
the  boundary  layer  requires  transition  bands  to  be  moved  rearward,  but  the  final  position 
mu3t  not  be  30  close  to  the  3hock  that  forward  shock  movement  at  separation  i3  inhibited 
by  a  favourable  interaction  with  the  transition  band. 

The  U3e  of  such  transition  fixing  places  importance  on  reproducing  the  relevant  full 
scale  flow  phenomenon  and  30  often  it  i3  considered  without  any  correlation  of  tunnel  and 
flight  test  data  and  there  is  generally  limited  direct  experimental  evidence  from 
previous  designs  to  substantiate  the  approach  or  3ugge3t  an  alternative. 

The  approach  to  transition  fixing  in  the  ARA  2.1Hm  x  2.H*lm  tunnel  i3  described  by  Haine3 
in  Reference  3.  Forward,  mid  and  aft  transition  band  fixing  is  considered  and  Haines 
produces  a  chart,  reproduced  here  as  Figure  2,  showing  qualitatively  the  range  of 
applicability  of  all  the  various  types  of  band.  The  main  point  to  be  noticed  from  this 
chart  i3  that  no  single  fixing  band  satisfies  the  full  range  of  conditions  and  so  ideally 
a  very  costly  te3t  programme  should  be  carried  out  involving  progressively  more  forward 
fixing  bands  as  the  3hock  moves  forward.  In  practice,  as  exemplified  by  Figure  2,  it  is 
most  usual  to  consider  two  or  three  band  positions,  though  an  additional  band  or  two 
might  be  used  if  it  is  considered  necessary. 

From  Figure  2  it  will  be  noticed  that  at  moderate  Mach  numbers,  where  high  lift  is 
associated  with  forward  shocks,  forward  transition  fixing  is  used  even  when  the  shock 
moves  forwards  of  the  band.  Thus  although  free  transition  tests  would  be  more 
appropriate  in  some  forward  3hock  cases  this  would  not  be  generally  considered  worth  the 
cost  of  additional  special  tests. 

At  the  high  Mach  numbers  and  while  the  flow  is  attached  forward,  mid  and  rear  fixing 
bands  are  used  depending  on  lift  level  and  Mach  number.  However,  as  the  lift  is  further 
increased  and  separated  flow  becomes  involved,  forward  shock  movement  requires  a 
progressive  and  eventual  return  to  the  forward  fixing  position.  The  general  guideline 
for  such  test3  is  that  a  particular  transition  band  remains  valid  until  the  3hock  creeps 
forward  to  within  a  10  to  15>  model  chord  distance  of  the  band. 

The  need  to  use  different  transition  band  positions  is  further  complicated  by  aeroelastic 
effects  which  are  different  at  model  and  full  3cale  and  which  imply  different  geometries 
at  different  loadings  for  a  given  unloaded  wing  shape.  For  a  model  corresponding  to  a 
high  performance  aircraft,  each  design  point  requires  a  different  model  wing  to  be  tested 
with  its  own  fix,  or  range  of  fix  positions,  and  certain  standard  fix  positions  common  to 
all  wings  may  be  necessary  to  provide  reference  data.  Often  this  reference  data  will  be 
obtained  as  transition  free  results  during  preliminary  testing  of  each  model  wing. 

Scale  effects  have  been  studied  on  three  dimensional  wing-body  models  in  the  RAE 
transonic  tunnel  and  arc  reported  in  References  *1  and  5.  The  tests  constitute  one  of  the 
few  comprehensive  investigations  of  scale  effects  for  transport  and  combat  type  models 
and  so  they  are  well  worth  further  discussion  here.  Figures  3  and  >1  are  taken  from  this 
source  and  show  the  effect  of  Reynolds  number  for  a  wing  swept  at  25  degrees  and  for  a 
Mach  number  of  .825.  The  results  are  typical  of  low  Reynolds  number  tunnel  test3  and 
show  an  interaction  of  the  trailing  edge  flow  with  the  shock.  At  high  Reynolds  number 
(see  Figure  *J)  the  expected  rearward  movement  of  the  shock  with  increasing  incidence 
ceases  at  a  value  of  1.3  degrees.  Above  this  value  separation,  as  revealed  by  the 
falling  trailing  edge  pressure,  halts  the  advancement  and  then  causes  the  shock  to  move 
forward  rapidly. 

At  low  Reynolds  number  (see  Figure  3)  the  trailing  edge  separation  occurs  earlier  and 
forward  shock  movement  starts  at  around  0.2  degrees  of  incidence. 

Though  ie  results  just  shown  are  typical,  a  completely  reversed  effect  is  found  for 
tests  on  the  same  model  at  the  lower  Mach  number  of  0.68  for  which  the  nominal  shock 
position  is  well  forward.  These  results  are  reproduced  here  as  Figures  5  and  6.  At  the 
low  Reynolds  number,  as  revealed  by  Figure  5,  forward  movement  of  the  shock  now  3tar‘  jt 
around  an  incidence  of  8.3  degrees  while  at  high  Reynolds  number,  Figure  6,  3hows  this 
forward  movement  at  around  7.3  degrees.  The  nominal  shock  position  was  not  so  far 
forward  as  to  interact  with  the  transition  fixing  band  and  so  the  tests  apparently 
indicate  an  adverse  scale  effect  for  shocks  that  are  well  forward.  Clearly  this  effect 
needs  further  investigation  though  this  is  beyond  the  scope  of  these  present  notes. 

2.2.11.5  High  Sweep  Wings 

As  far  as  high  Reynolds  number  simulation  methodology  i3  concerned  a  complex 
configuration  can  be  considered  as  any  configuration  for  which  three  dimensional  effects 
become  important.  Thus  for  combat  aircraft  relatively  3imple  aircraft  geometries  can  be 
considered  complex  if  the  wing  sweep  is  high  and  a  different  approach  to  that  previously 
described  is  then  required. 

Where  configurations  are  designed  for  attached  flow,  three  dimensional  effects  are  1C3S 
important  and  the  tendency  i3  to  concentrate  on  the  shock  boundary  layer  interaction  and 
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trailing  edge  flow  and  the  approach  is  similar  to  that  for  low  sweep  high  aspect  ratio 
wing3.  In  these  cases  the  improved  state  of  computational  methods  enables  a  good 
understanding  of  the  flows  involved  and  much  can  be  done  to  avoid  scale  sensitive 
problems . 

However  as  Moss,  Reference  6  points  out  the  tendency  is  now  to  design  complex 
configurations  involving  leading  edge  cranks,  leading  edge  wing  root  extensions  and 
integrated  pylons  and  stores.  The  configuration  has  to  operate  well  beyond  the  attached 
flow  regime  and  high  sensitivity  to  scale  effects  i3  to  be  expected.  Often,  as  Moss 
points  out,  the  flow  will  be  naturally  turbulent  from  the  leading  edge  at  tunnel  Reynolds 
number  due  to  high  3weep  and  turbulent  contamination  from  the  fuselage.  In  these  cases 
little  can  be  done  and  transition  free  tests  have  to  be  carried  out. 

The  problem  of  turbulent  attachment  line  flow  i3  essentially  a  three  dimensional  problem 
and  the  possibility  of  its  existance  increases  as  the  wing  sweep  or  strictly  speaking  the 
attachment  line  sweep  increases.  Thus  in  addition  to  considering  two  dimensional 
Tollmien-Schlichting  type  instability  of  the  laminar  boundary  layer  consideration  is  also 
given  to  leading  edge  contamination  and,  that  other  three  dimensional  effect,  instability 
of  the  crossflow  velocity  profile.  Hall  and  Treadgold ,  Reference  7,  summarise  the 
current  calculation  methods  now  in  common  use  for  assessing  laminar  flow  instability  and 
outline  the  main  problems  to  be  contended  with.  Figure  7  is  taken  from  Reference  7  and 
3how3  how  transition  varies  with  Reynolds  number  for  a  swept  wing.  Figure  8  also  taken 
from  this  work  shows  the  actual  results  for  wings  swept  at  60  and  30  degrees. 

When  forward  fixing  i3  used  to  produce  fully  turbulent  flow  from  the  leading  edge  the 
possibility  of  relaminarisation  further  downstream  must  be  considered.  Such 
relarainarisation  may  occur  further  outboard  on  the  attachment  line  due  to  reduced  sweep 
in  that  region  of  the  wing,  or  may  occur  in  a  strong  favourable  pressure  gradient  a3  the 
flow  moves  away  from  the  attachment  line.  In  these  cases  more  rearward  fixing  may  be 
necessary  to  produce  turbulent  flow  over  the  majority  of  the  wing  as  a  be3t  compromise  to 
fully  turbulent  flow.  The  commonly  used  critera  for  assessing  relaminarisation  are 
considered  by  Hall  and  Treadgold  and  so  further  repeatition  is  not  warrented  in  these 
present  notes. 

2.2. 4.6  Drag  Prediction 

At  cruise  conditions  a  high  lift  to  drag  ratio  i3  required  for  maximum  aerodynamic 
efficiency  of  an  aircraft  and  this  parameter  is  sensitive  to  small  changes  in  drag  around 
the  design  point.  The  flow  over  the  majority  of  the  configuration  is  attached  at  cruise 
and  the  main  aim  of  any  simulation  is  to  get  the  drag  right.  Now  a  far  field  analysis 
such  as  that  of  Squire  and  Young,  Reference  8,  shows  that  viscous  drag  can  be  related  to 
the  boundary  layer  condition  at  trailing  edges  in  terms  of  the  displacement  and  momentum 
thicknesses.  Thus  one  approach  to  testing  could  be  to  make  3ome  attempt  to  scale  the 
boundary  layers  correctly  at  the  trailing  edges  with  only  some  very  minimal  extrapolation 
of  results  to  full  scale.  However  the  difficulty  of  using  different  transition  fixing 
positions  for  different  Reynolds  numbers,  to  enable  extrapolation,  creates  more  problems 
than  it  solves.  The  more  usual  approach  is  then  simply  to  fix  transition  well  forward, 
on  the  basis  that  thi3  is  so  at  full  scale,  and  then  correct  for  Reynolds  number  using 
traditional  skin  friction  and  form  factor  methods. 

When  the  cruise  speed  is  high,  the  situation  is  potentially  more  complex  than  this  a3  it 
then  becomes  necessary  to  consider  simulating  correctly  the  shock  boundary  layer 
interactions.  In  these  cases  there  i3  a  need  to  scale  the  boundary  layer  just  ahead  of 
the  shock  and  rearward  fixing  may  be  used  if  the  shock  is  sufficiently  far  aft.  For 
Reynolds  number  correction,  use  is  again  made  of  skin  friction  and  form  factor  methods, 
but,  as  the  transition  positions  at  model  and  full  scale  can  vary  widely,  the 
calculations  arc  more  involved  and  are  sensitive  to  the  assumed  full  3cale  natural 
transition  position. 

The  forward  fixing  procedure  relies  on  naturally  forward  transition  at  full  scale  and  so 
in  principle,  for  lower  flight  Reynolds  numbers  a  more  rearward  fixing  position  may  be 
necessary  though  this  is  not  generally  used  in  practice.  However  the  designer  will 
attempt  to  establish  the  model  and  full  scale  natural  transition  locations  to  decide 
whether  at  the  model  scale  it  is  necessary  to  bring  the  fixing  band  right  up  to  a  wing 
leading  edge  in  order  to  simulate  turbulent  attachment  line  flow  as  previously  discussed 
for  highly  swept  wings. 

Green,  Reference  9,  describes  how  the  boundary  layer  on  a  wind  tunnel  model  can  be  scaled 
to  simulate  full  scale  behaviour  both  at  the  shock  and  at  the  trailing  edge  by  use  of 
forward  transition  and  distributed  surface  suction  downstream  of  transition.  Indeed 
Green  3how3  that  by  using  an  ideal  distribution  of  suction,  based  on  simulating  full 
scale  skin  friction  on  the  model,  that  the  boundary  layer  can  be  simulated  everywhere. 
However  the  technique  i3  costly  and  requires  interactive  use  of  computational  fluid 
dynamics  methods  to  calculate  the  boundary  layers  and  suction  levels.  For  this  reason 
the  technique  i3  not  currently  suitable  for  industrial  testing.  However  in  the  future 
the  reduced  costs  of  computational  fluid  dynamics  and  the  increasing  demands  of 
precision,  when  testing  in  the  wind  tunnel,  may  make  this  simulation  method  much  more 
practical . 


2.2.  4.7  Buffet  Onset 

In  three  dimensions,  wings  at  high  subsonic  speed  experience  a  strong  outboard  normal 
shock  and  this  interacts  with  the  trailing  edge  flow  in  much  the  same  way  a3  with  the 


54 


comparable  two  dimensional  aerofoil  problem.  If  the  available  test  Reynolds  numbers  are 
low  the  main  problem  is  that  of  premature  trailing  edge  separation. 

The  three  dimensional  problem  can  be  illustrated  using  the  results  of  Reference  H.  With 
this  experiment  measurements  were  made  on  a  variable  sweep  wing  over  a  range  of  Mach 
number  and  for  two  nominal  Reynolds  numbers  differing  by  almost  one  order  of  magnitude. 
From  the  measured  pressure  distributions  the  type  of  separation  was  determined  at  buffet 
onset  for  a  wing  sweep  of  25  degrees  and  the  class  of  separation  is  presented  here,  in 
Figure  9,  to  show  the  qualitative  variation  with  Reynolds  number  and  Mach  number.  Though 
transition  free  results  would  be  expected  to  show  a  much  greater  variation,  it  should  be 
understood  that  these  particular  results  were  obtained  with  a  forward  transition  fix 
location  in  order  to  highlight  the  problems  at  transonic  speeds  with  the  traditional 
simulation  technique.  All  the  observations  were  of  class  B1  separation  except  for  a 
single  class  B2  separation  and  some  evidence  that  Class  A  separation  might  occur  at  full 
scale  at  the  higher  Mach  numbers  but  not  at  the  lower  ones. 

The  main  points  to  notice  are  that  the  class  of  separation  changes  with  Reynolds  number 
and  that  the  potential  variation  increases  as  the  Mach  number  i3  increased.  Thi3  latter 
effect  comes  of  course  from  the  rearward  movement  and  strengthening  of  the  shock  with 
increased  Mach  number.  Figure  9  also  shows  that  test  Reynolds  numbers  greater  than  3  or 
9  million  will  be  required  if  a  full  scale  class  B1  type  separation  is  to  be  correctly 
modelled,  while  test  Reynolds  numbers  greater  than  12-20  million  are  required,  depending 
on  the  Mach  number,  if  a  full  scale  class  A  type  separation  is  present.  This  minimum 
Reynolds  number  requirement  would  be  necessary  for  a  simulation  methodology  based  on 
Reynolds  number  extrapolation  and  so  the  actual  methodology  used  must  reflect  the  range 
of  tunnel  Reynolds  number  available  and  the  intended  flight  Reynolds  number  range. 

There  are  two  basic  schools  of  thought  concerning  low  Reynolds  number  testing.  One 
considers  the  modelling  of  the  class  of  separation  as  being  of  prime  importance  and  the 
other  considers  this  desirable  though  not  essential.  Both  approaches  are  based  largely 
on  experience  of  successful  designs,  but  the  former  more  cautious  approach  is  more 
desirable  for  designs  for  which  there  is  little  past  experience. 

When  test  Reynolds  numbers  are  below  the  critical  limit  for  the  full  scale  class  of 
separation  it  is  necessary  to  reduce  the  tendency  for  trailing  edge  separation  as  can  be 
inferred  from  Figure  9.  One  means  of  achieving  this  aim  is  to  add  small  amounts  of 
thickness  to  the  upper  surface  trailing  edge  region  of  the  wind  tunnel  model  to  alleviate 
the  local  adverse  pressure  gradients. 

Such  base  thickness  is  usually  determined  from  design  calculations  that  give  similar 
values  of  boundary  layer  shape  parameter,  or  other  ind'eator  of  separation,  at  the 
trailing  edge  for  both  wind  tunnel  model  and  full  scale  design.  Thi3  technique  can  be 
used  with  art  fixing,  with  the  aft  fix  used  to  scale  the  boundary  layer  at  the  shock  and 
the  base  thickness  used  to  control  the  premature  trailing  edge  separation,  so  providing 
the  two  degrees  of  freedom  necessary  to  simulate  flow  breakdown.  However  the  technique 
requires  different  model  geometries  at  different  design  conditions  and  different  test 
Reynolds  numbers  and  so  . ; <z  most  advanced  simulation  techniques  gives  rise  to  an 
expensive  test  program  that  tends  to  limit,  if  not  prohibit,  its  use.  In  addition  the 
technique  is  either  dependent  on  an  implicit  faith  in  computational  fluid  dynamics,  or 
like  more  traditional  methods,  must  be  supported  by  a  wealth  of  previous  design 
experience . 

For  these  reasons  it  is  more  usual  to  use  aft  fixing  alone  when  test  Reynolds  numbers  are 
below  the  critical  limit  for  the  full  scale  class  of  separation.  The  cur*ent  practice  is 
to  choose  a  rixing  position  that  correctly  scales  the  boundary  layer  ju3t  upstream  of  the 
3hock  such  that  the  shock  boundary  layer  interaction  is  controlled  and  the  growth  of  the 
boundary  layer  at  the  trailing  edge  is  minimised.  By  way  of  example,  Figure  10  3hows 
forward  and  aft  transition  band  positions  as  used  during  tests  on  a  small  combat  aircraft 
model  and  Figure  11  3hows  the  isobars  measured  near  buffet  onset  during  the  tests.  The 
position  of  the  aft  transition  band  was  chosen  following  the  determination  of  the  shock 
system  from  flow  visualization  studies  and  the  spanwise  variation  of  this  band  involves  a 
crank  a3  part  of  an  attempt  to  follow  the  rationalised  position  of  the  leading  shock 
contour.  Figure  11  shows  a  dramatic  difference  between  the  isobar  patterns  for  the  two 
transition  band  positions  and  shows  that  the  premature  forward  movement  of  the  3hock 
system  resulting  from  premature  trailing  edge  separation  can  be  controlled  U3ing  aft 
f ixing . 


2. 2. 4. 8  Post  Buffet  Performance 

A  notable  requirement  of  fighter  aircraft  is  the  need  to  conduct  manoeuvres  at  high 
incidence  and  under  conditions  of  high  longitudinal  and  normal  acceleration.  All  this  is 
well  beyond  buffet  onset  with  the  flow  over  the  majority  of  the  wing  and  over  parts  of 
the  fuselage  separated.  In  addition  the  high  loading  on  the  structure  gives  rise  to 
significant  aeroelastic  distortion. 

On  the  other  hand,  model  te3ts  aim  fur  a  steady  level  flow  condition  which  is  clearly  not 
appropriate  to  agile  combat  performance  while  high  incidence  in  the  tunnel  can  give  ri3e 
to  very  large  blockage  and  tunnel  waul  interference .  As  the  standard  corrections  are 
only  first  order  accurate  they  are  of  uncertain  benefit  for  these  conditions  and  results 
are  often  left  uncorrected. 

It  is  against  this  basic  level  of  uncertainty  that  we  must  consider  the  high  Reynolds 
number  simulation  problem. 
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The  main  re  ,uireraent  of  model  te3ts  at  these  high  lift  conditions  will  be  to  demonstrate 
reasonably  smooth  force  and  moment  characteristics  and  adequate  stability  in  thi3  non 
linear  region.  Lateral  stability  i3  particularly  important  for  it3  effect  on  3pin 
recovery  and  in  thi3  respect  asymmetric  vortex  formation  on  the  forebody  and  leading  edge 
separations  on  the  wing  are  important.  Reynolds  number  dependence  on  lateral  forces  i3 
particularly  important  for  smooth  forebody  3hapes,  as  is  confirmed  by  References  10  and 
11,  where  primary  separation  positions  are  dependent  on  the  boundary  layer  flow. 

Vortice3  originating  from  the  forebody  may  burst  in  the  3trong  adverse  pressure  gradients 
over  the  wing  and,  as  the  vortex  core  i3  a  form  of  shear  layer,  dependence  on  Reynolds 
number  may  result. 

2. 2.11. 9  Secondary  Influences 

For  very  complex  configurations  the  approach  is  to  start  with  a  more  simple  configuration 
and  thi3  will  generally  involve  a  clean  wing  free  of  strake3,  pylons  and  stores.  For 
thi3  relatively  simple  case  forward,  rearward  or  free  transition  will  be  used  depending 
largely  on  the  wing  sweep  and  the  final  decision  for  the  appropriate  position  will  follow 
tunnel  testing.  This  ba3lc  fixing  will  then  be  used  for  the  more  complex  case,  but  with 
each  additional  component  of  the  configuration  having  it3  own  appropriate  fix.  Naturally 
the  various  components  of  the  configuration  interact  with  each  other  and  so  whilst  thi3 
building  block  approach  provides  a  logical  means  of  tackling  complex  geometries  it  has 
its  limitations.  The  strake  is  one  example  where  the  wing  flow  can  be  drastically 
changed  by  the  addition  of  a  further  component  and  in  these  cases  it  may  be  necessary  to 
reappraise  the  transition  fix  as  used  on  the  wing.  Bearing  this  in  mind  consideration 
will  now  be  given  to  the  various  components. 

Strakes  are  tested  transition  free,  as  these  are  thin  and  can  be  considered  3harp  edged, 
though  thi3  ignores  the  effect  of  Reynolds  number  on  the  secondary  vortices.  As  drag  is 
important  forward  fixing  is  used  on  fuselages,  fins,  tailplane3  and  all  external 
equipment  3uch  a3  3tore3  and  pylons.  At  high  incidence  many  of  these  forward  fixes 
become  inappropriate,  but  may  be  retained  to  simplify  the  te3t  programme.  If  forebody 
problems  are  suspected  additional  tests  may  be  carried  out  with  lateral  transition 
tripping  devices  on  the  forebody. 

Where  the  choice  of  appropriate  fix  remains  ambiguous  results,  will  be  obtained  for  more 
than  one  fix  to  reveal  the  problem  areas  and  to  give  an  indication  of  the  degree  of 
uncertainty. 

2.2.11.10  Conclusions 

The  approach  to  high  Reynolds  number  simulation  when  conducting  transonic  wind  tunnel 
tests  on  models  regarded  a3  complex  configurations  has  been  briefly  discussed.  The  costs 
of  testing,  the  need3  of  industry  and  the  complexity  of  the  simulation  problem  result  in 
an  approach  that  is  practical  though  relying  more  on  experience  than  hard  scientific 
evidence.  The  main  conclusions,  or  observations,  can  be  summarised  a3  follows: 

1.  Simulation  methodology  is  based  largely  on  two  dimensional  flow  experience  and  can 
be  U3ed  with  confidence  only  for  high  aspect  ratio  low  sweep  wing3. 

2.  Tunnel  testing  becomes  more  expensive  as  the  degree  of  precision  of  simulation 
methodology  is  increased.  This  tends  to  have  a  conservative  effect  on  testing,  but 
once  any  advanced  technique  has  been  shown  to  provide  genuine  improvement  it  13 
quickly  brought  into  use. 

3.  The  C03t3  of  Implementing  simulation  techniques  tends  to  result  in  a  range  of 

methods  ir.  use  at  any  one  time  with  the  simpler  methods  used  whenever  they  are 

applicable . 

4.  Design  calculations  using  proven  computational  fluid  dynamic  codes  are  often  U3cd  to 
establish  differences  in  important  parameters  at  model  and  flight  scale.  Such 
information  may  then  be  used  in  the  simulation  methodology  with  no  further  course 
for  redress. 

5.  Differences  in  parameters  3uch  as  free  stream  turbulence  require  caution  when 

comparing  the  re3ult3  of  tunnel  tests  carried  out  in  different  facilities. 

6.  Often  the  range  of  tunnel  Reynolds  numbers  is  too  small  to  permit  accurate 

extrapolation  of  re3ult3  to  full  scale. 

7.  For  combat  aircraft  at  high  incidence  the  uncertainty  of  scale  effect  is  3uch  that 
correction  of  wind  tunnel  results  to  full  scale  is  often  not  attempted. 
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AA  ;  LIMIT  OF  COMPLETELY  SU8CRITICAL  FLOW 

5^;  SHOCK  UPSTREAM  OF  FORWARD  BAND 
^  BUT  FORWARO  BANC  DATA  RECOMMENDED 

XSS5:  SHOCK  AFT  OF  FORWARD  BANO  * 

^  FORWARD  BAND  DATA  RECOMMENDED 

SHOCK  AFT  OF  MID  BAND* 

V/ft  MID  BAND  DATA  RECOMMENDEO 

SHOCK  AFT  OF  REAR  BANO* 

==  REAR  BAND  DATA  RECOMMENDED  * 

- :  BOUNDARIES  FOR  TRAILING- EDGE  PRESSURE  DIVERGENCE  (T)g=0  652) 

N.B  SHOCKS  MOVING  AFT  BELOW  AND  FORWARD  ABOVE 
THESE  BOUNDARIES 

LF.LM.Lr:  BOUNDARIES  DEFINING  UPPER  LIMIT  OF  VALIDITY 

OF  RESPECTIVELY  FORWARD,  MID  AND  REAR  BAND  OATA 

*  :  STRICTLY,  SUFFICIENTLY  FAR  AFT  TO  AVOID  ANY  LOCAL  INTERFERENCE 
BETWEEN  ROUGHNESS  BAND  AND  THE  SHOCK  STRENGTH  AND  POSITDN 


Figure  1 
Section  1.1.4 

The  validity  of  wind  tunnel  data  for  different 
transition  fix  positions  on  aircraft  ir.odel  wings 

From  A.  3.  Ha ir.ee  :  AF.A  raerac  14'.  Move-rater  1531 


2 


Measured  pressure  distributions.  M  ■  0.825.  \ 
Rj*  2.3x10*  Fixed  transition 


Fiaure  3 
Section  3.3.4 


Hodces:  APC  RM  3343 
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Maasurad  pressure  distributions.  M  -  0.825.  A  ”  25°.  i)  *  0.75, 
Rj  *  12.3  x  10*.  Fixed  transition 


Figure  4 
Section  2.2.4 
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Measured  upper  surface  pressure  distributions.  M  «  0.68.  \  «  25: 
rf  m  0.75,  Rj  -  14.8  x  10*.  Fixed  transition 
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Section  2.2.4 
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At  R*  Transition  follows  from  cross -flow 

Instability  If  leading-edge  contamination 
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Schematic  sketch  of  the  movement  with  Reynolds 
number  of  the  predicted  point  of  transition  or  of  Instability 
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Section  2.2.4 
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Figure  9 
Section  2.2.4 

Qualitative  assessment  of  flow  type 
at  buffet  onset  for  a  low  sweep  wing 
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Effect  of  transition  on  shock  position  near  buffet  onset 
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SECTION  2.3  WIND  TUNNEL  ASPECTS 

SECTION  2.3.1 

REYNOLDS  NUMBER  EFFECTS  AND 
THE  WIND  TUNNEL  ENVIRONMENT 
by 

A.  Elsenaar 

National  Aerospace  Laboratory  (NLR) 
Anthony  Fokkerveg  2 
1059  CM  Amsterdam 
THE  NETHERLANDS 


2. 3.1. 1  INTRODUCTION 

A  particular  set  of  experimental  results  is  liahlc  to  experimental  error  and/or  unwanted  of  even 
unknown  influences  of  the  windtunnel  environment.  These  effects  may  very  well  change  in  magnitude  with 
the  tunnel  Reynolds  number.  This  point  has  been  raised  many  times  (see.  e.g.  McCroskey  at  the  round 
table  discussion  of  the  i 983  AGARD  Specialist  Meeting  on  Wall  Interference,  ref.  1;  fig.  I). 

From  the  point  of  view  of  the  development  of  a  simulation  methodology  for  high  Reynolds  number  pre¬ 
diction,  the  observation  Is  of  outmost  importance:  it  confuses  the  existing  evidence  on  Reynolds  number 
effects  and  it  may  effect  In  a  direct  way  a  particular  simulation  methodology. 

For  that  reason  a  short  review  will  be  presented  of  the  available  evidence  with  respect  to  the 
problem  of  "pseudo”  Reynolds  number  effects  due  to  the  tunnel  itself.  The  review  is  not  comp  :e .  In¬ 
stead  it  Is  attempted  to  highlight  the  most  important  physical  phenomena.  Where  possible  use  is  made 
of  the  most  recent  publications,  in  particular  the  AGARD  Conferences  on  Wall  Interference  and  Wind 
Tinncl  Test  Techniques  (ref.  1  and  2). 


2.3. 1.2  TUNNEL  CALIBRATION 

The  calibration  of  the  empty  test  section  of  a  windtunnel  may  be  considered  as  the  basis  of  all 
subsequent  testing  and  data  reduction  in  that  particular  windtunnel.  The  calibration  nelf  can  be 
Reynolds  Number  dependent.  A  nice  illustration  of  this  effect  is  the  so  called  "Reynolds  number  para¬ 
dox"  on  afterbody  drag  (fig.  2a).  O.M.  Pozniak  (ref.  3)  has  written  a  comprehensive  review  on  this 
effect  in  relation  with  "true"  Reynolds  number  effects.  Part  of  the  paradox  could  be  explained  from  a 
Reynolds  Number  dependence  of  the  tunnel  calibration  (fig.  2b).  The  npparent  afterbody  drag  (cither 
from  t  -  ce  measurement  or  from  pressure  integration)  Is  extremely  sensitive  to  a  variation  in  the 
reference  static  pressure:  a  variation  in  pressure  coefficient  of  0.01  roughly  corresponds  to  100  drag 
counts  for  the  afterbody  drag  (based  on  frontal  area). 

This  shows  that  It  is  essential  to  calibrate  the  windtunnel  ns  a  function  of  Reynolds  number. 
Incidently,  similar  effects  are  Introduced  by  static  pressure  gradients  originating  from  wall  inter¬ 
ference  (section  3)  or  model  support  systems  (not  discussed  here). 


2. 3. 1.3  WALL  INTERFERENCE 

Wall  interference  is  a  classical  problem  in  experimental  aerodynamics.  In  the  last  deccnnium  a 
significant  progress  has  been  made  in  this  field  as  a  recent  review  by  Mokry,  Cahn  and  Jones  (ref.  10) 
reveals  together  with  the  outcome  of  the  AGARD  specialist  meeting  in  London,  1982  (ref.  I).  In  the 
present  context  wc  are  mainly  Interested  In  its  relation  with  Reynolds  Number  effects. 

The  figures  3  and  4  then  Illustrate  how  wall  interference  effects  can  affect  measured  Reynolds 
Number  trends.  The  evidence  is  somewhat  conflicting.  In  figure  3,  taken  from  reference  4,  a  comparison 
is  presented  of  drag-rise  and  maximum  lift  as  measured  on  one  airfoil  (CAST-10)  tested  In  three  wind 
tunnels,  Including  two  high  Reynolds  numher  facilities  (the  cryogenic  0.3m  tunnel  of  NASA  Langley  and 
the  Compressible  Flow  Wind  Tunnel  of  Lockhecd-Gcorgla) .  The  figures  3a  and  3b  reveal  large  variations 
In  maximum  lift  and  drag-rise. 

However,  when  the  maximum  lift  development  with  Reynolds  Number  is  plotted  for  the  actual  mcasuied 
drag-rise  Mach  Number,  a  rather  consistent  trend  is  found  (fig.  3c).  A  tentative  explanation  is  that 
part  of  the  measurr  »ients  are  corrupted  by  a  wall  Interference  effect  (either  from  top  find  bottom  wall 
or  from  the  side  vails  (section  4))  that  introduces  an  uncertainty  in  the  actual  Mach  Number. 

Figure  4,  on  the  other  hand,  shows  the  result  of  a  similar  comparison  ,  this  time  the  CAST-7  air¬ 
foil  tested  in  various  windtunnels  (ref.  5).  A  fair  agreement  is  observed  in  Reynolds  Number  trends 
for  drag,  maximum  lift  and  angle  of  incidence  at  constant  lift.  The  absolute  levels,  however,  show  a 
rather  large  variation,  a  variation  that  is  reduced  considerably  when  orly  wall  interference  corrected 
data  (measured  boundary  condition  methods  fnr  the  ONFRA  $3Ma  and  the  NLR  Pilot  Tunnel,  flexible  walls 
for  the  ONFRA  T-2  and  a  classical  homogeneous  boundary  condition  method  for  the  ARA  2-D  tunnel)  are 
considered.  It  is,  however,  Interesting  to  note  that  the  wall  interference  corrections  in  this  case 
hardly  Influence  the  Reynolds  Number  trends. 

One  can  conclude  from  these  two-dimensional  results  that  some  suspicion  with  respect  to  Reynolds  Numher 
effects  on  wall  Interference  is  justified  but  not  necessarily  true  In  all  cases.  This  can  also  he 
explained  to  seme  extend.  Chan  (ref.  6)  has  actually  measured  the  boundary  condition  with  respect  to 
the  flow  through  porous  walls.  His  results  .Indicate  a  dependence  of  the  outflow  velocity  on  the  dis¬ 
placement  thickness  of  the  tunnel  wall  boundary  layer  provided  that  the  holes  arc  large  compared  with 
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the  displacement  thickness,  6 *.  Since  6*  is  a  function  of  the  tunnel  unit  Reynolds  Number,  some  varia¬ 
tion  of  the  vail  characteristics  with  Reynolds  Number  is  not  unlikely.  Binion  (ref.  7)  has  used  a 
similar  relation  to  calculate  the  Reynolds  Number  effect  on  the  angle  of  incidence  correction  using 
classical  theory  for  a  typical  3-dimensional  configuration.  The  effect  can  not  be  neglected  in  that 
case  (fig.  6). 

More  direct  evidence  is  obtained  by  Smith  of  NLR  (see  ref.  8)  who  actually  determined  from  a 
measured  boundary  condition  technique  (ref.  9)  the  vail  interference  corrections  for  a  tvo-dimens tonal 
airfoil  as  tested  in  the  NLR  slotted  high  speed  tunnel  HST.  In  this  particular  case  the  Reynolds  num¬ 
ber  effect  on  the  corrections  is  rather  small,  although  a  variation  in  Mach  number  of  the  order  of 
.002  is  not  Insignificant  for  the  assessment  of  Reynolds  Number  effects  on  the  drag-rise  boundary.  Jt 
Is  sometimes  suggested  that  porous  vails  are  more  susceptible  to  Reynolds  Number  changes  than  slotted 
vails.  The  flov  along  sharp  edges,  like  the  slots  in  ventilated  vails,  is  known  to  be  Reynolds  Number 
independent  and  Chan's  vork  reveals  that  this  is  not  always  the  case  for  porous  walls.  Finally  it 
should  be  noted  that  Mach  Number  and  incidence  corrections  represent  only  a  part  of  the  vail  inter¬ 
ference  effects.  Static  pressure  gradients  as  discussed  in  section  2  may  effect  drag,  upvash  variations 
may  effect  the  pressure  distribution  and  the  pitching  moment  for  configuration  with  tail  surfaces.  For 
two-dimensional  testing  the  side  vail  boundary  layer  adds  to  the  uncertainty  as  vill  be  discussed  nov. 


2. 3. 1.4  SIDE  WALL  EFFECTS 

Side-vall  boundary  layer  affects  represent  a  serious  problem  in  two-dimensional  testing  ns  figure  8 
illustrates  (ref.  II).  The  observed  correlation  of  airfoil  lift  vitli  the  side-vall  boundary  layer  dis¬ 
placement  thickness  suggests  that  the  tunnel  unit  Reynolds  Number  vill  have  an  effect  as  well.  Some 
indication  of  this  effect  may  be  obtained  from  Barnwell's  theory  (ref.  12)  that  provides  a  Nich  Number 
correction  ns  a  function  of  free  stream  Mach  Number,  airfoil  chord/vidth  ratio  and  side-vall  boundary 
layer  displacement  thickness. 

An  estimate  of  this  effect  is  presented  In  figure  8,  using  Barnvell's  theory  (but  modified  by 
P.R,  Ashill  to  allow  for  three-dimensional  effects;  ref.  13)  and  assuming  a  Pe**l/5  dependence  of  the 
side  vail  boundary  layer  displacement  thickness  6*.  The  figure  indicates  that  this  Is  a  potential  pro¬ 
blem  area,  particular  for  low  aspect  ratios.  In  general,  however,  it  Is  recommended  to  use  aspects 
ratios  larger  than  2  for  two-dimensional  testing  (ref.  13)  and  the  problem  Is  than  less  severe. 


2. 3. 1.5  FLOW  QUALITY 

It  has  been  recognized  for  a  long  time  that  a  certain  standard  of  flov  quality  is  required  in  wind- 
tunnel  testing.  This  prohiem  has  been  studied  thoroughly  as  part  of  the  specification  lor  high  Reynolds 
Numher  facilities  in  the  1970's  (ref.  14,  15).  More  recent  Information  can  he  obtained  from  the 
references  16  and  17. 

Is  there  a  relation  between  flov  quality  and  Reynolds  Numher  effects?  Figure  10a,  taken  from 
reference  29,  shows  hov  the  transition  Reynold"  Number  appears  to  be  a  function  uf  the  unit  Reynolds 
Number.  The  problem  was  for  that  reason  known  at  the  end  oi  the  sixties  as  the  "unit  Reynolds  Number 
effect”.  It  was  also  observed  that  for  a  constant  unit  Reynolds  Number  the  transition  length  iucreased 
with  the  tuncl  dimensions  (fig.  I Ob) .  The  physical  explanation  must  be  found  in  the  tunnel  noise, 
radiated  from  the  tunnel  vail  boundary  layers  as  it  Is  veil  known  that  noise,  like  free-stream  turbu¬ 
lence  has  n  large  effect  on  transition,  in  1982  Dougherty  (ref.  10)  was  able  to  correlate  for  a  large 
number  of  vlmltunncls  and  some  flight  tests,  the  transition  Reynolds  Numher  with  the  pressure  fluctua¬ 
tion  level  as  measured  on  the  surface  of  a  10  degree  cune  (fig.  II).  The  scatter  in  the  results,  however, 
is  still  considerable.  This  is  not  surprising.  Other  aspects  of  flow  quality,  like  the  energy  distribu¬ 
tion  over  the  wave  lengths  .ire  of  importance  as  well.  Also  a  correction  for  temperature  non-equl i Ibr ium 
(see  section  6)  and  Mach  Number  effects  has  hren  applied  to  the  data  of  figure  II. 

•  The  foremen t ioned  examples  arc  related  to  (aiuost)  zero  pressure  gradient  flows  on  flat  plate  or  - 
cone  configurations.  It  shows  that  the  transition  length  may  change  when  a  KeyrMds  Number  variation 
is  introduced  by  changing  the  unit  Reynolds  Numher.  Hov  vill  this  effect  experimental  results  in  the 
more  general  case  of  realistic  airfoils  or  wings?  Its  effect  vill  depend  on  the  particular  pressure 
distribution  as  figure  12  (taken  from  ref.  30)  indicates.  Free  stream  turbulence  reduces  the  sensi¬ 
tivity  uf  transition  to  pressure  gradient.  Reynolds  Number  trends  with  free  transition  will  be 
particular  sensitive  to  tuihulcnce  Intensity  as  the  theoretical  exercise  presented  in  figure  13 
(reference  14a)  demonstrates.  The  resulting  transition  point  variations  /ill  have  a  large  effect  on 
the  measured  drag  values.  For  transonic  flows  the  effect  on  the  pressure  distribution  may  he  large  ns 
well  since  it  is  well  known  that  the  shock-wave  boundary  layer  interaction  is  critical ly  dependent  un 
the  state  of  the  boundary  layer,  cither  laminar  or  turhnlcnc  (see  figure  14  taken  from  reference  20 
and  dating  from  1955.).  This  Is  even  more  true  for  modern  supercritical  airfoils  where  the  interaction 
with  trailing  edge  separation  acts  like  an  amplifier  of  these  effects.  It  is  precisely  this  uncertainty 
that  necessitates  transition  fixing  in  drag  studies,  ns  is  generally  done. 

Apart  from  the  ohserved  c  feet  un  transition  variation,  a  direct  effect  c'  t  irbulcuc  Intensity  on 
the  development  uf  c.  turbulent  boundary  layer  should  also  be  noted.  This  has  been  studied  extensively 
by  Crccn  (ref.  2i)  who  was  able  to  transform  turbulence  Intensity  into  an  effective  Reynolds  numher. 

More  recent  studies  (c.g.  ref.  31  and  32)  have  Indicated  that  the  turbulence  length  scale  Is  of  Impor¬ 
tance  as  veil.  A  purely  empirical  correlation  is  presented  in  figure  15  taken  from  ref.  31.  in  most 
existing  vindtunnels,  the  turbulence  intensity  Is  much  less  than  I  percent  and  the  effects  can  then 
almost  be  neglected.  In  reference  22  some  variation  Is  observed  in  scpnrnt ion  development  due  to  free- 
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stream  turbulence  but  these  tests  have  been  made  at  very  low  Reynolds  Numbers.  A  similar  example  is 
taken  from  reference  23  and  presented  in  figure  16.  One  should  be  careful  in  drawing  conclusions  how¬ 
ever.  Flowa  wich  weak  shocks  near  the  "design  condition"  are  known  to  be  sensitive  to  all  kinds  of 
small  changes  in  flow  conditions. 


2.3. 1.6  TEMPERATURE  NON-EQUILIBRIUM 

Ross  (ref.  24)  and  Dougherty  and  Fisher  (ref.  IB)  have  shown  that  the  transition  Reynolds  Number 
strongly  depends  on  the  ratio  of  the  actual  to  the  adiabatic  wall  temperature  (see  fig.  17b).  These 
transition  point  changes  will  effect  the  drag  and  lift  characteristics  as  has  been  studied  In  more 
detail  by  Lynch  ec  al  (fig.  17a;  ref.  25)  in  connection  with  a  cryogenic  blow-down  facility.  Similar 
work  by  ONERA  (ref.  26)  has  indicated  also  that  deviations  from  the  adiabatic  wall  temperature  should 
be  leas  than  1  percent.  This  introduces  an  Important  requirement  in  cryogenic  testing  from  the  point 
of  view  of  temperature  control  of  model  and  free-stream  conditions.  The  problem  can  be  solved,  however 
by  prc-cooling  the  model  unless  heated  elements  arc  present  in  the  model  itself  (like  instrumentation 
compartments)  that  introduce  a  heat-flow  in  critical  areas  of  the  model. 


2. 3. 1.7  SURFACE  ROUGHNESS 

Both  transition  and  turbulent  boundary  layer  development  are  influenced  by  surface  roughness.  To 
determine  If  the  surface  is  hydraulically  smooth,  a  number  of  criteria  are  know.  Most  criteria  are 
based  on  a  Reynolds  Number  based  on  roughness  height  and  the  local  velocity  or  local  skin-friction 
velocity.  For  a  good  review  is  referred  to  references  27  and  28. 

The  effect  of  surface  roughness  on  transition  is  by  far  the  most  important.  There  are  two 
different  aspects.  On  the  one  hand,  when  laminar  boundary  layer  development  is  required,  the  roughness 
should  not  Introduce  unwanted  or  premature  transition  (see  e.g.  fig.  18a  from  ref.  19a).  On  the  other 
hand,  when  a  curbulent  boundary  layer  is  simulated  by  a  tripping  device,  the  device  should  be  effective 
for  a  range  of  flow  conditions,  including  Reynolds  number  (see  e.g.  fig.  18b),  Since  the  criteria  for 
a  strip  to  be  effective  are  reasonably  well  established  (sec  e.g.  ref.  27),  only  the  Reynnlds  number 
dependence  of  the  critical  roughness  height  will  be  noted  here.  This  is  governed  by  the  relation: 

k/c  (:)  Fec“* 

where  k/c  is  the  rnughness  height  relative  to  the  airfoil  chord.  The  rather  strong  dependence  on 
Reynolds  Number  makes  it  desirable  or  even  necessary  *;o  change  transition  strips  when  the  Reynolds 
Number  is  varied  in  a  particular  test.  This  is  not  always  done  and  significant  errors  in  the  measure¬ 
ment  may  result  from  a  rot  effective  or  oversized  transition  strip  (see  below).  The  same  relation 
indicates  the  very  high  degree  of  surface  finish  that  is  required  for  high  Reynolds  Number  cryogenic 
testing.  This  clearly  indicates  that  surface  roughness  or  transition  strips  may  introduce  unwanted 
"pseudo"  Reynolds  Number  effects. 

Once  the  boundary  layer  Is  turbulent,  surtace  roughness  causes  a  stronger  growth  In  boundary 
layer  thickness  and  hence  a  larger  drag.  One  can  distinguish  between  the  effects  of  distributed  surface 
roughness  (see  ref.  28)  and  the  effects  of  a  discrete  roughness,  like  an  oversized  transition  strip 
(fig.  19a)  or  a  transition  strip  that  is  still  p?  i.*scnt  in  the  turbulent  boundary  layer  (fig.  19b). 

These  effects  can  also  be  Reynolds  Number  dependent. 


2. 3. 1.8  MODEL  DEFORMATION 

When  the  Reynolds  Number  is  changed  by  variation  of  stagnation  pressure,  the  wing-load  will  alter 
accordingly.  Wing  twist  as  a  result  of  torsion  and  (swept)  wing  bending  is  a  typical  example  (fig.  20 
taken  from  ref.  7). 

Other  examples  are  deflections  of  control  surfaces  and  variations  in  slat  and  flap  positions.  The 
effects,  proportional  to  the  lnads  and  hence  to  unit  Reynolds  Number  of  a  particular  tunnel,  may  cor¬ 
rupt  the  measured  Reynolds  Number  trends.  It  should  be  noted,  however,  that  deformation  effects  can  be 
equally  important  at  flight  conditions,  depending  on  the  particular  configuration  and/or  load  factor. 

For  that  reason  it  is  quite  common  to  perfnrm  the  aerodynamic  calculations  and  wind  tunnel  tests 
for  the  deformated  ("jig")  shape.  With  respeet  to  wing  deformation  three  effects,  with  an  increasing 
sevexity,  ran  be  distinguished.  Wing  twist  variation  will  cause  a  change  in  induced  drag  due  to  a 
small  variation  in  wing  loading.  This  effect  can  in  general  be  calculated  confidently.  Secondly,  the 
Incal  wing  section  characteristics  will  be  affected  and  this  can  be  impnrtant  when  the  shock-wave 
development  depends  critically  on  flow  conditions.  Strip-theory  can  be  applied  to  derive  corrections. 
Thirdly,  the  wing  deformation  might  result  in  important  variations  in  the  thrcc-dimensinnai  flow 
pattern,  separation  being  a  typical  example.  In  that  case  corrections  are  hardly  possible  and  the 
basic  shape  of  the  wlndtunncl  model  must  be  adjus-ed.  In  the  other  two  cases,  corrections  are  possible 
on  the  basis  of  the  measured  or  calculated  differences  in  deformation  between  windtunnel  and  flight. 
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2. 3. 1.9  CONCLUDING  REMARKS 

If  one  adds  all  the  uncertainties  Introduced  by  tunnel  environmental  effects,  one  may  wonder  If 
Reynolda  Number  trends  as  measured  In  vindtunnels  should  be  believed  at  all.  The  situation  Is,  for¬ 
tunately,  not  that  bad.  A  large  part  of  the  diacussed  phenomena  can  be  avoided  with  proper  measures. 

For  some  other  effects  like  wall-interference  or  wing  deformation,  corrections  are  possible  although 
more  refinement  is  required.  They  are  just  part  of  "sound  aerodynamic  testing".  Unfortunately,  this 
was  not  always  evident  in  the  past  and  for  this  reason  the  available  Reynolds  Number  data  should  always 
be  scrutinized  with  respect  to  this ‘kind  of  "pseudo"  Reynolds  Number  effects. 

However,  one  particular  problem  area  is  of  very  much  concern  and  will  remain  so  in  the  future. 

The  natural  transition  position  appears  to  be  critically  dependent  on  a  large  number  of  variables: 
pressure  distribution,  tunnel  noiae  and  turbulence,  temperature  non-equilibrium,  surface  roughness  ... 
and  Reynolds  Number.  For  that  reason  differences  in  transition  location  hetween  wind  tunnel  and  flight 
are  likely  to  occur  for  other  reasons  than  Reynolds  Number  differences.  This  point  Is  very  well 
illustrated  with  figure  11.  The  scatter  band  shows  a  variation  in  transition  Reynolds  Number  of  30 
percent.  Such  an  uncertainty  in  transition  location  is  not  acceptable  in  wlndtunnel  testing:  some 
characteristics  (like  drag  and  shock- induced  separation)  arc  known  to  be  very  sensitive  for  the  state 
of  the  boundary  layer.  Since  reliable  theoretical  predictions  of  transition  are  not  yet  available.  It 
will  remain  good  practice  to  either  artificially  fix  the  boundary  layer  or  to  measure  the  transition 
location. 
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Fin.  1  Reynolds  Kunbcr  Effects  on  lift  curve  slope  of  NACA  0012  :  Model  or  Facility  ? 
(from  ref.  1) 
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Fig.  2a  The  Reynolds  Nunbcr  paradox 
(from  ref.  3) 
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M  =  Average  Centre  Line  Mach  Number  (From  STN.8.2  to  28.2) 
Mc  =  Equivalent  Plenum  Chamber  Mach  Number 
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FIr.  2b  An  example  of  a  Reynolds  number  dependent  tunnel  enlibration  (from  ref.  3) 
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Fig.  5ft  Wall  characteristics  of  •  ventilated 
(porous)  wall  (6*/d  £  0.25) 

(from  ref.  6) 


Fig.  5b  Wall  characteristics  of  a  ventilated 
(porous)  wall  0*/d  ^,0.25) 

(from  ref.  C) 
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Fig.  6  Variation  of  wall  interference  (upwash)  with  unit  Reynolds  number 
(from  ref,  7) 
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Fig.  7  Blockage  ( .*»  Mach)  and  incidence  (Aft) 
corrections  calculated  from  measured 
top  and  bottom  wall  pressuro 
distributions  (from  ref.  8) 
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Fig.  8  Variation  of  lift-coefficient  with  side 
wall  boundary  layer  thickness 
(from  ref.  11) 
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Fig.  9  Estimated  Reynolds  number  effect  on 
blockage  due  to  tunnel  aide  walla 
(by  the  author) 
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Fig.  10a  Unit  Reynolds  number  effect  on 

transition  (M« =  3;  aero  pressure  gradient) 


Fig.  10b  Effect  of  tunnel  size  on  transition  5 
(constant  unit  Reynolds  number  of  2  x  10 
per  Inch)  (from  ref.  29) 
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FiR.  11  Correlation  of  transition  Reynold»  ruwbcr  on  10°  cone 
(froo  ref.  IS) 
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Fig.  12  Estimated  effect  of  tunnel  turbulence 
on  transition  (from  ref.  30) 


Fig.  13  Example  of  tunnel  turbulence  on  transition 
location  of  some  typical  airfoils 
(from  ref.  14a) 


Fig.  14  Effect  of  flow  quality  on  pressure  distribution  (from  ref.  20) 
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Fig.  15  Influence  of  free  stream  turbulence  on  flat  plate  turbulent  boundary  layer  development 
(fron  ref.  31) 


fig  ’  “c 

4.68  /  4.60  0.754  /  0.758 

0.736/ 0.743 


3.67  /  3.58  0.755  /  0.753 

0.743  /  0.747 


X  2.62  /  2.55  0.755  /  0.758 

0.743  10  74  7 

V 

X  1.59/  1.50  0  755/0.758 

0.745  /  0.750 


'-0.28  /-0.38  0.755  /  0  758 

0.745/0.756 


'--3.65  A3.63  0.754  /  0.750 

0.750/0.757 


-  NORMAL  WALLS 

---SCREENED  WALLS 


0.0  0.1  0.2  0.3  0.4  0.5  0.6  0.7  0.8  0.9  1.0 

X/C 


Flp.  16  Influence  o.f  flow  quality  on  supercritical  airfoil 
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Fig.  17b  Effect  of  toKperai  re  non-equi  1  il.riun 
on  transition  location 
(fro®  ref.  18) 
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Fig.  lHb  Drag  and  lift  variation  with  Reynold* 
number  for  two  transition  strips 
(fro®  ref.  27) 
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Fig.  19a  Effect  on  drag  (C^)  of  over- fixation 
(from  ref.  27) 


Fig.  19b  Effect  on  drag  (C^)  of  a  atrip  In  an 
already  turbulent  boundary  layer 
( fro*  ref.  27) 


Fig.  20  Eatleatad  vlng  tvlat  aa  a  function  of 
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(from  ref.  7) 
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2.J.2.1  TKANS1TION  FIXING 

The  simulation  in  wind  tunnel  tests  of  the  higher  Reynolds  numbers  experienced  in  high 
subsonic  or  transonic  flight  is  usually  achieved  by  artificial  fixing  of  transit. '-n  on  the 
model  either  in  the  same  position  as  expected  in  flight,  close  to  the  loading  edge,  or  in 
an  aft  position  to  control  the  boundary  layer  scale  at  the  shock  location  or, 
alternatively,  at  the  trailing  edge  (see  Sections  2.2.1,  2.2.2  and  2.2.4  of  this  report). 

The  methods  adopted  to  fix  premature  transition  can  be  classified  under  two  main  headings: 

a)  f  >undary  layer  tripping  devices,  which  are  solid  or  fluid  obstacles  put  inside  the 
boundary  layer  to  increase  local  turbulence  and  provoke  premature  transition;  these  can 
introduce  a  more  or  less  pronounced  increase  in  drag. 

b)  External  means  influencing  the  turbulence  level  of  the  stream  ahead  of  the  model;  these 
do  not  introduce  parasite  drag  but  are  generally  scarcely  controllable. 

In  the  first  category  mav  bo  classified,  following  Schlichting  (Ref.l),  two-dimensional 
(cylindrical)  devices  (s, -unwise  wires,  ridges  and  grooves),  three-dimensional  (point- like) 
obstacles  (cylinders  or  s.r  jets  normal  to  rhe  surface  of  the  model)  and  distributed 
roughness  strips  (ballocini  or  carborundum  giains). 

In  the  second  category  fall  both  devices  influencing  the  turbulence  of  the  whole  tunnel 
stream  (a  grid  across  the  tunnel  or  simply  the  unidentified  sources  of  turbulence 
generating  the  poor  quality  of  the  flow!  and  devices  producing  a  local  increase  of 
turbulence  just  ahead  of  the  model  (a  flat  plate  or  a  wire  parallel  to  the  leading  edge). 

Other  methods  of  boundary  layer  manipulation  such  as  suction  (Refs.  1,2  and  3)  or  heat 
removal  or  addition  (Ref.l)  are  not  applied  in  current  industrial  practice. 


A )  Boundary  layer  tripping  devices 

Two-dimensional  and  tin  ce-dimensional  obstacles  essentially  differ  in  the  mechanism  of 
producing  instability  in  the  laminar  boundary  layer  (Hef.4):  two-dimensional  obstacles 
produce  .panwise  vortices  while  t.iroc-dirr.cnsionnl  obstacles  produce  streamwise  horseshoe 
vort ices . 


As  far  as  classification  of  tripping  devices  is  concerned,  care  must  be  taken  in  achieving 
the  desired  type  ot  trip:  a  spanwise  row  of  obstacles  with  too  narrow  gaps  and/or  a  too 
small  height/d iamoter  ratio  will  behave  more  as  a  two-dimensional  than  as  a  tnree- 
dimcr.siona  1  trip;  a  strip  of  distributed  roughness  will  act  as  a  rough-surface  two- 
dimens,onal  trip  if  particle  distribution  is  too  dense  and  as  a  lot  of  ranJom  three- 
dimensional  obstacles  if  particles  are  sparse. 

The  problem  is  to  find  a  tripping  device  of  minimum  dimensions  producing  effective 
transition  at  the  trip  location  without  modifying  appreciably  the  potential  flow  nor 
giving  rise  to  prohioitive  parasite  drag  making  thus  misleading  the  extrapolation  of  wind 
.tunnel  results;  the  procedure  must  furthermore  be  easily  reproducible  to  warrant  reliable 
results;  the  device  should  not  be  damaged  by  prolonged  tests  and  lastly  should  be  easily 
removable  giving  Lack  unaltered  conditions  of  the  surface. 

The  minimum  size  of  the  trip  is  difficult  to  predict  with  great  accuracy  and  is  a  function 
of  the  Reynolds  and  Mach  numbers.  Thus,  if  the  minimum  trip  is  to  be  used,  a  preliminary 
experiment  is  required  to  determine  its  size  and,  furthermore,  the  size  should  be  changed 
as  the  conditions  of  the  experiment  are  moditied. 

For  instance,  an  increase  in  the  angle  of  attack,  and  hence  a  variation  of  the  position  of 
the  stagnation  point  on  an  airfoil,  makes  the  upper  surface  trip  less  effective  and  the 
under  surface  trip  more  effective,  Fig.l  (Ref. 5).  Since  it  would  bo  a  time-consuming,  and 
therefore  expensive,  procedure  to  develop  different  transition  strips  for  different  test 
conditions,  it  is  a  practice  to  select  a  compromise  configuration  that  will  originate 
zones  o'  cverf  ixinc  as  the  ancle  of  attack  is  char.cec. 


Overfixing,  in  fact,  is  believed  to  be  always  better  than  underfixing  since,  Fig. 2 
(Ref. 6),  it  is  expected  that  overfixing  produces  only  small  drag  increases  while 
underfixing  provokes  a  rearward  displacement  of  the  transition  point  giving  rise  to  strong 
variations  in  drag. 

The  experimental  results  reported  in  Figs.  3  (Ref. 6),  4  (Ref. 7),  5  (Ref. 8)  show  that  the 
drag  increase  due  to  the  use  of  trips  one  or  two  grits  more-  than  the  minimum  is  of  few 
counts . 


i)  Two-dimensional  trips 

The  use  of  a  two-dimensional  trip,  as  a  wire  glued  to  the  wall  of  the  model  and 
perpendicular  to  the  stream,  is  confined  to  2-D  model  configurations.  As  the  diameter  of 
the  wire  is  increased  the  point-  of  transition  moves  progressively  upstream  from  the  point 
of  natural  transition  towards  the  position  of  the  wire  (Ref. 9).  A  frequently  used 
characteristic  parameter  is  the  ratio  between  wire  diameter  and  displacement  thickness, 
the  transition  point  reaching  a  position  close  behind  the  wire  when  this  ratio  is  of  the 
order  of  magnitude  one. 

An  empirical  law  for  the  determination  of  the  relative  position  of  transition  point  and 
trip  in  terms  of  the  height  of  the  roughness  clement  nas  been  given  by  Dryden  (Ref. 10). 

A  corresponding  critical  Reynolds  number,  based  on  wire  diameter  and  free  stream  flow 
conditions,  equal  to  700  has  been  calculated  by  Winter  and  eoworkers  (Ref. 11)  as  a  result 
of  a  correlation  of  many  experimental  data  in  the  range  of  subsonic  speeds  up  to  M=0.9.  At 
supersonic  speeds  the  critical  value  increases  exponentially  with  Mach  number  (Fig. 6). 
KrHmcr  (Ref. 12)  finds  a  Reynolds  number  equal  to  900  for  a  fully  effective  trip  but  states 
that  also  in  this  ease  a  minimum  distance  remains  between  the  position  of  the  transition 
point  and  the  position  o£  the  wire  such  that  the  difference  between  the  corresponding 
Reynolds  numbers  is  2*10*. 

In  the  case  of  flat  cross  sections  (rectangular  ridges)  the  value  of  the  critical  Reynolds 
number  is  considerably  larger,  whereas  for  sharp  elements  it  becomes  smaller. 

Ridges  may  consist  of  a  series  of  wires  stucked  to  the  surface  or  of  strips  of  plastic 
material  formed  between  pieces  of  adhesive  tape  which  arc  subsequently  removed.  This 
method  is  used  in  preference  to  strips  of  tape  because  it  is  possible  to  produce  ridges 
with  sharp  edges  which  are  more  effective  for  a  given  height.  After  prolonged  running  the 
corners  of  the  ridge  may  become  rounded,  and  it  then  needs  to  be  replaced  if  its 
effectiveness  is  to  be  maintained. 

Sometimes  it  is  the  practice  to  use  (imitate  wires  or  ridges  in  succession:  in  general 
those  are  preferred  to  single  elements  since  their  size  can  be  smaller  and  consequently 
the  disturbances  produced  in  the  main  stream  are  not  so  severe. 

A  method  of  provoking  transition,  recently  developed  in  England  (Ref. 6),  makes  use  of 
stripes  of  alpha-numerie  transfer  characters  as  produced  for  graphic  art  work  (l.etraset). 
The  material,  being  very  thin  and  self-adhesive,  can  be  built  up  in  layers  to  produce  a 
very  regular  transition  band  with  the  required  thickness. 


ii)  Three-dimensional  trips 

A  spanwisc  row  of  isolated  exoresocnscs  can  be  used  to  fix  transition.  The  reqions  of 
turbulent  flow  behind  these  spread  laterally  downstream  and  transition  across  the  whole 
span  is  achieved  when  the  regions  of  turbulence  formed  downstream  of  the  exereseences 
unite.  This  delay  in  the  formation  of  a  uniformly  turbulent  layer  precludes  the  use  of  the 
technique  if  it  is  required  to  fix  transition  very  close  to  the  leading  edge.  In  some 
eases  the  method  has  advantages  in  that  the  effect  of  the  excreseenses  is  believed  to 
be  quite  independent  of  the  direction  of  the  flow  in  the  boundary  layer. 

The  experimental  data  collected  by  Braslow  (Ref. 13)  show  that  the  critical  value  of  the 
roughness  Reynolds  number,  based  on  the  velocity  at  the  height  of  the  roughness  and  the 
height  of  the  roughness,  is  a  function  of  the  ratio  between  the  diameter  d ‘  and  the 
height  'k '  of  the  roughness.  For  d/k=l  the  roughness  Reynolds  number  goes  from  600  to  700 
(Fig. 7)  and  is  practically  indepe  dent  of  Maeh  number  at  low  speed. 

Several  methods  are  available  for  constructing  the  exereseences:  one  is  to  insert  short 
lenghts  of  wire  protruding  from  the  surface  of  the  model,  a  variant  is  the  use  of  small 
discs  (Refs. 14  and  15)  or  spherical  particles  glued  or  soldered  on  the  surface  of  the 
model . 

A  transition  band  obtained  by  cutting  a  self-adhesive  tape  in  a  saw-tooth  shape  has  been 
tested  at  the  ONERA  in  Modnnc  (Rets.  15  and  16).  The  tests  showed  that  the  minimum 
thickness  required  to  obtain  transition  is  larger  than  that  required  for  a  distributed 
roughness  strip  giving  rise  to  a  larger  parasite  drag. 

A  new  type  of  transition  band  has  been  developed  at  the  R\E  (Ref.G)  consisting  of  a  very 
thin  strip  of  metal  foil  through  which  a  single  row  of  small  holes  is  punched  using  a 
sewing  machine.  The  ec  es  of  these  holes  arc  ragged  and  form  minute  "coronets"  whose  size 
can  be  controlled  by  using  different  sizes  of  needle.  These  "coronets"  arc  considered  as 
combining  the  trip  height  control  of  ballotini  with  the  ef fecti v  ;ness  of  sharp  irregular 
carborundum  particles  and  giving  furthermore  a  superior  control  of  density  distribution  as 
compared  to  distributed  roughness  trips. 
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Chordwise  wires  or  plastic  strips  contouring  the  leading  edge  produce  a  turbulent  boundary 
layer  by  lateral  contamination  of  the  laminar  boundary  layer  (Ref. 17).  This  procedure  is 
advantageous  since  it  does  not  induce  perturbations  in  the  potential  flow  and  is  more 
effective  than  other  tripping  methods  at  high  angles  of  attack,  see  Fig. 8  (Ref. 7).  An 
example  of  the  measured  velocity  profiles  on  an  airfoil  downstream  of  longitudinal  wires 
is  reported  in  Fig. 9  (Ref. 18). 

To  overcome  the  difficulty  of  selecting  the  minimum  useful  size  of  the  disturbance,  which 
is  a  function  of  the  particular  experiment,  a  technique  is  sometimes  used  in  which  the 
size  of  the  disturbance  can  be  varied  simply  during  the  experiment  from  outside  the 
tunnel.  A  row  of  holes  is  drilled  across  the  span,  and  the  disturbance  is  created  by 
allowing  a  small  quantity  of  air  to  flow  from  these  into  the  boundary  layer.  If  m  denotes 
the  rate  of  mass  flow  of  air  injected  into  the  boundary  layer  per  unit  span  and  the 
corresponding  boundary  layer  flow  then  the  drag  increases  with  m  up  to  a  constant  value 
when  m/mB> 0 . 0 1 5 ,  Fig. 10  (Ref. 7). 

This  is  probably  the  most  elegant  way  of  producing  transition  since  the  size  of 
disturbance  can  be  varied  by  controlling  the  air  flow.  It  is,  however,  of  limited 
application  to  general  models  on  account  of  the  pipework  involved.  Fig. 11  (Ref.7). 

Potter  proposes  in  Ref. 19  the  use  of  vortex  generators  as  trips  assuming  that  the  extra 
drag  be  not  worse  than  that  caused  by  other  conventional  trips .  The  problems  involved  are 
the  lack  of  data  on  the  development  of  transition  downstream  of  the  device  and  the 
spanwise  non  uniformity. 


iii)  Distributed  roughness. 

A  narrow  band  of  the  model  surface  is  roughnened  by  coating  it  with  a  minimun  thickness  of 
an  adhesive  (epoxy  resin  or  lacquer)  and  dusting  it  with  carborundum,  sand  or  ballotini  of 
known  average  grain  size. 

Provided  that  the  roughness  be  sparsely  distributed  (a  too  dense  roughness  would  act  as  a 
two-dimensional  trip),  transition  moves  very  close  to  the  roughness  when  a  critical 
roughness  Reynolds  number, Re.  ,  is  attained.  Experimental  investigations  have  determined 
that  this  critical  value  is  e<5ual  to  600  (Ref. 20).  This  value  is  constant,  except  at  the 
low  values  of  the  length  Reynolds  number,  Rex,  at  subsonic  speeds.  At  low  values  of  Rex, 
less  than  lCr,  resulting  from  either  a  decrease  in  tunnel  unit  Reynolds  number  or  a  x 
decrease  in  the  distance  of  the  roughness  band  from  the  leading  edge,  the  value  of  Re^  cr 
increases  above  600.  The  value  of  Re^  cr  remains  constant  up  to  approximately  M=2,  ' 

thereafter  it  begins  to  increase.  ' 

The  magnitude  of  the  disturbance  is  usually  smaller  when  distributed  roughness  is  used 
than  for  a  two-dimensional  trip.  Grit-type  trips  offer  another  advantage:  they  make 
possible  to  optimize  transition  by  selecting  the  minimum  local  grit  size  along  the  span, 
see  Fig. 12  (Ref.  21). 

Ballotini  and  carborundum  grains  are  the  most  used  roughness  materials  as  ballotini  can  be 
graded  down  to  quite  small  diameters  with  a  small  variation  in  particle  size  and 
carborundum  is  readily  available  and  shows  superior  effectiveness  in  provoking  transition 
due  to  the  resulting  sharp  and  irregular  surface  of  the  strip. 

Since  the  concept  of  "sparse"  distribution  is  quite  vague  the  need  is  felt  to  compare  the 
quality  of  the  obtained  strip  with  some  standard  test  specimens  of  proved  effectiveness  in 
order  to  warrant  a  good  repeatibility  of  the  strips  in  different  tests  or  in  the  case  of 
replacement  of  a  damaged  .strip. 


B )  External  means 

A  high  level  of  turbulence  in  the  stream  will  cause  premature  transition  on  a  model  by 
lowering  the  critical  Reynolds  number.  The  unsolved  problem  is  the  exact  correlation 
between  intensity  of  turbulence  and  location  of  transition  on  a  model  since  also  the  scale 
of  turbulence  may  play  an  important  role  on  the  response  of  the  boundary  layer  (Ref. 19). 


i)  Increasing  turbulence  of  the  whole  wind  tunnel  stream 

Otto  (Ref. 22)  made  a  systematical  investigation  of  the  effects  of  a  grid,  suspended  across 
the  wind  tunnel  ahead  of  the  test  section,  on  the  measured  aerodynamic  forces  on  a  model. 
He  found  a  simple  correlation,  valid  for  low  speeds,  between  intensity  of  turbulence  and 
turbulence  factor,  defined  as  the  ratio  "effective  Reynolds  number/test  Reynolds  number". 
Altough  similar  effects  could  be  expected  in  a  high  speed  wind  tunnel  the  technique  would 
result  in  an  excessive  increase  in  the  power  needed  to  drive  the  tunnel . 

It  would  also  be  possible  to  use  the  inherent  high  level  of  turbulence  of  a  tunnel  to 
simulate  higher  Reynolds  numbers;  this  feature  that  causes  a  particular  tunnel  to  be  a 
poor  facility  for  transition  research  would  make  it  suitable  for  viscous  simulation. 

It  is  doubtful  if  such  an  environmental  trip,  which  could  be  rather  desirable  being  free 
of  inherent  drag,  may  be  used  with  confidence. 


ii )  Devices  increasing  local  turbulence  ahead  of  the  model 

A  wire  can  be  suspended  near  and  parallel  to  the  leading  edge  such  that  the  model  be  in 
the  turbulent  wake  of  the  wire.  The  method  is  not  successful  in  supersonic  flows  as  large 
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disturbances  are  propagated  into  the  main  stream  whilst  only  a  narrow  wake  is  produced. 
Furthermore  the  position  of  the  wire  must  be  changed  if  the  incidence  is  altered  by  a 
large  amount. 

Occasionally  turbulent  flow  in  the  boundary  layer  over  the  whole  surface  of  the  model  has 
been  produced  by  supporting  a  flat  plate  ahead  of  it.  Although  valuable  in  certain 
experiments,  the  technique  has  the  objections  that  it  is  restricted  to  symmetrical 
airfoils  at  zero  incidence  and  that  the  turbulent  boundary  layer  produced  on  the  model  is 
relatively  thick. 

2. 3. 2. 2  TRANSITION  DETECTION 

In  order  to  control  the  effectiveness  of  a  transition  fixing  device  in  the  whole  envelope 
of  test  conditions  (angle  of  attack,  Mach  number  etc.)  reliable  methods  are  required  to 
check  that  a  true  turbulent  boundary  layer  has  been  generated  at  the  desired  location. 

The  methods  adopted  to  detect  transition  can  be  divided  in  two  classes: 

a)  Methods  relying  on  the  measurement  of  thermofluid-dynamic  quantities  inside  the 
boundary  layer;  the  inception  of  turbulence  is  detected  from  theoretically  well  known 
features  such  as  velocity  profile,  thickening  of  the  boundary  layer,  increase  of 
turbulence  level  and  of  acoustic  noise.  The  adopted  techniques  are  measurements  of 
stagnation  pressure  profiles  with  Pitot  tubes,  measurements  of  intensity  of  turbulence 
with  hot-wire  or  Laser-Doppler  anemometers,  visualization  of  compressible  boundary  layers 
with  optical  methods,  detection  of  pressure  fluctuations  with  stethoscopes  or 
piezoelectric  sensors. 

b)  Methods  based  on  the  detection  of  the  increase  of  mass,  momentum  and  energy  diffusion 
taking  place  at  the  model  surface  once  transition  to  turbulent  boundary  layer  has  been 
achieved . 

The  most  used  technique  is  surface  flow  visualization  with  oil  flow  or  with  sublimating  or 
evaporating  substances,.  Not  broadly  used  in  industrial  practice,  but  nevertheless 
promising  in  a  laboratory  environment,  are  measurements  of  temperature  recovery  factor 
with  thermocouples,  hot  films,  liquid  crystals  and  thermography. 


A)  Boundary  layer  measurements 

i)  Velocity  profiles  and  total  pressure  measurements. 

These  methods  are  based  on  the  marked  difference  existing  between  velocity  profiles  in 
laminar  and  turbulent  boundary  layers.  Velocity  profiles  at  different  chordwise  stations 
are  measured  with  a  single  Pitot  tube  traversing  the  boundary  layer  normally  to  the  model 
surface  or,  alternatively,  with  a  rake  of  Pitot  tubes.  The  procedure  relying  on  point 
measurements  is  time  consuming;  furthermore  the  presence  of  the  Pitot  tube  may  alter  the 
behaviour  ,of  the  boundary  layer. 

A  simpler  procedure  consists  in  measuring  the  total  head  in  the  proximity  of  the  surface 
with  a  Preston  tube  (Ref.  23).  Transition  is  detected  by  a  chordwise  exploration  of  the 
boundary  layer:  the  transition  point  is  characterized  by  a  sudden  increase  of  the  total 
head.  Alternatively  a  total  head  exploration  can  be  made  at  a  distance  from  the  wall 
slightly  smaller  than  the  expected  turbulent  boundary  layer  thickness;  in  this  case  a 
sudden  decrease  of  the  total  head  will  indicate  transition. 


ii)  Turbulence  measurements 

The  onset  of  a  high  level  of  turbulence,  typical  of  transition,  can  be  directly  measured 
with  a  fast  response  anemometer  such  as  a  hot-wire  or  a  Laser-Doppler  anemometer. 

Both  anemometers  give  point  measurements  and  are  therefore  most  suited  for  the  exploration 
of  two-dimensional  models ;  both  require  sophisticated  electronic  circuitries  and  data 
reduction  procedures.  The  Laser-Doppler  anemometer  is  a  non-intrusive  diagnostic  tool  but 
requires  flow  seeding. 

An  alternative  approach  is  the  detection  of  increased  acoustic  noise  in  the  zone  of 
transition  using  surface  stethoscopes  or  piezoelectric  gauges  (Refs.  23  and  24). 


iii)  Optical  methods 

In  compressible  flows,  especially  supersonic  flows,  optical  techniques  are  particularly 
useful  in  giving  information  about  transition  since  they  visualize  the  modification  of  the 
law  of  boundary  layer  thickening  typical  of  transition.  Shadowgraphy ,  Schlieren  method, 
interferometry  and,  recently,  holography  all  have  been  used  successfully. 

An  interesting  advantage  of  shadowgraphy  is  that  transition  can  be  detected  easily  because 
the  position  of  maximum  rate  of  change  of  the  density  gradient  is  farther  from  the  surface 
in  a  laminar  boundary  layer  than  in  a  turbulent  boundary  layer  of  similar  momentum 
thickness,  so  that  a  bright  line  marking  this  position  in  the  flow  dips  towards  the 
surface  as  transition  occurs  (Ref. 25). 

Optical  methods  have  the  obvious  advantage  of  being  non-intrusive  but  have  the  serious 
disadvantage  of  giving  only  integrated  results  along  the  light  path;  their  use  must  be 
therefore  confined  to  two-dimensional  or  axiall y-symmetric  fields. 
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B )  Diffusion  based  methods 

i)  Methods  based  on  momentum  diffusion  (wall  shear  stress) 

The  use  of  non  volatile  liquid  films  is  based  on  the  principle  that  the  film  moves  in  the 
direction  of  the  surface  shear  stress  on  the  model.  It  is  of  most  value  in  showing  the 
presence  of  any  separation  region  or  in  indicating  the  surface  streamlines.  Also 
transition  can  be  seen  as  the  surface  shear  in  a  turbulent  region  may  be  sufficient  to 
remove  the  liquid  there,  whilst  it  remains  in  a  laminar  region. 

Alternatively,  during  the  time  before  the  liquid  is  swept  away  from  a  turbulent  region,  it 
is  sometimes  possible  to  see  a  difference  in  the  wave  pattern  on  the  surface  of  the  liquid 
there,  compared  with  a  laminar  region:  the  wavelenght  in  the  laminar  region  being  larger 
than  that  in  the  turbulent  region.  This  method  can  be  used  in  intermittent  tunnel  tests. 

The  viscosity  of  the  liquid  must  be  chosen  according  to  tunnel  speed  and  test  duration: 
maximum  viscosity  being  required  for  continuous  supersonic  wind  tunnels.  For  low  speeds 
tunnels  the  most  suitable  liquids,  in  ascending  order  of  viscosity , are :  kerosene,  light 
Diesel  oil,  light  transformer  oil.  In  order  to  obtain  a  better ■ contrast  a  pigment  is 
added:  white  pigments,  as  titanium  dioxide  or  china  clay,  on  black  models;  a  black  powder 
(lampblack)  on  light  models;  fluorescent  pigments,  to  be  observed  with  ultraviolet  light, 
irrespective  of  model  colour.  An  additive,  as  oleic  acid  with  titanium  dioxide,  is  usually 
used  to  control  the  size  of  paint  floes.  Heavy  oils  suitable  for  high  speed  are 
fluorescent  and  good  contrast  is  obtainable  by  viewing  the  film  in  ultraviolet  light. 

ii )  Methods  based  on  mass  diffusion  (evaporation  and  sublimation) 

The  most  used  methods  in  wind  tunnel  work  are  based  on  the  differential  rate  of  mass 
diffusion  (evaporation  and  sublimation).  If  the  surface  of  the  model  is  coated  with  a  thin 
film  of  a  liquid  or  a  sublimable  solid  the  turbulent  region,  due  to  its  higher  rate  of 
mass  diffusion,  causes  a  higher  rate  of  evaporation  or  sublimation.  The  disappearance  of 
the  liquid  or  solid  film  can  be  rendered  visible  with  some  appropriate  artifice. 

In  the  china-clay  method,  developed  at  the  NPL  during  the  II  WW,  the  model  is  permanently 
coated  with  white  china-clay  which  is  sprayed  with  a  liquid  (methyl  salicylate)  having  the 
same  index  of  refraction  of  the  solid  particles;  the  coating  appears  transparent  when 
moist  and  the  white  surface  reappears  after  evaporation. 

The  liquid  film  technique  is  frequently  used  when  a  quick  indication  of  transition  is 
required  in  the  course  of  a  wind  tunnel  test.  A  volatile  oil  is  wiped  on  the  surface,  the 
film  evaporates  more  quickly  in  the  turbulent  region.  The  indication  is  clearer  on  a  matt 
black  surface. 

In  high  speed  wind  tunnels  the  evaporation  technique  has  been  almost  completely  discarded 
in  favour  of  sublimation  methods  where  a  solution  of  a  suitable  solid  in  a  highly  volatile 
liquid  is  sprayed  onto  the  model.  Indication  of  the  state  of  the  boundary  layer  is  then 
shown  by  the  different  rates  of  sublimation  of  the  solid  deposit  in  different  flow 
regimes . 

In  continuous  supersonic  wind  tunnels  a  slow  indicator  such  as  azobenzene  is  used,  a  rapid 
indicator  such  as  hexaclorethane  is  used  in  intermittent  supersonic  wind  tunnels.  A  medium 
indicator  like  acenaphtene  is  widely  used  in  subsonic  and  transonic  tests. 

Care  must  be  taken  not  -to  spray  the  sublimating  substance  onto  the  transition  strip  whose 
effectiveness  could  otherwise  be  diminished  (Ref.  15). 

iii)  Methods  based  on  thermal  diffusion  (temperature  recovery  factor) 

On  an  adiabatic  wall  a  higher  temperature  recovery  factor  is  expected  if  the  boundary 
layer  is  turbulent  than  if  it  is  laminar.  The  position  of  transition  can  be  thus  detected 
measuring  wall  temperature  provided  that  conduction  in  the  wall  be  negligible. 

Thermocouples  and  hot  films  have  been  used  to  detect  transition  ;  since  both  devices  give 
point  measurements  their  use  is  not  reccommended  in  three-dimensional  tests  where  a  too 
large  number  of  sensors  would  be  necessary. 

Liquid  crystals  and  temperature-sensitive  paints  able  to  visualize  temperature 
distribution  on  the  model  (contact  thermography)  have  been  extensively  tested  at  the  ONERA 
(Ref.  26).  Both  are  sensitive  only  in  a  quite  narrow  range  of  temperatures  so  that  the 
tunnel  temperature  must  be  carefully  selected.  The  tests  showed  a  superiority  of 
temperature-sensitive  paints  as  compared  with  liquid  crystals  that  are  furthermore  quite 
sensitive  to  mechanical  strains. 

Alternatively  thermography  has  been  used,  for  instance  by  Peake  and  coworkers  (Ref. 27)  at 
the  NAE,  utilizing  an  infra-red  imaging  camera  coupled  to  a  sophisticated  oscilloscope 
which  together  produce  a  real  time  TV-type  display  of  the  infra-red  emission  from  a  model 
surface . 

The  method  has  the  advantage  of  not  being  intrusive  and  is  thus  particularly  useful  when, 
as  rn  high  Reynolds  number  flows,  arrays  of  impact  tubes  and  also  sublimating  solutions 
and  oil-flow  visualization  indicators  may  themselves  introduce  sufficient  roughness  to 
promote  premature  transition. 

Care  must  be  taken  in  selecting  wind  tunnel  windows  material  since  both  glass  and  quartz 
are  opaque  to  the  wavelenghts  of  the  infra-red  emission  for  which  the  camera  detector  is 
sensitive  (Ref. 28). 


2. 3.2.3  CONCLUSIONS 


The  most-  used  techniques  in  inclustri.il  practice  to  provoke  transition  <it  the  desired 
location  on  the  model  roly  on  narrow  strip?,  of  sparsely  distributed  ballotini  or 
carborundum  grain’..  Carborundum  is  preferred  for  its  sharp  irregular  shape  giving  rise  to 
a  superior  effect  ones*  in  tripping;  ballotini  arc  preferred  for  their  closer  dimensional 
control . 

A  new  technique  trving  to  combine  these  two  desirable  features  has  been  proposed  which 
makes  use  of  "coronets"  produced  with  a  sowing  machine  on  ton;  metal  strips. 

Another  recently  proposed  technique  makes  use  of  transfer  characters  (betrauet)  build  up 
in  layers  of  the  desired  thickness. 

Methods  based  on  the  inc.easo  «f  the  turbulence  level  of  the  stream  ahead  of  the  model  are 
to  be  considered  not  sufficiently  reliable. 

The  two  most  used  techniques  to  detect  transition  on  3-D  models’  are  both  based  on  surface 
visualization:  the  first  one  makes  use  of  sublimating  substances,  accnaphtcne  in  luih 
subsonic  and  transonic  tests;  the  second  one  makes  us"  of  fluorescent  oil  *  ultra-violet 
1 i ght . 

An  alternative  technique,  promising  for  its  reversibility,  is  the  visualization  of 
temperature  distribution  on  the  surface  with  an  infra-red  camera  (thermography)  or  with  a 
tempera t arc-sens i t i ve  paint. 

For  2-D  or  axi a  1 ly-symmot r ical  models  more  conventional  techniques  can  be  used  as. 
measurements  of  velocity  profiles  with  pitot  tubes,  boundary  layer  thickness  with  optical 
methods,  turbulence  levels  with  hot-wire  or  baser -Doppler  anemometers. 
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Fig. 1-Ef feet  of  the  angle  of  attack  on  the  Fig.2-Ideal  drag  variation  with  roughness 
minimum  trip  size  required  to  fix  height  or  grain  size  (Ref. 6). 

transition  on  an  airfoil  (Ref.5). 
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Fig. 3-Variation  of  drag  with  ballotini 
grain  size  for  a  wing  body  model 
(Ref .6) . 


Fig. 4-Inf luence  of  the  height  of 

transition  trip  on  the  measured 
drag  (Ref.7). 
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Fig. 5-Inf luence  of  size  of  roughness  elements  on  drag 
(Ref .8) . 
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Fig. 7-Low  speed  correlation  of  3-D  roughness  transition 
data  in  terms  of  the  local  roughness  Reynolds 
number  and  the  roughness  shape  parameter  (Ref. 13). 
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Fig. 8-Effect  of  chordwise  trips  on  transition  fixing 
as  compared  with  spanwise  trips  {Ref. 7). 


Fig. 9-Velocity  profiles  measured  downstream  of 
longitudinal  wires  (Ref. 18). 
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Fig. 10-Effect  on  the  drag  of  air  injection  from 
both  surfaces  of  the  aerofoil  RAE  5225. 
*=0.53* (c.=0.3) ,  M=0 .  735 ,  Re  =6*10° 

(Ref. 7).  L  c 
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Fig. 11-Model  RAE  2058  aerofoil  equipped  with  air  'njection  ducts  and 
holes  (Ref. 7 1 . 
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Fig .  1 2-OptiJfti  zed  grit  size  distribution 
on  an  AIRBUS  model  (Ref. 21). 
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SECTION  2.4 

SUMMARY  AND  RECOMMENDATIONS 
BY 

Review  Committee 


The  surveys  of  relatively  simple  configurations  (bodies,  high  aspeet  ratio  wings  and  delta  wings) 
ail  start  with  a  phenomenological  distinction  between  the  various  flow  regimes.  Such  a  distinction  is 
essential  for  a  good  understanding  of  what  is  really  happening.  It  also  clearly  shows  that  a  simul¬ 
ation  methodology,  at  least  when  it  is  intended  to  simulate  aspects  of  high  Reynolds  number  flow  at 
wind  tunnel  Reynolds  numbers,  can  never  be  general  but  should  always  be  tuned  to  a  particular  flow 
regime.  But  besides  these  differences  two  basic  phenomena  seem  to  be  of  importance  in  nearly  all  cases 
(as  is  well  known):  the  influence  of  the  state  of  the  boundary  layer  (either  laminar,  transitional  or 
turbulent)  and  the  Influence  of  boundary  layer  aeparation  on  'he  aerodynamic  characteristics.  The  pro¬ 
blem  is  further  aggravated  by  the  fact  that  boundary  layer  separation  is  very  often  strongly  coupled 
with  the  upstream  history  of  the  boundary  layer  and  henee  its  state. 

The  uncertainty  with  respect  to  the  state  of  the  boundary  layer  appears  to  be  a  very  fundamental 
and  almost  insuperable  limitation  of  wind  tunnel  testing  and  high  Reynolds  number  prcdictior  In 
principle,  theories  arc  available  to  predict  the  transition  point  for  various  types  of  flow  (see  c.g. 
fig.  7.8  of  section  2.2.4).  But  it  is  still  very  much  uncertain  how  the  "theoretical"  transition  point 
(in  practice  always  a  transition  region)  is  affected  by  other  disturbances  like  flow  quality,  temper¬ 
ature  effects  and  surface  roughness  (see  section  2.3.1).  Experimental  information  in  this  respect  is 
limited  to  simple  flows  like  flat  plates  or  cones.  Similar  information  for  other  types  of  transition 
processes  (attachment  line  flows,  cross  flow  instabilities,  etc.)  is  missing.  The  pessimists  will 
argue,  in  view  of  these  sensitivities,  that  transition  prediction  will  never  be  satisfactory.  The 
optimists  will  plead  for  more  theoretical  and  experimental  work. 

If  the  state  of  the  boundary  layer  cannot  be  predicted  adequately,  it  should  at  least  be  measured 
in  the  wind  tunnel.  The  reviews  did  not  indicate  that  this  is  done  systematically  in  routine  testing. 

The  subilmatlon  technique  for  transition  detection  is  still  the  most  widely  used.  But  this  technique 
is  time  consuming  and  therefore  expensive.  There  is  no  doubt  however  that  there  is  a  large  market  for 
a  transition  detection  method  that  can  be  used  routinely  in  combination  with  standard  force  and  press¬ 
ure  measurements. 

Faced  with  this  situation,  it  is  quite  comprehensible  that  industry  very  often  fjvours  tests  with 
artificially  fixed  boundary  layer  transition.  The  survey  reveals  that  this  is  particularly  true  (with 
some  exceptions)  for  drag  evaluation.  One  is,  when  proper  care  is  taken  in  the  selection  of  the 
transition  strip,  sure  of  turbulent  boundary  layer  development  and  eliminates  all  unknown  and  unwanted 
transition  point  variations.  When  the  boundary  layer  is  assumed  to  be  turbulent  at  flight  Reynolds 
number  one  should  expect  at  least  a  qualitative  correspondence  between  wind  tunnel  and  flight.  Such  a 
qualitative  correspondence  opens  the  way  to  Reynolds  number  extrapolation,  cither  by  theory  or 
experiment . 

At  this  point,  however,  the  second  phenomenon  of  boundary  layer  separation  presents,  as  is  also 
well  known,  a  potential  conflict.  At  low  tunnel  Reynolds  numbers,  with  separated  flow  (or  a  particular 
type  of  separation)  the  qualitative  correspondence  is  lost  when,  at  flight  Reynolds  numbers,  that 
separation  is  absent  (or  of  another  type).  There  are,  in  principle,  two  solutions  to  this  problem, 
apart  from  high  Reynolds  number  testing.  One  solution  is  conservative  design  such  that  separations  are 
absent  in  the  wind  tunnel  or  Reynolds-insensitive  (salient  edges!)  at  critical  areas  of  the  flight 
envelope.  The  other  solution  is  to  modify  the  boundary  layer  development  in  the  wind  tunnel  in  such  a 
way  that  separation  ia  avoided.  The  survey  shows  a  number  of  techniques  that  are  actually  used:  aft- 
fixation  (to  thin  the  turbulent  boundary  layer),  vortex  generators  (to  energise  the  boundary  layer) 
and  contour  modifications  (to  relief  the  pressure  gradient).  It  is  Interesting  to  note  here  that  the 
application  of  these  techniques  appears  to  be  always  limited  to  one  tvpc  of  flow  in  relation  with  a 
particular  aerodynamic  characteristic  like  the  determination  of  buffet  boundary,  shock-wave  drag, 
afterbody/jet  interference,  stall  characteristics,  etc.  The  flow  is  often  well  understood  in  these 
cases.  One  docs  not  necessarily  aim  for  an  exact  simulation  of  the  flight  Reynolds  number  (as  a  con- 
sequency  of  practical  limitations  like  the  available  length  of  laminar  boundary  layer  development), 
but  it  provides  at  least  an  indication  of  the  sensitivity  for  Reynolds  number  changes.  One  type  of 
flow  appears  to  be  the  most  popular  in  this  respect:  the  two-dimensional  flow  over  an  airfoil  with  a 
substantia]  region  of  supercritical  flow  terminated  by  a  shock  wave.  This  type  of  flow  is  known  to  be 
Reynolds  number  sensitive  and  of  Rreat  practical  significance.  But  it  is  also,  fortunately,  a  flow 
where  the  aft-fixation  technique  can  be  applied  due  to  a  substantial  region  of  laminar  boundary  layer 
flow.  It  is  an  "easy  case"  for  simulation. 

Is  that  the  reason  why  flows  with  shock-waves  near  the  ieading  edge  (as  shown  in  section  2.4, 
figs.  5  and  6)  have  received  much  less  attention?  Also  stili  relatively  simple  flows  like  the  vortex 
flow  on  delta  wings  and  the  flow  on  bodies  of  revolution  have  not  been  studied  sufficiently  from  the 
point  of  view  of  the  effects  resulting  from  a  change  in  boundary  layer  development  and  the  subsequent 
viscous/non-viscid  interaction  (although  some  good  references  can  be  found  in  the  reviews  of  chapter  2). 

Flows  arc  not  always  simple  and  section  2.4  brings  us  back  to  the  reaiity  of  complex  configur¬ 
ations.  They  are  defined  as  "any  eonf igure'-ion  for  which  three-dimensional  effects  become  important". 

And  one  might  add  here  configurations  where  interaction  occurs  between  various  types  of  flow.  The 
section  makes  it  very  clear  that  simple  recipes  don't  work  here.  The  best  one  can  do  is  to  try  the 
understand  the  flow  and  its  sensitivity  to  boundary  layer  changes  by  comparing  results  with  free  and 
variable  fixation,  by  a  systematic  build-up  of  a  test  program  starting  from  simple  basic  geometries, 
by  evaluating  the  effects  of  local  modification.  It  also  appears  that  not  the  lock  of  knowledge 
(although  a  better  understanding  is  clearly  wanted)  but  coats  and  the  complexity  of  the  fiow  severely 
limit  the  application  of  simulation  methodologies:  "For  combat  aireraft  at  high  incidence  the  uncer¬ 
tainty  of  acale  effects  is  auch  that  correction  of  wind  tunnel  resuita  to  fuil  scale  is  often  not 
attempted”.  (Conclusion  6  of  section  2.4.) 


92 


The  final  question  is  then  how  to  proceed  with  the  development  o.  "simulation  methodologies”. 

The  answer  is  outside  the  scope  of  the  review  committee. 

Nevertheless,  some  recommendations  can  be  given: 

1.  More  experimental  information  is  required  with  respect  to  the  influence  of  disturbances  (like  flow 
quality,  surface  roughness,  heat  transfer)  on  transition  location;  the  study  should  not  be  limited 
to  boundary  layers  on  flat  plates  or  cone  surfaces  but  instead  be  concentrated  on  attachment  line 
flows  (either  along  the  leading  edge  or  -  for  free  vortex  flow  -  on  Che  delta  wing  surface),  three- 
dimensional  flows  (like  a  body  of  revolution  under  incidence)  and  laminar  separation  buhhles  with 
and  without  shocks  etc.  It  should  also  be  attempted  to  include  these  effects  in  boundary  layer 
calculation  methods. 

2.  A  number  of  "building  block"  experiments  are  required  to  study  in  a  fundamental  way  different 
types  of  viscous/non-viscid  interactions  with  respect  to  the  state  of  the  boundary  layer  (laminar, 
transitional  or  turbulent)  and  its  Reynolds  number  sensitivity.  The  flow  on  two-dimensional  air¬ 
foils  with  a  large  region  of  supercritical  flow  and  an  interaction  between  shock  and  trailing 
edge  separation  is  a  typical  and  well  documented  example  of  such  a  "huilding  block”.  One  should 
look,  however,  for  other  kinds  of  flow  as  well,  like  the  flow  on  swept  leading  edges  with  shocks, 
the  secondary  separation  underneath  a  vortex  on  a  delta  wing,  separation  and  subsequent  vortex 
formation  on  bodies  of  revolution  under  uncidence,  etc.  etc. 

3.  Current  theoretical  work  on  so-called  strong  viscous/non-viscid  interaction  should  be  strongly 
supported.  As  a  first  step  it  is  sufficient  to  prescribe  the  transition  point  (if  required)  in 
these  calculation  methods.  In  the  future  it  might  be  possible  to  use  more  advanced  transition 
prediction  methods  as  described  under  1).  The  "building  block”  experiments  of  2)  are  essential 
for  the  validation  of  the  strong  interaction  methods. 

4.  The  "building  block"  experiments  will  lead  to  a  better  understanding  of  particular  details  of  the 
flow  development  as  they  appear  on  practical  configurations.  Of  a  "building  block"  experiment 
does  not  show  a  strong  sensitivity  to  viscous  changes  (state  of  the  boundary  layer,  Reynolds  num¬ 
ber)  there  is  no  reason  to  worry.  If  the  flow  is  sensitive,  the  "building  block”  experiment  might 
help  to  define  a  "simulation  methodology”  for  that  particular  type  of  flow  in  relation  with  a 
particular  aerodynamic  characteristic  (like  the  application  of  aft-fixatinn  for  buffet  boundary 
prediction) . 

5.  The  "building  blocks"  are  only  valuable  of  similar  flow  phenomena  can  be  identified  on  an  aircraft 
configuration  in  the  wind  tunnel.  This  requires  extensive  pressure  plotting,  possibly  skin 
friction  measurements  and  economical  methods  to  either  detect  or  to  fix  transition.  Where  necess¬ 
ary,  more  refined  experimental  methods  should  therefore  be  developed.  Supporting  theoretical  cal¬ 
culations  of  the  type  mentioned  under  3)  are  also  essential  to  identify  critical  parameters. 
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While  wind  tunnels  have  now  been  used  for  about  a  century  to 
obtain  performance  data  for  vehicles  to  be  used  in  atmospheric 
flight,  there  are  still  numerous  uncertainties  and  ambiguities  in 
the  interpretation  of  the  data  and  in  reliably  extrapolating  them 
to  flight  conditions.  These  issues  have  been  recently  addressed 
by  the  AGARD  Fluid  Dynamics  Panel  Working  Group  09.  This  section  is 
a  report  of  the  Methodology  Committee  of  the  working  group. 
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SECTION  3.1  INTRODUCTION 

by 

Professor  E.Rcsholko 
Dept,  of  Mechanical  and  Aerospace  Eng. 
Case  Western  Reserve  University 
Cleveland.  OH  44 106.  USA  ' 


The  simulation  problem  in  wind  tunnels  can  be  divided  into  two  parts  -  far  field  and  near  field. 

The  first  of  these  recognizes  the  finitcncss  of  the  wind  tunnel  as  compared  to  the  infinity  of  the  flight 
domain.  Techniques  have  been  proposed  for  assessing  the  blockage  and  interference  effects  due  to  the 
finite  dimensions  of  the  wind  tunnel.  More  recently,  much  attention  has  been  given  to  the  adaptive  wind 
tunnel . 

The  near  field  simulation  is  referred  to  as  viscous  or  boundary-layer  simulation  since  it  involves 
adjusting  the  boundary  layer  conditions  on  a  model  in  such  a  way  that  the  results  can  be  reliably 
corrected  to  flight  Reynolds  numbers.  This  is  usually  done  by  some  form  of  boundary  layer  tripping  since 
transition  locations  in  flight  arc  likely  to  occur  at  smaller  fractions  of  chord  or  fuselage  length  than 
in  the  wind  tunnel. 

This  section  of  the  document  presents  the  basis  of  a  6 inflation  methodology,  describes  the 
experimental,  computational  and  empirical  procedures  that  are  needed  to  implement  such  methodologies,  and 
finally  develops  detailed  methodologies  for  the  three  cases  of  transport-type  configurations,  combat 
aircraft  configurations  and  slender  bodies  or  missile  shapes.  It  is  of  course  to  be  recognized  that  the 
methodologies,  trips  and  scaling  procedures  would  be  different  for  each  of  the  flight  regimes  -  subsonic, 
transonic,  supersonic  and  hypersonic.  The  emphasis  in  the  activity  of  the  working  group  is  decidedly  on 
the  supercritical  regime  of  transonic  flight. 

A  simulation  methodology  is  the  underlying  rationale  for  relating  wind  tunnel  results  to  flight 
conditions.  Such  methodologies  are  not  unique,  and  are  in  6orac  ways  dependent  on  the  phenomenon  being 
simulated.  A  methodology  once  chosen,  will  require  the  application  of  boundary  layer  controls  or  trips 
to  implement  the  simulation.  The  methodology  may  dictate  multiple  tests,  each  with  a  different  trip 
location.  Finally,  the  wind  tunnel  results  must  be  analyzed  and  extrapolated  to  the  conditions  of  the 
full  scale  vehicle  in  flight.  This  is  accomplished  within  the  dictates  of  the  simulation  methodology 
using  computational  fluid  dynamics  (CFD)  techniques  or  well  based  empiricism.  The  ext rapolabil  ity  of  the 
test  results  is  an  important  issue  and  will  be  addressed  in  detail. 

The  organizing  concept  underlying  any  o*  the  methodologies  is  the  correct  sinxilation  of  each  of  the 
flow  regimes  that  might  be  identified  in  a  lift  coefficient  (or  eng le-of-att ack)  vs.  Kach  number  map  for 
tha  configuration  to  be  tested.  These  regimes  are  defined  by  the  various  shock-boundary  layer 
interactions  or  separations  or  combinations  thereof  that  might  appear.  For  transport-type  configurations 
there  is  more  or  less  a  single  generic  map  such  as  that  shown  in  Figure  1.  For  combat  aircraft 
configurations  there  are  a  number  of  different  cases  that  hove  to  be  considered  depending  on  sweep  angle, 
thickness  ratio  of  the  wing,  leading  edge  shape,  etc.,  making  the  situation  a  bit  more  complex.  In  all 
cases,  the  attempt  is  to  duplicate  the  flight  pressure  distribution  as  closely  as  possible  in  the  wind 
tunnel  so  that  the  principal  extrapolation  will  be  with  respect  to  Reynolds  number.  This  requires 
careful  attention  to  reproducing  nhock  locations  and  the  character  of  the  shock-wave  boundary-layer 
interactions  through  tripping. 

In  Section  3.2.1,  the  methodology  is  developed  and  elaborated.  The  remaining  portions  of  Section 
3.2  delineate  the  testing  requirements  for  both  tunnels  and  models  as  well  as  describe  the  present  and 
expected  statcs-of-thc-art  in  computational  and  empirical  techniques  that  are  useful  in  the 
implementation  of  the  simulation  methodologies.  Section  3.3  is  devoted  to  a  presentation  of  the  detailed 
methodologies  for  the  different  classes  of  configuration  considered  herein. 


95 


In  Range  1 

2-Point  Transition  Sweep  Possible 


In  Range  2 

3- Point  Transition  Sweep  Possible 


Fig.  1:  C  vs.  Mach  number  map  tor  transport  type  configurations. 

Regions  of  validity  of  data  with  different  roughness  bands 
on  a  wing  upper  surface. 
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SECTION  3.2  GENERAL  FRAMEWORK 
SECTION  3.2.1 

AN  OUTLINE  OK  THE  METHODOLOGY 

by 
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and 

A.EIsertaar 
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Anthony  Fok,  -weg  2 
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3. 2.1.1  The  basic  philosophy 

3.2.1. 1.1  Introduction 


This  section  of  the  report  introduces  the  philosophy  underlying  the  methodologies  to  be  described  in 
detail  m  Section  3.3  It  should  be  recognized  at  the  outset  that,  in  practice,  the  detailed  methodology  that 
will  be  favored  for  any  specific  test  program  is  likely  to  depend  on 

(i)  the  tunnel  being  used  for  the  tests  (see  Section  3.2.2), 

(ii)  the  type  of  configuration  being  tested  (as  illustrated  by  the  differences  in  approach  that  will  be  noted 

between  Sections  3.3.1,  3.3.2  and  3.3.3), 

(iii)  the  precise  aims  and  requirements  of  the  particular  test  program. 

There  is  therefore  no  single  methodology  that  will  serve  for  aJl  tests  in  a|l  tunnels.  However,  aH  the 
methodologies  can  be  based  on  a  single  general  philosophy. 

In  devising  the  methodologies,  there  has  been  no  conscious  intention  to  depart  from  the  best  of 
established  practice.  Rather,  the  aim  has  been  to  place  the  established  techniques  on  a  sounder  scientific 
basis  and  to  exploit  not  only  the  accumulated  practical  experience  but  also,  the  rapid  advances  that  have 
been  and  are  being  made  in  developing  theoretical  methods  and  CFD  codes  for  transonic  flow  calculations 
The  methodologies  also  make  use  of  various  empirical  relations  that  have  been  derived  from  recent 
experimental  research  on  topics  such  as  shock/boundary  layer  interaction  -  see  Section  4.5.  It  is  fair  to  say 
that  the  methodologies  represent  a  serious  attempt  to  implement  the  recommendations  of  many  lectures 
and  reviews  that  have  suggested  that  by  employing  wind  tunnels  and  CFD  tools  in  partnership,  some  of  the 
limitations  of  both  will  be  alleviated. 

There  is  far  more  to  a  simulation  methodology  than  making  decisions  about  whether,  how  and  where 
to  fix  transition.  Action  is  required  before,  during  and  after  the  actual  tunnel  tests.  CFD  codes  should  be 
used  ahead  of  the  tests  to  gain  an  early  idea  of  the  nature  of  the  flow  over  the  model  to  be  tested  and  of 
where  and  how  this  flow  is  likely  to  be  subject  to  uncertain  scale  effects.  This  knowledge  will  help  to  define 
the  detail  of  how  to  control  the  boundary  layer  over  the  model  in  the  tunnel  tests  s  The  experimental 
program  should  then  include  an  in-depth  study  of  the  viscous  effects,  the  aim  being  to  reduce  the 
uncertainties  in  the  final  phase  after  the  tests  when  the  data  have  to  be  extrapolated  to  full  scale 
conditions.  On  the  assumption  -  implicit  in  this  report  -  that  the  maximum  tunnel  test  Reynolds  number  is 
less  than  the  full  scale  value,  it  should  be  recognized  that  some  extrapolation  of  the  data  will  probably 
always  be  required.  Only  on  rare  occasions  will  it  be  possible  to  find  a  test  technique  that  will  provide  a 
complete  simulation  of  the  full  scale  viscous  flow  in  all  its  important  respects. 


3.2.1. 1.2  Types  of  scale  effect 

The  simulation  methodology  has  to  address  two  types  (1,2)  of  scale  effect: 

(i)  ‘'Direct1*  Reynolds  number  (or  viscous)  effects  arising  as  a  result  of  changes  in  the  boundary  layer  (and 
wake)  development  for  a  fixed  or  "frozen"  pressure  distribution.  Examples  of  "direct"  effects  range 
from  the  well  known  variation  of  skin  friction  with  Reynolds  number  for  a  given  transition  position  to 
complex  issues  such  as  changes  in  the  length  of  a  shock  induced  separation  bubble  for  a  given 
pressure  rise  through  the  shock,  and 

(ii)  "Indirect"  Reynolds  number  (or  viscous)  effects  associated  with  changes  in  pressure  distribution 
resulting  from  changes  with  Reynolds  number  in  the  boundary  layer  and  wake  development.  An 
example  of  a  “indirect"  effect,  one  can  note  that  changes  in  boundary  layer  displacement  thickness 
with  Reynolds  number  can  lead  to  changes  in  supercritical  flow  development  and  hence,  in  shock 
position  and  shock  strength.  Hence,  a  change  in  wave  drag  with  Reynolds  number  at  a  given  Ct  or 
incidence  can  appear  as  an  "indirect"  viscous  effect. 

Strictly,  this  distinction  (i,  ii)  between  "direct"  and  "indirect"  scale  effect  is  merely  a  convenient 
artifice  to  simplify  the  discussion  of  the  effects.  It  is  an  artificial  distinction  because,  in  practice,  the  two 
types  of  effect  are  always  coupled.  When  the  flow  issubcritical  and  fully  attached,  one  can  often  safely 
ignore  this  coupling  because  the  indirect  effects  will  be  relatively  small  but  when  shock  waves  are  present 
and  even  more  when  there  is  a  tendency  for  the  flow  to  separate,  this  coupling  can  be  very  important.  In 
CFD  terms,  "strong  coupling"  implies  that  the  flow  has  to  be  calculated  by  a  method  capable  of  allowing  for 
strong  as  well  as  merely  weak  interactions  between  the  inner  (viscous)  and  outer  (inviscid)  flow  fields.  At 


the  present  time,  (1987),  such  methods  a  re  only  in  the  early  stages  of  development  and  even  when  they 
have  been  developed  in  the  future,  it  is  likely  that  they  will  still  be  too  costly  and  time-consuming  to  use  in 
routine  app'ications  of  a  simulation  methodology.  Hence,  the  boundaries  marking  the  appearance  of  flow 
phenomena  giving  rise  to  strong  interactions  are  of  particular  significance  in  the  context  of  a  simulation 
methodology  While  the  interactions  are  weak,  one  can  rely  on  CFD  predictions  that  can  be  applied  in 
practice  as  a  guide  to  the  extrapolation  from  model  to  full  scale  but  where  the  interactions  are  strong, 
measured  trends  will  have  to  form  the  basis  for  the  extrapolation.  The  aim  for  a  good  simulation 
methodology  must  be  to  bring  these  boundaries,  if  possible,  within  the  range  of  the  tests. 3. 2.1  1.3 
Experimental  approach. 

The  approach  adopted  for  the  in-depth  study  of  the  viscous  effects  is  the  central  feature  of  the 
simulation  methodology.  Broadly,  there  are  two  possible  approaches: 

(i)  Reynolds  number  sweeps  in  which  the  model  is  tested  over  a  range  of  Reynolds  number  with 
transitionfixed  at  a  position,  probably  near  the  leading  edge,  and  close  to  where  it  is  forecast  to  occu 
in  flight  at  full  scale  Reynolds  numbers, 

(ii)  With  manipulation  of  the  boundary  layer  to  produce  a  viscous  flow  behavior  closer  to  that  forecast  tc. 
occur  "at  full  scale"Reynolds  numbers.  In  practice,  at  the  present  time  (1987),  this  implies  using  the 
after-fixing  technique  in  which  the  boundary  layer  is  allowed  to  remain  laminar  over  the  forward  par 
of  the  surface  and  transition  is  then  tripped  at  a  position  further  aft  than  in  flight.  In  other  words,  thi* 
approach  will  typically  involve  a  sweep  through  a  range  of  transition  positions 

Whenever  possible,  both  these  approaches  should  be  practiced;  this  will  give  added  confidence  in  the 
final  extrapolation.  Fig  1  presents  results  (3)  from  test  on  a  two-dimensional  aerofoil  over  a  range  of 
Reynolds  numbers  ana  transition  positions.  In  this  case,  both  approaches  can  be  followed  successfully:  the 
results  with  transition  fixed  at  0.07c  or  occurriq  naturally  near  the  leading  edge  provide  a  Reynolds  number 
sweep  from  R  =  2.3  x  106  to  R  =  30  x  10®  but  if  it  had  been  only  possible  to  test  at  R  =  2.3  x  106,  tests  with 
transition  fixed  at  0.30c  would  have  provided  a  reasonable  simulation  of  data  near  R  =  8  x  106  and  then, 
one  would  have  had  to  extrapolate  to  R  =  30  x  106  with  the  help  of  CFD  predictions  which  should  have 
been  acceptable  in  this  case  in  view  of  the  fact  that  the  data  with  transition  fixed  at  0.07c,  are  smooth  and 
do  not  exhibit  any  sudden  discontinuities.  This  implies  that  in  this  case,  any  boundaries  below  which 
coupling  between  the  direct  and  indirect  scale  effects  are  liable  to  distort  the  trends  against  Reynolds 
number,  either  do  not  exist  or  lie  outside  the  test  range. 

The  results  with  free  transition  are  included  in  Fig  1  to  illustrate  another  important  general 
conclusion.  The  boundary  layer  manipulation  approach  can  be  applied  successfully  at  R  =  2.3  x  106but  not 
R  >  6  x  106  clearly  because  at  the  higher  Reynolds  numbers,  natural  transition  has  moved  forward  to  near 
the  leading  edge  and  there  is  therefore  no  capability  to  change  the  transition  position.  For  other  wings 
and/or  tunnels,  the  limiting  Reynolds  number  for  application  of  the  manipulation  approach  would  not 
necessarily  be  R  =  6  x  106.  indeed,  with  some  pressure  distribution,  it  may  not  be  possible  to  apply  the 
technique  at  Reynolds  numbers  as  low  as  R  =  2  x  106  and  and  only  rarely  will  it  be  possible  at  Reynolds 
numbers  above  R  =  10-1 5  x  106  (see  the  later  discussion  on  the 'flat-plate  simulation  criterion').  The 
important  point  is  that  the  ability  to  maintain  laminar  flow  over  the  forward  part  of  the  surface  places  a 
limit,  dependent  on  tunnel  turbulence  and  wing  pressure  distribution,  on  V'e  application  of  the  approach. 

In  the  simple  example  in  Fig  1,  it  would  have  been  fair  to  describe  the  changes  with  Reynolds  number 
above  say,  R  =  8  x  106  as  an  extrapolation  of  the  measured  trends  at  lower  Reynolds  numbers.  In  general, 
however,  this  will  not  necessarily  be  true.  Even  when  the  changes  with  Reynolds  number  arise  from  indirect 
scale  effects  and  can  be  predicted  by  CFD  codes,  allowing  merely  for  weak  viscous/inviscid  interactions,  the 
trends  may  be  far  from  smooth  and  monotonic.  For  example,  in  terms  of  the  pressure  distribution,  the 
changes  in  boundary  layer  displacement  thickness  with  Reynolds  number,  while  being  smooth  in 
themselves,  could  lead  to  notable  changes  in  cb  racter  in  the  supercritical  flow  development,  e  g  from  a 
distribution  containing  a  largely  isentropic  recompression  at  one  Reynolds  number  to  a  distribution  with 
two  strong  shocks  at  another  Reynolds  number,  as  illustrated  in  the  comparison  in  Fig  2.  More  seriously, 
changes  involving  strong  viscous/inviscid  interactions  or  more  specifically,  changes  in  transition  position 
and/or  mechanism  and  cnanges  in  the  nature  and  position  of  any  boundary  layer  separation  can  introduce 
departures  from  smooth  trends  with  Reynolds  number  that  can  be  described  in  a  simplified  discussion  as 
'discontinuities'.  Three  examples  of  such  discontinuities  can  be  quoted 

(1)  Typically,  a  Reynolds-number  sweep  from  model  to  full  scale  with  a  forward  transition  position  could 
include  a  change  from  a  transition  position  induced  by  a  roughness  band  near  the  leading  edge  at  low 
Reynolds  number  to  a  position  induced  naturally  by  contamination  of  the  boundary  layer  along  the 
leading  edge  attachment  line  at  high  Reynolds  number  This  change  could  introduce  discontinuous 
changes,  not  only  in  drag  but  also  in  the  way  the  flow  breaks  down  at  high  Cl-  At  low  Reynolds 
number,  this  breakdown  could  be  due  to  a  laminar  separation  upstream  of  the  roughness  band,  while 
at  high  Reynolds  number,  it  could  be  due  to  a  turbulent  separation  An  example  of  such  a  change  is 
show  in  Fig  3 

(2)  On  many  wings  at  moderate  Cl  and  the  lower  transonic  Mach  numbers  with  a  peaky  pressure 
distribution  over  the  upper  surface,  a  laminar  separation  can  be  present  at  low  Reynolds  numbers 
upstream  of  any  traditional  transition  fixing  device.  An  increase  in  Reynolds  number  initially 
postpones  the  appearance  of  this  separation  to  higher  values  of  Cl  but  ultimately,  the  tendency  for 
the  flow  to  separate  in  this  way  is  completely  suppressed.  The  trends  with  Reynolds  number  at  the 
higher  Reynolds  numbers  when  the  flow  is  attached  are  clearly  liable  to  be  different  from  those  at 
lower  Reynolds  numbers  when  the  separation  is  present.  In  a  simplified  presentation,  one  can  say  tha- 
the  changeover  occurs  at  a  'critical'  Reynolds  number,  Rcrit,  denoted  in  Section  3.3.2  (methodology  fc' 
tests  on  combat  aircraft  for  which  this  point  is  particularly  important)  as  Rcf, if  where  F  implies  a 
separation  on  the  forward  surface. 


(3)  A  change  with  Reynolds  number  in  the  nature  of  the  viscous  flow  development  near  the  wing  trailing 
edge  Historically,  this  is  the  leading  example  of  a  change  likely  to  interrupt  a  smooth  trend  with 
Reynolds  number  and  it  is  the  one  that  has  received  most  attention.  A  separate  'rear  separation' 
initiated  close  to  the  trailing  edge  is  frequently  observed  in  low  Reynolds  number  testing  on  advanced 
wing  designs  but  the  hope  is  that,  with  many  of  these  designs,  this  separation  would  not  be  present  at 
full  scale  Reynolds  numbers.  To  quote  the  terms  introduced  (4)  by  Pearcey,  there  will  be  a  change  at 
some  Reynolds  number  from  a  class  B  flow  (rear  separation  capable  of  extending  forward  with  Cl 
and/or  Mach  number  and  of  interfering  with  the  develop-ment  of  any  other  separation  such  as  a 
shock-induced  separation  bubble)  to  a  class  A  flow  (no  separation  near  the  trailmo  edge  until  a  shock- 
induced  separation  bubble  has  extended  rearward  and  burst).  Again,  in  a  simplified  presentation,  one 
can  say  that  thischangeover  occursata  critical  Reynolds  number,  RCnt.  which,  when  there  isa  need  to 
differentiate  from  (ii)  above,  will  be  written  as  RcritR,  R  referring  to  a  rear  separation.  It  has  generally 
been  accepted  that  the  possibilities  for  substantial  scale  effects  are  much  greater  with  class  B  flows. 
Recent  thinking  (5,6,7)  has  however  emphasised  that  with  many  wings,  the  scale  effects  are  significant 
even  when  the  flow  is  of  the  class  A  type.  Also,  on  the  other  hand,  recent  evidence  suggests  that  on 
many  modern  advanced  wings,  any  rear  separation  tends  to  remain  limited  in  extent  and  not  to 
increase  notably  with  Clot  to  interact  with  the  flow  further  forward.  Nevertheless,  the  presence  of  a 
rear  separation  will  always  reduce  the  circulation  around  the  wing  and  will,  for  several  reasons, 
increase  both  the  wave  drag  and  the  viscous  drag  at  a  given  Cl.  Also,  if,  on  a  three-dimen'. onal  wing, 
it  is  only  present  over  part  of  the  span,  it  can  modify  the  spanwise  position  at  which  major  flow 
breakdown  first  occurs  with  increase  in  Cl  and,  as  a  result,  can  completely  change  the  subsequent 
development  of  the  flow  breakdown.  In  these  circumstances,  the  extrapolation  to  full  scale  could 
certainly  not  be  described  as  an  extrapolation  of  the  measured  trends.  A  simulation  methodology 
that  bri ngs  RcritR  within  the  effective  range  of  the  tests  is  therefore  highly  desirable. 

Reverting  to  the  two  approaches  for  the  in-depth  study  of  the  viscous  effects  in  the  actual  tests,  the 
first  approach,  i.e.  Reynolds  number  sweeps,  strictly  can  only  be  practised  in  a  variable  pressure  (or 
temperature)  tunnel.  The  available  test  Reynolds  number  can  be  further  extended  bytesting  a 
complementary  half  model  to  a  different  scale,  typically  1.4  to  1.B  x  the  scale  of  the  basic  complete  model. 
One  would  not  expect  to  bee  able  to  create  a  single  curve  of  say  Cp  against  R  at  a  given  Cl  directly  from  the 
measured  results  for  the  two  models  but  by  overlapping  the  test  Reynolds  number  ranges  for  the  two 
models,  the  trends  through  the  half  modeldata  can  be  used  as  a  basis  for  extrapolating  the  results  for  the 
complete  model  up  to  the  maximum  test  Reynolds  number  for  the  half  mode.  Even  when  the  tests  are 
being  made  in  an  atmospheric  tunnel,  tests  on  a  complementary  half  model  can  still  be  helpful  in 
establishing  trends  with  Reynolds  number  but  since  there  is  then  no  overlap  in  the  data,  great  car?  has  to  be 
taken  in  interpreting  the  comparison,  .n  view  of  the  inherent  doubts  about  the  absolute  accuracy  of  half 
model  data.  Clearly,  the  case  for  exploiting  the  second  approach,  i.e.  manipulating  thee  boundary  layer  by 
after-fixing,  will  be  greater  if  the  tests  are  being  made  in  an  atmospheric  tunnel. 


3.2. 1.1.4  Effective  Reynolds  number;  simulation  scenarios 

The  aim  with  boundary  layer  manipulation  is  to  extend  the  effective  Reynolds  number  range  of  the 
tests  up  to  values  near  to  and  if  possible,  beyond  the  full  scale  Reynolds  number.  One  can  define  the 
effective  Reynolds  number  as  the  Reynolds  number  that  would  be  needed  if  transition  were  fixed  in  the 
generally  (forward)  position  forecast  for  transition  in  flight  at  full  scale  Reynolds  number  to  produce  the 
same  viscous  flow  behavior  as  that  observed  in  the  tunnel  tests  with  aft  transition.  The  required  conversion 
between  Reynolds  number  and  transition  position  is  obtained  from  CFD  calculations,  ideally  for  the  3D 
wing-body  combination  but  realistically  at  the  very  least,  for  an  equivalent  two-dimensional  aerofoil,  ana 
depends  on  what  simulation  criterion  is  chosen  as  a  basis  for  the  conversion.  This  important  question  as  to 
what  criterion  to  choose  is  addressed  later  but  making  the  assumption  that  an  appropriate  choice  can  be 
made,  it  is  now  possible  to  present  the  simulation/extrapolation  scenario  in  diagre mmatic  form. 

Five  possible  scenarios  are  show  in  Figs4-8.  To  describe  each  of  these  in  turn: 

(1)  Fig  4.  Rcnt  <  Rfiight  <  maximum  test  effective  R 

This  is  the  simplest  case:  The  results  suggest  that  no  rear  separation  or  other  strong  viscous/inviscid 
interaction  will  be  present  in  flight  and  it  has  proved  possible  to  test  with  a  transition  position  (xt*) 
that  should  give,  in  terms  of  the  chosen  simulation  criterion,  full  simulation  of  the  flight  behavior:  no 
extrapolation  required. 

(2)  Fig  5‘  Rfiight  <  Rcrit  <  maximum  test  effective  R 

This  is  really  a  subdivision  of  case  1  but  interpretation  of  the  data  is  more  uncertain.  On  paper,  the 
conclusion  is  the  same  as  for  case  1,  i.e.  full  simulation  of  flight  has  been  achieved  in  the  tests  and  no 
extrapolation  is  necessary.  However,  this  conclusion  rests  critically  on  whether  one  can  trust  the  CFD 
codes/separation  criteria  in  forecasting  that  in  terms  of  a  rear  separation,  results  for  Rtest.  xr’te„  are 
equivalent  to  those  for  Rfiight.  XT„,9ht. 

(3)  Fig  6  RCrit  <  maximum  test  effective  R  <  Rfiight 

Some  extrapolation  required  -  from  maximum  effective  R  to  Rfiight  but  this  should  be  manageable  on 
the  basis  of  the  trends  from  CFD  calculations  including  merely  weak  viscous/inviscid  interactions. 

(4)  Fig  7-  Maximum  test  effective  R  <  Rcrjt  <  Rfiight 

Real  uncertainty  is  now  creeping  in:  the  extrapolation  from  maximum  test  effective  R  to  a  forecast 
Rcrit  has  to  be  on  the  basis  of  an  extrapolation  of  the  measured  trends  and  then,  from  RCrit  to  R flight  on 
the  basis  of  the  trends  in  CFD  calculations.  It  should  be  noted  that  Rcrit  cannot,  and  must  not  be 
derived  as  the  values  of  R  at  which  the  extrapolation  of  the  measured  data  intersects  the  CFD 
predictions.  This  would  be  tantamount  to  saying  that  theory  is  capable  of  forecasting  the  flight  results 
and  that  there  is  no  need  for  the  tunnel  tests.  Rcrit  must  be  obtained  by  use  of  the  empirical  relations 
and  techniques  discussed  in  Section  3.2.4  or  by  intelligent  extrapolation  of  the  measured  trends  and 
then  the  CFD  codes  must  be  used  merely  to  establish  the  trends  between  RCrit  and  Rfiight. 


(5)  Fig  8.  Maximum  test  effective  R  <  Rfiight  <  Rcrit 

This  is  really  a  subdivision  of  case  4  but  the  extrapolation  is  even  more  uncertain  because  neither  the 
measured  nor  calculated  results  will  be  capable  of  giving  any  precise  guidance  as  to  the  quantitative 
consequences  of  the  fact  that  a  rear  separation  (etc)  is  still  expected  to  be  present  in  flight 

It  must  be  stressed  that  Figs  4-8  are  only  diagrammatic  and  simplified.  The  real  situation  could  be 
much  more  complicated.  Some  general  points  should  be  noted: 

(0  The  pictures  have  been  drawn  on  the  basis  that  a  discontinuous  change  in  the  direction  of  the  trend 
with  Reynolds  number  occurs  at  R,  tu;  in  real  life,  it  is  much  more  likely  that  the  change  in  direction 
occurs  gently  and  smoothly  over  a  range  of  Reynolds  number. 

(u)  The  pictures  imply  that  *he  changes  with  R  that  occur  beyond  Rent  are  linear  and  monotonic  This  is 
not  necessarily  true  and  the  later  discussion,  for  example  about  the  possible  use  of  shock  position  as  a 
simulation  criterion,  will  contain  evidence  that  the  variation  of  shock  position  with  Reynolds  number 
can  be  in  either  direction  and  one  can  envisage  results  for  a  given  aerofoil  in  which  the  shock  can 
move  forward  or  rearward  with  changes  of  Reynolds  number  above  R<r,t,  the  direction  being  a 
function  of  Reynolds  number. 

(in')  The  range  of  transition  positions  available  to  the  test  engineer  will  be  subject  to  various  limitations, 
eg 

(a)  the  ability  to  maintain  laminar  flow  back  to  the  desired  transition 
position.  This  will  depend  on  the  tunnel  turbulence,  acoustic  noise 
spectrum  and  the  pressure  distribution  over  the  wing  surface. 

(b)  the  need  to  ensure  a  turbulent  boundary  layer/shock  interaction. 

(c)  the  need  to  avoid  any  local  interaction  between  the  transition  trip 
and  the  flow  near  the  shock. 

(d)  the  need  to  minimize,  as  far  as  possible,  any  significant  disturbance  to 
the  supercritical  flow  development  over  the  forward  part  of  the  surface. 

Limitations  (b,c)  dictate  that  the  furthest  aft  acceptable  transition  position  in  the  tunnel  tests  will  be 
at  least  0.10c  and  probably  0.1 5c  ahead  of  the  position  of  the  shock. 

(iv)  The  chosen  simulation  criterion  is  used  for  both  the  variable  plotted  up  the  ordinate  scale  and  for  the 
conversion  of  the  model  test  Reynolds  number  into  an  effective  Reynolds  number;  however,  the  value 
of  Rent's  not  necessarily  related  to  the  chosen  simulation  criterion  as  this  criterion  may  have  no 
relevance  to  the  flow  phenomenon  creating  strong  viscous/inviscid  interaction  at  Reynolds  numbers 
below  Rcrll. 

(v)  There  is  no  reason  in  principle  why  a  given  set  of  model  test  data  should  not  be  in  one  scenario  for  one 
simulation  criterion  and  in  a  different  scenario  for  another  criterion.  Experience  is  lacking  as  to 
whether  this  situation  is  liable  to  occur  often  in  practice  and  whether,  if  so,  it  leads  to  serious  problems 
in  knowing  how  to  extrapolate.  If  this  situation  arises,  it  would  reinforce  the  early  message  that  to  be 
successful  in  applying  the  methodology,  one  must  understand  the  nature  of  the  flow  over  the 
configurations  being  tested. 

(vi)  As  implied  by  Fig  1,  a  similar  presentation  to  F'gs  4-8  could  be  tabled  for  most  of  the  aerodynamic 
coefficients,  e.g.  Cl,  Cq,  Cm,  with  the  conversion  to  effective  Reynolds  number  based  on  whatever  is 
considered  to  be  the  most  relevant  simulation  criterion,  even  though  these  coefficients  are  themselve. 
unlikely  to  be  treated  as  possible  simulation  criteria. 


3.2. 1.1.5  Simulation  criteria 


Turning  now  to  the  choice  of  simulation  criterion,  this  may  be  regarded  as  the  vital  crux  issue  in  the 
definition  of  the  whole  methodology.  There  is  no  clear  consensus  as  to  what  to  choose  and  probably,  there 
is  no  single  criterion  that  will  serve  for  all  test  programs.  The  correct  choice  will  always  depend  on  the 
objectives  of  the  particular  test  program  and  it  will  probably  always  be  prudent  to  interpret  the  data  on  the 
basis  of  more  than  one  criterion.  In  view  of  the  widely  different  capabilities  of  likely  potential  users  of  the 
methodologies,  it  may  be  helpful  to  put  forward  several  possible  criteria  at  different  levels  of  refinement: 

(a)  a  zero-level  criterion:  easy  to  apply,  not  dependent  on  the  particular 
configuration  under  test, 

(b)  a  first  order  criterion  representing  the  overall  integrated  scale  effect 
on  the  pressure  distribution  or  more  probably,  some  leading  feature  of 
the  pressure  distribution,  such  as  shock  position  or  shock  strength. 

(c)  a  second  order  criterion  based  on  the  local  viscous  effects  in  some 
particularly  sensitive  local  region. 

To  develop  these  ideas  in  more  detail: 

(a)  the  zero-level  criterion 

At  thiTievel,  the  proposal  is  to  use  a  simple  'flat  plate  simulation  criterion'  provided  in  Fig  9  This 
criterion  is  based  on  the  requirement  that  the  boundary  layer  momentum  thickness  at  the 
trailing  edge  of  a  flat  plate  is  the  same  for  the  tunnel  test  Reynolds  number  and  aft  transition 


location  and  for  the  effective  Reynolds  number  and  transition  at  the  leading  edge  (dearly,  a  different 
criterion  would  have  to  be  used  for  any  application  in  which  extensive  laminar  flow  was  expected  in  flight) 

Fig  9  has  been  derived  (7)  using  simple  incompressible  boundary  layer  relations  to  provide  a  zero-order 
approximation  to  the  direct  scale  effect.  It  is  clearly  simple  to  apply  in  converting  test  Reynolds  numbers 
with  aft  transition  to  effective  Reynolds  number,  but  it  knows  nothing  about  the  pressure  distribution  over 
the  test  model,  the  presence  of  shock  waves  or  incipient  separations  etc.  It  is  only  of  use  in  converting  the 
Reynolds  numbers  and  hopefully,  in  defining  whether  full  simulation  has  been  achieved  in  the  test  range  of 
Reynolds  numbers  and  transition  positions.  It  will  play  no  part  in  the  extrapolation  procedure  beyond  the 
effective  Reynolds  number  (if  this  extrapolation  is  required)  or  in  the  assessment  of  Rent-  Perhaps 
surprisingly,  however,  present  evidence  suggests  that  this  simple  criterion  (due  to  Elsenaar)  is  remarkably 
good  as  a  guide  to  the  conversion  from  the  model  test  Reynolds  number  (with  afttransition)  to  an  effective 
Reynolds  number 

(1)  for  the  data  plotted  in  Fig  1,  the  criterion  yields  an  effective  Reynolds  number  of  R  =  6.1  x 
106  for  the  tests  at  R  =  2.3  x  106  with  transition  at  0.30c;  the  measured  data  suggest  that 
the  'true'  value  may  be  about  R  =  8  x  106, 

(2)  for  tests  (7)  on  another  aerofoil  at  NLR,  the  criterion  yields  R  =  10.6  x  1 C®  and  actual 
measured  data  showed  good  agreement  with  the  pressure  distributions  at  R  =  12  5  x  106, 

(3)  for  the  early  NASA  data  (8)  that  highlighted  the  simulation  problem  in  transonic  flow,  the 
criterion  yields  R  =  14x106  and  the  measured  data  shows  a  satisfactory  correlation  at  R  = 

16  x  106, 

Despite  these  encouraging  indications,  there  is  no  reason  in  principle  why  this  zero-order 
criterion  should  be  reliable  when  considering  conditions  near  and  downstream  of  the  foot  of  the 
shock;  it  is  more  likely  to  succeed  when  the  major  scale  effects  are  associated  with  conditions 
near  the  trailing  edge.  In  other  words,  the  values  of  effective  Reynolds  number  derived  using  the 
zero-order  criterion  may  be  a  good  guide  when  considering  drag  and  rear  separation  tendencies 
but  may  not  be  appropriate  when  considering  the  growth  of  a  snock-induced  separation  bubble 
Nevertheless,  it  is  felt  worth  including  this  zero-order  criterion  in  the  methodology  because  of  its 
inherent  Simplicity. 

Fig  9  also  offers  support  for  the  earlier  assertion  that  the  aft-fixing  technique  cannot,  in  general, 
be  applied  at  Reynolds  numbers  above  about  R  =  10  x  106.  Figure  1  in  Section  3.2.2  shows  that  in 
conditions  of  near-zero  pressure  gradient,  transition  Reynolds  numbers  in  the  range  3  x  106  <  Rtf 
<  5  x  106  are  achieved  in  most  existing  larger  transonic  tunnels  and  the  consequences  of  not 
being  able  to  achieve  higher  values  are  shown  by  the  boundaries  plotted  in  Fig  9.  In  practice,  the 
attainable  values  of  Rtr  may  be  somewhat  lower  than  R,r  =  3x  106  because  of  many  modern 
advanced  wings,  there  will  be  an  adverse  pressure  gradient  over  the  forward  upper  surface 
ahead  of  the  shock  in  the  design  condition. 

(b)  First-order  simulation  criterion 

'First  order'  in  this  context  implies  that  the  criterion  is  chosen  in  an  attempt  to  represent  the 
overall  viscous  effects  on  the  complete  pressure  distribution  rather  than  a  specific  local  viscous 
effect.  In  the  future,  it  may  become  possible  to  use  a  manipulation  technique,  e.g.  distributed 
suction  (9,10),  surface  cooling  (1 1),  or  changes  in  the  model  shape,  that  will  produce  the  full  scale 
pressure  distribution  in  the  model  tests  but,  at  the  present  time,  as  noted  earlier,  the  only  tooi 
that  is  generally  available  is  the  aft-fixing  technique  which  clearly  is  not  capable  of  achieving  this 
ideal  objective.  Rather,  the  aim  must  be  to  reproduce  those  features  of  the  pressure  distribution 
that  have  most  impact  on  the  aerodynamic  characteristics,  e.g.  features  such  as  shock  strength 
and  shock  position.  Past  experience  suggests  that  often,  in  practice,  shock  position  is  particularly 
sensitive  to  scale  effect,  e.g.  to  quote  from  Kraft  in  section  4.8: 

"unequivocally,  the  highest  priority  for  a  proper  simulation  in 
a  transonic  wind  tunnel  test  is  that  the  model  scale  test  must 
reproduce  the  full  scale  location  of  the  shockwave". 


Shock  position  muse  therefore  be  a  leading  candidate  for  a  first-order  simulation  criterion.  This  is 
not  a  surprising  conclusion:  most  of  th  early  examples  (12,1 3)  of  serious  scale  effect  were 
associated  with  significant  differences  in  shock  position  between  model  and  full  scale.  Indeed, 
the  diagrammatic  pictures  in  Figs4-8  were  drawn  with  shock  position  very  much  in  mind  as  the 
simulation  criterion.  One  of  these  figures.  Fig  7,  is  reproduced  again  in  Fig  10  with  the  ordinate 
scale  now  labeled  'shock  position'.  The  starting  point  for  creating  this  figure  in  practice  is  to 
undertake  CFD  calculations  fora  range  of  Reynolds  numbers  with  XTR„.-h,and  for  a  range  of 
transition  positions  for  Rmodel  test  From  these  calculations,  one  finds  tne  value  of  Reffectivewhich 
produces  equivalence  (for  the  chosen  first  order  simulation  criterion)  between  (xtr„  ht,  Reffectivei 
and  (xtr„^  ,  ,  Rmodel  test)  fci r  each  of  the  transition  positions  used  in  the  model  test.  The 

measured  shock  positions  for  different  xtr  at  Rmodel  test  are  then  plotted  at  these  values  of 
Reffective  to  produce  the  measured  trend  and  a  comparison  of  the  measured  and  calculated 
trends  will  help  to  substantiate  the  predictions  of  Rcrlt.  These  matters  are  discussed  in  more 
detail  in  Sect  •  -n  3.2.1 .1.6  below. 


However,  before  accepting  shock  position  as  the  obvious  first  choice  for  a  first-order  simulation 
criterion,  some  reservations  must  be  expressed,  viz: 

(i)  in  general,  the  major  errors  in  shock  position  will  occur  when  the  tests  are  being  made 
with  forward  transition  and  Reynolds  numbers  below  Rcnt.  They  occur  either  because  a  rear 
separation  is  present  or  possibly  because,  at  the  lower  Reynolds  numbers,  a  shock-induced 
separation  bubble  has  extended  to  the  trailing  edge.  In  other  words,  the  serious  scale 
effect  arises  from  a  strong  interaction  between  the  viscous  and  inviscid  flow  fields  and 
therefore  would  not  be  predicted  by  a  CFD  method  only  capable  of  allowing  for  weatc 
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interactions.  Such  methods  freight  therefore  be  predicting  much  smaller  changes  in  shc'k 
position  with  Reynolds  number  and/or  transition  position  and  conversion  to  an  effective 
Reynolds  number  on  the  basisof  such  calculations  might  be  misleading, 

(ii)  also,  Fig  10  may  be  misleading  in  suggesting  that  above  RCrir,  the  trend  with  Reynolds 
number  is  for  the  shock  to  move  slowly  rearward  with  increase  in  Reynolds  number  At  a 
given  incidence,  this  may  be  true  but  at  a  given  Cl,  which  is,  in  general,  the  more  reliable 
basis  for  assessing  scale  effects,  the  direction  of  the  trend  may  be  in  either  direction  (see 
Figs  1 1a,b).  This  is  because  the  trend  at  a  given  incidence  can  be  offset  to  a  greater  or  lesser 
extent  by  the  effects  of  a  change,in  incidence  to  maintain  a  given  C(_:  at  high  Reynolds 
number,  there  is  more  rear  loading  and  hence,  less  incidence  is  required  to  maintain  a  given 
Ctand  on  some  wings,  this  can  result  in  a  forward  movement  of  the  shock  at  a  given  Cl.  As 
a  consequence,  it  is  possible,  in  principle,  for  the  model  test  data  to  simulate  the  results  at 
more  than  a  single  Reynolds  number. 

(n'i)  following  on  from  (ii),  it  is  quite  possible  to  find  examples  such  as  that  shown  in  Fig  11c, 
where  there  is  little  change  in  shock  position  with  Reynolds  number.  This  doec  not  mean 
that  there  is  no  scale  effect:  as  can  be  seen,  there  is  still  a  significant  change  in  shock 
strength  with  Reynolds  number  at  a  given  Cl.  It  simply  means  that  there  will  be  examples, 
even  when  the  flow  is  supercritical,  where  shock  position  is  not  an  appropriate  simulation 
criterion. 

These  reservations  about  the  use  of  shock  position  as  a  simulation  criterion  do  not  reflect  on  the 
potential  value  of  plotting  shock  position  as  a  function  of  Reynolds  number  or  transition  position 
converted  to  effective  Reynolds  number  on  the  basis  of  say,  the  zero-order  criterion.  Such  graphs  will 
often  be  one  of  the  best  ways  of  assessing  the  values  of  Rcr,(  as  being  the  value  of  Reynolds  number  at 
which  the  measured  trends  depart  from  the  trends  calculated  by  methods  allowing  for  weak  » 
viscous/inviscid  interactions. 

In  practice,  shock  strength  may  be  a  better  simulation  criterion  than  shock  position.  Experience 
suggests  that  it  may  always  show  a  decrease  with  Reynolds  number  at  a  given  Cl,  i.e.  Figs  4-8  in  format 
would  still  apply  but  with  shock  strength  increasing  from  top  to  bottom  of  the  figures. 

Shock  position  and/or  shock  strength  are  naturally  appropriate  criteria  only  when  the  flow  is 
supercritical.  When  the  flow  is  subcritical,  e.g.  on  the  wing  lowersurface,  the  most  obvious  advance 
from  the  zero-order  criterion  is  to  use  the  calculated  non-dimerfsional  momentum  thickness  at  the 
wing  trailing  edge  as  the  criterion.  In  this  way,  allowance  is  made  for  the  effects  of  the  pressure 
distribution  on  the  overall  viscous  effect 

This  list  of  shock  position,  shock  strength  and  non-dimensional  momentum  thickness  at  the  trailing 
edge  is  by  no  means  exhaustive  of  the  criteria  that  might  be  suggested.  Fore/  ample,  the  non- 
dimenrional  boundary  layer  displacement  thickness  at  0.90c  is  another  parameter  in  regular  use  (14). 
Even  if  full  simulation  in  terms  of  one  or  more  of  the  parameters  is  achieved,  some  extrapolation  will 
still  be  needed.  The  virtues  of  using  shock  position  and  shock  strength  as  the  criteria  are  that  the 
subsequent  extrapolation  has  merely  to  cope  with  the  direct  scale  effects;  adequate  simulation  of  the 
indirect  effects  has  already  been  obtained. 

(c)  Second-order  local  simulation  criteria 

Despite  the  last  remark.under  (b)  above,  o'ne  can  argue  that  ideally,  the  simulation  criterion  should  be 
related  to  a  direct  scale  effect.  Strictly,  in  the  context  of  uncertain  scale  effect  needing  a  simulation 
methodology,  it  is  the  direct  scale  effects  that  are  the  more  important.  As  noted  above,  even  when 
the  gross  scale  effect  is  apparently  an  indirect  effect,  this  has  become  important  because  the  indirect 
effect,  e.g.  a  change  in  shock  position,  has  been  magnified  by  an  interaction  with  a  direct  effect  such 
as  a  change  with  reynolds  number  in  the  separation  characteristics. 

A  list  of  local  simulation  criteria  related  to  the  direct  scale  effects  is  tabled  below  (the  first  has  already 
been  mentioned  under  (b): 

(i)  the  non-dimensional  momentum  thickness  at  the  trailing  edge-relevant 
for  the  conversion  of  drag  data, 

(ii)  the  non-dimensional  length,  Lsep/c,  of  the  shock-induced  separation 
bubble  expressed  as  a  function  of  either  the  boundary  layer  momentum 
thickness  (Fulker  &  Ashill,  5)  or  displacement  thickness  and  shape  factor 
(Stanewsky,  6)  immediately  ahead  of  the  shock, 

(iii)  the  parameter,  (6*/c)  X  (Hji-1),  proposed  in  Section  4. S  as  a  means  ofcorrelating  the 
shock  upstream  influence,  and  possibly  relevant  also  to  the  state  of  the  boundary  layer 
approaching  the  trailing  edge  and  also  possibly  to  the  development  of  the  shock-induced 
separation  bubble. 

To  reiterate,  the  above  local  simulation  criteria  are  related  to  the  direct  viscous  effects.  To  apply  them 
in  practice,  one  also  needs  to  allow  for  the  indirect  effects  and  unless  these  are  trivial,  this  complicates 
the  procedure.  Nevertheless,  considerable  success  (5)  has  attended  the  use  of  (ii)  as  a  means  of 
predicting  buffet  onset  boundaries  at  high  Reynolds  numbers  and  this  is  important  since  this  is  often  a 
leading  test  objective,  particularly  for  subsonic  transport  aircraft.  When  R  <  RCritR.  i.e  when  a  rear 
separation  is  present,  the  indirect  effects  certainly  cannot  be  dismissed  as  trivial  and  further,  it  is 
conceivable  (4)  that  there  is  then  a  significant  interaction  between  the  development  of  the  rear  and 
shock-induced  separations.  Strictly,  therefore,  one  needs  a  further  local  simulation  criterion  to  cover 
the  effects  of  a  rear  separation  when  present.  There  is  no  reason  in  principle  why  any  of  the  first 
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order  or  second-order  criteria  listed  above  should  be  appropriate  (although,  as  noted,  (iii)  above  could 
be  relevant).  Methods  exist  -see  Section  3.24  -  for  predicting  the  onset  ora  rear  separation  but  more 
than  this  is  needed.  The  requirement  is  for  a  simulaiion  criterion  to  reflect  the  severity  of  the 
separation  and  thus,  the  consequences  on  shock  position,  Cu  Cp,  etc.  It  is  possible  that  having 
obtained  some  evidence  from  tne  measured  test  data  as  to  where  the  flow  tends  to  separate, 
computed  values  of  Hn  at  a  position  just  upstream  of  this  point  of  separation  may  be  a  suitable 
criterion.  Another  possibility  would  be  to  use  the  pressure  at  the  wing  trailing  edge  (15).  While  it  is 
true  that  comparisons  of  computed  and  measured  trends  in  the  variation  of  Cpte  with  any  appropriate 
variable  will  undoubtedly  be  useful  as  a  means  for  judging  whether  the  prediction  of  the  value  of 
RcritR  is  reliable,  it  is  felt  that  existing  CFO  codes  may  not  be  equal  to  the  challenge  of  using  Cpte  as  a 
simulation  criterion  for  the  conversion  to  an  effective  Reynolds  number.  Further  research  is  needed 
before  clear  guidance  can  be  given  on  what  is  the  best  criterion  to  cover  conditions  where  a  rear 
separation  is  presen*  In  the  meantime,  it  is  hoped  that  the  procedure  proposed  in  Section  3. 2. 1.1. 6 
below  will  serve  to  bypass  this  problem. 

One  final  comment  about  the  terminology:  a  second  order  criterion  should  not  be  regarded  as  a 
refinement  of  a  first  order  criterion.  A  second  order  criterion  attempts  to  match  some  detailed 
feature  of  the  pressure  distribution  thought  to  be  relevant  to  a  particular  direct  scale  effect,  whereas  a 
first  order  criterion  attempts  to  match  the  model  and  full  scale  pressure  distributions  in  an  average 
sense  and  thus,  when  applied  successfully,  should  largely  eliminate  the  indirect  scale  effects,  leaving 
the  test  engineer  with  the  problem  of  estimating  all  the  direct  effects.  Use  of  any  criterion  will  tendtc 
suggest  that  an  aft  movement  of  transition  at  the  model  test  Reynolds  number  will  be  equivalent  to 
an  increase  in  effective  Reynolds  number  with  a  given  transition  position  but  there  is  no  reason  why, 
in  principle,  all  the  criteria  should  predict  precisely  the  same  effective  Reynolds  number.  In  practice, 
one  should  choose  the  criterion  that  appears  to  be  most  relevant  in  the  context  of  the  aims  of  the 
particular  test  program  and  one  should  attempt  to  obtain  the  closest  approach  to  full  simulation  in 
respect  of  this  criterion;  in  other  respects  (and  often  even  in  this  primary  respect),  the  test  data  will 
have  to  be  extrapolated  to  full  scale  to  allow  for  the  likely  lack  of  full  simulation. 


3.2.1. 1.6  Use  of  Simulation  Criteria 

The  words  'simulation  criteria'  are  perhaps  unfortunate.  They  convey  the  impression  that  by 
manipulating  the  boundary  layer  to  obtain  a  specified  value  of  a  simulation  criterion,  one  can  reproduce 
the  full  scale  viscous  flow  behavior  in  the  actual  model  tests  and  there  is  no  need  for  any  extrapolation.  If 
fact,  this  will  only  be  true  in  very  rare  cases;  in  general,  irrespective  of  which  simulation  scenario  (1-5,  see 
Section  3. 2. 1.1.4)  applies,  some  extrapolation  will  always  be  necessary.  Let  us  consider  each  scenario  in 
turn: 

(1)  Scenario  1 :  Fig  4:  Rcr;t  <  Rfiight  <  maximum  test  effective  R. 

Apparently,  in  this  case,  no  extrapolation  is  required  but  even  here,  one  has  to  be  wary.  The  precise 
conversion  of  a  model  test  Reynolds  number  to  an  effective  Reynolds  number  may  depend  on  which 
simulation  criterion  has  been  chosen  and  so,  data  which  can  be  taken  as  applying  to  Rfiight  on  one 
criterion  may  correspond  to  some  other  Reynolds  number  on  a  different  criterion.  The  correct  tactics 
here  are  to  convert  to  the  effective  Reynolds  number  on  the  basis  of  the  criterion  that  appears  to  be 
the  most  relevant  to  the  objectives  of  the  test  program  and  then  to  use  the  measured  data  for  the 
transition  position,  xt„1(,  giving  the  closest  approach  to  effective  R  =  Rfiight  as  the  approximate  first 
order  results  for  Rfiight.  Calculations  of  the  pressure  distributions,  wave  drag,  viscous  drag  etc  are  then 
made  for  (xr,.„,  Rtest)  and  (xt,,  ht,  Rfiight)  and  differences  between  these  results  as  corrections  to 
obtain  improved,  second-order  results  for  flight  at  full  flight  at  full  scale  Reynolds  numbers,  these 
corrections  being  in  a  sense,  an  'extrapolation'  to  full  scale.  Obviously,  if  the  conversion  from  the 
model  test  Reynolds  number  to  an  effective  Reynolds  number  proved  to  be  the  same  whatever 
simulation  criterion  were  used,  there  would  be  no  corrections  and  no  'extrapolation'  but  this  is 
unlikely'  At  the  very  least,  a  check  should  always  be  made  to  establish  whether  there  is  a  need  to 
correct  the  viscous  drag  -  by  comparing  the  profile  drag  for  (xr,R)  model  test  and  (xT.R)fiight  estimated  by 
some  ‘data  sheet'  approach. 

t 

/  (2)  Scenario  2:  Fig  5:  Rfiight  <  R<rit  <  maximum  test  effective  R. 

Again,  at  first  sight,  no  extrapolation  is  required  but  there  are  two  additional  problems.  First,  as 
noted  above,  many  of  the  possible  simulation  criteria  will  not  necessarily  apply  when  R  <  Rcrit  and  this 
creates  uncertainty  as  to  whether  one  can  rely  on  the  conversion  to  an  effective  Reynolds  number  and 
hence,  on  whether  one  is  choosing  the  correct  test  data  to  simulate  the  behavior  at  Rfiight-  A 
simulation  criterion  such  as  shock  position  is  likely  to  be  far  morfe  sensitive  to  both  transition  position 
and  Reynolds  number  when,  for  example,  a  rear  separation  is  present.  This  does  not  necessarily  mean 
that  the  values  of  effective  Reynolds  number  deduced  by  using  CFD  codes  that  ignore  strong 
viscous/inviscid  interactions  are  incorrect  but  clearly,  it  would  be  somewhat  coincidental  if  they  were 
precisely  correct.  Some  reassurance  would  be  obtained  if  the  test  results  suggest  that  as  transition  is 
moved  rearward,  the  rear  separation  disappears  at  ^bout  effective  R  =  R<rjt  but  even  this  is  not  a  very 
precise  check  because,  in  practice,  the  rerr  separation  does  no*  suddenly  'disappear';  there  is  merely  a 
gradual  change  from  a  separation  with  reverse  flow  to  a  development  with  a  very  thick  boundary 
layer  ahead  of  the  trailing  edge.  In  view  of  the  uncertainty  over  whether  one  can  convert  successful! 

•  to  an  effective  Reynolds  number  in  this  range  below  Rcf;t,  there  is  little  point  in  using  more  than  the 
zero-order  simulation  criterion  unless  one  is  studying  specific  developments  such  as  the  growth  of  a 
shock-induced  separation  bubble. 

The  second  problem  is  that  because  Rfiight  <  R<rit,  one  cannot  use  CFD  codes  that  merely  allow  for 
weak  viscous/inviscid  interactions  in  the  manner  described  for  scenario  1  to  derive  an  'extrapolation' 
to  full  scale  from  the  results  for  effective  R  =  Rfiight-  Again,  some  reassurance  may  be  obtained  by 
treating  Rcrjt  as  Rfiight  and  applying  the  same  procedure  as  for  scenario  1.  If  RCrit  is  not  too  far  beyono 
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Rcrit,  this  approach  may  be  a  guide  to  whether  the  corrections  in  the  'extrapolation'  are  likely  to  be 
trivial  or  not. 

Fortunately,  customers  will  not  demand  the  same  accuracy  in  results  that  fall  into  scenario  2  as  for 
cases  in  scenarios  1,  3  or4:  an  optimum  design  for  a  transport  aircraft  is  unlikely  to  cruise  in  flight 
with  separated  flow  over  part  of  the  surface  and  for  a  combat  aircraft,  where  this  might  be  true, 
required  accuracy  standards,  e.g.  in  Co  are,  in  any  case,  less  stringent.  Nevertheless,  tne  procedure  for 
scenario  2  has  been  described  in  some  detail  because  it  is  a  stepping  stone  to  what  is  required  in  the 
more  important  scenario  4. 

(3)  Scenario  3:  Fig  6:  Rcrit  <  maximum  test  effective  R  <  Rfiight. 

Clearly,  some  extrapolation  is  required  in  this  case  but  perhaps  surprisingly,  this  is  the  scenario  for 
which  the  final  corrected  results  are  least  sensitive  to  any  uncertainties  in  the  conversion  to  effective 
Reynolds  number  on  the  basis  of  a  simulation  criterion.  Assuming  that  one  is  quite  sure  that  Rcrit  < 
maximum  test  effective  R,  one  should  then  use  the  results  for  the  furthest  aft  transition  position  (i.e. 
maximum  test  effective  R)  as  the  first  order  basic  data  and  then  convert  to  Rfiight  following  the  trends 
in  the  predicted  computed  data,  i.e.  applying  corrections  based  on  the  differences  between  the 
computed  results  for  (xT,urtht„Jtt,  Rmodel  test )  and  (xT,R)ftight- 

It  follows  that,  in  this  case,  (and  also  for  scenario  (1),the  conversion  to  an  effective  Reynolds  number 
on  the  basis  of  a  simulation  criterion  plays  no  part  in  either  the  choice  of  the  model  test  data  that  give 
the  dose;,  approach  to  full  scale  or  the  correction  of  these  data  to  obtain  the  best  possible  simulation 
of  full  scale.  This  does  not  mean  that  simulation  criterion  will  probably  have  been  used  ahead  of  the 
tests  to  define  the  range  of  transition  positions  that  should  be  covered  in  the  tests,  subject  to  the 
limitations  set  out  under  (iii)  in  Section  3. 2. 1.1. 4.  Also,  computed  and  measured  trends  with  effective 
Reynolds  numbershould  be  plotted  as  in  Fig  6  and  comparison  of  these  trends  is  helpful  in  checking 
that  the  predictions  of  RCfitare  reasonable.  Finally,  different  criteria  should  be  used  to  establish  that 
the  data  fall  into  scenario  3  in  more  than  one  respect;  as  noted  earlier,  this  does  not  necessarily  follow 
and  it  may  be  found  that,  in  other  respects,  the  data  fall  into  scenario  1  (or  2)  and  simulation  will  have 
been  achieved  in  the  test  range.  Different  procedures  may  have  to  be  adopted  for  the  extrapolation 
of  the  data  to  meet  different  test  objectives. 

(4)  Scenario4:  Fig  7:  Maximum  test  effective  R  <  Rcrit  <  Rfiight- 

In  this  case,  the  extrapolation  is  much  more  uncertain.  The  difficulties  arise  from  the  fact  that  Rcnt  lies 
outside  the  test  range  or  in  other  words,  a  rear  separation  (or  some  other  coupled  strong 
viscous/inviscid  interaction)  is  still  present  in  the  results  obtained  with  the  furthest  aft  transition 
position  that  will  satisfy  the  limitations  listed  in  Section  3.2. 1.1.4.  The  general  recommendation  as  to 
howto  proceed  is  clear:  extrapolate  the  measured  trends  to  Rcnt  and  then  follow  the  computed 
trends  from  Rcr,t  to  Rfiight-  This  sounds  simple  but  in  practice,  to  be  successful,  it  places  great  reliance 
on  the  accuracy  of  the  conversion  to  an  effective  Reynolds  number  which  directly  controls  the  slope  of 
the  measured  trends  which  are  extrapolated  until  effective  R  =  RCrii-  Strictly,  since  R  <  Rcrit,  the 
conversion  to  an  effective  Reynolds  numbershould  preferably  be  based  on  a  simulation  criterion 
related  to  local  conditions  nearthe  trailing  edge.  As  noted  in  Section  3. 2. 1.1. 5,  further  research  is 
needed  before  one  can  recommend  such  a  criterion  with  confidence.  Use  of  the  other  criteria  listed  in 
Section  3. 2. 1.1. 5,  including  the  zero-order  criterion,  may,  coincidentally,  still  give  a  reasonable  slope 
for  the  measured  trends  against  effective  Reynolds  number  but  whether  it  is  acceptable  to  continue 
the  extrapolation  up  to  effective  R  =  Rcrit  must  be  open  to  considerable  doubt.  Despite  these 
reservations,  it  will  always  be  worthwhile  to  use  the  zero-order  simulation  criterion  in  view  of  its 
simplicity  and  to  extrapolate  the  measured  results  to  Rfiight  in  this  straightforward  manner,  via 
extrapolate  the  measured  trends  to  effective  R  =  RCrit  and  then  follow  the  computed  trends  from  R(rit 
to  Rfiight*  this  will  give  a  first  approximate  idea  of  the  flight  results. 

It  is  possible  that  a  better  procedure,  could  be  derived  as  follows: 

V 

(i)  choose  shock  position,  shock  strength,  Cp,  Cpte  and/or  any  other  feature  of  the  measured  results 
that  is  sensitive  to  the  presence  of  the  rear  separation, 

(ii)  plot  both  the  measured  and  predicted  computed  variation  of  these  parameters  against  transition 
position  (note:  transition  position  not  effective  Reynolds  number), 

(iii)  compare  the  measured  and  computed  trends  and  if  thought  sensible  and  appropriate,  plot  the 
differences,  AXj,  AMS,  ACq,  ACpte,  against  transition  position, 

(iv)  estimate  the  values  of  Rent  not  merely  for  the  flight  (in  general,  forward)  transition  position  but 
also  for  the  transition  positions  used  in  the  model  tests  and  plot  against  transition  position, 

(v)  extrapolate  the  curve  in  (iv)  without  regard  for  the  fact  that  one  would  not  be  able  to  test  with  a 
further  after  transition  position  until  one  finds  Rcrit  =  Rmodel  test# 

(vi)  extrapolate  the  curves  in  (iii)  by  a  similar  amount  to  that  found  necessary  in  the  extrapolation  in 
(v)  and  if  the  procedure  is  sound,  it  should  be  found  that  these  curves  are  reaching  an  asymptote 
at  the  end  of  the  extrapolation.  As  noted  in  the  discussion  on  scenario  2,  one  should  expect  AX5 
etc.  to  reach  the  asymptote  gradually  rather  than  abruptly  One  should  not  force  the  asymptotic 
values  to  zero  because  this  would  be  tantamount  to  accepting  the  computed  values  to  be  correct 
at  R  >  Rcrit, 

(vii)  finally,  the  values  at  Rfiight  ate  obtained  by  adding  the  asymptotic  values  of  AX5etc  to  the 
predicted  computed  values. 
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The  above  is  a  plausible  procedure  but  it  must  be  admitted  that  experience  in  its  use  is  lacking.  The 
general  aim  with  the  boundary  layer  manipulation  approach  is  to  bring  the  measured  data,  it  possible, 
within  scenarios  (1,2,3);  further  development  of  the  theoretical  methods  is  probably  needed  to  give 
confidence  in  a  methodology  such  as  that  described  above  for  coping  with  results  for  three- 
dimensional  test  configurations  that  fall  into  scenario  4. 

(5)  Scenario  5;  Fig  8:  Maximum  test  effective  R  <  Rfiight  <  Rent- 

This  is  even  more  difficult  than  scenario  4  and  probably,  Rcrjt  is  too  far  outside  the  test  range  for  the 
extrapolation  to  be  performed  to  any  close  accuracy.  Fortunately,  the  customer  for  such  a  case  would 
not  expect  close  accuracy  and  quite  possibly,  would  have  lost  interest  in  the  results  having  found  that  a 
rear  separation  or  similar  feature  was  likely  to  be  present  in  flight  at  full  scale  Reynolds  numbers  (note 
-this  reasoning  is  not  necessarily  true  for  a  combat  aircraft  when  it  may  still  be  sensible  to  be 
interested  in  a  design  flying  with  the  flow  separated  over  the  upper  (or  lower)  surface  of  a  deflected 
trailing  edge  maneuver  flap).  The  best  approach  for  scenario  5  is  merely  to  use  the  zero-order 
simulation  criterion  and  to  extrapolate  the  measured  results  to  effective  R  =  R  flight- 


3.2. 1.1. 7  Use  of  Reynolds  number  sweeps 


The  discussion  in  Section  3. 2. 1.1. 6  has  concentrated  on  the  boundary  layar  manipulation  approach. 
However,  when  the  tests  are  being  made  in  a  variable  pressure  tunnel,  there  is  an  additional  degree  of 
freedom  that  can  be  exploited  to  enhance  confidence  in  the  final  result.  The  five  possible  scenarios,  as 
discussed  in  Section  3. 2. 1.1.4,  still  apply  but,  as  noted  in  Figures  4-8,  the  maximum  effective  Reynolds 
number  is  now  simply  the  maximum  true  Reynolds  number  for  a  particular  model  configuration  provided 
that  the  Reynolds  number  sweep  is  performed  with  a  transition  position  similar  to  that  forecast  for  flight  at 
full  scale  Reynolds  number.  As  noted  on  the  figures,  half  models  can  and  should  be  used  to  exploit  the 
tunnel  capabilities  to  the  full  but  it  is  important  to  preserve  an  overlap  in  test  Reynolds  number  between 
the  half  model  and  complete  model  tests.  This  is  because  the  half  model  test  should  not  be  expected  to 
provide  absolute  data  but  should  be  viewed  as  a  dedicated  experiment  with  a  specific  aim  of  investigating 
detailed  Reynolds  number  effects  (16). 

In  many  variable  pressure  tunnels,  it  is  possible  to  change  the  Reynolds  number  by  a  factor  of  about 

2.5  for  a  given  model  and  then,  by  use  of  the  half  model,  to  obtain  a  further  increase  by  a  factor  of  between 

1.6  and  2,  according  to  the  configuration  geometry  and  Mach  number  range  of  the  particular  tests.  In  other 
words,  a  Reynolds  number  sweep  over  a  range  of  between  4:1  or  5:1  should  be  possible  but  this  may  still  be 
somewhat  less  than  could  be  achieved  in  Reff«ctive  in  favorable  cases  by  use  of  the  boundary  layer 
manipulation  approach.  One  might  find  that  the  results  are  in  scenario  3  with  aft  fixing  or  scenario  4  with  a 
Reynolds  number  sweep!  but  the  significance  of  this  point  could  be  offset  by  the  fact  that  some  of  the 
uncertainties  of  being  in  scenario  4  would  be  less  important  with  a  Reynolds  numbersweep  where  the  data 
are  being  platted  against  true  test  Reynolds  number  rather  than  a  somewhat  problematic  effective 
Reynolds  number.  Also,  in  practice,  the  boundary  layer  manipulation  approach  is  subject  to  various 
limitations,  particularly  when  applied  to  the  moderate  or  small  aspect  ratio  wings  of  combat  aircraft  (see 
section  3.3.2).  The  weak  and  strong  points  of  the  two  techniques  are  summarized  in  Table  3.2. 1.1.  The 
important  point  with  the  Reynolds  number  sweep  is  whether  it  has  covered  a  range  sufficient  to  include  the 
likely  value  of  R<rjtRand  R<;rjtF  as  discussed  in  Section  3.2. 1.1.3.  The  general  procedure  is  to  extrapolate  the 
measured  trends  from  the  Reynolds  number  sweep  up  to  Rents  or  f,  whichever  is  appropriate,  and  then  to 
follow  the  trends  from  the  CFD  calculations.  There  may  of  course  be  examples  where  the  range  of  a 
Reynolds  number  sweep  with  forward  transition  can  be  extended  further  towards  full  scale  Reynolds 
number  by  use  of  the  boundary  layer  manipulation  approach  but  one  is  more  likely,  in  a  variable  pressure 
tunnel,  to  reach  a  condition  at  maximum  pressure  where  it  is  impossible  to  obtain  a  large  extent  of  laminar 
flow.  Even  if  no  extension  of  the  range  is  possible,  it  may  still  be  useful  to  use  both  approaches  because,  if 
one  can  establish  that  the  trends  in  relation  to  true  Reynolds  number  in  the  Reynolds  number  sweep  and 
effective  Reynolds  number  in  the  transition  sweep  are  the  same,  it  will  obviously  greatly  increase 
confidence  in  the  interpretation  of  the  test  data. 


3.2. 1.2,  Creation  of  the  Full  Methodology 

The  discussion  has  now  reached  the  point  where  the  important  concepts  in  the  above  philosophy  can 
be  assembled  into  a  full  methodology.  The  steps  in  the  recommended  general  methodology  can  be  set  out 
briefly  as  follows: 

STEP  1 

Ahead  of  the  tests,  learn  about  the  tunnel,  the  model  and  the  test  objectives  Identify  the  important 
design/operating  conditions.  In  the  references  below  to  CFD  calculations,  it  is  assumed  that  at  the 
design/operating  conditions  for  which  these  calculations  are  made,  the  flow  is  either  completely 
attached  or  only  includes  local  separations  near  the  leading  edge  or  trailing  edge  or  at  the  foot  of  the 
shock  up  to  the  point  when  these  separations  de'  ">p  in  a  dramatic  fashion.  Conditions  beyond 
buffet  onset  are  therefore  excluded  even  though  .  a  flow  under  such  conditions  is  of  major  concern  in 
tests  on  a  combat  aircraft. 


STEP  2 

Ahead  of  the  tests,  apply  CFD  codes  allowing  for  weak  viscous/inviscid  interactions  to  learn  as  soon  as 
possible  about  the  flow  over  the  model  to  be  tested  and  whether  and  how  this  flow  is  likely  to  be 
subject  to  significant  scale  effects  of  either  the  direct  (change  in  boundary  layer  development)  type. 
These  calculations  are  made  for  the  design/operating  conditions  identified  in  ( 1). 


105 


Ahead  of  the  tests,  apply  the  zero-order  simulation  criterion  (see  Section  3. 2. 1.1. 5  and  Fig  9)  to  gain  a 
first  idea  of  whether  it  is  likely  to  be  possible  to  find  a  transition  position  in  the  model  tests  that  will 
simulate  the  full  scale  behavior. 

Finally,  ahead  of  thee  tests,  calculate  the  values  of  RCrit  below  which  a  strong  viscous/invisctd 
interaction  such  as  a  rear  separation  or  a  laminar  separation  near  the  leading  edge  is  predicted  to 
occur  with  the  forecast  transition  position  for  flight  at  full  scale  Reynolds  number. 

STEP  3 

Start  the  tests  with  a  general  coverage  of  the  whole  test  envelope  to  find  whether  the  results  are 
critically  dependent  on  the  state  of  tne  boundary  layer,  e.g.  test  with  both  transition  fixed  and  free  or 
with  two  alternative  transition  positions. 

STEP  4 

Include  in  the  tests  an  in-depth  study  of  the  viscous  effects  either  by  undertaking  Reynolds  number 
sweeps  (in  a  variable  density  tunnel)  or  by  manipulating  the  boundary  layer,  e.g.  by  a  sweep  through  a 
range  of  transition  positions  (in  an  atmospheric  tunnel).  Wherever  possible,  both  approaches  should 
be  practised.  Also,  whenever  possible,  extend  the  Reynolds  number  sweep  to  higher  Reynolds 
numbers  by  testing  a  complementary  half  model,  the  tests  on  the  complete  and  naif  model  being 
arranged  to  overlap  in  a  certain  range  of  Reynolds  number.  The  boundary  layer  manipulation 
approach  is  employed  for  two  reasons: 

(i)  to  simulate,  as  far  as  possible,  the  full  scale  viscous  flow  behavior 
in  the  model  tests, 

(ii)  to  include,  if  possible,  Rcrjt  in  the  test  range  of  effective  Reynolds 
number. 

STEPS 

After  the  tests,  take  the  results  from  the  Reynolds  number  sweeps  and  plot  appropriate  parameters, 
e.g.  shock  position,  shock  strength,  Co  etc  at  a  given  Cl  against  Reynolds  number.  Plot  both  the 
measured  and  computed  results.  Comparison  of  the  measured  and  predicted  trends  will  provide  a 
check  on  the  predicted  values  of  Rcnt  and  may  lead  to  revised  estimates  of  Rcrit-  If  the  tests  (including 
the  tests  on  any  complementary  half  model)  have  extended  to  beyond  Rfiight,  the  results  are  directly 
applicable  to  full  scale  conditions;  if,  as  is  more  likely  in  general,  the  tests  ao  not  extend  up  to  Rfiight. 
the  results  have  to  be  extrapolated  by  extending  the  measured  trends  to  Rcrit  and  then  following  the 
computed  trends  from  Rcr,t  to  Rfiight,  care  being  taken  to  remember  that  it  is  unlikely  that  any  sharp 
discontinuous  change  in  the  slope  of  the  trends  occurs  at  Rcrit- 

Afterthe  tests,  the  measured  results  from  tests  using  the  boundary  layer  manipulation  approach 
should  be  plotted  against  an  effective  Reynolds  number  defined  as  the  Reynolds  number  that  would 
be  needed  if  transition  were  fixed  at  the  position  for  flight  at  full  scale  Reynolds  number  to  produce 
the  viscous  flow  behavior  obtained  in  the  model  tests  with  after  transition.  The  conversion  to  an 
effective  Reynolds  number  should  be  based  on  either  the  zero-order  simulation  criterion  (see  Section 
3. 2. 1.1. 5  and  Fig  9)  or  whatever  first  order  or  second  order  criteria  that  appear  to  be  particularly 
relevant  to  the  test  objectives. 

Compare  the  measured  trends  against  effective  Reynolds  number  with  the  computed  trends  against 
Reynolds  numbers  in  results  such  as  shock  position,  shock  strength,  Co  and  Cpje  These  characteristics 
are  chosen  because  they  are  particularly  sensitive  to  the  extra  viscous  effects  which  occur  below  Rcrn. 
This  comparison  between  measured  and  predicted  trends  provides  a  check  on  the  estimates  of  Rcrit- 

Use  the  graphs  produced  in  (8)  to  identify  which  is  the  relevant  scenario  of  the  five  discussed  in  Section 
3.2  1.1.4  (see  Figures  4-8).  Remember  to  check  on  the  basis  of  more  than  one  simulation  criterion. 

STEP  6 

Implement  the  extrapolation  procedure  for  the  appropriate  scenario  as  described  in  Section  3. 2. 1.1.0. 
The  procedures  as  described  may  appear  laborious  but  remember  that  the  full  procedure  will  probably 
only  be  followed  to  provide  the  best  possible  extrapolation  for  the  important  design/operating 
conditions  identified  in  (1). 

The  procedure  as  described  above  is  set  out  in  much  more  detail  in  the  methodologies  in  Section  3  3. 

It  will  be  realized  that  in  order  to  introduce  the  philosophy  in  a  reasonably  clear  manner,  various  gross 
simplifications  have  been  made  in  the  outline  above.  Phrases  such  as  'testing  with  a  certain  transition 
position'  suggest  that  the  test  configuration  is  merely  a  two-dimensional  aerofoil.  However,  to  extend  the 
methodology  to  the  high  aspect  ratio  wing  of  a  subsonic  transport  is  not  difficult  (see  Section  3.3.1).  For  the 
lower  aspect  ratio  wing  of  a  combat  aircraft  (Section  3.3.2)  there  has  to  be  much  more  emphasis  on  the 
complex  flow  patterns  that  can  be  encountered  but  the  same  philosophy  can  still  be  followed  in  principle. 

In  all  cases,  the  recipe  for  success  is : 

(a)  Understand  the  nature  of  the  flow  over  the  test  configuration. 

(b)  Cover  as  wide  a  range  of  Reynolds  number  or  effective  Reynolds  number  as  possible. 

(c)  Be  guided  by  past  experience  but  do  not  necessarily  repeat  what  one  did  with  the  previous  design  It 
all  depends  on  whether  the  flow  is  precisely  the  same;  even  if  the  two  designs  come  from  the  same  family, 
this  is  unlikely  to  be  true,  e  g.  both  the  maximum  effective  Reynolds  number  and  Rcnt  could  be  different 
and  the  results  for  the  two  wings  could  be  in  different  scenarios. 

(d)  Unless  one  is  absolutely  sure,  avoid  short  cuts  and  simplifications. 
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TABLE  3. 2. 1.1 


RELATIVE  MERITS  OF  MANIPULATION  (BY  AFT  FIXATION)  AND  REYNOLDS  NUMBER  SWEEPS 

SIMULATION  BV  EXTRAPOLATION  FROM 

BOUNDARY  LAYER  MANIPU  LATION  REYNOLDS  NUMBER  SWEEPS 

la  APPLICABLE  FOR  ALL  WIND  TUNNELS 


(PROVIDED  RE-,  >  2  X  106  &  PROBABLY  <  12 
X106 

2a  MAY  BY-PASS  'CRITICAL  EVENTS',  e.g. 
DISAPPEARANCE  AT  RcmT  OF  REAR 
SEPARATIONS  FORECAST  NOT  TO  OCCUR  AT 
FLIGHT  REYNOLDS  NUMBER;  UNDER  CERTAIN 
CONDITIONS  (SEE  3a)  POSSIBLE  TO  MATCH 
FLIGHT  PRESSURE  DISTRIBUTIONS;  ONLY 
LIMITED  EXTRAPOLATION  (e.g.  FOR  DRAG) 
REQUIRED 

3a  A  REGION  OF  LAMINAR  FLOW  AHEAD  OF  THE 
SHOCK  REQUIRED;  THEREFORE  ONLY 
APPLICABLE  FOR  CERTAIN  REGIONS  IN  C.  -  M 
PLANE 

4a  UNCERTAINTY  INTRODUCED  BY  VALIDITY  OF 
THE  SIMULATION  CRITERION;  MAXI  MUM 
SIMULATED  REYNOLDS  NUMBER  DEPENDS  ON 
CHOICE  OF  CRITERION  AND  PRESSURE 
DISTRIBUTION,  HENCE,  CL  AND  M 

Sa  THREE-DIMENSIONAL  EFFECTS  COULD  CAUSE 
DIFFICULTIES  NEAR  ROOT  AND  TIP 


6a  REQUIRES  A  NUMBER  OFTUNNEL  RUNS  WITH 
VARIABLE  TRANSITION  STRIP  SIZE  AND 
LOCATION;  SHOCK  WAVE  POSITION  MUST  BE 
MONITORED  RELATIVE  TO  STRIP  LOCATION 
TO  AVOID  SPURIOUS  EFFECTS  IN  REGIONS 
WITH  SUPERSONIC  FLOW 


APPLICABLE  ONLY  FOR  VARIABLE  DENSITY 
TUNNELS  lb 

THEORY  IS  REQUIRED  TO  PREDICT  'CRITICAL 
EVENTS'  IN  REYNOLDS  NUMBER  RANGE  BEYOND 
TUNNEL  CAPABILITIES  AND  TO  PREDICT  TRENDS 
AFTER  THE  CRITICAL  EVENT  2b 


CONTINUOUS  INFORMATION  INC,  -  M  NUMBER 
PLANE  3b 


EXTRAPOLATIOM  ERROR  DEPENDS  ON  4b 

TUNNEL  REYNOLDS  NUM8ER  RANGE  RELATIVE  TO 
FLIGHT  REYNOLDS  NUMBER  AND  ON  WHETHER 
'CRITICAL  EVENTS'  OCCUR  OUTSIDE  TEST  RANGE. 


THREE-DIMENSIONAL  EFFECTS  DO  NOT  Sb 

REPRESENT  AN  ADDITIONAL  PROBLEM  BUT  COULD 
ACCENTUATE  DIFFICULTY  OF  2b 


REQUIRESA  NUMBER OFTUNNELRUNS  6b 

TO  ADAPT  TRANSITION  STRIP  SIZE  TO  REYNOLDS 
NUMBER;  SPURIOUS  TRANSITION  STRIP  EFFECTS 
RESTRICTED  TO  LEADING  EDGE  REGION  BUT  MIGHT 
STILL  BE  SIGNIFICANT 
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FIG  1  EXAMPLE  OF  TWO  SIMULATION  APPROACHES 

2  0  AEROFOIL  TESTS  AT  OESIGN  CONOITION 


0  02  0 L  0  6  06  x/c 


- Rt  .12-S»K‘,  M  =0 75,  C|  =0  3 

- Rc  =  3.6.108:  M  =  0-7S,  C|  =03 

TRANSITION  FIXEO  AT  0  07c 

FIG  2  EFFECT  OF  REYNOLDS  NUMBER  ON 
PRESSURES  AT  GIVEN  CL,  M. 

20  AEROFOIL  TEST  AT  NCR 


FIG  3.  EFFECT  OF  REYNOLDS  NUMBER  ON  PRESSURE  FIG.4  SIMULATION  SCENARIO  1 

DISTRIBUTION  NEAR  LEADING  EDGE 

Combat  oircrof  I  .model  •  A2-2*leoding  ttlj?  su.'cp,  T«hn  RAE  e  -B  ljT*. 
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SIMULATION 


BSWWXH  EXTRAPOLATION  AFTER  TESTS 
R- RANGE  FULL  MODEL 


R- RANGE  HALF  MODEL 


V////////A  SIMIAATICN 

EXTRAPOLATON  AFTER  TESTS 
R- RANGE 
R- RANGE 


FUll  MODEL 
HALF  MODEL 


FIG. 5  SIMULATION  SCENARIO  2  FIG.6  SIMULATION  SCENARIO  3 


SIMLA,™ 

EXTRAPOLATION  after  tests 
R-RANGE  FULL  HOOEL 
ft- RANGE  HALF  MOOEl 


FIG. 7  SIMULATION  SCENARIO  4 


V////////A  SIMULATION 

EXTRAPOLATION  AFTER  TESTS 
R-RANGE  FULL  MOOEL 
R-RANGE  HALF  MOOEL 


FIG. 8  SIMULATION  SCENARIO  5 


no 


S - - - a  TRANSITION  SWEEP,  FORWARD— -AFT 

“ - ►  -  -  *  AFT  TRANSITION  DATA  REPIOTTED 

AS  «,P|  DATA  AT  Ref( 

CONVERSION  TO  Reff  BASED  ON 
EQUIVALENCE  OF  CFO  PREDICTIONS  FOR 

R«ff 1  ond  '‘I'in-^modellcsl1 

EXTRAPOLATION  SHDULO  BE  BASED  ON  MEASURED  TREND  UP  TO 
R[f,l  ANO  THEN  ON  CFD  TREND  FROM  Rcnl  To  Rf|,ghl 

FIG.  10  USE  OF  SHOCK  POSITION  AS 
SIMULATION  CRITERION 
(DIAGRAM  MATiCI 


FIG. 9  ZERO  LEVEL  SIMULATION  CRITERION 


(  EQUIVALENT  0  AT  T.E.  OF  FIAT  PLATE) 


0  0-2  0  4  0  6  0  6  X/C  VO 


NOTE1  (a)  shock  moves  forvonj  with  R 
{bl  shock  moves  reu’vwd  with  R 
(c)  shock  does  ndmo.-e  with  R 

FIG  11  a,b,c.  EFFECT  OF  REYNOLDS  NUMBER  AND 

TRANSITION  POSITION  AT  A  GIVEN  Cl ,  M. 
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SECTION  3.2.2 

EXPERIMENTAL  TOOLS:  THE  TUNNEL  AND  Tl  IE  MODEL 

by 

A.B.Haines 
Chief  Executive 

Aircraft  Research  Association  Ltd 
Manton  Lane,  Bedford  MK41  8PA.  UK 

and 

A.EIsenaar 

National  Aerospace  Laboratory  (NLR) 

Anthony  Fokkcrwcg  2 
1 059  CM  Amsterdam.  The  Netherlands 

The  aim  of  this  short  section  of  the  report  is  to  draw  attention  to  experimental  factors  that  can  have  a 
significant  impact  on  the  details  of  the  methodology  to  adopt  for  a  particular  test  program  in  a  particular 
tunnel. 

First  and  foremost,  the  methodology  and  in  particular,  the  choice  of  approach  to  the  in-depth  study  of 
the  viscous  effects  is  likely  to  depend  on  the  test  Reynolds  number  and  on  whether  it  is  possible  to  vary  the 
Reynolds  number  by  changing  the  tunnel  stagnation  pressure  (or  temperature).  If  the  tests  are  being  made 
in  a  variable  density  tunnel,  Reynolds-number  sweeps  will  tend  to  be  the  preferred  option;  if  the  tests  are 
being  made  in  an  atmospheric  tunnel,  manipulation  of  the  boundary  layer  to  produce  a  closer 
representation  of  the  full-scale  boundary  layer  behavior  will  be  the  only  possible  approach  unless  one  is 
prepared  to  test  more  than  one  model  to  a  different  scale.  Whenever  possible,  both  approaches  should  be 
practised  but  nevertheless,  the  type  of  tunnel  will  dictate  the  preference.  Reynolds  number,  is  however,  not 
the  only  significant  parameter.  Tne  stream  turbulence  and  noise  level  are  also  important,  as  shown  in 
Section  4.8.  Therequired  standards  of  tunnel  flow  quality  and  data  accuracy  were  set  out  in  thereport(l) 
of  an  earlier  Sub-Committee  of  the  AGARD  Fluid  Dynamics  Panel.  For  convenience,  however,  let  us 
summarize  the  main  issues  that  can  affect  the  success  of  applying  either  approach  to  the  study  of  the 
viscous  effects. 

1  Reynolds-number  sweeps 

Clearly,  the  first  requirement  is  to  be  able  to  test  ideally  over  a  Reynolds-number  range  that  is 
significant  in  the  contest  of  extrapolation  from  model  to  full  scale.  This  implies  that  the  tests  are  being 
made  in  a  variable  density  tunnel  with  an  appreciable  range  of  stagnation  pressure  (or  temperature). 

The  interpretation  of  the  results  is  not  necessarily  straightforward.  Some  of  the  apparent  Reynolds 
number  effects  may  be  pseudo-Reynolds  number  effects  (2,  3,  4).  These  can  arise  from  changes  with  the 
stream  unit  Reynolds  number  in  the  empty  tunnel  flow  calibration  (static  pressure,  Mach  number  and  flow 
angle),  stream  turbulence,  acoustic  noise  spectrum  or  wall  interference  characteristics.  In  the  past,  the 
existence  of  these  possible  effects  has  not  always  been  recoqnized,  thus  leading  to  confusion  in  the 
assessment  of  the  true  Reynolds-  number  effects.  It  is  therefore  essential  that  the  tunnel  flow  calibration, 
stream  quality  and  wall  interference  is  measured  at  all  test  Reynolds  numbers  and  the  pseudo-Reynolds 
number  effects  identified  and,  if  possible,  eliminated  from  the  model  test  data.  In  particular,  one  should 
assess  whether  there  are  any  significant  effects  due  to  changes  in 

(a)  empty  tunnel  stream  buoyancy  and  flow  angle, 

(b)  the  calibration  of  the  mean  stream  static  pressure  in  terms  of  a  reference  pressure,  e.q.  in  a 
plenum  changer  around  a  ventilated  test  section.  This  can  be  especially  important  when  making 
measurements  of  the  drag  of  part  of  a  complete  model,  e  g.  on  a  fuselage  afterbody  (2), 

(c)  the  acoustic  noise  spectrum.  Some  experiments  by  8enek  (5)  and  Weeks  &  Hodges  (6)  have 
suggested  that  boundary  layer  development  for  a  given  transition  position  can  be  relatively 
insensitive  to  sound  waves  but  it  is  generally  accepted  that  a  realistic  requirement  (7)  is 

for  the  level  of  \J  pV^q  to  be  near  0.5°/o  and  for  the  value  of  the  parameter  (nF(n)]* 

to  be  near  0  002  at  the  relevant  value  of  n  for  all  test  Reynolds  numbers;  otherwise,  apparent 

changes  with  R  in  particularly,  the  model  buffeting  response  may  not  be  genuine. 

(d)  the  stream  turbulence.  The  ideal  requirement  (1)  is  for  the  rms-value  of  the  u-component  to  be  as 
low  as  0.1%  or  even  0.05%  for  experiments  in  laminar  flow  but  it  is  unlikely  that  this  requirement 
is  met  in  most  transonic  tunnels;  values  of  1  %  may  be  more  typical  (8).  The  effect  of  the  stream 
turbulence  may  be  far  greater  than  generally  appreciated.  It  appears  that  if  the  stream 
turbulence  is  notably  greater  than  0.1%,  there  may  well  be  a  need  for  correcting  the  Reynolds 
number  to  an  'effective  Reynolds  number'  before  plotting  the  data  from  a  Reynolds-number 
sweep.  The  difficulty  is  that  the  'effective  Reynolds  number'  may  depend  on  what  feature  of  the 
test  data  is  being  considered.  To  quote  some  statements  from  the  literature: 

(i)  'even  0.1%  rms  u-component  fluctuation  causes  somewhat  morethan  0  1%  increase  in  flat- 
plate  skin  friction'  (1), 

(ii)  'free-stream  turbulence  may  need  to  be  less  than  0.1%for  the  uncertainty  in  'effective' 
Reynolds  number  to  be  less  than  5%',  (9) 

(iii)  'an  increase  in  free-stream  turbulence  level  of  1%  can  have  an  effect  on  the  conditions  for 
separation-onset  very  similar  to  the  effect  of  increasing  Reynolds  number  of  60  to  70%'  (9) 
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Conclusions  such  as  (iii)  above  have  sometimes  led  to  the  suggestion  that  large  increases  in  stream 
turbulence  may  be  a  means  of  simulating  high  Reynolds  number  conditions  But  this  suggestion 
should  be  resisted.  High  stream  turbulence  could  provoke  other  spurious  effects  and  also,  it  is  not 
equivalent  to  an  increase  in  Reynolds  number  in  all  respects,  e  g  it  gives  an  increase  m  skin 
friction,  analogous  to  the  effect  of  a  reduction  in  Reynolds  number 


(e)  the  wall  interference  characteristics.  A  change  in  the  stream  unit  Reynolds  numbers  leads  to  a 
change  in  the  wall  boundary  layer  thickness  and  hence,  for  a  transonic  tunnel  with  slotted  or 
perforated  walls,  a  change  in  the  effective  wall  porosity.  A  fallacy  in  some  past  testing  practice 
has  been  to  determine  wall  interference  by  testing  models  of  different  scale  at  different 
stagnation  pressures  adjusted  to  achieve  the  same  chord  Reynolds  number  and  then  assuming 
that  the  wall  interference  corrections  for  all  the  tests  is  that  needed  to  produce  the  same 
corrected  data  for  all  the  models.  This  assumption  can  be  invalid  because  the  wall  interference 
can,  in  principle,  change  with  stagnation  pressure  and  hence,  model  test  data  corrected  making 
this  assumption  can  contain  a  pseudo-Reynolds  number  effect. 

This  list  may  not  be  comprehensive  but  it  should  be  sufficient  to  indicate  that  success  in  applying  the 
Reynolds-number  sweep  approach  can  be  critically  dependent  on  knowing  and  allowing  for  various 
possible  deficiencies  in  flow  quality. 

2  Boundary  layer  manipulation 

At  the  present  time,  'boundary  layer  manipulation'  generally  implies  testing  at  a  given  Reynolds 
number  and  a  number  of  different  artificially  fixed  transition  positions.  The  methodology  as  outlined  in 
Section  3.2.1  is  designed  to  suit  test  chord  Reynolds  numbers  broadly  in  the  range  2  X  10°  <  R?,  <  10'.  At 
lower  Reynolds  numbers,  e  g  Rec  S  10s  it  is  likely  that  whatever  the  transition  position,  tfie  boundary 
layers  will  be  too  thick  to  permit  an  adequate  simulation  of  the  full  scale  viscous  flow  over  a  wing  of 
modern  design.  At  higher  Reynolds  numbers,  e.g.  Rec  =  15  X  106  it  is  likely  that  transition  will  inevitably 
occur  close  to  the  wing  leading  edge. 

The  essential  requirements,  therefore,  for  this  approach  to  be  practised  successfully  are  that  the  wing 
chord  Reynolds  number  be  in  the  range  quoted  above  and  that  the  transition  Reynolds  number  in  the 
facility  is  high  enough  for  the  transition  position  to  be  under  the  control  of  the  test  engineer,  subject  to  the 
constraints  set  by  the  model  geometry  and  the  pressure  distributions  over  the  surface  of  the  model 
Fortunately,  the  transition  Reynolds  numbers  in  a  near-zero  pressure  gradient  in  most  of  the  leading 
transonic  tunnels  have  been  determined  from  tests  on  a  10  cone  (8,10)  The  values  lie  in  the  range  2.5  x  10" 

L-  Rer  'i  7.5  X  106witha  clear  correlation  established  between  Reiand  ,/ f>V'P  isshowninFig  1,  which 

contains  some  values  from  flight  tests  with  the  same  10  cone.  These  values  of  Re.  appear  to  be  sufficient  tr 
permit  the  boundary  layer  manipulation  approach  to  be  practised  in  most  and  probably  all  of  these  facilit- 
for  model  test  conditions  where  there  are  no  significant  adverse  pressure  gradients  over  the  part  of  the 
surface  where  one  is  hoping  to  maintain  laminar  flow.  The  more  important  question  is  likely  to  be  the 
extent  to  which  these  values  of  Rer  are  degraded  in  an  adverse  pressure  gradient 

it  is  interesting  to  note  that  these  respectable  values  of  Re.  are  achieved  despite  the  turbulence  levels 
which  are  probably  at  least  0.5%  fluctuation  in  u-component  for  most  of  these  facilities  Pate  (11)  in 
reviewing  all  the  available  evidence,  concludes  that  for  the  turbulence  levels  commonly  obtained  in 
transonic  facilities,  the  stream  noise  level  is  usually  the  dominant  factor  in  determining  Rei  This  is  not  to 
say  that  the  turbulence  levels  are  unimportant-  As  noted  above  in  the  discussion  on  Reynolds-number 
sweeps,  the  effects  of  turbulence  level  can  be  considered  as  a  modification  of  the  effective  Reynolds 
number  and  this  appeared  to  be  confirmed  by  the  analysis  of  the  correlation  of  drag  data  for  a  C-5A  model 
tested  m  various  transonic  facilities  (12).  These  issues  are  however  far  from  resolved  at  the  present  time. 

Turning  from  features  of  the  tunnel  flow  to  the  design  of  the  model,  the  test  engineer  in  applying  the 
methodology  has  to  know 

(i)  the  shape  of  the  model  relative  to  the  full  scale  aircraft  or  missile.  Generally,  models  of  transport 
aircraft  are  manufactured  to  a  geometry  that  includes  an  allowance  for  the  aeroelastic  distortion 
of  the  full-scale  aircraft  in  1  g  cruising  flight.  For  combat  aircraft,  practices  vary  according  to  the 
test  requirements;  it  may  be  thought  more  appropriate  to  attempt  to  reproduce  the  aeroelastic 
distortion  in  flight  at  selected  points  on  the  maneuver  boundary.  Another  issue  that  is  likely  to  be 
more  important  in  the  future  is  whether  the  model  should  continue  to  be  scaled  from  the  full 
scale  vehicle  geometry  or  whether  the  aim  should  be  to  reproduce  the  same  non-dimensional 
displacement  surface  as  on  the  full  scale  aircraft.  Obviously,  this  can  only  be  achieved  for  one 
particular  design  test  condition  but  it  could  still  produce  a  closer  simulation  to  the  full  scale 
viscous  flow  in  other  conditions  than  if  the  full  scale  non-dimensional  geometry  had  been 
retained.  The  justification  for  this  tentative  suggestion  ties  in  the  fact  that  with  advances  in  wing 
design,  the  supercritical  flow  development  over  the  forward  wing  upper  surface  has  become  more 
sensitive  to  small  changes  in  section  shape.  Hence,  changes  in  displacement  thickness  with 
Reynolds  number  can  nave  a  significant  effect  (13).  Under  these  circumstances,  it  could  be  more 
accurate  to  use  theory  to  allow  for  the  changes  of  viscous  effects  with  Reynolds  numbers  for  a 
given  displacement  surface  than  to  expect  theory  to  be  capable  of  predicting  the  changes  in 
supercritical  flow  development  with  Reynolds  number  for  a  given  non-dimensional  geometry 
This  point  should  ideally  be  studied  by  CFO  calculations  before  committing  the  model 
manufacture. 

(n)  The  extent  to  which  the  excrescences  present  on  the  full  scale  aircraft  have  been  represented  on 
the  model 
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(iii)  The  surface  finish  of  the  model.  It  is  general  practice  to  assume  making  drag  estimates  that  the 
models  have  surfaces  that  are  aerodynamically  smooth  but  the  reou  foments  for  i>  .s  to  be 
acceptable  become  more  stringent  with  increase  in  test  Reynolds  number.  The  earlier  AGARD 
recommendation  (1)  is  that  for  tests  involving  boundary  layer  measurements,  the  criterion  should 
be  utk/v<  5  where  k  is  the  surface  roughness. 

Finally,  any  methodology  that  relies  on  a  comparison  of  measured  test  data  with  the  results  of  CFD 
calculations  as  an  essential  element  of  the  procedure  for  extrapolation  to  full  scale  must  depend  for  its 
success  on  the  accuracy  of  the  test  data  and  hence,  on  issues  that  strictly,  are  unrelated  to  the  viscous  flow 
effects.  Good  testing  practice  should  be  followed  in  all  respects,  e.g.  the  test  data  should  be  corrected  for 
the  effects  of  empty  tunnel  flow  buoyancy,  model  support  tares,  mean  tunnel  flow  angle  (bytesting  the 
model  erect  and  inverted)  and  any  swirl  in  the  tunnel  flow  if  yaw  is  achieved  by  the  pitch-roll  technique. 

One  of  the  most  vital  issues  for  the  extrapolation  of  drag  data  is  to  determine  the  model  angle-of-attack  to 
an  accuracy  of  0  01  or  better  and  thus,  to  know  mean  flow  angle  tc  this  accuracy  at  all  test  Reynolds 
numbers.  It  has  to  be  accepted  that  in  most  transonic  tunnels,  the  flow  angle  will  vary  across  the  span  of  the 
wings  of  the  model  by  far  more  than  0.01  thus  affecting  the  effective  twist  of  the  wings'  but  the  crucial 
reason  why  one  needs  to  know  the  angle-of-attack  to  0.01  or  better  is  that,  in  general,  the  internal  balance 
measures  normal  and  axial  force  and  Cn  and  Ca  have  then  to  be  resolved  to  obtain  Cl  and  Cp.  At  Cl  =  0.5,  a 
typical  cruise  Cl  for  a  transport  aircraft,  an  error  of  =  0.01  implies  an  error  of  0  0001  inCp. 


'Frequently,  particularly  when  the  tests  are  being  made  in  a  tunnel  with  a  closed  working  section,  the 
model  wing  is  manufactured  with  a  twist  distribution  modified  to  offset  the  spanwise  variation  in  incidence 
induced  by  the  wail  interference,  thus  producing  an  effective  twist  in  agreement  with  the  full  scale  aircraft. 
It  is  more  difficult  to  apply  this  idea  to  offset  the  variation  acrossthe  tunnel  in  the  empty  tunnel  flow  angle 
calibration. 
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NOTATION 


k 

Surface  roughness 

n 

Reduced  frequency 

/pv 

rms  value  of  fluctating  static  pressure 

q 

Dynamic  pressure 

Rec 

Reynolds  number  based  on  wing  chord 

Rer 
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Shear-stress  velocity 
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Kinematic  viscosity 
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Flight  Data  Fig.17 

FIG.1  TRANSITION  REYNOLDS  NUMBERS  DEDUCED  FROM  TESTS  WITH  10°CONE 

(Ref.10) 
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SECTION  3.2.3 

COMPUTATIONAL  TOOLS  FOR  SIMULATION  METHODOLOGIES 

by 

Dr  Y.Y.Chan 

National  Research  Council  of  Canada 
Montreal  Road 

Ottawa,  Ontario  K 1 A  0R6.  Canada 

3.2.3.X  Introduction 


To  predict  full  scale  phenomenon  from  tests  with  a  scale-model  in  the  wind  tunnel,  it  is  necessary  to  preserve  the  relative 
magnitude  of  the  forces  acting  on  the  model  so  that  the  resulting  flow  is  dynamically  similar.  Because  of  the  limited  performance  of 
the  testing  facilities,  scaling  of  the  ratio  of  the  viscous  force  to  the  inertia  force  Is  always  a  difficult  problem.  At  transonic  speeds, 
this  problem  Is  accentuated  by  the  sensitivity  of  the  external  inviscid  flow  to  the  perturbation  of  the  condition  at  the  surface.  Thus  the 
displacement  effect  due  to  the  growth  of  the  boundary  layer  along  the  body  directly  influences  the  development  of  the  outer  flow.  The 
existence  of  the  shock  wave  situation  over  part  of  the  body  induces  additional  complication  as  the  shock  interacts  with  the  shear  layer 
and  alter  the  local  flow  structures.  Large  efforts  have  been  made  for  better  understanding  the  Interactive  components  of  the  flow  and 
deriving  techniques  for  proper  reproduction  of  the  flow  fields.  These  can  be  exemplified  by  the  pioneering  works  of  Haines,  Holder  and 
Pcarccy"1  to  the  accumulative  contributions  of  the  High  Reynolds  Number  Wind  Tunnel  working  group  (HIRT)  of  the  AGARD 
Fluid  Dynamics  Panel"-31  and  the  workshop  on  High  Reynolds  Number  Research  of  NASA14).  For  current  simulation  practices  and 
criteria  for  achieving  adequate  simulations,  a  thorough  review  is  given  in  Chapter  2  of  this  report. 

During  the  past  decade,  the  rapid  development  of  the  digital  computer  and  computational  fluid  dynamics  (CFD)  have  made 
their  impact  in  aerodynamic  testing  and  simulations.  The  importance  of  computers  and  CFD  in  complementing  the  wind  tunnel  opera¬ 
tion  and  testing  programs  has  been  discussed  by  Haines'31  and  later  demonstrated  by  Whitfield  et  al<61.  For  viscous  simulations  or  scale 
effects,  Plaines  pointed  out  that  by  applying  CFD  to  allow  for  the  inadequate  test  Reynolds  number,  the  ability  to  forecast  the  aero¬ 
dynamics  of  the  full  scale  aircraft  could  be  increased.  This  was  shown  by  Loving  ">  with  the  well  known  case  of  Tansonic  scale  effects 
on  the  wings  of  the  C-141;  CFD  was  able  to  provide  the  correct  extrapolation  of  the  wind  tunnel  data  to  the  full  scale  Reynolds  num¬ 
ber  in  excellent  agreement  with  the  flight  data.  Haines  also  showed  an  example  of  direct  simulation  of  the  local  flow;  if  a  rear  separa¬ 
tion  was  likely  to  happen  in  the  experiment,  CFD  could  be  used  to  find  the  aft  fixing  location  to  give  the  same  boundary  layer 
thickness  at  the  foot  of  the  shock  as  at  full-scale  Reynolds  number  with  forward  transition.  Further  applications  of  computational 
methods  for  estimations  of  simulation  conditions  can  also  be  found  in  Chapter  2. 

The  augmentation  of  wind  tunnel  simulations  by  CFD  is  limited  at  present  by  the  latter’s  capabilities.  It  is  known  that  CFD 
cannot  yet  cost  effectively  provide  a  complete  flow  field  about  a  complicated  configuration.  However,  CFD  is  well  capable  to  generate 
efficiently  flow  fields  over  components  of  the  configuration.  In  Section  3.2.1,  the  role  of  computation  in  a  test  program  is  established 
and  the  applications  of  the  computational  results  to  design  and  checking  of  the  test  are  discussed.  With  this  understanding,  the  present 
state  of  flow  computations  that  could  be  implemented  for  viscous  flow  simulations  is  examined.  The  prediction  of  transition  which  is 
vital  for  flow  simulation  is  reviewed  in  Section  4.3  and  will  not  be  included  In  the  present  discussions. 

Computation  of  viscous  flows  at  high  Reyuolds  numbers  have  been  advanced  greatly  as  a  branch  of  CFF  or  both  two 
and  three  dimensional  flows,  shock  wave  interactions  and  moderate  separations  can  be  treated.  These  are  accompi  -J  by  the  devel¬ 
opments  of  viscous-inviscid  Interaction  theory,  Navlcr-Stokes  technology  and  turbulence  modelling.  A  number  ol  comprehensive 
reviews  on  these  topics  have  recently  been  published.  The  1980  81  AFOSR-HTTM-Stanford  Conference  has  covered  a  broad  spectrum 
of  turbulent  shear  flows1'0).  External  aerodynamic  flows  have  been  reviewed  by  Marvin  with  emphasis  on  turbulence  modelling"". 
Interactive  Dows  have  been  discussed  by  a  number  of  authors"--1314-13-16-17.1.  The  analytical  aspects  of  the  interactive  flows  have 
been  presented  by  Messitcr"81  on  the  interactive  theory  in  general  and  by  Adamson  and  Messiter"91,  Melnik"21  on  shock  wave- 
boundary-  layer  interaction  in  particular.  For  three-dimensional  boundary  layers,  computational  methods  have  been  reviewed  by 
Smith"0-211  and  Cebeci"21,  while  turbulence  modelling  can  also  be  found  in  Marvin"".  The  full  Navier-Stokes  methods  have  been 
comprehensively  reviewed  by  Mehta  and  Lomax  for  transonic  nows"31. 

The  present  section  is  not  intended  to  be  a  comprehensive  review  of  the  computational  methods  for  viscous  flows.  It  is  rather 
to  examine  the  capabilities  of  the  methods  which  could  be  applied  to  the  design  and  cheeking  of  experimental  simulations.  With 
references  to  the  cited  reviews,  in  particular  References  11,  12  and  16  which  contain  extensive  bibliographies,  a  summary  is  given  on 
the  computations  of  viscous  aerodynamic  Dows.  Important  features  of  the  Dow  field  are  discussed  and  their  computational  results  arc 
demonstrated  by  typical  examples.  Some  original  papers  used  in  the  discussions  are  also  listed  as  direct  references. 


3. 2.3. 2  SCALING  OF  TURBULENT  BOUNDARY  LAYERS  AT  HIGH.  REYNOLDS  NUMBER 

It  is  well  known  that  the  turbulent  boundary  layer  lias  a  composite  structure.  At  large  Reynolds  numbers,  a  two  layer  struc¬ 
ture  is  developed"2-24-231.  The  outer  layer  is  essentially  independent  of  viscosity,  except  through  its  indirect  influence  on  the  skin 
friction  and  the  total  thickness  of  the  layer.  The  inner  layer  is  dominated  by  the  shear  stress  and  is  iridependent  of  the  free  stream 
velocity  and  the  thicknesses.  Matching  the  inner  and  outer  velocity  profiles  leads  to  the  logarighmio  skin  friction  law.  The  length  scales 
in  terms  of  the  thicknesses  of  the  outer  and  the  wall  layers  respectively  are  given  by 
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where  e  13  the  basic  parameter  characterized  by  the  large  Reynolds  number  limit  and  e  is  the  ratio  of  the  thicknesses  of  the  inner  and 
outer  layers.  The  wall  layer  is  exponentially  thin  compared  to  the  total  boundary  layer  thickness  and  hence  is  not  Influenced,  to  the 
lowest  order,  by  the  pressure  gradient  except  when  the  flow  is  separated  or  the  pressure  gradient  is  very  large.  For  transonic  flow, 
the  weak  interaction  of  the  viscous  inviscid  flow  is  governed  largely  by  the  displacement  effect  of  the  boundary  layer112. >4);  thus 
for  flow  simulations,  the  thickness  of  the  outer  layer  (or  the  boundary  layer  as  a  whole)  it  the  basic  parameter  that  shouid  be  repro¬ 
duced  in  principle  in  model  testing. 

When  the  streamwise  pressure  gradient  becomes  very  large,  as  occurs  at  the  shock  wave,  or  at  the  trailing  edge  or  at  incipient 
separation,  strong  viscous-inviscid  interaction  takes  place.  These  local  interactions  in  small  regions  are  dominated  by  the  outer  layer 
which  behaves  approximately  as  an  inviscid  rotational  flow.  This  allows  the  interactions  to  be  analyzed  analytically  revealing  the  para 
meters  controlling  the  local  flow  development!12.1®).  For  example,  the  flow  similarity  for  the  shock  wave-boundary  layer  interaction 
expressed  in  terms  of  pressure  coefficient  has  been  shown  to  be11 22 
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K,  is  the  viscous  transonic  similarity  parameter  and  it  Is  the  effective  profile  shape.  Flows  with  the  same  values  of  K,  and  ir  are  thus 
similar.  The  results  of  these  analyses  have  been  applied  by  Khan  and  Cahill!2®)  to  the  correlations  of  the  trailing  edge  pressure  coef¬ 
ficients  for  both  attached  and  separated  flows  with  strong  interactions.  The  correlation  can  be  employed  for  extrapolation  of  wind- 
tunnel  data  on  a  wing  to  full  scale  Reynolds  numbers  (see  Section.  2. 2.2.6).  It  should  be  noted  that  the  scalings  of  x.y  and  the  parameter 
K,  depend  on  £  and  6.  Thus  for  simulations  of  the  strong  Interaction,  it  is  necessary  to  reproduce  both  the  boundary  layer  thickness  6 
and  the  profile  shape  at  the  interaction  region.  The  techniques  commonly  used  to  achieve  a  close  reproduction  of  these  parameters  in 
the  test*  are  “aft-fixing”!2 7-2®>  and  boundary  layer  control!25).  Discussions  of  these  and  other  methods  and  their  applications  can  be 
found  in  Sections  2.2.2  and  2.2.4.  For  transonic  flows  the  zonal  shock-boundary  layer  interaction  may  have  a  bigger  influence  on  the 
flow  field  than  the  global  weak  interaction.  Thus  simulations  of  strong  interaction  must  be  emphasized  and  the  parameters  properly 
reproduced. 


3.2.3.3  VISCOUS  FLOW  COMPUTATIONS 

t 

Methods  for  solving  boundary  layer  equations,  both  in  integral  and  dil  ’rcntial  approaches  are  highiy  developed!10-13),  in 
the  former  case,  the  computational  efficiency  is  a  great  asset  especially  for  three  d,  ncnsional  flows  or  interactive  flows  requiring  itera¬ 
tions  between  the  external  flow  and  the  boundary  layer.  The  choice  of  the  auxiliary  equations  to  complement  the  momentum  integral 
equation  is  critical  for  the  development  of  the  method  and  the  lag-entrainmei .  t  approach  has  generally  been  accepted!302  and  used  in 
transonic  flow  computations!12-162.  The  essence  of  this  method  is  the  use  of  ihe  turbulent  kinetic  energy  equation  that  considers  the 
turbulent  structure  explicitly.  Thus  the  parameters  affecting  the  turbulence  development  such  as  extra  rates  of  strain  and  bee  stream 
turbulence  can  be  taken  into  account. 

In  the  differential  approach,  the  equations  are  written  in  finite  difference  form  and  the  difference  equations  are  then  solved 
by  efficient  numerical  algorithms.  The  computation  starts  at  an  initial  station  and  proceeds  in  the  downstream  direction  according 
to  the  parabolic  nature  of  the  equations.  Since  the  equations  are  solved  directly  without  assuming  parametric  relations  between  the 
unknown  quantities  as  in  the  integral  methods,  the  differential  methods  in  principle  are  more  flexible  in  applications. 

The  use  of  Reynolds  averaged  equations  requires  the  supplementary  information  of  turbulent  shear  stresses  for  closure  of 
the  computational  system.  This  information  is  derived  by  relating  the  unknown  to  lire  mean-velocity  field  or  the  mean-turbulent 
field  with  algebraic  relations  or  transport  equations!1  °- 1  •).  The  former  is  the  eddy  viscosity  model  and  the  latter  utilizes  the  equations 
or  high  order  correlations  such  as  the  turbuient  kinetic  energy  and  the  dissipation.  The  added  equations,  however,  are  no  seif-contained 
as  they  consist  of  correlations  of  higher  order,  which  arc  usually  unknown.  Thu*  it  is  necessary  to  relate  the  unknowns  to  the  known 
field  quantities  and  evaluate  the  relations  bom  experimental  data.  The  range  of  application  of  the  turbuience  modei  would,  therefore, 
be  affected  by  the  conditions  at  which  the  experimental  data  have  been  taken  and  the  sensitivity  of  the  chosen  parameters  to  these 
conditions. 

At  transonic  ipeeds,  the  weak  Interaction  due  to  the  displacement  of  the  external  flow  by  the  boundary  layer  can  be  treated 
readily  by  conventional  boundary  layer  .calculations.  The  rate  of  growth  of  the  boundary  layer  provides  the  inner  boundary  conditions 
for  the  inviscid  flow  calculations.  An  iterative  process  is  thus  required  for  the  solution  of  the  complete  flow  field.  For  strong  interac¬ 
tions  at  the  shockwaves  and  at  the  trailing  edge  of  the  airfoil,  the  interactive  flows  can  be  treated  locally  as  the  affected  regions  have 
limited  extent  at  high  Reynolds  numbers.  The  local  results  are  then  incorporated  into  the  global  computational  procedure.  This  ap¬ 
proach  has  been  commonly  used  in  calculating  the  flow  field  over  transonic  airfoils  or  wingB  with  attached  l>w<13'161. 

If  the  pressure  distribution  is  prescribed,  the  boundary  layer  equation  is  singular  at  *hc  separation  point  and  the  direct 
method  fails  there.  However,  with  either  the  displacement  thickness  or  the  surface  shear  stress  prescribed,  she  separation  point  is 
regular  and  the  computation  can  proceed  through  the  separation  regioi  .  Coupled  with  an  external  inviscid  flow  calculation,  the  in¬ 
verse  method  can  adequately  compute  the  flow  field  with  a  shallow  separation  region  such  as  the  leading  edge  separation  bubble  or 
m<  derate  separation  at  the  trailing  edge!142. 


A  further  development  in  the  interactive  methods  is  the  thin  layer  Navier-Stol.es  approach,  the  first  order  form  of  which 
reduces  to  a  boundary-layerJike  system  with  the  normal  pressure  gradient  included.  The  solutions  of  the  viscous  and  inviscid  flows  are 


117 


m„tch«i  with  overbpping  computational  domains.  The  approach  is  therefore  uniformly  valid  for  the  interactive  flows  discussed 
above'15). 


For  gross  separations,  the  thin  bycr  interaction  approach  fails  and  solution  of  the  Reynolds  averager!  Navier-Stoke,  equations 
u  required.  The  elliptical  nature  of  the  system  with  the  computing  region  covering  a  large  portion  of  the  flow  field  leads  to  long  com¬ 
puting  time.  For  high  Reynolds  number  flows  with  turbulent  wall  byer,  turbulence  modelling  is  again  required  for  the  closure  of  the 
Reynolds  averaged  form  of  the  equations.  Like  the  other  differential  methods  for  turbulent  boundary  layers,  this  exact  solver  cannot 
completely  escape  the  empiricism  and  the  limitations  Imnscd  from  the  closure  models'55*.  To  inerea  1  the  computational  efficiency, 
the  Navier  Stokes  equations  are  parabolized  by  ncglcc.ing  the  streamwisc  diffusion  terms  and  the  thin  layer  techniques  can  then  be 
applied'51*. 


The  discussion  above  applies  in  genera  to  both  two-  ar  1  three-dimensional  flows.  In  the  latter  ease,  the  additional  degree  of 
freedom  increases  the  complexity  of  the  flow  itructure  and  hence  the  solution  procedure.  The  nature  of  the  equations  along  and 
normal  to  the  external  stream  directions  bcco.  ics  hyperbolic  and  the  zone  of  influence  has  to  1«  considered  in  the  computational 
algorithms.  Turbulence  modelling  is  extended  to  include  the  additional  components  of  the  stress  lensor.  The  computational  effort  Is 
thus  more  demanding  and  more  costly'50-12*.  For  the  same  reason,  the  cxperimcmal  observations  and  measurements  of  three- 
dimensional  flows  arc  far  fewer  than  those  of  two-dimensional  ones,  thus  the  nature  of  the  flow  is  less  well  understood  especially  at 
separations'52-55*. 

U.2.3.4  COMPUTATIONAL  CAPAB1L1TIF.S 

The  aerodynamic  flows  in  order  of  complexity  and  the  computational  methods  required  for  their  simulations  are  summarized 
in  Figure  1.  In  the  figure,  the  broad  arrow  drawn  In  the  direction  of  the  cnmpulatiunal  level  for  each  column  indicates  that  similar  or 
better  results  can  be  obtained  at  a  higher  level.  The  present  capabilities  of  the  eomputalional  methods  as  outlined  in  the  last  section  are 
now-  further  discussed  through  the  flow  characteristics  delineated  in  the  figure.  Viscous-inviscid  interactions  as  an  inherent  characteristic 
of  transonic  flows  will  he  emphasized.  The  assessment  Is  liased  on  published  comparisons  between  computations  and  experimental 
data.  For  flow  simulations,  it  is  ideal  if  the  complete  flow  field  about  the  configuration  can  be  reproduced  as  a  whole.  However,  because 
uf  the  Reynolds  number  limitation  of  the  testing  facilities,  multiple  simulations  with  each  designed  for  reproduction  of  a  local  inter¬ 
action  may  be  necessary  as  recommended  in  Scetinn  2.4.  Thus  the  components  of  the  interactive  flows  will  lx-  first  discussed,  then 
followed  by  the  complete  flow  field.  The  free-stream  turbulence  effects  on  the  development  of  the  lioundary  layer  will  also  be  included 
in  the  discussion  as  the  former  Is  an  intrinsic  property  of  all  wind  tunnels.  (Set-  Section  2. 3. 1.5). 

3.2. 3. 4.1  Two-Dimensional  Flows 

3.2.3.4.1.1  Attached  Flows 

Hie  most  essential  requirement  of  a  cunputalional  method  is  its  ability  to  predict  boundary  layer  development  at  the  desired 
Reynolds  number.  Since  most  of  the  computational  methods,  both  differential  and  integral,  involve  a  numlx-r  of  empirical  inputs  which 
are  derived  from  experimental  data  collected  at  certain  range  of  Reynolds  mimlx-rs.  the  first  test  or  the  methods  is  thus  to  examine 
their  applicability  at  different  Reynolds  numbers,  in  the  case  of  differential  methods,  a  critical  test  of  Reynolds  numbers  extended 
from  11.7  to  314  million  with  significantly  different  values  uf  skin  fnetion,  pruviding  excellent  testing  conditiuns  for  this  can  .  As 
shown  in  Figure  2,  the  predictions  from  a  number  of  methods  with  turbulent  models  of  different  complexity  follow  the  data  trend  well 
enough  to  provide  estimates  of  Reynolds  number  effects.  Additional  examples  have  lx-en  given  by  Horxtman  ct  all5J’, 

Integral  methods,  as  exemplified" HJ-  t«n$-  entrainment  approach,  wurk  well  fur  moderate  Reynolds  numbers  but  have  not 
yet  been  tested  to  sueh  a  high  Reynolds  number  as  the  above  ex.implc.  The  cumulation  coefficients  in  the  method  are  derived  frum 
data  of  moderate  Reynolds  nu rnbers.  High  Reynolds  nun.oer  daw  are  thus  urgently  needed  for  extending  the  validity  of  this 
method13-'1. 


One  may  conclude  that  for  attaclml  boundary  layer  fluws,  their  development  can  In*  adequately  computed  by  the  existing 
eodes  in  I  he  differential  or  integral  form*  for  the  range  of  Reynolds  numbers  interesting  fnr  fluw  simulations.  Models  that  affect  closure 
through  the  mean  turbulent  Held  equations  appear  to  lie  more  generally  applicable. 

3. 2.3. 4. 1.2  Leading  Edge  Separatum  Bubbles 

For  transonic  airfoils  at  off  design  conditions,  steep  compression  may  occur  at  the  lending  edge  region.  If  the  Reynolds 
number  is  large,  the  boundary  layer  becumcs  rapidly  turbulent  close  to  the  leading  edge  and  is  letter  prepared  to  sustain  the  adverse 
pressure  gradients.  However,  if  the  Rcynulds  number  is  low  ennugh  for  the  boundary  layer  to  remain  laminar,  svparatiun  may  occur 
and  a  separation  bubble  is  formed.  The  separation  bubble  affects  the  downstream  development  of  the  boundary  layer  and  changes 
the  local  pressure  distribution  significantly.  Thus  for  proper  simulation,  it  i*  necessary  tu  know  whether  the  separation  bubble  would 
bo  formed  under  experimental  cnmlitions. 

A  shallow  separation  region  sueh  as  the  separation  huh  hie  hits  been  treated  by  the  inverse  boundary  layer  method  cnuplcd 
to  an  in  viscid  calculation.  The  inverse  met  hot  Is  have  employed  both  Integral  and  differential  forms' •w,*j:i.  For  the  leading  edge  separa¬ 
tion,  the  l>oundary  layer  is  laminar  and  undergues  transition  to  turbulent  flow  prior  to  reatfachment  to  the  surface.  Proper  models  of 
transition  for  the  Tree  shear  layer  are  required  as  part  of  the  computational  procedure.  The  success  nf  the  prediction  method  is  shown 
in  Figure  3  taken  from  Gleyzes.  Cousteix  and  Bonnet'jM.  The  experimental  data  have  been  obtained  on  a  200  mm  chord  ONER  A 
LC1Q0D  airfoil.  The  separation  occurred  at  quarter  chord  at  Rec  *■  2.2  X  10*  ami  a  luw  free  stream  turbulence  intensity  of  0.4'.r.  The 
pressure  distribution  and  the  variations  of  the  boundary  layer  properties  are  well  predicted  uver  tin*  separation  region.  The  example 
shown  is  for  low  speed  flow*,  however  cases  at  transonic  jqieeds  arc  also  given  in  the  pa|XT.  Similar  success  can  be  found  in  Davis’s 
paper  for  the  differontdl  methrnJ^3' 

3.2. 3.4. 1.3  Shock -Boundary  Layer  Interaction 

The  strong  Interaction  of  the  shock  wave  and  the  boundary  layer  is  an  intrinsic  feature  of  transonic  flows.  The  analytical 
results  of  the  asymptotic  analysis  of  a  nnrmal  shock  interaction  with  the  Ixjnmlary  layer  on  a  flat  plate,  a*  discussed  in  Section  .1. 2.3.2, 
can  be  used  for  scaling  of  the  local  flow  parameters  If  the  Interaction  does  nut  induce  separation.  For  Interactions  with  local  separa¬ 
tion,  the  Navier  Stokes  equations  nr  the  thin  layer  approximation  are  required  for  the  solution  of  the  flow  field.  Serially  designed 
experiments  have  been  performed  to  provide  a  precise  check  nn  computational  predictions  and  input  fur  turbulence  modelling'3*1. 
Results  have  !>cen  presented  by  Marvin  for  the  Navier  Stokes  solutions11  D  and  are  reproduced  in  Figure  4.  The  shock  wave  was  formed 
inside  a  circular  test  section  and  interacted  with  the  wall  boundary  layer.  The  upstream  Mach  number  of  the  shock  was  1.4*1  and  the 
local  Reynolds  number  37  million.  Separatum  in  this  test  case  was  small.  The  pressure  rise  through  the  interaction  is  correctly  predicted 
by  the  compulations.  The  lioundary  layer  developments,  os  shown  here  by  the  skin  friction  distributions  anti  tin?  velocity  profiles. 


indicate  that  the  turbulence  models  with  mean-turbulent  field  yields  better  results  than  those  with  mean-velocity  field.  The  well  pre¬ 
dicted  pressure  rise  regardless  of  the  turbulence  modelling  is  a  result  of  the  Inviscid  dominated  nature  of  the  outer  layer  as  discussed 
in  the  previous  section. 

In  the  thin  layer  approach,  the  viscous  flow  computation  is  coupled  to  a  transonic  inviscid  code  and  the  solution  is  obtained 
by  a  semi-inverse  global  iteration  process  allowing  for  flow  separation*39!.  Computational  results  for  one  of  the  special  experiments  by 
Marvin*3®!  have  been  given  by  LeBalleur*39'  and  are  reproduced  here  in  Figure  5.  The  shock  wave-boundary  layer  interaction  took 
place  on  a  symmetrical  18%  circular  arc  airfoil  at  zero  ineidenee.  With  the  transonic  small  disturbance  code  for  the  inviseid  flow  com¬ 
putation,  the  results  agree  well  with  the  experimental  data  In  the  lower  Mach  number  case  involving  a  small  separation  region.  For  large 
shock-induced  separation,  only  qualitative  agreement  is  obtained.  The  variations  of  the  boundary  layer  properties  over  the  interaction 
region  are  also  shown  for  the  higher  Mach  number  case  with  flow  separation  well  predicted.  Note  that  the  Navicr -Stokes  results  arc 
also  shown  In  the  figure  for  comparison.  The  over-prediction  of  the  pressure  rise  for  both  the  Navier-Stokes  and  the  thin  layer  solu¬ 
tions  is  due  to  the  fact  that  the  computations  predict  a  strong,  nearly  normal  shock  while  the  experiment  indicates  the  presence  of  a 
weak  oblique  shock.  It  has  recently  been  shown  that  if  the  downstream  condition  corresponding  to  the  experimental  flow  field  is 
imposed,  an  oblique  shock  Is  predicted  and  the  experimental  pressure  rise  is  recovered*40!. 

3. 2. 3.-4. 1.-4  Trailing  Edge  Flows 

At  the  vicinity  of  the  trailing  edge  of  an  airfoil,  the  streamline  curvature  and  the  normal  pressure  gradients  are  no  longer  small 
and  the  interaction  with  the  inviscid  flow  ts  moderate  for  attached  flows  and  strong  for  separated  flows.  For  attached  flow  the 
asymptotic  analysis  delineates  the  local  flow  structure  explicitly  and  provides  corrections  for  the  computations  of  weak  interactions*1 
For  Hows  with  separation,  the  Navier-Stokes  method  or  its  thin  layer  approximation  arc  again  required  for  the  solution  of  the  flow 
field.  The  Navier-Stokes  computations  shown  by  Horstman  and  their  comparisons  with  data  from  experiments  specially  designed  to 
examine  the  trailing  edge  flows  are  particularly  illustrative*4  Some  typical  results  are  shown  in  Figure  6  taken  from  this  reference. 
The  test  configuration  consisted  of  a  forebody  and  a  rear  section  to  which  different  trailing  edge  models  could  be  attached.  The  trailing 
edge  model  shown  in  the  figure  has  the  form  of  the  upper  rear  quadrant  of  an  18%  thick  circular  arc  airfoil.  Data  were  obtained  at 
Mach  number  of  0.7  and  Reynolds  number  of  40  million  per  meter.  A  small  separation  zone  was  obtained  close  to  the  trailing  edge.  The 
displacement  thickness  variation  in  the  trailing  edge  region  show  s  the  well  known  sharp  discontinuity  in  slope  as  the  nonslip  condition 
changes  to  the  wake  condition.  The  trend  of  the  experimental  data  is  well  predicted,  as  well  as  the  details  of  the  flow  field  in  the  forms 
of  velocity  profiles  and  turbulent  shear  stress  profiles.  It  Is  also  shown  that  for  attached  flows,  turbulence  modelling  has  a  secondary 
role  In  the  interaction  as  indicated  by  the  asymptotic  analysis.  For  separated  flows,  however,  turbulence  modelling  becomes  important, 
the  velocity  should  now  be  scaled  by  the  square  root  of  the  m  Aimum  shear  stress  and  the  upstream  history  of  the  turbulence  devel¬ 
opment  must  be  taken  into  account*4-'!. 

The  thin  layer  interactive  approach  is  well  suited  for  treating  the  trailing  edge  flow  with  or  without  separation  as  discussed 
in  the  previous  seetion.  The  result  from  an  interactive  method  coupling  the  Euler  solution  and  the  inverse  boundary  layer  approach  Is 
also  shown  in  the  figure*4 31  and  is  in  good  agreement  with  the  data.  The  direct  boundary  layer  computation  using  the  measured  pressure 
distribution  fails  to  reach  the  level  of  the  data  as  the  trailing  edge  is  approached.  This  failure  has  indeed  boon  observed  In  many  classical 
test  eases*30!. 

3  2.3.4.1.5  Flows  Over  Airfoils 

The  complete  flow  field  over  an  airfoil  can  be  constructed  by  adding  the  zona!  strong  interactions  to  the  overall  weak  inter¬ 
actions  or  by  a  global  consideration  covering  the  whole  airfoil  and  wake.  The  former  approach  is  commonly  used  for  airfoil  computa¬ 
tions  with  attached  flow  and  is  exemplified  by  the  methods  developed  by  Melnik*1-',  Lock*16*  and  Stancwsky*44!.  The  approaches  of 
these  methods  ore  basically  similar  and  arc  different  mainly  due  to  the  selection  of  the  strong  interaction  modules  incorporated  into 
the  computation.  All  give  excellent  predictions  of  pressure  distribution  and  the  variation  of  boundary  layer  displacement  over  the 
airfoil.  Tlie  aerodynamic  coefficients  are  well  predicted  up  to  the  trailing  edge  separation.  Some  typical  computational  results  for 
pressure  distributions  and  boundary  layer  properties  tak^n  from  Reference  12  are  shown  in  Figure  7. 

The  thin  layer  method  that  treats  all  interactions  in  a  global  form  also  predicts  accurate  results  for  the  example  given  above. 
Since  the  method  Is  applicable  to  moderately  separated  flow,  it  can  in  principle  be  used  to  determine  the  maximum  lift  coefficient.  The 
Navier-Stokes  method  ean  also  be  applied  beyond  the  incipience  of  separation.  As  an  example,  the  aerodynamic  coefficients  computed 
by  this  method  are  shown  in  Figure  8.  The  results  from  the  interactive  method,  for  hoth  the  lift  curve  and  the  drag  polar,  follow  the 
experimental  data  closely.  The  results  from  the  Navier-Stokes  solutions,  however,  are  loss  satisfactory.  The  discrepancy  of  the  latter 
may  be  due  to  the  fact  that  the  computations  were  performed  assuming  free  Ixju  mimics  at  the  wind-tunnel  test  conditions  and  no 
adjustments  wore  allowed  for  the  wall  interference  correction14 01 .  Recent  advances  of  the  interactive  methods  and  improvement  of  the 
overall  accuracy  can  be  found  in  the  excellent  lecture  note  by  hoek**7). 

From  the  above  discussions  on  two-dimensional  flow  computations,  we  may  observe  that  all  methods  predict  the  experi¬ 
mental  data  trends  well  enough  to  provide  accurate  estimation  of  viscous  effects  for  flow  simulations.  Doth  integral  and  differential 
methods  of  solution  are  well  developed.  For  turbulence  modelling,  eddy  viscosity  is  sufficient  for  most  conditions.  However,  the  mean- 
lurbulcnt- field  closure  is  needed  as  extra  strain  rates  Income  large.  Methods  for  computing  viscous-in  viscid  interactions,  which  is  an 
inherent  feature  of  transonic  flows,  arc  also  developed.  The  thin  layer  method  can  readily  treat  moderate  separated  flows  and  shock 
wave  boundary  layer  interactions.  For  flows  with  strong  separation  such  ns  that  induced  hy  shock  waves  and  at  the  trailing  edge,  the 
Navier-Stokes  method  is  required 

3.2. 3.4. 2  Three-Dimensional  Flows 

Computation  id  methods  for  three-dimensional  flows  arc  less  developed  than  the  corresponding  ones  in  two-dimensions.  The 
complexity  of  the  flow  field  requires  additional  effort  IkjIIi  in  formulation  and  computation.  The  concept*  and  techniques  discussed 
in  the  last  section  for  two-dimensional  flow's  are  in  principles,  with  some  generalizations,  applicable  to  the  three-dimensional  cases. 
Care,  however,  must  l>c  taken  for  the  unique  characteristics  of  three-dimensional  flows  especially  at  separation. 

For  attached  flows,  the  computational  methods,  both  integral  and  differential  are  well  developed.  The  performance  of  some 
of  these  methods  have  hovn  assessed  by  comparison  with  experimental  data  of  Van  den  Berg  and  F.lsenaari4-S|  for  flows  over  an  infinite 
swept  wing.  Although  the  test  flow  of  the  experiment  was  incompressible,  the  experimental  conditions  resembled  those  encountered 
on  real  wings.  Thus  the  data  has  been  used  hy  various  investigators  for  evaluation  of  computational  results.  For  this  test,  a  streamwise 
adverse  pressure  gradient  was  imposed  on  the  flow  that  led  to  separation.  The  computational  result*  from  both  Integral  and  differential 
methods  taken  from  Smith's  review*-'!  are  shown  in  Figure  9.  All  predictions  from  direet  methods  show  good  agreement  with  the 
experimental  data  when  the  cross  flow  is  small  or  moderate  hut  they  fail  as  the  eross  flow  beeomes  large.  Improving  the  turbulyneo 
modelling  for  the  differential  methods  from  isotropic  eddy  viseositv  to  full  Reynolds  stress  model  only  improve  the  results  slightly" 

It  lias  been  shown  by  Coustcix*461  ami  Smith*3 1)  that  the  rapid  thickening  of  the  boundary  layer  anil  the  large  skew  rate  at  the  rear 
portion  of  the  flow  required  interactive  treatment.  Interactive  calculations  using  inverse  ho undary  layer  methoi Is  yield  excellent  agree¬ 
ment  with  the  experimental  data  in  the  same  manner  as  the  trailing  edge  flow  discussed  in  the  previous  section. 
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With  the  pitching  approach,  the  interactive  flow  over  a  transonic  wing  haa  been  calculated  for  attached  flows'757.  The  thin 
layer  matching  approach  of  LeBalleur  haa  been  extended  to  an  infinite  swept  wing  with  quasi-three-dimensional  separation  and  shock¬ 
wave  boundary  layer  interactions'1 57.  The  Navier-Stokes  method  has  also  been  employed  to  compute  a  full  three-dimensional  flow  over 
a  46-degree  swept,  10%  thick  circular  arc  airfoil  at  zero  incidence  and  spanning  a  wind  tunnel  test  sectional. 

Similarly,  as  for  the  planar  wing,  boundary  layer  flows  over  a  fuselage  can  be  calculated  up  to  the  separation  region'477.  The 
flow  developed  along  the  wing-body  junction  is  considered  as  a  comer  flow  problem  in  which  the  secondary -flow  is  generated  by 
Reynolds  stress  gradients  and  the  lateral  skewing  of  the  shear  layer.  The  Navier-Stokes  method  is  required  for  the  solution,  a  parabol¬ 
ized  version  la  given  by  Amal  in  which  turbulence  modelling  is  also  examined'487. 

The  three-dimensional  separation  is  more  complicated  than  the  two-dimensional  one.  It  is  governed  not  by  a  simple  algebraic 
condition  as  in  the  two-dimensional  case  but  by  the  differential  relations  of  the  limiting  streamlines,  the  singular  solutions  of  which 
define  the  separation  points  or  lines.  For  open  separations,  the  separated  shear  layer  inevitably  rolls  up  into  a  free  vortex.  For  simulat¬ 
ing  three-dimensional  separated  flow,  Navier-Stokes  methods  are  required  and  a  typical  example  has  been  given  by  Fuji!  and  Kutler  on 
the  separated  vortical  flow  over  a  delta  wing  at  high  angles  of  attack'487.  Another  example  including  both  closed  and  open  separations 
has  been  given  by  Mehta,  in  which  the  transonic  flow  field  on  the  boattail  of  an  axisymmetric  body  at  an  angle  of  attack  has  been 
computed'777.  Both  examples  demonstrate  the  capabilities  of  the  Navier-Stokes  technology  for  simulations  of  complex  flow  fields. 

The  present  computational  capability  for  thiee-dimensl  nal  flow  is  still  short  of  the  objective  of  predicting  viscous  effects 
in  transonic  flow  on  complete  aircraft  configurations.  However,  the  progress  in  component  flow  computations  will  provide  us  with 
building  blocks  for  complete  flow  simulations  in  the  future. 

3.2.3.4.3  Unsteady  Flows 

When  the  flow  past  a  body  is  time  dependent,  the  governing  equations  become  hyperbolic,  and  the  solutions  are  obtained  by 
marching  in  time.  The  unsteady  flows  commonly  encountered  in  a  wind  tunnel  are  mostly  oscillating  in  nature,  the  boundary  layer  is 
thus  periodic  with  an  imposed  mean  flow.  The  methods  of  solution  of  the  boundary  layer  equations  can  again  be  integral  or  differential. 
The  former  is  exemplified  by  the  method  of  Cousteix  et  al'507  and  the  latter  is  given  in  some  details  by  Telionis  which  includes  tur¬ 
bulence  modelling*5 1 7 . 

For  an  oscillating  airfoil  in  transonic  flow,  the  weak  interaction  has  been  considered  for  low  reduced  frequencies  by  patching 
the  unsteady  inviscid  solution  with  the  steady  boundary  layer  solution'577.  A  more  general  approach  has  used  the  unsteady  boundary 
layer  solution  and  the  matching  conditions  for  the  viscous-inviscld  interaction  flows'15-537.  The  interactive  computational  results  of 
a  pitch  oscillating  airfoil  is  shown  in  Figure  10,  taken  from  LeBalleur'1 5 >.  The  interactive  computations  greatly  improve  the  inviscid 
solutions  and  agree  well  with  the  experimental  data,  especially  for  the  unsteady  pressure  peak  at  the  shock  wave.  The  Navier-Stokes 
methods  are  most  suited  for  computation  of  unsteady  flows  with  separations.  In  Mehta's  review,  examples  are  given  for  wing  buffeting 
with  oscillatory  shock  waves  and  separations,  and  for  the  aileron  buzz'737.  The  buffet  boundary  of  an  airfoil  at  high  lift  condition  is 
also  well  predicted. 

3.2.3.4.4  Free  Stream  Turbulence 

The  airflow  in  a  wind  tunnel  always  contains  small  amount  of  unsteadiness  generated  in  the  tunnel  circuit  in  forms  of  velocity 
and  pressure  fluctuations.  The  most  direct  effect  from  these  disturbances  to  the  flow  past  a  model  is  on  boundary  layer  transition,  the 
detailed  discussion  of  which  can  be  found  in  Chapter  4.  The  effects  on  the  development  of  the  turbulent  boundary  layer  have  been 
treated  by  Timme'547  and  Green'557.  It  has  been  shown  that  the  free  stream  turbulence  causes  increased  boundary  layer  growth  with 
associated  Increment  in  surface  skin  friction  and  fuller  velocity  profiles.  The  reduction  of  the  shape  factor  has  a  similar  effect  to  an 
increase  of  Reynolds  number.  However,  the  thickening  of  the  boundary  layer  works  against  the  requirements  of  small  thicknesses, 
both  for  the  displacement  effect  and  for  the  shock  wave-boundary  layer  interaction  at  higher  Reynolds  numbers. 

In  computations  of  the  turbulent  boundary  layer  development,  the  free  stream  turbulence  can  be  taken  into  account  if  the 
mean-turbulent  field  modelling  is  used.  The  capabilities  of  these  methods  in  predicting  the  increases  of  skin  friction  due  to  free  tur¬ 
bulence  have  been  examined  in  the  1980-81  Stanford  Conference  (Vol.  Ill  of  Ref.  8,  test  case  0211).  Al)  methods  predict  much  the 
same  values  but  are  low  in  comparison  with  experimental  data  used  for  assessment.  This  suggests  that  the  turbulence  modelling  may 
not  be  adequate  or  the  correlation  parameters  need  further  adjustment  for  computations  of  this  complex  turbulent  flow.  Thus  better 
understanding  of  turbulence  field  interactions  is  necessary  for  further  improvement  of  the  computational  methods. 

3.2.3 .5  Vise  Crus  Flow  Computations  for  Wind  Tunnel  Tests 

The  capabilities  of  the  computational  methods  for  viscous  flow  simulations  have  been  examined  in  the  last  section.  Because 
of  the  requirement  of  high  accuracy  in  aerodynamics  tests,  e.g.  one  count  for  relative  drag  (see  Section  3.2.2),  only  computations  for 
fully  attached  flow  can  be  accepted  with  confidence  at  present.  For  flows  with  moderate  separations,  the  development  of  the  methods 
is  less  complete  and  the  computations  can  only  be  considered  for  estimation  of  the  trend  of  variations  of  the  flow  parameters. 

Within  the  present  limitations,  the  role  of  computations  for  flow  simulations  in  a  wind  tunne!  test  program  is  defined  in 
detail  in  Section  3.2,1  on  simulation  methodology.  When  a  test  program  is  initiated  and  the  ranges  of  the  test  parameters  specified, 
computations  are  carried  out  to  simulate  the  flow  field  within  the  range  of  Interest.  Computational  results  may  include  pressure  dis¬ 
tributions,  boundary  layer  development  and  drag  at  Reynolds  numbers  cf  the  full  scale  aircraft  and  of  the  test  model.  These  serve  to 
define,  for  example,  the  positions  and  heights  of  transition  trips,  forward  fix  position  and  location  of  the  peak  suction  near  the  leading 
edge  and  aft  fix  position  for  producing  propeT  boundary  layer  thicknesses  at  the  shock  or  for  relieving  near  separations.  During  the 
test,  computations  are  performed  for  direct  comparison  with  the  test  results.  Any  serious  disagreement  could  indicate  viscous  effects 
not  allowed  in  the  computations  and  adjustments  of  the  test  conditions  such  ss  forward  or  aft  fix  positions  might  be  required.  Finally, 
the  test  data  obtained  are  then  converted  to  the  full  scale  condition  in  procedures  recommended  in  Section  3.2.1  with  computations 
providing  for  the  difference  between  values  of  flow  parameters  at  full  scale  Reynolds  number  and  at  model  test  conditions.  Direct 
extrapolation  of  test  data  to  full  scale  conditions  by  computations  alone  ir  rat  be  treated  with  care  and  reservation  in  view  of  the 
strict  requirement  of  accuracy. 

Since  wind  tunnel  tests  always  cover  a  number  of  parameters  over  wide  ranges,  large  amounts  of  computation  may  be  re¬ 
quired  to  generate  the  required  information.  Thus  the  computational  efficiency  is  an  important  factor  for  the  operation  to  be  practical. 
For  the  present  generation  of  computers,  the  methods  >iased  on  the  interactive  theory  are  most  suitable.  The  inviscid  flow  field  is 
generated  meetly  by  the  full  potential  code  at  present.  In  view  of  the  rapid  development  of  the  Euler  code,  the  inviscid  computation!, 
will  soon  be  replaced  by  the  latter  in  the  near  future. 
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•1.2.3.6  CONCLUDING  REMARKS 

In  the  brief  review  of  the  computational  capabilities  for  viscous  flows,  it  has  been  shown  that  the  methods  of  solution  of  the 
governing  equations  have  been  well  developed.  Turbulence  modelling  is  adequate  for  simple  flows,  though  further  verifications  and 
developments  are  still  needed  for  complex  Dows.  Interactions  of  viscous  and  inviscid  flows,  which  is  a  basic  characteristic  of  transonic 
flow,  are  properly  formulated  and  analyzed. 

Attached  flows  can  be  predicted  accurately  for  a  wide  range  of  Reynolds  numbers.  Flows  with  moderate  separations  near 
the  leading  or  the  trailing  edges  and  the  shock  wave-boundary  layer  interactions  can  be  treated  by  the  interactive  method..  Methods 
for  two-dimensional  flows  are  better  developed  while  three-dimensional  and  unsteady  flow  methods  are  showing  rapid  progress.  In 
general,  computations  con  be  applied  to  simple  configurations  or  components  of  a  complex  configuration. 

The  interaction  of  computational  simulations  with  wind  tunnel  test  programs  has  effectively  augmented  the  capabilities  of 
these  tests.  The  information  provided  by  computations  is  now  essential  for  design  and  checking  of  the  test  and  for  interpretation  and 
extrapolation  of  the  results.  Due  to  strict  requirement  of  accuracy  in  aerodynamic  tests,  applications  of  computation  are  limited,  at 
present,  to  simulations  of  attached  flows.  For  complex  flow  simulations,  especially  with  flow  separation,  further  development  is  needed 
in  better  understanding  the  physical  nature  of  the  flow  and  its  modelling.  In  view  of  the  rapid  progress  of  computational  methods1*-5*' 
these  will  certainly  be  achieved  in  the  near  future. 
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FIG.  2:  COMPUTATIONS  OF  SKIN  FRICTION  FROM  COMPRESSIBLE 
TURBULENT  BOUNDARY  LAYER  CODES  WITH  DIFFERENT  TUR¬ 
BULENCE  MODELS  AT  HIGH  AND  MODERATE  REYNOLDS  NUMBERS, 
M„  =  2.3.  (a)  ADVERSE  PRESSURE  GRADIENT  FOLLOWED  BY 
RELAXATION;  AND  (b)  ADVERSE  PRESSURE  GRADIENT  FOLLOWED 
BY  A  FAVOURABLE  ONE.  (REPRINTED  FROM  REFERENCE  11) 
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FIG.  3:  COMPUTATIONS  OF  SEPARATION  BUBBLE  WITH  AN 
INVERSE  METHOD  ON  ONERA  LC100D  AIRFOIL  AT  Rec  =  2.2  X  106, 
TURBULENCE  INTENSITY  =  0.4%,  (a)  VELOCITY  DISTRIBUTION; 
(b)  FORM  FACTOR  VARIATIONS;  (c)  MOMENTUM  THICKNESS 
VARIATIONS;  EXPERIMENTAL  DATA  FROM  THE  AUTHORS. 
(REPRINTED  FROM  REFERENCE  36) 
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FIG.  4:  COMPUTATIONS  OF  TRANSONIC  NORMAL  SHOCK  WAVE¬ 
BOUNDARY  LAYER  INTERACTION  AT  M„  =  1.44.  Rex  =  37  X  106, 
(a)  WALL  PRESSURE;  (b)  SKIN  FRICTION;  (c)  VELOCIT^  PROFILES. 
(REPRINTED  FROM  REFERENCE  11) 
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O  Experiment  :  McDevitt  -  Deiwert 
,  ,  ,  ,  ,  Present  computations 

'JfUJUA  Nsv'er '  Stokes  (according  to  turbulent 
modelling)  :  Deiwert 


FIG.  5:  COMPUTATIONS  OF  SHOCK  WAVE-BOUNDARY  LAYER 
INTERACTION  ON  AN  18%  CIRCULAR  ARC  SYMMETRICAL  AIRFOIL 
AT  Re  —  4  X  106,  (a)  PRESSURE  DISTRIBUTIONS  AT  M„  =  0.7245 
AND  0.788  RESPECTIVELY;  (b)  VARIATIONS  OF  BOUNDARY  LAYER 
PROPERTIES  FOR  M„  =0.788.  (REPRINTED  FROM  REFERENCE  39) 
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FIG.  6:  COMPUTATIONS  OF  TRAILING  EDGE  FLOW  ON  AN  UPPER 
REAR  QUADRANT  OF  AN  18%  CIRCULAR  ARC  AIRFOIL  AT  =  0.7, 
Re  =  4  X  107/m,  (a)  DISPLACEMENT  THICKNESS  DISTRIBUTION; 

(b)  MEAN  VELOCITY  PROFILES;  (c)  TURBULENT  SHEAR-STRESS 
PROFILES.  (REPRINTED  FROM  REFERENCE  41) 
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FIG.  7:  COMPUTATIONS  OF  FLOWS  OVER  RAE  2822  AIRFOIL  AT 
M„  =  0.728,  CL  =  0.743,  Re  =  6.5  X  106,  (a)  PRESSURE  DISTRIBUTION 
(XT  =  0.03);  (b)  BOUNDARY  LAYER  DEVELOPMENTS  (XT  =  0.11). 
(REPRINTED  FROM  REFERENCE  12) 


INCIDENCE  IOEGAEESI 


FIG.  8:  LIFT  CURVE  AND  DRAG  POLAR  FOR  G&K  75-06-12  AIRFOIL 
AT  Rec  =  21.5  X  106  (REPRINTED  FROM  REFERFNCE  13) 
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FIG.  9:  COMPUTATIONS  OF  THREE-DIMENSIONAL  BOUNDARY 
LAYER  FLOW  ON  AN  INFINITE  SWEPT  PLATE  WITH  ADVERSE 
PRESSURE  GRADIENT,  (a)  MOMENTUM  THICKNESS;  (b)  LIMITING 
STREAMLINE  ANGLE.  (REPRINTED  FROM  REFERENCE  21) 


m 


•  Experiment  NASA  AMES 


—  — - Inviicid  theory 


0  0.2  0.4  0.6  08  1 


110.  10:  COMPUTATIONS  OF  UNSTEADY  FLOWS  OVER  NACA64A010 
AIRFOIL,  FIRST  HARMONIC,  PITCH  OSCILLATIONS  AT  M„  =  0.8, 
tv  =  0°,  Re  =  12  X  106,  k  =  0.40,  (a)  PHASE  ANGLE;  (b)  MAGNITUDE 
OF  UNSrEADY  PRESSURE  DISTRIBUTIONS.  (REPRINTED  FROM 

REFERENCE  15) 
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SECTION  3.2.4 

EMPIRICAL  TOOLS  FOR  SIMULATION  METHODOLOGIES 


by 

A.Elscnaar 

National  Aerospace  Laboratory  (NLR) 
Anthony  Fokkcrwcg  2 
1059  CM  Amsterdam,  The  Netherlands 

and 

A.B.Haincs 
Chief  Executive 

Aircraft  Research  Association  Ltd 
Manton  Lane,  Bedford  MK4 1  8 PA,  UK 


LIST  OF  SYMBOLS 


c 


A 


local  airfoil  chord 

local  akin-friction  coefficient 

lift-coefficient 

drag-coefficient 

wave  drag  contribution  to  total  drag-coefficient 
local  incompressible  shape  factor  in  streamwise 
direction 

typical  length  acale,  defined  in  text 
free-stresm  Msch  number 
Mach  number  ahead  of  shock 

amplification  factor  in  linesr  stability  theory 
local  static  pressure 

Reynolds  number  (subscript  refers  to  local  conditions) 
turbulence  level  of  the  wind  tunnel 
local  free-stream  velocity 
akin-friction  velocity 

distance  along  airfoil  chord  in  atrearawise 
direction 

boundarv  layer  displacement  thickness  in  stream- 
wiae  direction 

boundary  layer  displacement  thickness  In  cross-wise 
direction 

02  dUe 

average  value  of  Pohlhauaen  parameter  —  *  -s — 


G  boundary  layer  momentum  thickness 

v  kinematic  viscosity 

TE  subscript,  refers  to  trailing  edge  conditions 

AL  subscript,  refers  to  attachment  line  conditions 

subscript,  refers  to  onaet  of  Instability 
T  subscript,  refers  to  transition  location 

INTRODUCTION 


For  the  appllcstion  of  a  almulatlon/extrapolat ion  methodolngy  a  detailed  understanding  of  the  relevant 
viscous  effects  is  essential.  Prior  to  the  actual  wind  tunnel  tests  theoretical  calculations,  using  sone 
of  the  methods  as  described  In  section  3.2.3,  will  be  made.  When  during  the  sctual  wind  tunnel  tests 
experimental  results  become  available,  a  major  part  of  the  analysis  will  also  be  based  on  a  comparison 
of  theory  and  experiment.  Additionally,  theory  can  be  applied  using  experimental  data  (e.g.  pressure 
distributions,  transition  locations)  ss  input  values.  As  outlined  in  section  3.2.1  different  levels  of 
sophistication  are  possible  here.  The  required  level  of  sophistication  will  depend  on  the  complexity  of 
the  problem,  the  availability  of  sdditlonal  information  and  the  available  time  or  other  resources. 
However,  as  diacuaaed  In  section  3.2.3  even  the  most  sophisticated  computional  methods  today  cannot 
describe  all  aspects  of  the  flow  development.  Thla  la  particularly  true  for  details  of  the  flow 
development  that  involve  boundary  layer  transition  and/or  separation. 

For  that  reason  this  aectlon  attempts  to  describe  the  "empirical  tools"  that  can  be  used  to  supplement 
the  theoretical  calculations  or  the  experimental  Information.  Most  of  these  "empirical  tools"  are  tsken 
directly  from  chapter  4.  For  the  convenience  of  the  user,  they  are  presented  In  an  operational  way  by 
distinguishing  between  "input",  "supporting  calculations"  and  "method (a)".  In  each  case  only  the  prin¬ 
ciple  of  the  method  is  briefly  Indicated;  for  details,  one  must  refer  to  chapter  4,  where  the  methods 
are  described  in  more  depth. 

Also,  In  many  caaes,  alternative  relations  can  and  will  he  uaed  depending  on  exiating  practice  snd 
experience  of  a  particular  design  team.  Where  possible,  in  addition  to  a  "simple  method"  a  more 
aophlat Icated  method  haa  been  apeclfled  (indicated  between  (]).  In  some  caaea  the  mnre  sophisticated 
method  la  alraoat  Identical  to  n  complete  numerical  simulation.  In  that  respect  the  present  set  of 
"empirical  tools"  la  open-ended.  On  the  one  hand,  new  experimental  Information  will  become  available  in 
the  future  to  refine  or  extend  the  "empirical  tools"  aa  used  at  present.  On  the  other  hsnd,  the  ever 
Increasing  aophlat icat ion  in  flow  modelling  through  computional  methods  will  eventually  supersede  most 
empiric lam. 
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K 

i 

i 

TP? 1C  1:  TRANSITION  PRFD1CTI0N 

t 

INPl'T 

.  measured  or  calculated  pressure  distrlhut Inns 
.  Reynolds  number  (tunnel,  flight) 

.  leading  edge  geometry  snd  wing  plsnform 
.  turbulence  level  of  wind  tunnel  (T  ) 

.  measure  of  surface  roughness 
SUPPORTING  CALCULATIONS 

.  2D  or  quasi  3D  boundary  layer  calculations 
.  (full  3D  boundary  layer  calculations, 

the  choice  depending  nn  the  configuration  and  test  aims] 


METHOD (S) 

.  In  sections  4. 3. 3. 1.2  and  4. 3. 3. 2. 2,  simple  crireria  are  specified  for  the  prediction  of  transftlnn 
due  to 


leading  edge  contamination 

eg  ^0  AL  >  where  is  the  Reynolds  number  based  on  the  momentum  thickness  of  the  bnundary 

l8yer*nlnng  the  Ieading*eage  attachment  line. 

Tollmien-Schlichting  atreamwiae  instability 

eR  rot  -  Res  *  f(A*  V 

where  Rfi_  is  the  momentum  thickness  Reynolds  number  fnr  neutral  stability  and  A  is  a  mean  value  of 
the  PnhJnauaen  parameter,  averaged  over  the  length  from  x.  to  x^  »  this  parameter  being  a  function 
of  the  streamwise  pressure  gradient  and  the  momentum  thickness  (aee  figure  7  in  4.3). 

This  approach  is  effectively  an  extension  by  ONF.RA/CERT  (Michel  etal,  ref.l)  of  the  wellknown 
Granville  criterion  in  order  to  allow  for  the  effects  of  tunnel  stream  turbulence, 
cross-flow  (CF)  instability 
eg  Rfi2T  >  *  <Htl  .  Tu) 

where  6  is  the  displacement  thickness  of  the  cross-flow  profile  of  the  boundary  layer. 


The  application  of  these  crireria  for  flight  snd  tunnel  Reynolds  numbers  will  yield  graphs  similar  to 
Figure  18  of  section  4.3,  Use  of  the  criteria  merely  requires  output  from  integral  boundary  layer 
calculations. 

The  reader  is  referred  to  flection  3.3.3  for  the  prediction  of  the  various  types  of  transition  in  the 
special  case  of  elongated  bodies  at  incidence. 


(Sophisticated:  stability  calculations  based  on  calculated  boundary  layer  profiles  from  finite 
difference  calculatinns  will  provide  amplification  factnrs  for  both  Tollroien-Scblicuting  (TS) * 
Cross-flow  (CF)  and  GSrtler  instabilities.  Tf  they  exceed  a  certain  level  n  »  f (T  ),  it  is  assumed 
that  transition  will  occur. 

eg  n.  -  -  8.43  -  2.4  in  T  sectinn  4. 3. 3. 1.2) 

as  propnsed  by  Mack  (ref.2)Y  v.  Ingen  (ref. 3)  and  Michel  etal.  (ref.l) 
on  the  basis  of  flat-plate  data. 

This  relation  hss  not  yet  been  fully  validated  fnr  general  use  but  it  appears  to  predict  the  general 
trends  even  when  pressure  gradients  are  present.  Tn  making  predictions  nf  transition  position  in 
flight,  it  should  be  satisfactory  to  take  n  ■  9  as  a  standard  value. 

There  is  some  evidence  that  there  can  be  an  interaction  between  the  TS  and  CF  instabilities  bur 
further  research  Is  needed  to  establish  8  proven  relation  for  this  effect  (see,  fnr  example  ref.  4 
and  5). 

Compressibility  is  not  thought  to  have  a  large  effect  on  the  critical  values  of  n  but  It  is  most 
important  that  the  calculations  fnr  the  TS  instability  shnuld  be  made  using  compressible  stability 
theory] . 


A  word  of  warning  is  needed  at  this  point.  The  criteria/methods  given  above  suggest  that  the  posltinn 
of  transition  depends  solely  on  the  shape  of  the  surface,  the  pressure  distribution  nver  the  surface 
and  the  turbulence  intensity.  Effects  due  to  tunnel  noise,  knnwn  to  have  some  Influence,  are  nnt 
represented.  Moreover,  in  some  experiments  a  correlation  is  observed  between  transition  location  and 
the  tunnel  unit  Reynolds  number  as  discussed  in  detail  in  sectinn  3.3.3.  This  correlation  has  not  vet 
been  explained  satisfactorily  in  terms  of  physical  meaningful  parameters.  Depending  on  further 
studies,  changes  to  the  predictions  methods  may  be  needed. 

.  Additionally,  the  likelihood  of  relaminarisatinn  can  be  estimated  frnm  a  criterinn  hased  on 


dU 

v  e  v  dp 
-  nr  — r--* 

U*  dx  PU^  dx 

(Launder  &  Jnnes,  ref. 6;  Patel  &  Head,  ref. 7) 


Transition  can  also  nccur  in  a  laminar  separatinn  bubble  (see  TOPIC  2).  Its  precise  location  (only 
relevant  for  detailed  calculations)  can  also  be  calculated  by  means  of  an  ampl If icatlnn  method  (see 
v.  Ingen,  sectinn  4.6). 


l 
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TOPIC  2:  SEPARATION  IN  LFJVDINC  EDGE  RECION 
INPUT 

.  calculated  pressure  d lstrlhuf ions 
•  Reynolds  number  (tunnel,  flight) 

.  lending  edge  geometry  and  wing  planform 
.  transition  locations  (TOPIC  1) 

SUPPORTING  CALCULATIONS 

.  2D  or  qussi  3D  boundary  layer  calculations 
.  (coupled  viscous- lnviscld  strong  interaction  methods] 

METHOD(S) 

The  problem  la  very  similar  to  the  prediction  of  maximum  lift  at  low  speed.  Som*  phenomena  that  can  be 
observed  In  the  leading  edge  region  are 

.  laminar  separation 

to  be  estimated  from  boundary  layer  calculations  based  on  lnviscld  pressure  distributions. 

.  huhble  bursting 

(eg  Horton  (ref.R);  aee  also  v.  Ingen,  section  4.6.3) 

(More  refined  methods  require  calculations  based  on  viscous-inviscid  strong  interaction  with  an 
empirical  transition  location;  see  TOPIC  I  and  also  v.  Ingen,  section  4.6.2  and  4.6.3.]. 

.  turbulent  boundary  layer  separation 

A  method  for  the  prediction  of  turhulent  boundary  layer  separation  Is  required  for  conditions  where 

(a)  transition  occurs  as  a  reault  of  contamination  along  th *  wing  leading  edge  attachment  line,  or 

(b)  the  flow  reattaches  downstream  of  a  laminar  separation  bubble. 

Separation  can  possibly  be  estimated  by  finding  whether  C^  approaches  zero  In  a  turbulent  boundary 
layer  calculation  uaing  the  lnviscld  pressure  distribution  as  Input.  Use  of  a  measured  experimental 
pressure  distribution  can  lead  to  misleading  results  hecsuse  of  the  'pressure  relief'  In  the 
pressure  distribution  approaching  separation;  see  section  4.6.6.  Prediction  is  particularly  difficult 
for  cases  where  a  lamlnsr  separation  bubble  is  present  because  of  uncertainties  in  the  boundary  layer 
characteristics  at  reattachment,  see  section  4.6.4, 

.  shock-induced  leading  edge  separation. 

When  the  velocities  in  the  leading  edge  region  (and  perpendicular  to  isobars)  are  locally  supersonic, 
a  very  complex  interaction  between  the  (possibly  laminar)  boundary  layer  and  shock  can  he  present. 
This  type  of  flow  is  not  well  understood  at  present. 


Some  investigations  hsve  suggested  that  a  particular  value  of  maximum  local  Mach  number  could  serve 
as  a  suitable  criterion  but  this  approach  cannot  be  recommended  in  view  of  the  fact  that  for 
different  types  of  geometry,  maximum  \.ilues  ranging  from  0.8  to  1.8  have  been  observed.  The 
fact  that  this  range  can  extend  as  low  as  0.8  la  proof  In  itself  that  a  maximum  local  Msch  number  la 
not  a  satisfactory  criterion. 

Research  is  needed  to  establish  a  better  criterion  which  must  take  account  of  the  severity  of  the 
adverse  pressure  gradient  aft  of  the  peak  velocity. 

TOPIC  3?  SHOCK  WAVE  BOUNDARY  J.AYF.R  INTERACTION 

INPUT 

.  measured  and/or  calculated  (3D)  pressure  distributions 

.  Reynolds  number 

.  wing  geometry 

.  upstream  boundary  layer  development  (TOPICS  l  and  2) 

SUPPORTING  CALCULATIONS 

.  2D  or  (quasi)  3D  boundary  layer  calculations 
.  (coupled  viscous-inviscid  (strong)  interactions  methods] 

METHOD(S) 

(a)  Completely  attached  flow 

Conventional  turbulent  boundary  layer  calculations  can  be  used  to  estimate  the  boundary  layer 
development  underneath  the  shock  but  the  calculations  can  be  refined  by  revising  the  discontinuous 
pressure  rise  (lnviscld)  st  the  shock  by  a  pressure  gradient  defined  by  the  upstreaw  Interaction  or 

influence  length,  L  _  ,  given  by  a  relation  of  the  form 

upstream  °  J 

L  / c  -  constant  x  6,*/c  x  (H,.  -  1) 

upstream  l  il 

(Stanewsky,  section  4.5.3.) 

where  6  *  and  are  the  boundary  layer  displacement  thicknesa  and  lncorapresalble  shape  factor 
Immediately  up6tresm  of  the  interaction  zone. 

Fig.  17  of  section  4.5  suggests  that  67  la  an  appropriate  value  for  the  constant  In  the  above 
relation. 

It  follows  that  manipulation  of  the  boundary  layer  to  give  the  aame  value  of  6j  */c  xCH^j-l)  in  the 
model  tests  ns  under  full  acale  conditinns  would  yield  full  simulation  as  regards  the  upstream 
influence. 
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(h)  Shock-induced  incipient  separation 

Research  has  shown  that  the  onset  of  incipient  separation  is  only  weakly  dependent  on  viscous 
effects . 

Fig.  27  of  section  4.5  presents  this  dependence  in  the  form  of  a  graph  of  shock-upstream  Mach 
number,  Mj ,  for  incipient  separation  as  a  function  of  H^. .  It  is  thought  that  this  relation  will 
apply  for  swept  shock  waves  up  to  angles  of  sweep  of  atleast  30*  provided  M.  is  always  taken  as  the 
local  Mach  number  component  normal  to  the  shock  front. 


(c)  Growth  of  shock-induced  separation  bubble 

Various  methods,  bssed  on  correlations  of  experimental  data,  exist  for  prediction  of  the  length, 
L  ,  of  a  shock-induced  separation  bubble. 

NofEble  amongst  these  are 

(i)  Fuiker  &  A.shill's  correlation  (ref. 9)  in  the  form 


L  /0. 

sep  1 
where  0, 


c(Mi-V 

boundary  layer  momentum  thickness  immediately  upstream  of  the  shock 
interaction  znne. 


(ii)  Stnnewskv's  correlation  (section  4.5)  in  the  form 

Sup74!*  ■  f(V4*/R) 

With  R  the  average  upper  surface  contour  radius  between  shock  and  trailing  edge. 

Note:  the  conditions  of  the  turbulent  boundary  layer  at  rcattachment  are  very  uncertain  (see  the 
discussion  by  Stanewskv  in  section  4.5.5).  Additional  empirical  information  is  required  for  the 
accurate  predictinn  of  the  boundary  layer  further  downstream.  Sufficient  experience  has  not  yet 
been  gained  in  the  use  of  the  above  relations  to  know  whether,  in  general,  they  lead  to 
r-ignif icantlv  different  predictions  or  whethrr  their  use  is  completely  inconsistent  with  the  use  of 
5j*/c  x  parameter.  Clearly  there  is  no  a  prinri  reasnn  why  all  these  approaches  should  be 

cnmpatible.  In  che  methodologies  described  in  55  3.2.1,  3.3.1  and  3.3.2,  the  emphasis  is  placed  on 
the  Fu lker-Ashi \ 1  approach,  largely  because  this  offers  a  means  of  also  predicting  when  the 
shock-induced  separation  hubhie  suddenly  extends  to  the  trailing  edge,  see  (d)  below.  It  is  not 
clear  at  present  whether  the  relations  for  L  continue  to  apply  when  a  rear  separation  as  veil 
as  a  shock-induced  separation  bubble  is  presenE:  existing  evidence  suggests  that  this  is  true  in 
many  hut  not  .in  ail  cases. 

(A  more  soph  1st lcated  approach  would  require  a  (local)  application  of  the  Navler-Stokes  equations 
or  a  coupled  viscous-inviscid  strong  interaction  method.  In  both  cases,  considerable  uncertainty 
is  introduced  by  the  difficulty  in  choosing  an  appropriate  turbuience  model.  | 


(d)  Extension  nf  shock-induced  separation  bubble  to  the  trailing  edge. 

Prediction  of  the  complete  flow  breakdown  from  the  shock  to  the  trailing  edge  is  an  important 
aspect  of  the  simulation  scenario:  this  condition  is  a  guide  to  buffet-onset.  For  values  of  M.  < 
1.4,  Fulker  &  Ashill's  correlation  suggests  that  flow  breakdown  occurs  when  the  shock-induced 
separation  bubble  has  extended  to  a  point,  'R',  denoting  the  start  of  the  relatively  rapid 
pressure  rise  ahead  of  the  trailing  edge.  At  higher  values  of  ,  they  suggest  that  flow  breakdown 
occurs  when  reattachment  behind  the  bubble  is  predicted  to  occur  at  a  point  upstream  of  'R'  and 
they  provide  a  method  for  predicting  the  distance  ahead  (see  Fulker  &  Ashill,  ref. 9). 

This  empirical  method  has  only  been  validated  to  date  for  a  particular  class  nf  pressure 
distributions  and  for  conditions  where  the  sveepback  nf  the  shock  front  is  nnt  greater  than  ahout 
25*.  Further  refinement  of  the  method  will  probably  be  required  to  widen  its  ram;e  of 
applicability. 

[Calculation  methods  based  on  viscous-inviscid  strong  interaction  approach  or  on  the  Navier-Stokes 
equations  contain  in  principle  all  elements  for  a  proper  treatment  but  application  of  these 
methnds  is  nt  present  limited  to  2D  flow  and  even  then,  the  accuracy  of  the  results 
depends  on  the  accuracy  of  the  turbulence  model  in  the  separated  region  of  the  flow.] 


TOPIC  4:  TURBULENT  TRAILING  EDGE  SEPARATION 
INPUT 


.  either  measured  or  calculated  pressure  distributions 
Reynolds  number 
wing  geometry 

the  upstream  houndary  layer  development  (TOPICS  1  t n  3) 


SUPPORTING  CALCULATIONS 

.  2D  or  (quasi)  3D  boundary  layer  calculations 
.  [NS  or  coupled  viscous-inviscid  strong  interaction  methods] 

METHOD (S) 

The  prediction  of  trailing  edge  separation  is  a  complex  problem  that  has  not  yet  been  solved  satis- 
factnrilv.  The  present  state-of-the-art  is  discussed  by  van  Tngen  in  sections  4.6.5  to  4.6.7  and  it 
appears  that  there  arc  a  number  of  empirical  appraoches  to  prediction  which  become  progressively  more 
difficult  and  uncertain  as  nne  increases  incidence  nnd/nr  Mach  number  to  conditions  where  first,  the 
flow  becomes  supercritical  and  then,  the  shock  wave  becomes  strong  enough  to  induce  a  separation  buhbie. 
Extension  of  this  bubble  to  the  trailing  edge  has  been  discussed  above  under  topic  3(d);  the  present 
paragraph  is  enneerned  with  the  prediction  of  a  separation  of  the  turbulent  boundary  layer  close  to  the 
trniling  edge  as  a  separate  phenomenon  hut  still  possihlv  influenced  by  the  presence  of  a  shock-induced 
sepsratinn.  With  a  substantial  separation  bubble  underneath  the  shock,  the  trniling  edge  separa-  tion 
will  depend  critically  on  the  upstream  history  of  the  boundary  layer.  Strictly  speaking  Is  separation 
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defined  by  a  vanishing  skin  friction.  But  from  the  discussion  hy  van  Ingen  in  5  4.6  it  becomes  clear 
thst  the  application  of  this  definition  is  fsr  from  easy.  The  general  spprosch  is  to  cslculate  the 
development  of  the  turbulent  boundary  Inver  and  to  apply  various  empirical  criteria  for  prediction  of 
separst ion-onset  such  ss 

(a)  the  skin  friction  Cr  decreasing  below  a  certain  (small)  value, 

(b)  shape  factor  increasing  above  a  certain  value  at  a  certain  distance  ahead  of  the  trailing  edge 

(c)  a  critical  value  of  Q  »/U  *dU  /dx  (  see  van  InRen,  section  4. 6.6. 2)  where  U  is  the  local  velocity 
outside  the  boundary  layer. 

(d)  a  shape  factor  correlation  (see  van  Ingen,  section  4. 6. 6. 3  and  also  defined  by  Kline,  ref, 10). 

The  turbulent  boundary  layer  calculations  can  be  based  on  either  meaaured  or  cal  'lated  pressure 
distributions  but  if  measured  pressure  distr ihut inns  are  used,  misleading  results  will  be  tbtained 
unless  one  departs  from  the  messured  distribution  ahead  of  the  trailing  edge  where,  if  a  separation  is 
present,  it  will  introduce  some  ’pressure  relief’  (see  van  lngen,  section  4.6.6).  When  using  a  measured 
pressure  distribution,  it  should  be  faired  to  an  estimated  value  of  the  trailing  edge  pressure,  this 
value  being  obtained  preferahly  from  an  inviscid-viscous  iterative  calculation.  If  the  turbulent 
boundary  layer  calculations  are  being  based  on  a  calculated  pressure  distribution,  this  should  always  be 
obtained  by  s  method  thst  allows  for  at  least  weak  viscous-invlscid  Interactions.  When  a  substantial 
separation  bubble  is  present  underneath  a  shock,  the  predictions  of  behaviour  near  the  trailing  edge 
will  clearly  depend  critically  on  the  upstream  history  of  the  boundary  layer.  There  should  be  proper 
allowance  if  possible  for  the  separated  region  through,  for  example,  an  inverse  boundary  layer  calcu¬ 
lation  prescribing  Cf  "0.  These  methods  may  fail  when  the  shock  is  relatively  far  aft  because  the 
boundary  layer  profile  at  the  likely  separation  point  nsy  not  yet  hsve  recovered  to  an  equilibrium  shape 
for  a  turbulent  layer.  The  possible  interaction  between  a  shock-induced  separation  bubble  and  a  rear 
separation  is  not  sufficiently  understood  for  relisble  simple  prediction  methods  allowing  for  this  inter¬ 
action  to  be  svailsbie. 

(Calculatinn  methods  based  on  viscous-invlscid  strong  Interaction  or  on  the  Navier-Strokes 
equations  contsin  in  principle  all  elements  for  s  proper  treatment  of  the  problem.  However,  the 
accuracy  of  the  results  depends  critically  on  the  vslidity  of  the  selected  turbulence  model  in 
the  region  of  flow  separation) 


TOPIC  3:  VISCOUS  DRAG  SCALING 
INPUT 

.  main  features  of  geometry  (wetted  area,  wing  thickness/chord  etc) 

.  Reynolds  number 
.  transition  location  (TOPIC  l) 

.  pressure  distributions  and  precise  wing  geometry  (not  necessary  for  method  (i)) 


SUPPORTING  CALCULATIONS 

.  2D,  quasi  3D  or  full  3D  boundary  layer  calculations  with  weak  viscous-invlscid  interactions 

.  2D  boundary  lsyer  calculations  with  allowance  fnr  strong  viscous-invlscid  intersctions. 

.  (3D  boundary  layer  calculations  with  allowance  for  strong  viscous-invlscid  intersctions) 


METHODS 

.  In  increasing  order  of  refinement: 

(1)  Form  factors,  e.g.  from  DATCOM  or  RAeS  Dsta  Sheets,  in  combination  with  a  flat  plate  skin 
friction  law, 

(ii)  Simple  boundary  layer  calculations,  e.g.  by  the  integral  lag-entrainment  method  of  Green  in 
combination  with  s  wske-relat ion ,  eg  Squire  and  Young.  These  methods  exist  for  2D  and  qussl 
3D  flows. 

(iii)  More  advanced  coupled  viscous-invlscid  interaction  methods  for  2D  or  quasi  3D  flows,  e.g. 

Melnik  et  al  (ref. 11),  Lock  &  Williams  (ref. 12)  and  Davis  6  Carter  (ref. 13).  These  methods 
are  capable  of  coping  with  local  boundary  layer  separations. 

(Sophisticated: 

(iv)  As  (iii)  but  extended  to  the  general  case  of  a  swept  threedimensional  wing) 


TOPIC  6:  WAVE  DRAG  SCALING 
INPUT  AND  SUPPORTING  CALC  LATIONS 
.  Reynolds  number 

.  calculated  pressure  distributions  with  allowsnce  for  viscous-invlscid  interactions 
.  wing  surface  curvature  distributions 
.  *for  some  methods,  complete  flow  field  calculations) 

METHOD (S) 

The  changes  with  Reynolds  number  in  the  boundary  layer  displacement  thickness  and  separation 
character  1st ics  can  lead  to  changes  in  the  shock  strength  and  shock  position  and  hence,  wave  drag  for  a 
given  C^.  A  method  is  therefore  required  for  estimating  the  wave  drag  for  s  given  shock  strength  and 
shock  position.  Simple  first  order  methods  applicable  to  the  flow  over  both  2D  sectlnns  and  swept  3D 
wings  are  given  by  Lock  (ref .  14 , 13, 16) .  These  relate  the  wsve  drag  to  the  local  surface  curvsture  at  the 
foot  of  the  shock.  For  a  2D  section, 
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?r  F  M,o> 


1+0. 2M_ 


where  F(M„,  M]Q)  -  0.243  — 


(H1q-  1)  (2.0  -H,0) 

M10O  +  0.2  h\q) 


where  *w  -  surface  curvature  at  foot  of  shock 
-  free  atream  Mach  number 

Mjq  -  local  Mach  number  ahead  of  Che  shock  and  close  tn  the  .surface 


Fnr  a  swept  3D  wing, 


/l 

n  hody 


c  (n; 
c 


CD  (n)  dn 


where  c(n)  -  local  chord 
n  -  y/a 

s  -  9emi  9pan,  c  -  mean  chord 
4. 

roa  A  # 

and  Cn  (n)  -  F  (H_  coaA  .  M..) 

DW  C*U  s  10 

where  A^  -  sweep  of  the  shock  front  at  n 

-  Mach  number  component  normal  to  the  shook  at  Its  fnot. 


More  elaborate  methods  are  available  for  estimating  the  wave  drag  based  on  an  integratlnn  along  the 
forward  aurface  of  the  shock.  The  above  formulae  for  are  likely  to  be  unreliable  when  Che  shock  Is 

in,  or  la  located  .lust  dovnatream  of,  a  region  of  W  discontinuous  or  rapid  variation  of  surface 

curvature;  In  due  course,  the  formulae  will  he  revised  to  cope  with  this  situation. 

(Sophisticated:  wave  drag  obtained  directly  as  an  output  from  calculations  of  the  flow  by  methods  hased 
on  solutions  of  the  full  Euler  equations  with  coupled  vl scous-lnvlscld  Interactions  or  the  Navler-Stokes 
equations. 1 
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SECTION  3.3  APPLICATIONS 


SECTION  3.3.1 

TRANSPORT-TVPE  CONHCJU  RATIONS 

by 

A.B.I  laincs 
unci 

A.Iilscnaar 


3.3. 1.1  Introduction 


Various  reasons  can  be  advanced  for  treating  transports  as  a  separate,  distinct  class  of  nireraft  for 
the  purpose  of  defining  a  detailed  viscous  simulation  methodology.  For  example, 

<  i )  the  wings  arc  typically  of  high  aspect  ratio  (A  }  6),  limited  sweepback  (  40")  and 

moderate  thickncss/ehord  ratio,  eg  0.08  <  t/c  <  0.15, 

(ii)  the  moat  scale-sensitive  viscous  phenomena  tend  to  appear  near  and  outboard  of  mid-semi-span 
where  the  flow  can  often  be  regarded  as  qunsi-two-dimensionnl  -  see  Fig  1.  Much  of  the  past 
research  on  scale  effect  in  transonic  flow  is  therefore  relevant, 

(ili)  many  model  test  progrnmmes  for  subsonic  transports  concentrate  merely  on  the  limited  C|  -  M 
region  covering  the  likely  cruise  conditions  and  extending  up  to  but  nnt  beyond  the 
buffet-onset  boundary.  There  will  of  course  be  exceptions  to  this  general  stntement:  in  some 
eases,  the  programmes  will  have  to  cover  n  wider  test  envelope  in  order  to  obtain  londing 
data  for  the  aircraft  structural  engineer  and  to  provide  a  guide  to  the  stability  and  control 
chnractcristics  up  to  the  design  diving  speed. 

In  genernl,  therefore,  both  the  geometry  and  the  transonic  flow  development  will  be  simpler  than  for 
the  combat  aircraft  configurations  considered  later  in  §3.3.2.  This  does  not  mean  that  the  task  or 
defining  a  suitable  viscous  simulntion  methodology  fnr  n  subsonic  transport  aircraft  is  n  simple  task. 
The  difficulties  in  simulating  the  full  scale  flnw  can  still  be  formidnble  and  the  accuracy 
requirements  for  the  test  data  enn  often  be  very  stringen-  .  For  exnmple,  H  e  customer  for  the  tests 
may  often  demand  a  relative  accuracy  of  ACg  s  0.0001  lie  1  'drag  count')  or  better,  when  comparing  two 
competing  wing  designs  for  a  given  application  or  when  determining  the  incremental  effects  of  say,  the 
nacelle  installation,  the  flap  track  fairings,  n  tip  singlet  or  n  wing-bodv  fairing.  Despite  the  fact 
that  one  Is  considering  n  restricted  class  of  wing  geometry,  one  should  resist  any  temptntinn  to  say 
that  once  one  has  tested  one  wing  design,  one  merely  has  to  npply  the  sane  detailed  prnetiec  to  the 
next  design.  Even  if  the  two  designs  bear  a  family  resemblance,  the  differences-  nrc  likely  to  be 
significant  in  the  present  context.  In  the  first  test  programme  on  a  new  conf igurnlion,  one  should 
apply  the  full  methodology  as  described  below;  short  cuts  should  not  be  taken;  each  new  configuration 
should  be  treated  on  its  merits. 

Before  describing  the  methodology  In  detail,  a  few  general  points  Bre  worth  noting: 

(a)  the  methodology  is  concerned  with  the  flow  over  the  wing.  Scale-sensitive  viscous  effects  may 
also  be  present  In  the  flow  over  the  rear  fuselage  of  a  subsonic  transport  but  these  arc  discussed 
in  §3.3.3, 

lb)  an  implicit  assumption  thrnughout  is  that  on  the  full  scale  aircraft  in  flight,  transition  is 
likely  to  occur  near  the  wing  leading  edge.  Future  aircraft  designs  may  however  seek  to  exploit 
extensive  laminar  flow  over  the  fnrward  part  of  the  wing  upper  and  lower  surfaces;  detailed 
changes  to  the  methodology  will  then  be  required, 

4c)  the  methodology  can  be  applied  most  effectively  when  testing  a  model  with  extensive  pressure 
plotting  facilities,  when  these  arc  not  available,  it  will  be  essential  to  conduct  surfnec  flnw 
visualisation  tests;  even  when  pressure  distributions  nrc  measured,  flow  visualisation  is  highly 
desirable  as  an  aid  in  interpreting  the  pressures.  The  fundamental  message  underlying  all  the 
detailed  methodologies:  to  be  successful,  know  your  flow  and  appreciate  the  nature  of  t’e  viscous 
effects  that  may  be  present  in  the  model  tests. 

3.3. 1 .2  The  Detailed  Methodology 

STEP  1  :  Collection  of  relevant  information 

The  test  engineer  should  start  by  collecting  the  relevant  information  about  the  tunnel,  the  model  and 
the  aims  and  requirements  of  the  particular  tc  t  progrnmme.  The  important  issues  regarding  the  tunnel 
and  the  model  are  discussed  in  §3.2.2. 

The  objectives  for  a  test  progrnmme  on  a  model  of  u  subsonic  transport  aircraft  are  likely  to  include 

(i)  cruise  drag  -  often  required  to  an  uecurncy  of  ACp  =  0.0001  or  better  as  regards  the 
Increment  in  drag  between  two  conf igurntions  of  the  same  model  or  ideally,  as  between  one 
model  and  another  in  the  aamc  family.  Realistically,  one  cannot  expect  to  achieve  better 
than  aCq  r  10.0005  for  the  extrapolated  absolute  drag  of  the  full  aoalo  nireraft  and  many 
organisations  may  regard  this  as  a  highly  optimistic  target, 
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(ill  the  buffet-onset  boundary  -  generally  required  to  o  relative  accuracy  of  0.01  in  Cl  at  a 
given  Mach  number, 

liii)  pressure  distributions  -  required  to  an  accuracy  of  ACp  :  0.01  for  checking  computer  codes 
and  for  performance  verification  hut  better  than  this,  eg  ideally  ACp  =  0.001  for  assessing 
the  effects  of  small  changes  io  configuration, 

(iv)  stability  and  control  data  including  the  effects  of  ailerons,  spoilers,  oirbrokes,  tailplanc, 
fio,  elevator  and  rudder  with  pitching  moments,  for  exnmplc,  determined  to  an  accuracy  of 
better  than  ACffl  r  *0.0010, 

( v )  lift-curve  slope  to  an  occuracy  of  certainly  better  than  5%  Tor  gust  analysis. 

To  achieve  these  standards  of  accuracy  ond  repcatohi 1 ity,  the  Mach  oumber  should  be  held  constant  in  a 
polar  for  drng  data  to  an  accuracy  of  AM  :  *0.001  or  better  ond  the  angle-of-attack  should  be  known  to 
on  accuracy  of  belter  than  0.01".  Many  other  factors  have  to  be  addressed  with  care:  holance  design 
and  calibration,  tunnel  stream  humidity,  well  intei ferenee  ond  model  support  interference.  These  moy 
appear  irrelevant  in  the  context  of  a  viscous  simulation  methodology  hut  if  they  arc  not  addressed 
with  core,  the  successful  oppliootion  of  the  methodology  will  be  compromised. 

The  customer  for  the  tests  should  indicotc  the  Cj_  -  M  region  for  which  he  is  most  Interested  io 
obtaining  a  good  viscous  simulation  of  the  full  scale  flow  behaviour.  This  could  lake  the  form  of  a 
picture  such  os  that  shown  in  Fig  2,  viz  three  primary  design  or  cruise  conditions  and  a  target 
buffet-onset  boundary.  Points  A-F  could  then  be  selected  us  the  conditions  for  the  calculations  io 
Step  2.  It  should  be  emphasised  that  Fig  2  is  only  intended  to  be  o  typical  illustration:  not  every 
subsonic  transport  will  have  to  meet  a  specification  with  three  operational  cruise  conditions  and,  in 
some  eases,  ooc  would  not  be  able  to  ignore  low  C|_  conditions,  particularly  for  oircroft  with 
underwing  nacelle  installations. 

STEP  2  :  Preparatory  calculations 

Calculations  should  be  made  by  the  most  advanced  theoretical  method  conveniently  available  to  obtain 
the  wing  pressure  distributions,  boundary  layer  development  and,  if  possible,  the  wave  drog  aod 
viscous  drag  at  the  important  operational  conditions  identified  in  Step  1.  Calculations  should  be 
made  for  both  the  full  scale  aireroft  nt  a  typicol  flight  Reynolds  oumber  aod  for  the  model  at  a 
representative  test  Reynolds  number. 

The  complexity  of  the  configuration  chosen  for  these  calculations  will  depend  on  the  capabilities  of 
the  test  estnbl ishment.  It  would  be  unrealistic  to  suggest  that  one  needs  to  use  a  eode/grid  suitoblc 
for  calculating  the  flow  over  the  complete  aircraft  and  at  the  other  extreme,  it  is  possible  that 
useful  guidonce  could  be  obtained  from  calculations  for  two-dimensional  flow.  Ideally,  however,  the 
calculations  should  be  made  for  at  least  the  three-dimensional  wing-body  configuration  or  preferably, 
the  wiog-body-naccllc  installation,  bcoring  In  mind  that  the  addition  of  the  nacelles,  whether 
underwing  or  on  the  af t-fusclago ,  can  modify  the  shock  pattern  over  the  wlr.g  upper  surface  at  a  given 
C[^  as  well  as  latroducing  serious  viscous  effects  on  the  wing  lower  surface. 

Strictly,  to  compare  with  the  measured  data  and  to  provide  a  reliable  extrapolation  of  the  viscous 
effects  to  full  scole  conditions,  the  CFD  codes  used  for  these  eolculations  should  be  capoblc  of 
allowing  fo:  strong  viscous- inviscid  interactions  such  as  a  laminar  separation  near  the  wing  leading 
edge,  a  shoek-induced  separation  bubble  and  a  rear  separation  ahead  of  the  wing  trailing  edge  but  such 
codes  have  not  yet  been  developed  for  general  use.  Even  when,  in  the  future,  they  have  been 
developed,  it  is  probably  unrealistic  to  suggest  that  they  should  be  used  in  a  general  viscous 

simulation  methodology  except  as  a  means  of  becking  some  specific  point  of  overriding  importance  in  a 
particular  case.  In  practice,  the  oaturc  uf  the  CFD  code  used  in  this  step  2  in  the  proposed 
methodology  will  always  be  subject  to  the  cost  and  timcscolc  constraints  of  the  testing  establishment 
and  the  customer.  Writing  In  1987,  it  is  however  reasonable  to  propose  that  the  calculations  should 
be  made  using  an  Euler  code  with  allowance  for  at  least  weak  viscous-inviscld  interactions.  The 
restriction  to  wcok  intcroetions  is  oot  such  a  serious  drawboek  as  might  appear  at  first  sight: 
divergence  between  trends  in  the  measured  and  computed  data  will  frcqucotly  serve  as  a  guide  to  where 
strong  viscous  interactions  are  present  in  the  measured  riatn,  and  this  knowledge  will  help  in  the 
intelligent  extrapolation  of  the  data  to  full  scale  conditions.  Indeed,  the  methodology,  as  written 
later,  eg  In  Step  5.3,  tokea  deliberate  advantage  of  the  fact  that  the  strong  viscous-inviscld 

interactions  arc  not  allowed  for  in  the  calculations. 

Predictions  should  be  mnde  of  the  position  of  naturnl  tronsitioo  for  both  the  full  scale  aireroft  ond 
the  model,  applying  criteria  (see  §3.2.4)  for 

(i)  transition  due  to  contamination  along  the  wing  leoding  edge  attachment  lioe, 

(ii)  transition  due  to  cross-flow  instability, 

liii)  transition  due  to  Tol lmlen-Sch 1 ichting  instability  as  in  two-dimensional  flow, 

( ivl  transition  due  to  Gbrtlcr  instability. 

For  most  transport  aircraft,  except  for  those  designed  specifically  to  exploit  laminar  flow, 
transition  will  tend  to  occur  at  or  near  the  leading  edge  as  o  result  of  mechanism  ti)  or  because  of 

joints  in  the  wing  surface.  In  most  model  teals  at  reduced  Reynolds  number,  however,  natural 

tronsition  is  likely  to  be  induced  by  mechaoism  (ii)  or  (iii)  and  so,  whenever  there  is  a  fovourable, 
neutral  or  only  slightly  adverse  pressure  gradient,  transition  is  likely  to  occur  much  further  aft 
than  in  flight.  In  many  cases  in  the  model  tests,  natural  laminar  flow  will  be  maintained  back  to  the 
shock  and  the  results  with  natural  transiilon  will  then  be  unrepresentative  of  the  full  scale  viscous 
behaviour  which  contains  a  turbulent  boundary  layer/shock  interaction. 
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If  the  tests  are  being  made  in  a  variable  pressure  tunnel,  the  calculations  of  pressure  distribution 
and  boundary  layer  development  should  be  repeated  for  various  Reynolds  numbers  in  the  test  range 
(extended,  if  thought  appropriate,  by  the  use  of  a  supplementary  half-model  as  described  ir,  §3.2.1). 
Also,  whenever  the  Intention  Is  to  use  the  boundary  layer  manipulation  approach,  ie  aft-fixing,  the 
calculations  should  be  repeated  for  a  range  of  transition  positions  at  the  model  test  Reynolds  number. 
These  transition  positions  should  all  lie  ahead  of  the  predicted  natural  transition  position  nnd 
should  range  from  a  typiccl  'forward  fix'  position  at  say,  0.05c  (but  see  (1)  below)  back  to  a 
position  about  0.15c  ahead  of  the  shock  front,  marking  the  rearward  extent  of  the  region  of 
supercritical  flow  as  determined  in  the  calculation  for  natural  transition. 

The  general  aim  of  these  calculations  is  to  give  the  model  test  engineer  an  early  indication  of  the 
likciy  pressure  distributions  over  the  wing  at  the  primary  test  conditions  of  operational  interest 
and,  in  particular,  an  appreciation  of  where  and  how  the  flow  is  likely  to  be  sealc-sensitivc. 
Specifically,  the  calculations  will  indicate 

(i)  a  suitable  position  for  a  forward  transition  trip.  This  should  be  as  near  the  icading  edge 
as  possible  in  order  to  reduce  uncertainty  in  the  interpretation  of  the  drag  data  but  it 
should  be  recognised  that  it  will  be  difficult  to  provoke  transition  in  a  strongly  favourable 
pressure  gradient.  Aiso,  if  the  calculations  indicate  that  there  is  a  peak  suction  close  to 
the  leading  edge,  the  trip  should  not  be  located  near  or  immediately  downstream  of  this  peak 
suction.  There  are  two  main  reasons  for  this  recommendation: 

(a)  the  outgoing  expansion  waves  from  near  this  peak  suction  arc  lost  if  the  region  is 
aiiewed  to  be  Immediately  ahead  of  the  forward  facing  step  introduced  by  the  transition 
trip.  This  can  lead  to  a  significant  change  in  the  subsequent  supercritical  flow 
development.  These  effects  are  illustrated  in  Fig  3, 

( b i  placing  the  trip  in  a  steep  adverse  pressure  gradient  immediately  behind  the  peak 
suction  can  lead  to  undue  thickening  of  the  boundary  iaver  and  thus,  possible  extra 
problems  such  as  a  premature  rear  separation  -  see  Fig  3. 

Experience  has  shown  that  If  this  recommendation  is  ignored,  there  wiil  be  a  lack  of 
repeatability  in  the  test  data, 

( i  i  |  the  probable  range  of  positions  at  which  transition  can  be  tripped  In  the  model  tests  and 
still  achieve  the  primary  aim  of  ensuring  a  turbulent  boundary  laycr/shock  interaction  with 
no  local  interference  between  the  trip  and  the  flow  at  the  foot  of  the  shock.  As  explained 
in  §3.2.1,  testing  with  an  aft  trip  is  a  means  of  extending  the  effective  range  of  the 
effective  test  Reynolds  number  and  the  range  of  possible  transition  positions  can  be 
translated  into  a  range  of  effective  Reynolds  number  by  using  the  Aero-level  simulation 
criterion  introduced  in  §3. 2. 1.1.5  and  plotted  in  Fig  9  of  §3.2.i  reproduced  here  for 
convenience  as  Fig  4.  The  effective  Reynolds  number  is  defined  as  the  Reynolds  number  that 
wouid  be  needed  if  transition  were  fixed  in  the  (generally  forwardl  position  forecast  for 
fiight  at  full  scale  Reynolds  number  In  order  to  produce  the  same  viscous  flow  behaviour  as 
in  the  model  tests  with  aft  transition,  this  correspondence  being  judged  on  the  basis  of  the 
chosen  simulation  criterion, 

(iii)  whether  a  rear  separation  is  likely  to  he  present  In  the  modci  tests  and,  if  so,  the  extent 
to  which  this  can  be  eliminated  by  changes  in  Reynolds  number  and/or  transition  position  in 
the  available  lest  range.  Methods  for  predicting  a  rear  separation  are  discussed  in  §3.2.4. 
The  Reynolds  number  (or  effective  Reynolds  number)  above  which  the  rear  separation  is 
forecast  not  to  occur  is  denoted  by  Rcrit  in  the  subsequent  discussion, 

( i v )  whether  -  and  this  is  a  remote  possibility  for  dcsign/operational  conditions  such  as  A-F  in 
Fig  2  -  there  is  likely  to  be  a  laiuinnr  separation  ahead  of  a  suitable  forward  trip  position. 
If  so,  the  Reynolds  number  above  which  this  is  forecast  not  to  occur,  is  denoted  as  Rcr | tp- , 

(v)  the  required  transition  trim  heights  for  various  Reynolds  number/lransi tion  positions. 
General  experience  suggests  that  these  should  be  slightly  greater  than  those  that  would  be 
predicted1  by  Braslow  and  Knox  on  the  basis  of  the  calculated  thickness  of  the  laminar 
boundary  layer  at  the  chosen  transition  positions  but  the  actual  values  for  any  particular 
tunnel  are  likely  to  depend  on  the  stream  turbulence  and  the  values  for  any  particular  wing 
design  depend  on  the  upstream  history  of  the  boundary  layer.  General  experience  appears  to 
suggest  that  the  height  of  on  aft  fix  has  to  be  somewhat  greater  if  the  pressure  gradient 
upstream  of  the  trip  is  favourable  than  when  it  Is  adverse,  ic  the  effect  of  the  gradient  on 
the  stability  of  the  laminar  boundary  layer  is  more  important  in  general  than  its  effect  on 
the  thickness  of  the  boundary  layer. 

A  study  of  the  results  of  (ii,iii,iv)  will  provide  a  forecast  of  which  simulation  scenario  (§3.2.1)  is 
likely  to  apply  at  the  operating  conditions  identified  in  Step  1.  To  summarise: 

1  Rcrit  <  ^flight  an<1  best  range  of  R  or  effective  R  includes  R f J  i ght *  scenario  i 

2  Rcrit  *  Rf  1  i ght  bul  les*'  range  of  R  or  effective  R  includes  Rfughl  an<1  Rcrit:  scenario  2 

3  Rcrit  "itnin  test  range  of  R  or  effective  R  but  range  insufficient  to  inelude  Rflight'  scenario  3 

4  Rcrit  forecast  to  be  less  than  R fl i gh t  but  bo,-b  Rcrit  and  Rflight  beyond  test  range:  scenario  4 

5  Rcrit  forecast  to  be  higher  than  Rflight  an<1  bobb  Rcrit  an<1  Rflight  beyond  lest  range: 
scenario  5. 

it  should  be  noted  thst,  at  this  stage,  these  deductions  from  the  calculations  are  only  forecasts  for 
a  limited  number  of  conditions.  The  actual  transition  positions  to  be  used  in  the  tests  (apart  from 

the  initial  forward  fix)  will  be  based  on  the  measured  data  obtained  in  Steps  3  and  4  and  eventually, 

the  placing  of  the  data  in  different  simulation  scenarios  for  the  purpose  of  extrapolation  to  fuil 
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scale  is  likely  to  be  based  on  the  first-order  or  second-order  simulation  criteria  discussed  in 
§3.2.1.  For  the  present,  however,  there  is  no  need  to  become  involved  in  such  complications.  The 
simple  approach  outlined  above  will  be  sufficient  to  alert  the  test  engineer  as  to  the  viscous  flow 
problems  he  is  likely  to  encounter  in  th  actual  tests. 

The  above  description  of  the  proposed  pr  cdurc  for  Step  2  is  somewhat  simp'il'ied.  Stating  that  the 
calculations  should  be  made  for  a  certain  transition  position,  Xj,  suggests  that  one  can  -  and  should 
-  trip  transition  at  the  same  xj  nt  all  positions  across  the  spar.  This  may  well  be  possible  with  a 
forward  trip  at  say,  0.05c,  but  with  an  aft  trip,  one  must  allow  for  the  likely  changes  ir.  shock 
position  near  the  root  and  tip.  A  typical  shock  pattern  over  the  wing  upper  surface  near,  for 
example,  the  buffet-onset  boundary  at  the  cruise  Mach  number  (point  El  was  shown  in  Fix'  1.  Natural 
transition  is  likely  to  be  induced  in  the  tunnel  test  ahead  of  or  as  a  result  of  the  pressure-rise 
through  the  inner  forward  and  outbonrd  shocks  and  it  is  clear  that  the  range  of  Xf  nvailablc  for 
manipulating  the  boundary  Inver  is  limited  nenr  the  root  nnd  lip.  For  the  high  aspect  rntio  wings  of 
most  subsonic  transports,  these  restrictions  may  not  be  tuo  important  since,  as  noted  in  Fig  1,  the 
most  significant  viscous  effects  in  the  cruise  and  up  to  buffet-onset  -re  likely  *o  be  found  near 
mid-semi-spnn  (apart  from  local  effects  in  the  wing-body  junction). 

STKF  3:  Initi al  datum  tests  with  forward  fixed  and  with  free  tran;  t ion 

Note:  in  practice,  it  is  possible  that,  for  convenience,  the  te»ts  in  both  Steps  3  and  4  will  be 
conducted  in  a  single  tunnel  entry;  when  describing  the  methodology,  it  is  useful,  however,  to  keep 
the  distinction  between  Slops  3  and  4.  It  also  serves  as  a  warning  against  the  frequent  practice,  to 
be  deprecated,  of  customers  omitting  Step  3,  either  on  cost  grounds  or  because  "they  know  what  to 
expect".  As  observed  earlier,  experience  with  earlier  configurations  can  only  serve  as  a  guide;  the 
detail  is  always  liable  to  change  with  a  new  configuration. 

The  first  move  should  be  to  apply  a  forward  fix  of  the  appropriate  height  at  the  position  chosen  on 
the  basis  of  the  calculations  in  Step  2.  This  trip  should  be  a  narrow  band  of  ballotini,  carborundum 
or  serrated  tape  ( 1 hande  crantee* 1  or  a  set  of  air  jets,  accnrding  to  the  experience  or  preference  of 
the  individual  test  establishment.  The  tests  should  then  start  with  a  cheek,  usually  by  means  of  a 
suhlmntion  lest  with  say,  acenaphtheno,  on  the  effectiveness  of  the  trips  on  both  the  upper  and  lower 
surfaces.  One  should  check  the  effectiveness  in  vnrions  operating  conditions,  eg 

(al  some  ur  all  uf  the  typical  opcrationnl  design  or  cruise  conditions,  eg  A,  B,  C  in  Fig  2,  as  chosen 
for  the  CFD  calculations  in  Step  2, 

Ibl  conditions  nenr  buffet-onset  at  similar  Mach  numbers,  these  conditions  being  chosen  by  on-line 
monitoring  of  the  test  dntn, 

I c )  if  necessary,  other  conditions  where  there  is  any  reason  to  doubt  the  effectiveness  of  the 
transition  fixing,  cither  because  of  n  lower  tcsl  Reynolds  number,  eg  nt  low  Mach  number  in  an 
ntmospheric  tunnel,  or  a  more  favourable  pressure  gradient  or  n  thicker  boundary  lnycr. 

It  is  worth  noting  that  if  the  ncenaphthenc  is  sprayed  over  the  whole  wing  surface,  Including  the 

region  upstream  of  the  transition  trip,  a  ’good  fix’  implies  that  some  small  turbulence  wedges  are 

visible  immediately  downstream  of  the  trip,  whereas  if  the  accnaphthenc  is  onl>  sprayed  on  the  wing 
aft  nf  the  trip,  the  aim  should  lie  to  ohtain  a  clear  indication  with  no  wedges.  Obviously,  one  should 
npply  the  smallest  trip  thnt  will  produce  these  results;  otherwise,  the  presence  of  the  trip  may  lead 
tu  an  uunecesary  increase  in  drag. 

Tests  should  then  be  made  with  and  without  this  forward  trip  over  the  full  range  of  and  Mach 
number:  note:  the  full  range  Including  conditions  at  low  Mach  number  and  not  simply  the  region  around 
the  points  chosen  for  the  CFD  calculations. 

The  aims  of  the  test  with  the  forward  trip  can  be  summarised  ns  follows: 

(l)  To  establish  the  nlisolutc  drag  levels  free  from  any  uncertainty  due  to  an  unknown  extent  of 

laminar  flow  and  thus,  by  comparison  with  predictions  for  conditions  where  the  flow  Is  fully 

attached  and  subcritical ,  to  provide  some  check  that  the  measured  data  have  been  corrected 

successfully  for  the  support  tares,  tunnel  wall  interference,  buoyancy  effects  etc. 
tncxpluincd  discrepancies  mav  indicate  that  there  are  local  viscous  problems,  eg  in  a 
wing-bodv  junction,  and  surface  oil  flow  visualisation  tests  should  then  be  made  to  check 
whether  these  can  be  identified.  If  such  effects  arc  present,  they  could  be  scale-sensitive 
and  this  point  should  be  borne  in  mind  in  the  later  stages  of  the  methodology. 

Ini  To  compare  with  the  results  of  the  CFD  calculations  in  Step  2.  Any  serious  disagreement,  eg 
in  shock  position,  could  indicate  that  viscous  effects,  eg  a  rear  separation,  not  nllowcd  for 
in  the  CFD  calculations,  is  present  in  the  measured  data.  in  other  wurds,  the  tests  with  the 
forward  trip  arc  being  made  at  a  Reynolds  number  hetow  Rprjt  -  at  least,  for  these  particular 
operating  conditions.  If  so,  this  would  conf  need  for  further  tests,  as  described  in 

Step  4,  involving  either  a  Reynolds  number  ,,r  a  transition  position  sweep  at  a  given 

model  test  Reynolds  niimher.  If  the  tests  nrc  being  made  on  a  model  without  pressure  plotting 

facilities,  the  comparison  between  measured  and  predicted  shock  positions  would  have  to  be 

based  on  'he  evidence  from  surface  flow  visualisation  tests.  Also,  a  surface  flow 
visualisation  test  with  oil  cither  applied  to  the  wing  ahead  of  the  test  or  perhaps, 
preferably,  emitted  from  holes  in  the  wing  sufacc  during  the  test,  provide  the  clearest 
Indication  of  whether  a  rear  separation  is  piescnt  or  not. 

(iiil  To  find  how  the  shock  position  varies  with  M  and  C[_  nnd  thus,  to  gain  some  idea  of  the  likely 
CL  -  M  ranges  in  which  one  can  test  with  a  further  aft  transition  position  and  still  obtain  a 
turbulent  boundary  layer/shock  interaction,  As  noted  earlier,  the  shock  position  is  likely 
to  vary  somewhat  across  the  span  of  the  wing. 
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(iv)  To  study  the  nature  of  the  pressure  distributions  aft  of  the  shock  and,  in  particular,  to 
note  how  the  pressures  at  different  chordwise  positions  vary  with  and  Mach  number.  These 
eurves  provide  another  means  of  possibly  identifying  whether  a  rear  separation  is  present  - 
see  Fid  5,  for  example,  reproduced  from  the  original  reference^  by  Haines,  Pearcey  and 
Osbe  e,  which  introduced  the  concept  of  class  A  and  class  B  flow  separations. 

The  test  with  free  transition  is  included  largely  for  diagnostic  purposes  and  to  provide  a  guide  ns  to 
what  ean  be  attempted  in  the  in-depth  study  of  viseous  effects  in  Step  4.  For  example,  it  will  show: 

(i)  whether  laminar  flow  ean  be  maintained  baek  to  the  outboard  shoek, 

(ii)  whether  the  generally  relatively  weak  forward  shoek,  if  present  on  the  inner  wing,  is  strong 
enough  to  provoke  transition, 

(iii)  whether  a  rear  separation  is  still  present;  if  so,  this  almost  certainly  implies  that  it  will 
be  present  at  the  model  test  Reynolds  number,  whatever  transition  fixing  prnetiee  is  adopted, 

(iv)  the  furthest  aft  shoek  posi-ion  iikoiy  to  be  achieved  at  a  given  incidence  (but  not 
necessarily  at  a  given  C^l  and  Maeh  number  at  the  test  Reynolds  number  and,  therefore,  the 
extent  t  which  the  shoek  positions  observed  in  the  forward  fix  test  are  providing  a 
conservative  guide  to  the  transition  positions  that  can  be  chosen  for  the  tests  in  Step  4. 
S'ote:  an  aft  movement  of  transition  will  lead  to  a  thinner  boundary  layer  at  the  shock  and  at 
the  trailing  edge  and  hence,  a  further  aft  shoek  position  at  a  given  incidence.  In  general, 
however,  fixing  transition  ahead  of  the  shoek  will  still  result  in  the  shock  being  slightly 
further  forward  than  in  the  transition-free  test. 

The  actual  data  from  the  transition-free  test  ean  provide  a  very  misleading  idea  of  the  full  scale 
performance.  In  particular,  as  illustrated  in  Figs  6a, b, 

(i)  an  aft  .ovement  of  transition  with  increase  in  Mach  number  at  a  given  as  the  supercritical 
region  extends  rearwards,  can  completely  mask^  the  presence  of  a  drag-ereep  prior  to  the  start 
of  the  steep  drag-rise,  and 

(ii)  an  aft  movement  .T  transition  with  increase  in  incidence,  again  in  sympathy  with  a  rtarward 
extension  of  the  supercritical  region,  ean  give'*  spuriously  high  values  of  lift-curve  slope 
W'hieh  eouid  be  misleading  for  gust  analysis. 

In  theory,  it  might  be  possible  to  correct  the  tr3nsition-frec  data  for  the  effeets  of  these  movements 
of  transition  but,  in  practice,  any  suggestion  that  this  should  be  done  .n  routine  testing,  wouid  be 
impracticable.  Henee,  in  general,  for  a  transport  aircraft,  the  transition-free  data  should  not  be 
used  for  the  quantitative  forecasts  of  the  full-sc3le  behaviour;  they  are  being 

obtained  merely  to  help  the  test  engineer  in  the  understanding  of  the  viseous  effects  in  the 
transition-fixed  data.  There  may  be  exceptions  to  this  general  recommendation,  eg  some  establishments 
and  customers  beiieve  that  because  the  boundary  layers  wili  be  thinner  in  a  transition-free  test,  the 
results  from  sueh  a  test  may  provide  the  most  reliable  indication  of  the  full-seale  hinge  moments  for 
a  trailing  edge  control  or  the  fuil-scaie  values  of  C,^. 

STFP  4:  In-depth  study  of  viscous  effects 

Testing  a  model  of  a  subsonic  transport  at  Reynolds  numbers  in  the  range  2  x  105  <  R  <  6  x  10s  with 
transition  tripped  in  a  forward  position,  as  in  the  initial  datum  tests  in  Step  3,  is  unlikely  to 
provide  an  adequate  simulation  of  the  full  scale  viseous  effects.  Mono  of  the  viseous  simulation 
criteria  are  likely  to  be  satisfied.  There  is  therefore  a  need  for  further  tests  to  study  the  viseous 
effeets  and  to  assist  in  the  extrapolation  to  full  scale.  There  are  two  approaches  -  either  conduet 
Reynolds  number  sweeps  if  possible  or  manipulate  the  boundary  laye-  whieh,  at  present,  implies 
conducting  a  sweep  through  a  range  of  transition  positions  at  a  given  Reynolds  number.  Whenever 
possible,  both  approaches  should  be  practised;  they  ar  .  described  in  detail  in  Steps  4a  and  4b  below. 

The  in-depth  study  has  three  main  aims: 

<i)  to  provide  'trends’  in  the  measured  data  that  ean  be  eompnred  with  'trends'  in  the  CFD  data 
from  Step  2  and  whieh  together,  can  be  used  in  the  extrapolation  of  the  data  to  full  scale, 

tii)  to  produee  a  closer  simulation  in  the  actual  tests  of  the  full-scale  viseous  flow  behaviour, 

(iii)  to  eliminate,  as  far  as  possible  within  the  tests,  any  premature  rear  separation  or  other 
strong  viscous-inviseid  interaction  not  expected  to  be  present  in  flight  at  full  scale  Reynolds 
numbers. 

STEP  4a!  Reynolds  number  sweep 

Tests  should  be  made  with  transition  fixed  in  the  forward  trip  position  selected  for  the  tests  in  Step 
3  for  a  range  of  Reynolds  numbers.  This  is  of  course  only  possible  if  the  tests  are  being  made  in  a 
variable  pressure  tunnel.  The  range  of  available  test  Reynolds  number  ean  be  extended  by  use  of  a 
second  model  to  a  different  seale,  eg  a  half-model.  In  many  variable  pressure  tunnels,  it  is  possible 
to  ehange  the  Reynolds  number  at  a  given  Maeh  number  by  a  faetor  of  about  2.5  for  a  given  model  and 
then,  by  use  of  a  half  model,  to  obtain  a  further  increase  by  a  faetor  of  between  1.6  and  2,  according 
to  the  geometry  of  th'e  particular  configuration  and  the  Maeh  number  requirements  of  the  particular 
tests.  In  other  words,  a  Reynolds  number  sweep  over  a  range  of  4:1  or  5:1  should  be  possible.  By  use 
of  the  two  models,  a  Reynolds  number  range  ean  be  obtained  even  in  an  atmospheric  tunnel,  but  this  is 
less  satisfactory  bceausc  it  may  never  be  possible  to  link  the  data,  particularly  the  drag  data  from 
the  two  models,  to  foim  a  single  eurve  against  Reynolds  number.  In  a  variable  pressure  tunnel,  It  is 
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possible  to  obtain  an  overlap  between  the  Reynolda  number  ranges  for  the  complete  and  half  model  test9 
and  then,  it  is  possible  to  extend  the  complete  model  data  to  higher  Reynolds  number  by  following 
merely  the  trends  of  the  half-model  data. 

These  tests  will  concentrate  primarily  on  the  -  M  area  of  most  interest  to  the  customer,  ie  the 
area  around  the  design/operational  conditions  identified  in  Step  1,  but  there  will  always  be  a  case 
for  widening  the  range  and  to  include,  for  example,  conditions  at  relatively  low  Mach  number  and  low 
as  a  check  on  the  absolute  drag  levels.  It  is  important  that  the  data  are  computed  and  corrected 
appropriately  for  effects  which,  if  undetected,  would  contaminate  the  data  as  pseudo-Reynolds  number 
effects.  One  particular  point  that  should  be  highlighted  is  that  the  roughness  band  or  trip  heights 
should  always  be  changed  to  suit  the  test  Reynolds  number;  otherwise,  one  will  ’overfix'  at  the  higher 
Reynolds  numbers  and  introduce  a  significant  drag  penalty  that  is  difficult,  on  present  knowledge,  to 
estimate  accurately. 

Sufficient  test  Reynolds  numbers  should  be  included  to  establish  the  trends  with  reasonable  accuracy. 
If  possible,  while  the  tests  are  in  progress,  these  measured  trends  should  be  compared  with  the 
predicted  trends.  Any  serious  divergence  between  the  predicted  and  measured  trends  should  be 
identified  and  diagnosed,  as  to  whether  they  are  due  to  viscous  effects  and,  if  so,  what  viscous 
effect  and  where  on  the  wing.  In  particular,  the  data  should  be  studied  to  establish  whether  there  is 
any  sign  of  a  rear  separation  ahead  of  the  trailing  edge  on  either  wing  surface  or  of  a  separation 
near  perhaps  0.7c  on  the  wing  lower  surface.  It  may  be  possible  to  recognise  the  presence  of  such 
separations  fairly  readily  from  the  on-line  plotted  data  either  by  comparing  measured  and  predicted 
shock  positions  or  by  creating  plots  of  the  form  shown  in  Fig  5  or  directly  from  the  evidence  of 
surface  oil  flow  teats.  Sufficient  test  Reynolds  numbers  should  then  be  included  to  identify  whether 
these  effects  disappear  in  the  test  range  of  Reynolds  number:  these  will  provide  a  direct  indication 
from  the  measured  results  of  the  values  of  R^jl,  these  being  probably  a  function  of  Mach  number  and 
CL.  These  values  are  likely,  at  the  present  time,  to  be  more  reliable  than  any  values  derived  from 
the  CFB  calculations  and  prediction  techniques  discussed  in  §3.2.4. 

STEP  4b:  Manipulation  of  the  boundary  layer 

Tests  should  be  made  with  one  or  more  aft  trips  covering  a  range  of  different  transition  positions 
with  transition  induced  by  a  trip  of  an  appropriate  minimum  height  deduced  from  the  calculations  in 
Step  2.  Obviously,  the  natural  transition  positions  observed  in  Step  3  provide  an  indication  of  the 
furthest  aft  transition  positions  that  can  be  achieved  in  the  model  tests  at  a  given  Mach  number  and 
Cl,  but  the  limitations  are  somewhat  more  severe  in  that  the  positions  for  these  aft  trips  have  to  be 
choaen 

(i)  to  ensure  a  turbulent  boundary  layer/shock  interaction, 

(ii)  to  avoid  any  local  interaction  between  the  trip  and  the  flow  near  the  shock, 

(iii)  to  minimise,  as  far  as  possible,  any  serious  disturbance  to  the  supercritical  flow  development 
over  the  forward  part  of  the  wing  surface,  and  naturally 

(iv)  to  ensure  that  one  can  claim  that  there  is  completely  laminar  flow  ahead  of  the  trip  at  all 
conditions  of  interest;  otherwise,  there  will  be  difficulties  in  interpreting  the  drag  data. 

Illustrations  of  the  problems  that  may  arise  if  (11, iii)  are  ignored,  are  shown  in  Figs  7,8.  In  both 
cases,  the  flow  decelerates  auead  of  the  trip  and  then  accelerates  over  the  top  of  the  roughness  band. 
If  the  trip  is  too  close  to  the  shock,  as  in  Fig  7,  the  interaction  leads  to  the  development  of  a 
second  (and  spurious  relative  to  full  scale)  supercritical  region  downstream  of  the  trip,  which 
eventually  merges  with  the  region  further  forward  to  create  a  single  supercritical  region  but  with  a 
shock  both  stronger  and  lying  further  downstream  than  if  the  interaction  with  the  trip  had  not  been 
present.  This  leads  to  an  increase  in  wave  drag  and  indeed,  as  can  be  seen  in  Fig  7,  the  existence  of 
this  form  of  interaction  can  often  be  readily  recognised  from  a  study  of  the  drag  polar.  The  correct 

conclusion  is  that  a  condition  such  as  that  illustrated  in  Fig  7  lies  outside  the  range  of  validity  of 

tests  with  that  particular  trip.  It  does  not  meet  requirement?  (ii.iii),  ie  the  point  lies  below 
boundary  AA  -  see  Fig  9.  To  avoid  this  form  of  interaction,  the  trip  shou'd  be  at  least  0.15c  ahead 
of  the  shock.  Bearing  in  mind  that,  as  noted  earlier,  the  shock  position  will  tend  to  move  aft  in 
many  cases  as  the  transition  position  is  moved  rearward,  a  rough-and-ready  guideline  is  that  an  aft 
trip  should  be  at  least  0.10c  ahead  of  the  shock  position  observed  with  a  further  forward  trip. 

The  interaction  between  a  ti _p  and  the  supercritical  flow  development  is  not  always  as  severe  as  that 
illustrated  in  Fig  8.  It  tends  to  be  most  noticeable  in  cases  where,  without  the  interference  from  a 
trip,  the  supercritical  flow  development  contains  a  largely  isentropic  rccompression  to  a  weak  shock; 
the  presence  of  a  trip  can  introduce  a  local  expansion  followed  by  a  shock  leading,  once  again,  to  an 
increase  in  wave  drag.  In  such  cases,  the  test  engineer  should  consider  whether  he  can  reduce  this 
interference  by  a  change  in  position,  height  or  width  of  the  roughness  bond  but  if  this  is  not 
possible,  one  must  eliminat?  the  excess  wave  drag  from  the  results  by  fairing  out  the  hump  in  the  drag 
polar  (see  Fig  7).  More  scientifically,  one  should  consider  whether,  in  thir  particular  case,  one 
should  test  transition-free  and  accept  the  need  for  a  limited  but  still  significant  number  of 
sublimation  tests  to  determine  the  transition  position  over  the  full  wing  surface.  This  may  be 
acceptable  for  cases  where  anv  shock  waves  are  still  relatively  weak  and  one  cun  thus  tolerate  a 
laminar  boundary  layer/sho^x  interaction. 

Ir;  practice,  with  u  model  df  a  subsonic  transport,  one  should  attempt  to  obtain  an  upper  surface 
transition  sweep  with  at  least  3  points  on  the  sweep,  viz 

(a)  the  forward  trip  already  tested  in  StcK  3, 

(b)  a  'mid'  trip  at  aay,  0.15c  for  which,  to  obtain  valid  data,  it  may  be  necessary  to  limit  the 
tests  to  a  Mach-number  range  above  say,  (Mdes}gn  -  0.1), 

(c)  a  'rear'  trip  st  aay,  0.25  -  0.30c  with  the  tests  limited  to  say,  < MdCs iKn  "  0-02). 

If  possible,  there  should  .be  on-line  monitoring  of  significant  features  of  the  pressure  distributions, 
eg  shock  positions,  to  ensure  that  these  tests  with  aft  fixes  cover  somewhat  more  of  the  Cl  -  M  plane 
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than  the  area  in  which  the  data  are  expected  to  be  valid  data  satisfying  th  requirements  set  out 
above.  Aa  Indicated  in  Fig  9,  the  range  of  validit\  is,  in  fact,  a  corridor  between  two  boundaries 
corresponding  to 

(i)  when  the  shock  waves  move  aft  with  increase  in  Mach  number  to  a  position  nbout  0.15e  behind 
the  trip.  As  already  noted,  this  boundary  can  be  recognised  from  a  study  of  the  drag  polars; 
typically,  as  the  ahock  paases  over  the  trip,  the  drag  can  be  increased  by  the  local 
interference  by  an  amount  that  can  be  In  the  range  0.0001  <  0Cjj  <  0.0005  -  see  Fig  7, 

(ii)  when  the  shock  wave  moves  forward  after  the  flow  has  separated  and  hesitates  about  0.15  - 
0.20e  behind  the  trip.  This  second  boundary  must,  by  definition,  lie  beyond  the  buffet-onset 
boundary.  It  can  generally  be  recogniaed  from  a  study  of  the  C[_  -  ot  and  C0  -  ot  curves  as  an 
incrcac  in  llft-curvc  slope  and  a  nose-down  change  in  pitching  moment  over  a  limited  range  of 
incidence,  these  effects  being  associated  with  a  hesitation  !n  the  forward  movement  of  the 
shock  with  incidence  as  it  appraochcs  the  trip  free  the  rear  under  the  influence  of  the  more 
severe  separation.  Fig  10  presents  an  illustration  of  the  complex  interactions  that,  can 
ensue  in  such  a  condition.  The  variation  of  shock  position  with  incidence  at  a  given  Mach 
number  is  presented  for  4  stations  across  the  span;  for  all  stations,  the  shock  begins  to 
move  forward  above  about  a  =  4'  but  at  two  of  the  stations,  the  shock  Is  held  behind  the 
roughness  band  sited  at  0.15c  for  an  appreciable  range  of  incidence  above  a  s  6'.  As  a 
result,  the  nose-up  change  in  Cn  which  appeared  at  about  a  z  4'  is  reversed  by  a  nose-down 
change  above  about  a  =  7'.  The  study  of  the  pressure  distributions  has  therefore  shown  that 
this  nose-down  change  is  due  to  the  local  interaction  being  discussed  and  is  likely  to  be 
completely  unrepresentative  of  the  full  scale  behaviour.  The  real  conclusion  is  that  upper 
boundary  of  the  range  of  validity  of  the  tests  with  this  particular  trip  passes  through  about 
a  s  6.2'  ot  this  Mach  number  but  this  would  of  course  be  fully  adequate  to  cover  buffet-onset 
which  is  likely  to  occur  near  o  :  4‘.  The  details  of  this  particular  example  are  of  course 
peculiar  to  this  particular  example;  to  reiterate,  the  Important  general  point  to  remember  Is 

that  it  is  often  poaslblo  to  recognise  the  boundary  marking  the  upper  limit  of  the  range  of 

validity  of  the  measured  data  with  a  given  tranaitlon  trip  by  a  detailed  study  of  the  reasons 
underlying  an  increase  in  lift-curve  slope  and  a  nose-down  change  in  C0  relative  to  the 
general  trends. 

As  noted  earlier,  the  aft  tranaition  tripa  will  have  to  be  brought  forward  towards  the  leading  edge  at 

both  the  t.ip  and  root  in  order  to  stay  ahead  of  the  shock  front  -  see  Fig  1. 

The  required  number  of  trips,  their  position  and  the  test  Mach  number  range  for  which  they  arc  capable 

of  providing  valid  data,  will  depend  on  the  wing  design;  the  suggestions  ja,b,c)  above  reflect  design 

practice  at  the  time  of  writing;  they  may  change  In  the  future  but  It  is  hoped  that  the  general 
principles  are  clear  after  referring  to  the  diagrammatic  picture  In  Fig  11.  The  aim  should  be  to 
obtain  an  adequate  sweep  with,  if  possible,  more  than  two  points  on  the  sweep  and  extending  as  far  aft 
as  possible.  if  a  rear  separntion  is  still  present  with  the  furthest  aft  transition  position,  the 

only  further  step  that  could  be  taken  in  the  tests  to  eliminate  this  separation,  would  be  to  consider 

whether  it  Is  desirable  or  feasible  to  modify  the  shnpc  of  the  model  in  the  region  affected  by  this 
separntion  and  retest.  At  the  present  time,  the  general  feeling  Is  that  this  idea  should  only  be 
applied  in  a  research  experiment  and  it  is  certainly  too  soon  to  put  forwnrd  a  preeise  methodology 
based  on  this  idea,  to  use  in  routine  testing.  One  of  the  potential  difficulties  Is  that  the  modified 

shapes  will  generally  include  a  blunt  base.  The  depth  of  this  base  should  be  limited  to  about  O.OOCe; 

otherwise,  any  advantage  gained  from  the  suppression  of  a  rear  separation  could  be  nullified  by  the 
introduction  of  a  base  drag  term  with  an  uncertain  extrapolation  to  full  scale. 

In  practice,  tests  'with  one  or  more  aft  fixes'  will  frequently  have  to  include  more  than  a  sweep  of 
transition  positions.  Fxperlcnee  has  shown  that,  for  some  wing  designs,  a  trip  of  greater  height  is 
needed  to  fix  transition  effectively  at  buffet-onset  leg  point  D  in  Fig  1)  than  in  the  cruise  leg 
point  B  In  Fly  l).  X'o  general  guidance  can  be  given  on  this  point  but  it  is  essential  that  one  should 
determine  and  use  the  minimum  roughness  band  height  that  is  effective  in  these  two  conditions. 
Otherwise, 

(a)  using  a  trip  that  is  effective  (but  only  just  effective  I  in  the  cruise,  and  is  ineffective  at 

buffet-onset,  may  give  a  spuriously  optimistic  Cl  for  buffet-onset  nt  n  given  Mneh  number  and 

also,  a  lift-curve  slope  that  is  too  high  approaching  buffet-onset  and  hence,  a  spuriously 
pessimistic  result  in  the  context  of  gust  analysis,  and 

(b)  using  a  trip  that  is  effective  n"  buffet-onset  may  imply  using  a  trip  that  is  lnrger  thnn  thnt 
required  for  the  cruise  and  thus,  may  give  pessimistic  results  for  cruise  drs(. 

It  is  therefore  necessary  or,  at  least,  highly  desirable  to  test  with  botli  types  of  trip  but  this 
comparative  exercise  would  probably  only  have  to  be  undertaken  with  one  or,  at  the  most,  two 
transition  locations.  For  a  subsonic  transport,  particularly  at  the  design/operationnl  conditions 
identified  in  Step  1,  the  upper  surface  is  likely  to  be  far  more  important  than  the  lower  surf-net  in 
the  context  of  uncertain  scale-sensitive  viscous  effects.  The  flow  over  the  lower  surface  should  nut 
however  be  ignored  and,  with  many  advanced  wing  designs,  a  transition-sweep  eti  the  lower  surface  will 
also  be  a  dcsirabie  part  of  the  test  programme  in  order  to  establish,  for  exnmple,  trends  in  the  datn 
at  effective  Reynolds  numbers  below  a  value  of  Rerit  related  to  a  flow  separation  due  to  a  steep 
adverse  pressure  gradient  near  say,  0.7  chord.  If  the  wing  carries  an  underwing  nacelle  installation, 
local  scale-sensitive  flow  separations  arc  likely  to  be  present  -  at  least  until  the  design  is  itnally 
optimised  and  it  may  not  be  easy  to  alleviate  these  by  manipulation  of  the  boundary  Inver;  the  local 
pressure  distributions  may  not  be  conducive  to  any  aft-movement  of  trnnsition.  This  Is  nn  nren  thnt 
requires  further  research  bvforo  a  definitive  methodology  can  be  proposed. 
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STEP  5:  Consolidation  of  censured  datn 


In  the  description  bcloK,  It  is  nssumed  that  it  has  been  possible  ^  employ  both  the  Reynolds  number 
sweep  and  boundary  layer  manipulation  approaches;  if  not,  the  amendments  to  the  text  should  be 
obvious. 

The  procedure  can  be  conveniently  described  under  sin  headings: 

STEP  5.1;  Confirmation  of  rnnges  of  test  validity 

The  test  engine  r  should  establish  from  a  study  of  the  measured  pressure  distributions,  supported  by 
evidence  from  the  flow  visualisation  tests,  t.-.c  Ci_  •  M  ranges  for  which  the  datn  from  the  tests  with 
aft  transition  trips  can  bo  accepted  as  valid  data,  satisfying  the  requirements  set  out  at  the  start 
of  Step  4  and  what,  If  any,  corrections  should  be  applied  to  these  data  to  account  for  possible 
interaction  between  the  trips  and  the  supercritical  flow  dcvcloeiont.  The  test  engineer  is  then  able 
to  create  a  diagram  such  as  Fig  11.  Reference  to  this  diagram  will  define  the  data  that  can  be  used 
to  produ-e  the  'transition  sweeps'  to  be  plotted  in  Step  5.2. 

ST E P  5,2:  Plotting  of  'measured  trends'  against  R  nr  effective  Reynolds  number 

The  valid  measured  data  should  be  cross-plotted  to  produce  trends  ogainst  Reynolds  number  I  from  the 

Reynolds  number  sweeps)  nnd  against  trnnsition  positinn/cffectivc  Reynolds  number  (from  the  transition 
sweeps).  The  conversion  from  transition  position  to  effective  Reynolds  number  should  still  be  based 
at  this  point  on  the  zero-level  simulation  criterion  introduced  earlier  and  plotted  in  Fig  4.  This 
zero-level  criterion  is  based  on  the  requirement  that  the  boundary  layer  momentum  thickness  at  the 
trailing  edge  of  a  flat  plate  should  be  the  same  for  the  nft  transition  position  at  the  model  test 
Reynolds  number  as  for  the  flight  transition  position  at  the  effective  Reynolds  number,  “zero-level" 
therefnre  implies  that  the  conversion  does  not  depend  on  the  geometry  of  the  porticulnr  wing  or  on  the 
particular  C[  and  Mach  numher.  The  criterion  is  therefore  very  simple  to  apply;  its  use  can  be 

entirely  justified  on  this  argument  but  It  should  be  stressed  that  experience  in  its  use  is  very 

limited.  The  first-order  crlterin  (in  which  there  Is  more  experience)  discussed  later  In  Step  5.5, 
arc  likely  to  he  more  accurate  but  they  are  more  difficult  to  npply.  The  trends  to  be  plotted  arc 
likely  to  depend  on  the  aims  and  requirements  of  the  particular  test  programme  but,  for  n  transpoi  t 
aircraft,  the  most  useful  trends  to  plot  arc  likely  to  include 

(i)  Cj  at  a  given  and  Mach  number  at,  for  example,  the  des ign/opcratlonal  cruise  conditions 
identified  in  Step  1  and  at  other  conditions  which  would  appear  to  help  in  the  understanding 
of  the  data, 

(ii)  the  position  of  the  shock  at  a  given  and  Mach  number,  probably  for  a  number  of  spanwise 
stations , 

(iii)  similarly,  the  strength  or  the  shock,  the  'strength'  being  defined  as  the  value  of  the  Mach 
number  component  normal  to  the  shock  at  a  position  just  upstream  of  the  shock, 

( i v )  the  strength  of  the  shock  at  conditions  on  the  buffet-orset  boundary  where  this  boundary  has 

been  determined  either  from  the  divergence  of  trailing  edge  presuros,  wing  root  bending  moment 
or  accelerometer  signals  or,  less  satisfactorily,  from  breaks  In  the  lift  and  pitching 
moment  datn, 

(v)  the  length  of  the  shock- induced  separation  bubble  at  Cl,  M  conditions  between  separation-onset 
and  buffet-onset,  both  for  a  given  Cl  and  for  a  given  ahock  strength  at  a  given  Mach  number. 

|vi)  the  lift-eurve  slope  at  conditions  selected  for  gust  analysis, 

(vii)  C^  and  any  other  features  in  the  pitching  moment  dnta  judged  to  be  significant, 

(viil)  Cp^.  at  a  given  Cl  nnd  Mach  number,  again  at  several  spanwise  stations, 

(ixI  wncti  nppropriatc,  the  choidwiso  und  spanwise  extent  of  any  rear  separation,  again  as  a  function 
of  Cl  and  Mach  number. 

The  list  above  is  not  necessarily  fully  comprehensive. 

These  'measured  trends'  should  be  compared  on  the  same  graphs  with  the  'computed  trends'  in  respect  of 
I  i ,  i ,  i  il  ,vl  i  i )  viz,  drag,  shock  position,  shock  strength  nnd  trailing  edge  pressure. 

In  cases  where  a  Reynolds  number  sweep  hns  been  extended  by  use  of  a  hnlf-model,  the  measured  trends 
from  the  tests  on  both  models  should  lie  plotted  on  the  same  graph  but  no  attempt  should  be  made  to 
force  the  results  artificially  into  a  single  curve.  This  applies  particularly  to  the  drng  data  where 
there  may  be  many  reasons  of  technique  why  the  absolute  accuracy  of  the  hnif  modci  dntn  may  be  open  to 

question.  When  the  Reynolds  number  sweeps  are  being  performed  in  n  variable  pressure  tunnel ,  the  hope 

must  be  that  there  is  a  range  of  Reynolds  number  in  which  there  is  an  overlap  between  the  complete  and 
half  model  date.  This  will  provide  confidence  that  one  can  extend  'he  trends  from  the  complete  model 

test  by  following  the  shape  of  the  trends  from  the  half  model  testa  -  sec  Fig  12.  Even  when  there  is 

no  overlap,  the  extension  should  still  be  possible  in  mnny  enses  but  will  be  uncertain  if  the  value  of 
Rcrit  “hicbi  in  theory,  marks  a  discontinuity  In  the  slope  of  the  trends,  is  near  or  just  beyond  the 
range  of  the  complete  model  test. 

STEF  5.3:  Derivation  of  R„r, t 

Rcrit  18  defined  as  the  vnluc  nf  Rcynulds  number  above  which  any  strong  vir cous-inviscid  interactions 
present  at  model  test  Reynolds  number  but  not  allowed  for  in  the  CFD  calculations  in  Step  2,  disappear 
as  the  Reynolds  number  is  increased  with  transition  In  the  (forward)  forecast  position  for  flight  at 
full  scale  Reynolds  numbers.  In  the  context  of  subsonic  transport  aircraft,  the  most  likely  example 
of  this  type  of  viscous-i nviscld  interaction  is  a  rear  separation  on  the  wing  upper  surface.  There 
are  however  other  possibilities,  eg  a  lncal  separation  on  the  wing  lower  surface  some  distance  ahead 
of  the  trniiing  edge  near  possibiy  0.7c,  a  iocai  separation  in  the  wing-body  junction  or  nenr  a  flap 
track  fairing,  a  separation  in  the  wlng-bodv  junction  or,  more  generally,  in  the  gully  flow  between 
the  wing  and  a  pyion-mnuntcd  underwing  nacelle  nr  finally,  a  laminar  separation  near  the  leading  edge. 
The  effects  of  a  rear  separation  can  lead  to 
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(a)  a  lack  of  full  pressure  recovery  at  the  trailing  edge, 

(b)  a  reduction  in  circulation  around  the  sections  affected  and  hence,  an  increase  in  incidence  and 
thus,  in  general,  shock  strength  to  maintain  a  given  C[_, 

(c)  the  possibility  of  an  interaction  with  the  growth  of  a  shock-induced  separation  bubble. 

It  cannot  be  emphasised  too  strongly  that  a  small  rear  separation  can,  as  a  result  of  (a,bl  lead  to 
Increases  in  drag  that  are  significant  for  a  subsonic  transport.  Effects  of  type  (c)  can  affect  the 
buffet-onset  boundary,  particularly  when  the  shock  is  far  aft  at  Mach  numbers  beyond  design,  eg  at 
position  F  in  Fig  2. 

An  early  appreciation  of  whether  rear  separations  are  likely  to  be  present  in  the  model  tests  was 
nbtained  from  the  CFD  calculations  in  Step  2  but,  as  noted  in  §3.2.4,  the  prediction  of  a  rear 
separation  is  an  uncertain  process  nt  the  present  time.  A  clearer  idea  can  be  obtained  from  n  study 
of  surface  oil  flow  patterns  and  of  the  experimental  data  as  plotted  in  Step  5.2.  For  example,  the 
comparisons  between  the  measured  and  predicted  trends  in  drag,  shock  position,  shock  strength  and 
trailing  edge  pressure  may  appear  as  shown  diagrammatical ly  in  Figs  lta-d.  If  the  results  were  as 
shown  in  Fig  13,  all  these  pictures  would  give  a  clear  idea  of  Rg^t  Ifron  a  Reynolds  number  sweep)  or 
effective  R,,rit  (from  a  transition  sweepl  but,  in  practice,  they  will  not  be  as  clear;  the  sudden 
discontinuities  in  slope  at  Rcrjt  will,  in  practice,  be  smeared  over  a  range  of  Reynolds  number  and, 
on  many  wings,  the  rear  separation  is  likely  to  disappear  at  different  values  of  Rcrit  it  different 
stntions  along  the  span.  Experience  suggests  that  the  shock  position  and  drag  pictures  in  Fig  13  will 
provide  the  best  guidance;  probably,  the  trailing  edge  pressure  picture  will  be  the  least  mliablc 
because  of  the  difficulties  in  predicting  the  values  accurately. 

If  Rcrit  occurs  within  the  test  range,  confirmation  that  the  value  of  Rcrjt  has  been  derived 
correctly,  can  be  obtained  by  a  study  of  the  ’Pcarcey  plots’  (Fig  5)  discussed  earlier  and  the  trends 
(lx)  nhove ,  which  have  probnbly  been  obtained,  in  pnrt  at  least,  from  the  Rcarcc.v  plots.  In  theory, 
Rcrit  can  depend  on  both  and  Mach  number  but  on  some  recent  wing  designs  -  and  this  may  be  a 
foretaste  for  the  future  -  there  appears  to  be  a  tendency  for  Rcr;t  to  vnry  little  with  C^.  Also,  the 
position  of  the  rear  separation,  when  it  occurs,  appears  to  vary  little  with  CL. 

If  the  dnta  from  the  Reynolds  numher  and  transition  sweeps  appear  to  indicate  different  vnlues  for 
Rcrit  and  effective  Rerit,  this  would  suggest  that  the  zero-order  simulation  criterion  is  inadequate 
in  this  context.  As  explained  In  §3.2.1,  it  is  difficult  to  find  a  simulation  criterion  specifically 
tuned  to  renr-separation  prediction  but  If,  as  suggested  above,  this  separntion  tends  to  occur  nt  a 
certain  chordwiso  position,  It  is  possible  that  the  value  of  II,  the  boundary  layer  shape  fnctor, 
derived  from  the  calculated  pressure  distribution,  for  a  position  just  upstrenm  of  where  the  flow  is 
observed  to  separate  in  the  tests,  would  bo  a  suitable  criterion.  In  other  words,  the  values  of 
effective  Rcynolcs  number  would  then  be  based  on  the  requirement  thnt  the  calculated  values  of  H  at 
the  appropriate  chordwjse  position  are  the  same  for  [test  xT,  test  R)  and  for  (flight  xj ,  flight  R). 
This  suggestion  may  be  an  unjustified  refinement  of  the  practice  of  calculating  II  nt  a  position  one 
boundary  layer  displacement  thickness  ahead  of  the  trailing  edge  -  n  practice  thnt  appears  to  have 
been  used  with  some  success  in  the  UK.  It  should  be  noted  thnt,  in  applying  these  ideas,  Rcrjt  shnuld 
alwnys  be  nppronchcd  in  the  calculations  frnm  mtached  flow  conditions,  ie  from  R  >  pcrit-  Other 
simulation  criteria  are  discussed  Inter  in  Step  5.5. 

STEP  5.4:  identif lention  of  simulation  sc  .orio 

The  five  possible  simulation  scenarios  were  introduced  earlier  In  the  description  of  Step  2.  To 
reiterate  for  convenience: 


Scenario  1 

Sccnnrio  2 
Sccnnrlo  3 
Scenario  4 
Scenario  5 


Rcr;»  <  ^flight  nnd  ^flight  within  test  range  of  R  (in  a  Reynolds  number  sweep!  or 
effective  R  fin  n  transition  sweepl 
As  I  but  Rcrjt  >  Rflight 

Rcrit  (  R f 1 i ght »  Rcrit  within  test  range  but  Rfijjht  beyond  test  range 
Rcrit  (  Rfiight  and  both  Rcrit  and  R f  1  i ght  beyond  test  range 
As  4  but  RcrU  >  Rfiight- 


The  scenarios  differ  therefore  in  whether  Rcrit  <  Rflight  or  Rcrit  >  Rflight  and  1,1  whether  Rcrjt  and 
Rfiight  lie  within  or  outside  the  model  test  range  of  R  or  effective  R.  The  problems  regarding  the 
prediction  of  Rcrjt  have  nlrcady  been  discussed  in  Step  5.3  and  so  the  new  issue  is  whether  the  test 
range  Includes  Rfijght-  Clearly,  It  is  nnly  on  rare  occasions  that  a  Reynolds  number  swyep  will 
include  Rfiight  (this  is  indeed  the  reason  for  the  present  studyl  but  the  ideal  aim  of  the  boundnry 
layer  manipulation  npproech  is  to  bring  Rfiight  within  the  test  rnnge  of  effective  R,  ic  to  achieve 
scenario  1  (or  21.  If  this  cannot  be  achieved,  the  next  hope  is  that  Rcr;t  has  been  brought  within 
the  test  range,  ic  scenario  3;  failing  this,  one  has  to  accept  thnt  the  tests  ore  in  scenario  4  or  5 
and  thnt  the  uncertainties  in  the  cxtrapolntion  to  full  scnln  nrc  necessarily  grenter.  All  the 
svldc-ec  needed  to  identify  which  scenario  applies  has  been  assembled  in  Steps  5.2  and  5.3  -  provided 
that  one  can  rely  on  the  conversion  from  trnnsition  pnsition  tn  effective  R,  being  based  on  the 
zero-level  criterion.  If  the  test  engineer  then  finds  that  the  tests  arc  in  scennrios  I ,  2  or  3  by  a 
sizeable  margin,  this  should  be  sufficient  to  proceed  to  the  extrapolation  in  Step  6,  but  if  it 
appenrs  that  the  tests  nrc  in  scenarios  4  or  5  (or  even  in  3  if  the  identi  i'icntion  appenrs  mnrginnl  or 
open  to  doubt),  one  should  proceed  to  Step  5.5  and  consider  whether  the  data  would  be  in  n  different 
scenario  if  a  different  simulntion  criterion  were  used  in  the  derivation  of  Rcff. 


STEP  5.5:  Effect  of  choi oe  nf  simulntion  critcrinn 


By  definition,  at  an  effective  R  =  Rfiight'  onc  should  have  eliminated  the  sources  of  major  scale 
effect  by  manipulating  the  boundary  layer  to  obtain  a  good  simulntio:.  of  the  full  scale  viscous  flow 
bchnviour.  However,  as  noted  earlier,  the  zcro-lcve.l  simulntion  criterion,  which  was  selected  merely 
on  the  grounds  of  convenience  and  simplicity,  is  unaware  of  the  wing  geometry  and  the  nctunl  pressure 
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distribution  over  the  wing.  This  criterion  may  therefore  fail  to  be  sufficiently  accurate  for  the 
difficult  and  uncertain  eases  identified  at  the  end  of  Step  5.4. 

The  scale  effects  that  have  to  be  eliminated  if  possible  can  be  of  two  types: 

(i)  ’direct’  effects  -  the  response  of  the  boundary  layer  (and  Hake)  development  to  a  given  pressure 
distribution, 

(il)  ’Indirect’  effects  -  the  response  of  a  pressure  distribution  to  changes  in  the  boundary  layer 
development. 

The  broad  aim  of  the  boundary  layer  manipulation  approach  Is  to  obtain  a  better  simulation  of  (i)  and 
thus,  hopefully,  also  attain  simulation  in  respect  of  the  indirect  effects  (111.  Success  can  be 
judged  by  means  of  the  various  simulation  criteria  proposed  in  §3.2.1. 

(a)  shock  position 

(b)  shock  strength 

(c)  the  non-dimensional  boundary  layer  momentum  thickness  at  wing  trailing  edge 

(d)  the  non-dimensionai  length  of  shock-induced  separation  bubble 

(e)  the  boundary  layer  shape  factor  at  a  position  close  to  the  trailing  edge  on  the  upper  surface  or 
at  any  other  position  where  separations  are  anticipated. 

For  perfect  simulation,  all  these  criteria  should  be  satisfied  but,  in  practice,  employing  the 
transition-sweep  approach,  this  Is  unlikely  to  be  achieved.  This  can  cause  difficulties  but  they 
should  not  be  exaggerated.  One  should  remember  that  the  realistic  aim  is  not  to  achieve  complete 
simulation  in  ail  respects;  rather,  it  is  to  produce  a  set  of  experimental  dat  that  can  be 
extrapolated  reliably  to  full  scale  conditions.  Even  if  it  is  possible  to  obtain  effective  R  = 
Rfjight  in  the  range  of  the  model  teats,  some  extrapolation  of  the  data  is  always  required  (except  in 
the  triviai  case  where  it  has  been  possible  to  test  with  xTfii»ht’  Rflight)‘  The  a*°  shouid  be 
to  start  the  extrapolation  from  a  datum  condition  that  eitnergmlnlmiscs  the  corrections  to  be  applied 
in  the  extrapolation  phase  (Step  6)  or,  at  least,  improves  the  reliability  of  these  corrections.  One 
should  therefore  choose  the  simulation  eriterion(s)  that  appear  to  be  most  relevant  to  the  quantity 
being  extrapolated.  (a,b)  are  major  features  of  the  pressure  distribution;  if  these  arc  simulated 
correctly,  the  indirect  scale  effects  will  be  minimised.  (c,d,e)  are  local  criteria  and  if  these  are 
simulated,  some  specific  direct  effects  are  minimised.  (a,b,c)  are  relevant  to  the  extrapolation  of 
drag,  lift-curve  slope  and  pitching  moment;  (d)  to  the  prediction  of  the  full  scale  buffet-onset 
boundary  and  (e)  to  the  existence  of  a  rear  separation  as  already  discussed  In  Step  5.3. 

To  obtain  the  best  results  from  applying  the  simulation  methodology,  the  test  engineer  Is  strongly 
advised  to  consider  these  other  criteria  for  all  eases  other  than  those  for  which  it  has  been  possible 
to  decide  conclusively  in  Step  5.4  that  the  results  He  in  scenarios  1  or  3.  To  comment  on  each  of 
criteria  (a-d): 

la)  Shoek  position 

Most  of  the  available  literature  suggests  that  shock  position  should  be  the  most  important  and 
suitable  criterion.  Clearly,  lack  of  agreement  in  shock  position  between  model  and  full  scale  can 
have  a  large  effect  on  drag,  lift  and  pitching  moment  data.  However,  experience  suggests  that  when 
there  are  appreciable  differences  in  shock  position,  this  is  due  to  the  fact  that  the  model  tests  are 
being  made  at  an  effective  Reynolds  number  lying  below  Rcrit,.  Above  Rerjt,,  the  changes  in  shock 
position  at  a  given  Cl  with  Reynolds  number  or  effective  Reynolds  number  (le  transition  position)  may 
often  be  relativeiy  small  and  not  necessarily  in  a  monotonic  direction.  Shock  position  is  therefore 
an  excellent  parameter  to  choose  when  seeking  guidance  as  to  whether  the  i,:sts  are  being  made  at  R  < 
Rerit  or  not  but  lt  Ba>'  not  bc  a  *°°d  simulation  criterion  because  of  its  relative  insensitivity  above 
RCrif  The  computed  trends  in  shock  position  with  Reynolds  number,  as  plotted  In  Step  5.2,  will 
indicate  whether  lt  is  worth  considering  shock  position  as  a  simulation  criterion!  where  this  appears 
appropriate,  the  picture  for  shock  position  should  be  replotted  against  a  new  effective  Reynolds 
number,  defined  on  the  basis  that  according  to  the  CFD  calculations,  the  shoek  position  is  predicted 
to  be  the  same  for  (test  xT,  test  R)  as  for  (forward  forecast  flight  Xj ,  effective  Reynolds  number). 
This  graph  will  provide  a  ’second  opinion’  on  which  is  the  appropriate  simulation  scenario  and  on 
whether  the  measured  and  predicted  trends  appear  to  come  into  agreement  at  a  value  of  RCrit  tbab  *s 
plausible  in  the  light  of  all  the  other  evidence. 

(b)  Shoek  strength 


The  effects  of  Reynolds  number  or  transition  position  on  the  shock  strength,  as  predicted  by  the  CFD 
caic^iations,  allowing  or.iy  for  the  weak  visco'  ?-ii. .  iscid  interactions,  are  likely  to  be  clearer  lie 
in  general,  monotonie,  in  the  sense  that  an  increase  in  Reynolds  number  or  aft  movement  of  transition 
will  reduce  the  shoek  strength  for  a  given  Cl  and  Mach  number  as  a  result  of  the  extra  rear  loading), 
than  for  shoek  position.  Although  lack  of  situation  in  shoek  strength  may  often,  at  first  sight, 
appear  less  dramatic  than  lack  of  simulation  in  shoek  position,  the  effects  of  a  lack  In  simulation  in 
shock  strength  may  be  much  more  poweiful.  Shock  strength  is,  for  example,  a  primary  variable,  both 
when  considering  drag  creep  and  also,  the  length  of  a  shock-induced  separation  bubble  and  hence, 
buffet  onset.  Shock  strength  may  therefore  be  a  very  suitable  criterion  to  use  in  practice.  Once 
again,  the  trends  plotted  in  Step  5.2  should  be  replotied  against  a  new  effective  Reynolds  number 
using  shoek  strength  as  the  criterion  and  this  provides  s  ’third  upinion’. 

(c)  Non-dimensional  boundary  layer  momentum  thickness  at  trailing  edge,  By g 

This  is  an  obvious  extension  from  the  zero-level  criterion  and  could  be  a  suitable  criterion  for  the 
wing  lower  surface,  where  there  is  unlikely  to  be  any  shock  wave  at  the  conditions  identified  in  Step 
1  or  on  the  upper  surface  where  the  flow  is  suberitieal  or  merely  contains  a  large  isent.ropic 
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recompreaaion.  ia  in  fact  an  appropriate  criterion  irrespective  of  whether  the  flow  is 

aubcritical  or  supercritical  because  it  is  the  most  relevant  parameter  for  assessing  the  viscous 
conditions  at  the  trailing  edge  and  hence,  the  overall  circulation,  and  thus,  the  shock  strength  and 
position.  It  ia,  of  course,  unlikely  that  eTE  will  have  been  measured  in  the  model  tests  and  so  one 
can  merely  uae  e^E  *n  an  analogous  manner  to  the  other  criteria  as  a  means  of  converting  the 
transition  position  to  an  effective  Reynolds  number.  In  principle,  one  could  perhaps  create  a 
'measured  trend’  by  calculating  e^E  from  the  measured  pressure  distribution,  but  such  calculations 
would  only  be  mea-,  gfui  above  Rfirit  and  the  effort  hardly  seems  worthwhile  in  a  standard  routine 
methodology,  where  there  is  no  attempt  to  include  strong  viscous-inviscid  Interactions  in  the 
eaieulations . 

As  noted  earlier  in  the  description  of  Step  4,  the  fiow  over  the  lower  surface,  although  often  less 
important  in  the  present  eontext,  eannot  be  ignored.  The  need  lo  consider  both  surfnees  brings 
certain  difficulties.  First,  the  range  of  transition  positions  that  can  be  covered  in  the  model  tests 
at  a  given  Cg  and  Mach  number  is  unlikely  to  be  the  same  for  the  two  surfaces.  Second,  even  if  tests 
at  the  same  (aft),  transition  position  have  been  possible,  the  corresponding  effective  Reynolds  number 
ia  liable  to  be  different  -  unlesa  the  zero-order  simulation  criterion  has  been  used.  Superficially, 
it  may  .seem  attractive  to  test  with  different  transition  positions  on  the  two  surfnees  such  that , 
according  to  the  chosen  simulation  criterion,  eg  a  on  the  two  surfaces  at  or  near  the  trailing  edge, 
the  two  values  of  Reff  are  the  same.  This  would  however  be  a  very  laborious  procedure  to  apply  in 
practice.  The  relative  transition  positions  needed  to  achieve  this  identity  are  likeiy  to  vary  with 
Cg.  A  better  procedure  would  be: 

(i)  convert  to  an  effective  Reynolds  number  using  whatever  is  the  favoured  simulation  criterion  for 
the  upper  surface  and  establish  trends  for  a  given  transition  position  on  the  lower  surfnee  -  and 
preferably,  the  furthest  aft  transition  position.  These  trends  will  form  the  basis  of  the 
first-order  corrections  deduced  in  the  extrapolation  procedure  in  Step  6, 

(ii)  deduce  seeond-order  corrections  by  plotting  trends,  for  a  given  trnnsition  postion  on  the  upper 
surface  and  preferab.y  furthest  aft  transition  position,  ie  highest  possibie  test  Rcff  for  the 
upper  surface,  against  an  effective  (lower  surface)  Reff  derived  by  using  eTE  for  the  lower 
surface  as  a  simulation  criterion. 

It  should  be  possible  to  apply  this  procedure  successfully  when  both  surfaces  are  in  scenarios  1  or  3, 
ie  Rcrit  within  the  test  range  of  effective  Reynolds  number.  If  a  flow  separation  is  still  present  on 
the  lower  surface  at  Rcff  >  Rerit  on  the  upper  surface,  there  must  be  aome  additional  uncertainty  in 
the  correction  procedure.  In  reaily  difficult  eases,  this  uncertainty  could  possibly  be  assessed  by- 
deriving  the  first-order  corrections  (i)  above  from  the  data  with  two  alternative  transition  positions 
on  the  lower  surface  and  comparing  the  resulta. 

(d)  Non-dimensional  shock-induced  separation  bubble  length 

Thia  is  a  relevant  simulation  criterion  when  considering  buffet-onset.  In  general,  with  the 
high-aspeet-ratio  wings  of  most  subsonic  transports,  buffet  onset  at  high  subsonic  speeds  occurs  when 
the  shock-induced  separation  bubble  extends  back  to  the  wing  trailing  edge  over  a  significant  part  of 
the  span.  Scale  effect  on  the  bubble  length  comprises: 

(il  an  indirect  effect  -  the  effect  of  Reynolds  number  on  the  shock  strength  at  a  given  CE  and  Maeh 
number,  and 

(ii)  a  direct  effect  -  the  effect  of  Reynolds  number  on  the  bubble  length  for  a  given  shoek  strength 
and  pressure  distribution  ahead  uf  the  shock. 

(i)  has  already  beer,  addressed  when  considering  shoek  strength  as  a  simulation  criterion  and  so  to 
obtain  a  further  independent  assessment  of  how  to  eonvert  from  transition  position  to  an  effective 
Reynolds  number,  one  should  consider  (li),  ie  the  bubble  length  (9g)  for  a  given  shoek  strength  (Ms). 
Prediction  methods  for  9g  are  discussed  in  §2.5  and  noted  in  §3.2.4.  One  favoured  method  nt  the 
present  time  (1987)  is  that  due  to  Fulker  and  Ashill^  who  use  a  relationship  of  the  rorm 

9B/e3  =  F(Ms,R69) 

where  a  =  boundary  layer  momentum  thickness 

and  the  3uffix  's'  relates  to  conditions  immediately  upstream  of  the  shock. 

The  increases  of  fg  with  Ms  as  observed  in  the  measured  results  in  the  Cj-rongc  between 
aeparation-onset  and  buffet-onset  at  various  free-stream  Maeh  numbers  have  already  been  plotted  in 

Step  5.2.  These  results  can  be  cross-plotted  to  provide  'r.easured  trends'  in  ffg  with  transition 

position  converted  to  an  effective  Reynolds  number  on  the  usual  basis,  viz  that  according  to  the  CFD 
calculations  of  the  presurc  distributions  and  boundary  layer  development  and  the  chosen  prediction 
method  for  9g,  the  bubble  length  is  the  same  for  (test  Xp  test  R)  and  for  (forecast  flight  xp 

effective  R).  As  with  the  previous  simulation  criteria,  these  measured  trends  should  be  compared  with 
computed  trends  based  on  the  calculated  pressure  distributions  and  boundary  layer  development.  In 
this  case,  however,  any  aerious  disagreement  between  the  measured  and  computed  trends  docs  not 

necessarily  indicate  that  the  tost  effective  Reynolds  numbers  lie  below  Rer|t.  There  arc  nt  lenst 
three  possible  explanations  for  any  serious  discrepancy,  viz 

(a)  the  measured  and  computed  pressure  distributions  ahead  of  the  shoek  and,  hence,  the  values  of  es 

and  R0g  are  different, 

(b)  the  chosen  prediction  method  for  Jg  does  not  apply  for  the  particular  pressure  distribution/wing 
design,  or 
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(cl  the  test  effective  Reynolds  numbers  arc  genuinely  below  Roril  and  there  is  an  interaction  between 
a  rear  separation  and  the  growth  of  the  shock- Induced  separation  bubble  (this  can  occur  if  the 
shock  i9  relatively  far  aft  but  it  does  not  necessarily  occur  in  every  ease 
when  the  two  separations  are  proscntl. 

A  study  of  the  measured  pressure  distributions  should  show  which  of  (a,b,ol  applies  in  any  particular 
ease.  Further  evid<-  —  e  is  obtained  from  a  correlation  of  the  measured  buffet-onset  boundaries  and  llie 
development  of  the  bubble.  The  analysis-1  of  Fulker  and  Ashill  suggests  that  buffet  onset  should 

STEP  6:  Extrapolation  of  data  to  full  scnle 

Complete  viscous  simulation  is  unlikely  to  be  achieved  In  the  actual  tests  and  hence,  cxl  >-jpolation  of 
the  data  to  full  scale  conditions  is  a  vital  element  in  the  complete  -.I- i>ntion  methodology. 
Extrapolation  is  needed  even  when,  by  use  of  the  boundary  iayor  manipulation  approach,  the  results 
have  been  brought  within  scenario  1.  This  is  because  the  vnluc  of  the  effective  test  Reynolds  number, 
ie  the  transition  position  that  corresponds  with  Rflight  's  t0  depend  nn  which  simulation 

criterion  ia  being  applied  and  so,  no  set  of  data  is  a  perfect  simulation  in  all  respects.  The  only- 
real  exception  to  this  general  statement  is  provided  by  the  case  where  it  has  been  possihle  to  extend 
a  Reynolds  number  sweep  far  enough  to  include  Rfii.uf  but,  ns  noted  earlier,  t-.is  Is  an  uniikoiv 
eventual ity. 

The  general  rule  Is  that  the  measured  trends  should  be  extrapolated  if  necessary  to  Rorj.  and  then, 
one  should  rely  on  the  computed  trends  from  Rcrj^  to  Rf  l  ijght  •  T*'p  precise  procedure  will  depend  on 
which  simulation  scenario  is  applicable  and  the  description  below  begins  with  some  general  remarks  ns 
to  how  to  proceed  in  each  scenario.  The  procedure  Is  then  set  out  in  more  detail  for  icading  test 
objectives  for  a  subsonic  transport  such  as  cruise  drag  and  buffet  onset  and  then,  finally, 
extrapolation  of  other  aspects  of  the  results  arc  discussed  more  briefly. 

STEP  6.1  General  procedure 

(i)  Scenario  1  (boundary  layer  manipulation  approach) 

Convert  the  transition  position  to  an  effective  Reynolds  number  using  what  appears  lo  be  the  most 
relevant  and  suitable  simulation  criterion  for  the  quantity  to  be  extrapolated  and  find  what 
transition  position  leads  to  R^pp  =  Relight.-  The  measured  results  (Interpolated  if  neccssnryl  for 
this  transition  position  form  the  starting  point  for  the  extrapolation  whieh  is  needed  even  in  this 
case.  As  already  noted,  full  simulation  will  not.  necessarily  have  hecn  achieved  at  Rcpf  =  Rfllghf 
Even  if  there  is  full  simulation  of  all  the  mnjor  features  of  the  pressure  distribution,  it  would  be  a 
coincidence  if  the  skin  friction  drag  were  the  same  at  ( x-pR  I  ceRt  and  * XT> R 1 fl ight •  This 
extrapolation  is  achieved  by  use  of  the  following  equation: 

X i  at  ( , R J  flight  s  Measured  X  at  { xT , R ) test . 1 

+  Computed  (X  at  { xT, R 1 f 1 i gh t  '  x  *XT'R 1  test , 1  *  (6.1) 

where  X[  =  extrapolated  value  using  procedure  for  scenario  1  and  the  s"ffix  test,  I  indicates  that  Xp 
has  been  chosen  in  the  appropriate  mauiier  for  scenario  1,  ie  Xp  to  give  Rcff  -  Rf  light’ 

(t  is  worth  uoting  that,  although  the  conversion  to  Repp  has  been  used  In  identifying  that  the  results 

are  in  scenario  1  and  in  defining  the  starting  point  for  the  extrnpolatlon,  the  final  extrapolated 
result  X[  does  not  depend  on  whether  the  conversion  has  been  aeeurnte  or  not. 

lit)  Scenario  2 

This  is  similar  to  scenario  1  in  the  sense  that  the  test  range  of  R  or  Rcpf  is  sufficient  to  cover 
((flight  but  the  extrapolation,  If,  as  is  likely,  the  data  have  been  obtained  by  the  boundary  layer 
manipulation  approach,  is  more  difficult  and  uncertain  because  Rcrjp  Is  forecast  to  be  higher  than 

Rflight-  To  Rssunc  that  one  can  use  exactly  the  same  procedure  ns  In  scenario  1,  is  effectively 

equivalent  to  assuming  that  the  consequences  of  the  rear  separation  tor  whatever  is  the  strong 
viseous-inviseid  interaction  that  Is  present  at  R  <  Rcrjtl  arc  the  same  nt  (xp, Ripest,  for  R,,pp  = 
Rflight  ns  (Xf .  K )  n  jght.  •  The  only  ciue  readily  available  to  the  lest  engineer  ns  to  whether  ii  is 
safe  to  net  on  this  assumption  Is  provided  by  n  compnrison  of  the  values  of  Rrrjp 

til  ns  deduced  from  the  CFO  calculations  for  vnrious  Reynolds  numbers  with  •vTf  [  ighi  1  and 

(ill  as  deduced  either  from  the  CFO  calculations  for  various  transition  posi  tions"nf  Rp,,sl 

converted  to  Repp  by  the  chosen  simulation  criterion  or  from  the  study  in  Step  5.3  of  the 
measured  trends. 

For  convenience,  in  the  later  discussion  and  in  Fig  16,  the  second  value  till  is  described  ns  the 
"effective  Rcr  jp",  (his  description  implying  tlmt  R...)p  hns  been  derived  from  a  study  of  trends 
plotted  against  Repp. 

These  two  values  of  Rcrjp  should,  in  theory,  be  the  same  but  if  this  is  achieved  in  practice,  it  would 
be  a  striking  vindication  of  the  choice  of  simulation  criterion  and  hence,  one  needs  a  methodology 
that  will  '-ope  both  for  eases  (situntion  1,  Fig  161  where  this  agreement  is  achieved  und  for  eases 
whore  it  is  not  (situations  2  and  3,  Fig  16).  It  should  bo  stressed  that  the  mo! hodojnqy  ns  written 
below  (and  similarly,  the  methodology  for  scenarios  -1  and  5)  hns  been  devised  as  a  'vsponse  to  this 
challenge  but  it  is  not  yet  (  1987)  supported  by  practical  experience.  It  is  hoped  that  it  will  be 
used  in  the  future  and  refined  or  modified  later  in  the  light  of  experience. 

If  thu  two  values  of  Rorjp  obtained  from  (i,ii)  are  in  reasonable  agreement  (situation  i,  Fig  16),  it 
is  appropriate  to  continue  to  use  the  extrapolnti on  procedure  proposed  for  scenario  1.  If,  however, 
the  vnlucs  of  Rcrjp  nnd  effective  R,.rip  differ  substnntinl  lv  (thus  implying  that  the  chosen  simulation 
criterion  is  not  successful  in  resolving  issues  regarding  Ihe  rear  sepnrationl ,  a  different  proeednre 
is  needed.  In  nil  extreme  ense  (situation  2,  Fig  16),  one  might  find  that,  whereas  the  measured 
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results  may  suggest  that  at  Rpff  =  Rflight>  Rcff  <  Rcrit>  t*'c  CRD  results  may  suggest  that  with  the 
forecast  flight  xy,  Rfiight  *  Rcrit.  T"e  appropriate  procedure  for  this  case  is 

*2  at  <Xy,RI f i ight  :  Measured  X  at  (xy,R) test, 2 

*  Computed  (X  at  (xT,R) flight  ~  x  at  <*y*R) test ,2)  (6.2a) 

where  the  suffix  '2'  indicates  that  Xy  chosen  to  give  Rcff  =  Rcrit  *as  deduced  from  the  measured 
data) . 

This  is  an  unusual  example  of  the  general  rule  that  one  should  accept  measured  data  up  to  RCrit  an<i 
then  extrapolate  from  Rcrit  1°  Rfiight  according  to  the  computed  trends  -  unusual  in  the  aense  that, 
in  this  case,  the  ’extrapolation'  is  to  a  lower  Reynolds  number.  The  aim  of  this  procedure  is  to 
eliminate  the  effects  of  the  rear  separation  present  in  the  measured  results  at  Rgff  -  Rfiight  >  the 
argument  for  removing  them  being  based  on  the  fact  that,  according  to  (i),  no  rear  separation  should 
be  present  at  (x't>R' flight- 

In  the  general  case  (situation  3,  Fig  16),  where  effective  Rcr j t  t  Rcr j t  ami  where  both  are  higher 
than  Rfiight1  **•  ’s  Possible  that  an  acccptahle  procedure  is  to  calculate  both  X|  and  X2  and  then  to 
link  them  by  an  equation  which,  on  the  simplest  bnsis,  would  take  the  form 

X)/2  =  k  Xj  +  (1  -  k)  X2  (6.2b) 

where  k - --0XLt.I_if jj.ght - 

-  Effective  Rcrit  -  Rfiight 

Note:  This  equation  is  proposed  in  the  expectation  that,  in  general,  Rcrit  <  Effective  RCrit  hut,  If 
future  experience  shows  that  Rer[t  can  be  higher  than  effective  Rc-it*  this  proposal  may  have 
to  be  recast. 

This  equation  effectively  assumes  thnt,  as  In  the  diagrammatic  presentation  in  Fig  i 6 ,  the  measured 
trend  in  X  below  Rcrjt  is  linear,  in  practice,  this  is  unlikely  to  be  true,  ie  R^if  will  not  mark  an 
abrupt  discontinuity  in  slope;  the  form  of  the  equation  for  Xwj  wilL  then  have  to  be  changed  in 
sympathy  with  the  shape  of  the  measured  trend. 

It  is  therefore  possible  to  propose  a  procedure  for  scenario  2  but  the  uncertainty  in  the  resuits  will 
remain  because 

(i)  for  all  three  cases  listed  above,  the  assumption  is  made  that,  whatever  approach  is  successful  In 
reconciling  the  effects  of  transition  and  Reynolds  number  on  the  occurrence  or  not  of  the  strong 
viscous-luviscid  interaction,  is  cquaiiy  successful  In  reconciling  the  effects  of  this 
interaction  -  an  unproven  nssertion,  and 

(ii)  the  procedure  for  in  particular,  depends  on  the  CFD  predictions  of  Rcrj(_  but,  as  noted  in 

§3.2.4,  this  task  Is  far  from  easy  at  the  present  time. 

Fortunately,  the  customer  will,  in  general,  not  demand  the  some  high  standard  of  accuracy  in  the 
extrapolated  results  if  they  lie  in  scenario  2  as  in  scenarios  1  or  3  but  one  should  not  dismiss 
scenario  2  as  being  of  no  prnctienl  interest.  The  designer  may  be  prepared  to  accept  a  wing  design 
for  which,  even  in  the  cruise  condition,  there  is  a  limited  rear  separation  over  part  of  the  span. 
Knwcver,  in  the  relatively  near  future,  routine  CFD  calculations  may  be  able  to  handle  such  situations 
and  then,  some  of  the  difficulties  implied  in  the  nbovc  procedure  for  scenario  2  will  fade  away. 

( i  i  i I  Scenario  3 

Extrapolation  in  scenario  3  is  virtually  as  simple  as  in  scenario  i  despite  the  fact  that  Rfiff  = 
RfUght  appears  to  lie  outside  the  test  range.  it  is  much  ensicr  than  in  scenario  2  because  the  test 
range  extends  beyond  Rorit  and  so,  the  extrapolation  procedure  can  be  closely  similar  to  that  employed 
in  scenario  i,  vis 

Xj  V  -asured  X  at  (xy,R)test  3 

♦  Computed  (X  at  lNy,R)fiight  ~  -X  at  (xy,R)£CSt(3)  (6.3) 

where  suffix  3  indicates  that  xy  chosen  to  give  Rpff  =  Rcrit- 

Again,  as  with  scenario  l,  It  is  worth  noting  that  the  final  value  X3  docs  not  depend  on  the  accuracy 

of  the  conversion  to  Reff. 

( i v )  Scenario  4 

Extrapolation  in  scenario  4  Is  significantly  more  difficult:  both  Rcrit  an<*  effective  R  -  Rfijght 
outside  the  test  range  and  while  it  is  easy  to  say  that  the  measured  trends  should  be  extrapolated  to 

Rcrlt  an<^  then,  one  should  follow  the  computed  trends  from  Rcrj^  to  Rfiight*  this  ®a>'  he  difficult  to 

achieve  In  practice  to  the  required  accurncy. 

If  the  data  have  been  obtained  in  a  Reynolds  number  sweep,  the  main  difficulty  lies  in  the  possibly 
gross  extrapolation  required  in  the  measured  trends  if  Rcr j t  >>  maximum  Rlest.  At  least,  in  this 
case,  there  will  not  be  tho  same  uncertainty  in  the  value  of  R,,,.^  that  is  present  in  the  boundary 
layer  manipulation  approach  but  one  still  ha:  to  allow,  to  the  best  of  one's  nbllity,  for  the  measured 
trends  to  come  into  line  with  a  curve  parallel  to  the  computed  trends  over  a  range  of  Reynolds  number 
outside  the  test  range.  The  cquntlon  for  the  extrapolation  in  this  case  (Reynolds  number  sweep)  is 
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X,|  =  Extrapolated  measured  X  at  R  s  Rprit 

t  Computed  (X  at  Rfiight  "  X  at  RCrit'  (6.4a) 

If  the  data  have  been  obtained  by  the  boundary  layer  manipulation  approach,  the  extrapolation  of  the 
measured  trends  is  more  difficult  because  one  is  extrapolating  into  a  range  that  does  not  exist 
correlate  with  when  the  bubble  has  extended  back  to  near  a  point  R  corresponding  to  the  start  of  the 
final  ateep  pressure-rise  to  the  trailing  edge.  In  other  words,  the  further  extension  of  the  bubble 
beyond  R  to  the  trailing  edge  occurs  suddenly.  This  conclusion  is  supported  by  a  fair  amount  of 
experimental  evidence  but  has  really  only  been  validated  for  a  fairly  limited  class  of  pressure 
distributions  containing  an  identifiable  point  R  some  distance  downstream  of  the  shock  (see  Ref  5  for 
certain  qualifications  of  this  statement).  If  the  measured  data  for  the  test  wing  do  not  support  the 
conclusion  and  if  there  is  a  significant  discrepancy  between  the  measured  and  computed  trends,  it  is 
likely  that  either  (b)  or  (c)  is  the  explanation  and  then,  reference  to  the  conclusions  based  on  the 
other  criteria  will  help  to  decide  between  lb!  and  (c).  It  is  important  to  establish  whether  or  not 
the  prediction  method  for  Sg  applies:  when  it  does,  the  method  can  be  used  in  Step  6  for  the 
extrapolation  to  full  scale. 

t'se  of  fg  as  a  simulation  criterion  is  very  useful,  in  the  context  of  prediction  of  buffet  onset,  in 
establishing  whether  the  test  range  of  transition  positions  includes  a  position  for  which  the 
effective  Reynolds  number  =  Rfijght  ®nd,  if  s0>  "hat  transition  position  provides  this  simulation.  In 
other  words,  it  is  a  means  of  deciding  whether,  in  this  particular  context,  the  tests  are  in  scenario 
1  (or  2)  or,  on  the  other  hand,  whether  they  are  in  scenarios  3,  4  (or  5);  it  may  not  help  greatly  in 
resolving  an  uncertainty  between  scenarios  3  and  4  because,  as  noted  in  the  previous  paragraph,  it  is 
not  immediately  obvious  as  to  whether  a  divergence  between  the  measured  and  computed  trends  implies 
that  RPf f  <  Rcrif 

STEP  5.6:  Identification  of  cases  where  extrapolation  in  Step  6  may  be  judged  unnecessary 

It  was  emphasised  in  the  introduction  to  §3.3.1  that  one  should  not  adopt  short  cuts  in  applying  the 
methodology  and  that  each  new  configuration  should  be  treated  on  its  merits.  Nevertheless,  there  will 
be  occasions  where  one  is  merely  seeking  to  -ompare  two  very  similar  designs  or  to  determine  the 
increments  due  to  a  change  in  configuration  not  expected  to  affect  the  standard  of  viscous  simulation 
in  the  tests.  There  will  therefore  be  occasions  when  then,  is  a  natural  hope  that  one  can  use  the 
measured  test  data  without  having  to  implement  the  extrapolation  procedure  in  Step  6  below.  This 
short  cut  should  however  only  be  adopted  when 

(i!  one  is  only  interested  in  comparative  or  incremental  data. 

(ii)  the  test  data  are  in  simulation  scenarios  1  or  3,  ic  maximum  teat  effective  R  >  Rcrjt> 

(iil)  if  they  are  in  scenario  3,  the  extrapolation  of  the  range  to  cover  Rfiiggt.  *s  relatively 

trivial  so  that  one  either  knows  or  at  least  can  assume  that  the  likely  changes  in  the 
results  in  this  range  arc  similar  for  the  two  configurations  being  compared. 

Even  when  it  is  permissible  to  omit  Step  6,  the  procedure  is  not  entirely  straightforward.  It  will  be 
easier  if  one  can  rest  content  with  the  data  obtained  with  the  furthest  aft  transition  position  of  the 
tests  (if  in  scenario  3)  or  for  the  transition  position  giving  Rpff  =  Rfl.ght  (scenario  i),  ie  with 
the  data  contained  in  the  CL  -  M  corridor  between  the  two  limits  of  test  validity  discussed  earlier 
and  illustrated  in  Fig  11.  If  data  are  requir  d  over  a  wider  range  of  Mach  number  (or  C^),  care  has 
to  be  taken  in  patching  together  the  data  from  the  several  tests  with  different  transition  trips.  For 
example, 

(i)  in  creating  Cp  -  M  curves  at  constant  Cl  over  the  full  flight  envelope,  one  has  to  allow  for 
the  changes  in  skin  friction  due  to  the  different  extents  of  laminar  flow.  Strictly,  one 
should  apply  corrections  based  on  the  values  of  Cp  ,  viscous  drag  derived  from 
the  CFD  calculations, 

|ii)  the  buffet-onset  boundary  should  be  taken  as  the  envelope  of  the  boundaries  obtained  with 
say,  the  forward,  mid  and  rear  trips  -  see  Fig  14, 

(iii)  the  spurious  effects  on  Cl  and  CB  immediately  beyond  the  upper  limit  of  validity  for  any 
particular  aft  trip  should  be  ignored.  In  the  reai,  full  scale  flow,  the  shock  wave  will 
move  progressively  forward  with  increase  in  incidence  and  would  not  exhibit  the  hesitation 
behind  the  trip.  The  only  advice  that  can  be  offered  on  this  point  (and  there  will  be 

nothing  better  in  Step  6)  is  to  fair  from  the  Cp  and  CB  data  with  the  aft  trip  to  the  data 
obtained  with  the  aid  trip  and  then,  beyond  the  limit  of  validity  of  the  mid  band,  to  fair  to 
the  data  with  the  forward  trip.  Tests®  on  half  models  over  a  wide  rnnge  of  Reynolds  number 
in  the  RAE  Is  ft  x  8  ft  tunnel  provide  some  support  for  this  apparently  rash  procedure  as 
illustrated  in  Fig  15. 

One  particularly  important  point  to  remember  is  that  when  comparing  results  for  two  wing  designs,  for 
which  a  further  aft  trip  has  to  be  used  on  the  later,  more  advanced  wing  B  to  nchieve  a  model  test 
effective  Reynolds  number  greater  than  Rerit>  ic  scenario  3  rather  than  scenario  4,  than  for  the 
earlier  wing  A,  but  one  cannot  test  wing  A  with  this  further  oft  trip  (possible  because  the  shock  wave 
on  A  is  not  sufficiently  far  aft),  one  must  compart  the  results  with  the  d if ferent  transition 
positions  and  include  a  correction  for  the  change  in  Cpy  due  to  the  different  extent  of  laminar  flow; 
similarly,  changes  in  lift-curve  slope  due  to  the  different  extents  of  laminar  flow  should  be  nllowed 
for  when  deriving  the  buffet  boundary.  This  is  likely  to  be  a  much  more  accurate  procedure  than  using 
the  results  for  the  same  transition  position  for  which  the  data  for  wing  B  could  include  on  uncertain 
increase  in  Cp  due  to  the  effeets  of  a  rear  separation  or  whatever  strong,  viscous-inviacid 
interaction  that  is  leading  to  the  conclusion  that  Reff  <  Rcrif 
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It  must  be  reiterated  that  to  obtain,  in  particular,  the  drag  data  to  the  required  accuracy,  one 

should  use  the  complete  methodology  including  Step  6.  Step  5.6  should  only  be  substituted  when  there 

are  severe  constraints  in  timescale  and/or  cost.  ,t  is  hoped  that,  in  the  future,  it  will  become 

accepted  practice,  even  in  routine  testing,  to  accept  the  need  for  extrapolation  and  for  the 
confidence  in  the  CFD  methods  to  grow  so  that  they  can  be  accepted  with  assurance  for  this  purpose, 
physically  -  transition  positions  aft  of  the  shock  would  not  be  possible  in  practice  and,  even  if  they 
were,  the  data  could  not  be  regarded  as  a  simulation  of  full  scale  at  any  Reynolds  number.  A  possible 
unproven  procedure  was  put  forward  in  13.2.1.  Setting  this  procedure  out  again  in  the  context  of  a 
subsonic  transport  (note:  many  of  the  actions  will  have  already  been  undertaken  in  earlier  steps): 

(a)  plot  the  measured  and  predicted  computed  variation  in  any  parameters  sensitive  to  the  presence  of 

a  rear  separation  against  transition  position  (note:  transition  position  rather  than  R^ff). 

Suitable  parameters  would  be  shock  strength,  shock  position,  drag  and  possibly 

CPTE' 

(b)  if  possible,  then  plot  the  differences  between  the  measured  and  computed  trends,  ic  piot  AMS , 

Axs,  ACp  and  against  transition  position, 

(c)  estimate  the  values  of  Rcr,t  for  the  different  transition  positions  and  plot  against  transition 
position.  This  sounds  simple  but  there  will  again  be  possible  difficulties  as  with  scenario  2  due 
to  the  fact  that  different  approaches  to  the  prediction  of  RCrit  ®ay  n°t  yield  the  same  values, 

(d)  extrapolate  the  curves  in  (c)  without  regard  to  the  fact  that  one  would  not  be  able  to  test  with  a 
further  aft  transition  position;  extrapolate  until  Rcrj t  -  Rtcst1 

(e)  extrapolate  the  curves  in  (b)  by  n  similar  amount  to  that  found  necessary  in  Id)  and  hopefully, 

these  curves  of  OMs,  Axs,  ACg  and  *111  reach  an  asymptote  (gcncraliy,  a  non-zero  asymptote) 

at  the  end  of  this  extrapolation, 

(f)  there  are  then  two  possible  approaches:  either  use  the  relation 

X4  n  Asymptotic  value  of  OX  ♦  Computed  X  at  ( Xf,  R)  f )  lg)-  >  16.  -lb) 

or  perhaps  with  more  certainty,  the  relation 
X4  s  Measured  X  at  (x‘TiRltcst,4 

+  (^asymptote  *  ^furthest  aft  Xfl 

♦  Computed  (X  at  ( xT, R ) f l ijjht  "  X  ot  (xy, R) test , 4'  (6.4c) 

where  suffix  4  Indicates  further  aft  xT  in  test. 

(v)  Scenario  5 

This  brings  together  the  problems  of  scenarios  2  and  4  and  is  even  more  difficult  because,  probably,  a 
considerable  extrapolation  of  the  measured  trends  is  now  needed  to  reach  I^rjf  There  is  probably 
little  point  in  the  boundary  layer  mnnipuiation  approach  of  including  nny  refinement  beyond  the 
zero-level  criterion,  extrapolating  the  measured  trends  to  the  forecast  Rf.rji  and  XJ.,.  ..  and  using  a 
modified  form  of  the  second  of  the  relations  nbove  in  < i v , f )  for  the  final  extrapolation,  ie 

X5  3  Measured  X  at  <*TiR)test,5 

♦  Extrapolated  measured  (X  at  Rcru,  -  X  at  furthest  aft  X-j-1 

+  Computed  (X  at  (xT,R)flighl  -  X  at  <xTfurthcsl  afl.R>test>  <6-5’ 

where  suffix  5  indicates  furthest  aft  x^  in  test  range. 

Fortunately,  customers  would  not  expect  or  require  close  accuracy  from  results  in  scenario  5. 

This  description  of  the  general  extrapolation  procedure  for  the  different  scenarios  illustrates  why  it 
is  highly  desirable  to  perform  an  extended  Reynolds  number  sweep  or  to  adopt  the  boundary  layer 
manipulation  approach  to  bring  the  data  into  either  scenario  1  or  scenario  3.  To  achieve  scenario  3 
rather  than  4,  ie  to  bring  Rcru  within  the  test  range,  is  a  more  important  aim  than  striving  for 
complete  viscous  simulation  in  trie  tests,  whieh  is  probably  unattainable. 

STEP  6.2:  Extrapolation  of  specific  leading  test  objectives 

(a)  Cruise  drag 

The  measured  values  of  Cg  at  the  operational  cruise/dcsign  conditions  identified  in  Step  1  were 
plotted  against  Reynolds  number  (from  the  Reynolds  .-.umber  sweeps)  or  effective  Reynolds  number  (from 
the  transition  sweeps)  in  Step  5.2.  At  that  stage,  the  zero-level  simulation  criterion  was  being  used 
for  the  conversion  to  effective  Reynolds  number,  but  the  plots  for  shock  position  and  shock  strength, 
with  these  parameters  chosen  as  simulation  criteria,  arc  also  highly  relevant  to  th;  prediction  of 
full  scale  cruise  ^rag  for  conditions  where  there  is  supercritical  flow  over  the  wing  upper  surface. 
These  graphs  of  shock  position  and  shock  strength  arc  likely  to  provide  the  best  indication  of  whether 
**eff  1  ^flight  *n  '•*le  m°del  test  range  but  the  Cg  graphs  themselves,  possibly  replotted  against  Reff 
obtained  through  the  use  of  one  of  these  other  criteria,  may  give  the  clearest  idea  of  Rerjt  as 
deduced  from  the  measured  results.  These  graphs  may  be  sufficient  to  identify  which  simulation 
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scenario  applies  in  the  context  of  cruise  drag  and  then,  the  full  scale  drag  can  be  obtained  by 
applying  the  relevant  procedure  and  relations  fro*  Step  6.1  and  by  adding  sooc  additional  corrections, 
viz 

CDflight  =  Measured  CD  at  <xT*R>test,n 

•  *  Extrapolated  measured  trend  in  excess  Cq  between  (Xf,R)tcst  n  and  Rcrjt 

♦  Computed  (Cp  at  (*pR)flight  ‘  CD  at  1 XT ,R1test , n> 

-  AtR  CD  +  Ag  CD 

where 

(i)  the  suffix  'n'  indicates  the  scenario, 

(ii)  the  second  term  only  exists  for  scenarios  4  and  5, 

(iii)  the  words  'excess  drag'  are  used  to  describe  the  extra  drag  associated  with  the  strong 

viscous-inviscid  interaction  present  at  R  <  Ror£t  and  determined  in  principle  as  described  in 
Step  6.1.  The  variation  of  this  excess  drag  with  Reynolds  number  will  also,  in  practice, 
include  the  scale  effect  on  the  drag  contribution  due  to  any  local  separation,  eg  in  a  wing-body 
junction  or  a  wing-pylon  junction  in  a  wing-mounted  propulsion  installation, 

(iv)  the  values  of  <xp,R)t.cgt  that  arc  used  as  the  starting  point  for  the  extrapolation  arc  given 
beiow: 


Scenario 

Reynolds  number  sweep 

Transition  sweep 

1 

Rf light 

xT  to  give  Rcff  =  Rfught 

2,3 

Rcrit 

xT  to  give  Reff  =  Rprl t 

4,5 

Highest  tes  t  R 

Furthest  aft  (Xfltest 

(v)  the  calculation  of  the  third  term  can  be  performed  most  accurately 
by  splitting  Cp  into  three  component  terms 

CD  =  cDh.  ♦  cDv  +  Cp. 

where  Cp^.  =  wave  drag  coefficient 

Cpy  =  viscous  drag  coefficient 

Cp.  r  vortex-induced  drag  coefficient 

Methods  for  predicting  and  Cq„  from  the  calculated  pressure  distributions  arc  described  in 
§3.2.4.  Unless  the  maximum  test  ft  or  the  maximum  effective  R  is  far  below  Rcrit,  the  change  in 
Cp.  in  the  extrapolation  is  unlikely  to  be  large.  The  dominant  contribution  may  well  be  the 
change  in  Cp^.  but  this  can  be  minimised  (and  hence,  its  accuracy  Improved)  If  the  shock  position 
and  shock  strength  in  the  flow  over  the  wing  upper  surface  are  similar  at  (xt,r' night  and 
( x-j- . R ) » e3t. , n  •  l16110®*  the  advantage  of  using  these  quantities  ns  simulation  criteria.  It  has  been 
assumed  throughout  that  the  computed  trends  will  be  obtained  by  methods  allowing  merely  for  weak 
viscous-inviscid  interactions;  when  the  methods  are  capable  of  allowing  for  a  limited  renr 
separation,  the  accuracy  of  the  procedure  will  be  improved  as  in  many  cases,  the  values  of  Rcrjt 
will  be  lower,  thus  implying  less  uncertain  extrapolation  of  the  measured  trends  ir  the  data  arc 
in  scenario  4  (or  5) , 

(vi)  in  the  fourth  term, 

^TR  *8  *-he  estimated  increase  in  Cp  in  the  model  tests  due  to  the  presence  of  the  transition 
trip, 

(vii)  in  the  fifth  term, 

&£  Cp  is  the  estimated  increase  in  CDfiisht  due  tdie  presence  of  roughness  and  excrescences  on 

the  full  scale  aircraft  but  not  represented  on  the  m„del, 

(xiii)  the  whole  equation  docs  not  include  any  co-rections  for  non-viscous  related  effects  that  may 

contribute  to  the  extrapolation  from  model  test  to  full  scale,  eg  jet  effects,  intake  spillage 
effects,  aeroelastic  effects  etc.  Also,  one  should  stress  that  the  procedure  as  described  is 
concerned  with  the  viscous  effects  in  the  flow  over  the  wing;  the  viscous  effects  on  the  drag 
of  the  rear  fuselage  are  considered  separately  in  §3.3.3. 

(b)  Buffet  onset 

As  noted  under  (d)  in  Step  5.5,  buffet  onset  for  most  subsonic  transports  at  high  subsonic  speeds 
occurs  when  the  shock-induced  separation  bubble  extends  back  to  the  wing  trailing  edge  over  a 
significant  part  of  the  span.  Methods  exist  for  predicting  the  growth  of  this  bubble  with  increase  in' 
shock  strength  -  see  §4.6  and  3.2.4.  The  analysis  in  Step  5.5  will  have  shown  whether  the  trends  in  % 
the  measured  data  are  consistent  with  forecasts  by  one  of  these  methods  and,  if  not,  whether  this  is 
due  to: 

(i)  an  intercction  between  the  bubble  and  some  other  strong  viscous-inviscid  interaction  such  as 
a  rear  separation  present  at  R  <  Rcrjt,  or 

(ii)  a  failure  of  the  data  to  support  the  assumptions  of  the  chosen  prediction  method. 

The  description  in  Step  5.5  used  the  method5  of  Fulkcr  and  Ashill  as  an  example  of  a  prediction 
method.  According  to  this  approach,  the  bubble  extends  to  the  trailing  edge  when 

M8*  =  F(Res.53> 

where  Ms*  =  shock  strength  on  buffet-onset  boundary, 

0,  =  boundary  layer  momentum  thickness  immediately  ahead  of  the  shook, 

e 


6, 


XR  -  *s 
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and  Xr  is  the  ehordwise  position  of  the  start  of  the  final  pressure-rise  to  the  trailing  edge. 

If  the  measured  data  appear  to  be  consistent  with  the  fundamental  assumptions  nf  this  method,  a 
relatively  simple  approach  to  the  extrapolation  of  the  lmffet-onsct  boundary  to  flight  at  full  scale 
Reynolds  numbers  can  be  developed  as  follows: 

(i)  choose  an  appropriate  spr.nwiso  position  to  represent  the  'significant  part  of  the  span’  where 
the  separation  has  extended  from  the  foot  of  the  shock  to  the  trailing  edge  at  buffet  onset 
{this  could  vary  with  Mach  number!, 

(ii)  for  this  station,  the  measured  trends  in  Mg*  at  a  given  Maeh  number  which  have  already  been 
plotted  in  Step  5.2  against  Reynolds  number  (from  the  Reynolds  number  sweeps)  or  transition 
positin.'i  (from  the  transition  sweeps)  should  be  compared  with  predicted  trends  based  on  the 
above  relation,  the  values  of  Ra  and  3S  derived  from  the  measured  data  and  the  charts  of  Ref 
5, 

(iii)  in  cases  where  there  is  reasonably  close  agreement  between  the  measured  and  predicted  trenda, 
the  values  of  M3*  on  the  full  scale  buffet-onset  boundary  can  be  derived  from  the  relation 

Mg*  for  ( x-j-  ,R>fli({ht  =  Measured  Mg’  for  (x7 ,R ) tcs t ( g  ♦  Predieted  (Ms*  for  ( x-j-  ,R)fl  ight 

-  Mg*  for  IXT'R,test,6)  (6.6) 

where  the  suffix  6  denotes  the  (xy.Rltest  wb»eh  is  found  to  give  the  closest  approach  to  1^* 
for  (xT ,R) fli((ht ' 

A  2ero  value  for  the  second  term  implies  that,  in  this  respect,  full  simulation  has  been 
achieved  in  the  test  wio.h  (Xf.Rig.  Experience  suggests  that  this  may  often  be  possible. 

In  cases  where  the  trends  are  not  in  good  agreement  and  where  it  is  believed  that  this  is 
because  Rtcst  *  **erit'  one  should  use  the  extrapolation  procedures  described  in  Step  6.1  with 
the  parameter  Ms*  for  buffet-onset  used  as  the  simulation  criterion,  ie  for  the  conversion  of 
transition  position  to  effective  Reynolds  number.  It  should  be  noted  that  an  Interaction 
does  not  always  occur  between  a  shock-induced  and  a  rear  separation  even  when  both  are 
present;  it  is  more  likely  to  occur  when  the  shock  Is  relatively  far  aft  when,  if  present, 
the  internetion  will  probably  reduce  the  value  of  Mg*  Tor  a  Tull  separntion  from  the  foot  of 
the  shock  to  the  trailing  edge. 

(iv)  the  full  scale  Cl  for  buffet  onset  at  a  g'von  Maeh  number  can  then  be  obtained  through  the 
relation 

CL  for  (xT,R|flUht  =  Measured  Cl  for  lxT-Rltest,6  or  7  ♦  rtrct  ♦  ACl4ircct  <6'7> 

where 

(a)  when  there  Is  good  agreement  between  the  measured  and  predicted  trends,  use  test, 6 
defined  as  above  under  (6.6), 

lb)  when  there  is  a  serious  interaction  with  a  rear  separation,  use  test, 7  where  the  suffix 
7  implies  that  the  data  have  been  taken  not  from  the  test  that  gives  the  closest 
approach  to  M3*  for  (XT>R,f]ight  but  fr0B  the  test  at  either  the  highest  test  Reynolds 
number  (in  a  Reynolds  number  sweep)  or  the  highest  effective  Reynolds  number  (in  a 
transition  sweep).  In  practice,  this  may  be  found  to  be  an  neademie  distinction, 

(c)  0Cl  n(iir  et  represents  the  indirect  scale  effect,  ie  the  change  in  CL  for  a  given  Ms 
betAeenr?xT,R)test.i6  or  7  "nd  <XT'S>  Highf 

{ d i  ACj  ^  ^  represents  the  direct  scale  effect,  ie  the  change  in  due  to  the  change  in 
M3*  Between  (xT,R)  test>6  or  7  and  (xt.R1  rUght. 

Ii.  practice,  it  may  often  be  possible  to  eomhine  PClj^  and  ect  *n  8  sin6*e  berm 

but  It  was  felt  prcfernble  to  set  the  procedure  out  iritnis  form  to ucmphaslso  that  there  are 
two  sepai -:te  effects.  ean  1)4  estimated  with  the  aid  of  the  plots  created  in  Step 

5.5  using  shock  strength  nsn  simulation  criterion;  aCij-  ,  can  be  obtained  either  from  the 
CED  calculations  for  ( x-p , R ) f x j ght.  or  probably  to  the  required  accuracy  from  the  measured 
results,  remembering  that  one  should  use  the  vaiue  of  (dCL/dMs)  immediately  helow  the 
buffet-onset  boundnry. 

Both  ^LjncnreCL  and  ^Ldi  et  8re  to  functions  of  Mach  number.  The  total 

correction  may  only  be  of’tne  order  of  0.05  in  Cl  but,  nevertheless,  is  sufficient  to  justify 
care  In  extrapolation. 

(e)  Lift-curve  slope 

The  values  of  lift-curve  slope,  particularly  In  the  incidence  range  encompassing  cruise  and  buffet 
onset,  are  frequently  required  for  gust  analysis.  Clearly,  these  values  could  be  extrapolated  to  full 
scale  following  the  general  guidance  In  Step  6.1  but  this  is  an  area  where  it  may  be  unwise  to  break 
with  past  experience.  The  most  important  lesson  from  the  past  is  that,  if  possible,  there  should  be 
no  change  in  transition  position  on  either  wing  surface  in  the  range  of  incidence  over  which  one  is 
taking  the  slope.  Hence,  the  measured  values  should  not  be  taken  from  a  transition-free  test  or  from 
a  nominally  transition-fixed  test  in  which  transition  has  moved  forward  (or  aft)  of  the  band  over  part 
of  the  Incidence  range  in  question.  The  normal  practice  is  to  test  with  the  furthest  aft  transition 
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position  that  safeiy  meets  this  requiromenti  then  correct  the  values  of  lift-eilrvc  slope  by  standard 
data  sheets  for  any  difference  in  transiti-.n  positron  between  wing  upper  and  lower  surface  and  then, 
finally,  to  appiy  contingency  factors  based  on  past  cv"''-ricnce  f°r  the  extrapolation  to  the  full  scale 
aircraft.  This  may  sound  very  crude  compared  with  tii  procedure  proposed  for  cruise  drag  and  buffet 
onset  but  before  one  couid  justify  the  use  of  a  more  refined  technique,  such  a  technique  would  have  to 
be  applied  first  to  the  data  from  the  past  on  which  present  practices  arc  based.  The  contingency 
factors  mentioned  above  have  to  cover  more  than  viscous  effects,  eg  there  may  he  significant 
aeroelastic  effects:  hence,  to  refine  the  extrnpoiation  of  the  viscous  effects  and  then  to  apply  the 
same  cont" agency  factors  would  not  necessarily  improve  the  accuracy  of  the  final  results. 


Id)  Pitching  moments 

Failures  to  predict  the  full  scale  pitching  moments  have,  in  the  past,  provided  the  most  embarrassing 
and  wcll-pubiieised  exnmples  justifying  the  need  for  a  more  reliable  simulation  methodology.  It  is 
therefore  clear  that,  whenever  possible,  one  should  extrapolate  C0  in  the  manner  proposed  in  Step  6.1, 
ie  in  a  manner  similar  to  that  described  in  detnii  for  cruise  drag.  It  should  be  recognised  however 
that  this  places  an  even  greater  demand  on  the  accuracy  of  the  CFD  methods.  A  method  for  2D  flow  will 
not,  in  generai,  be  sufficient  because  the  pitching  moments  for  the  3D  wing-body  will  depend  on  the 
spanwise  loading  and  the  spanwjse  vnriation  of  the  sectional  effects.  Also,  the  method  must  be 
capable  of  allowing  for  at  least  weak  viseous-inviscid  interactions  because  the  pitching  moments  are 
sensitive  to  the  pressure  distributions  very  close  to  the  leading  and  trailing  edges,  ic  the  regions 
•hat  depend  greatly  on  the  viscous  effects.  Nevertheless,  use  of  existing  CFD  methods  and  the 
extrapolation  procedures  of  Step  6.1  should  be  sufficient  to  avoid  the  gross  errors  of  the  past  -  at 
least  in  the  Cl  -  M  area  up  to  buffet  onset.  These  errors  probably  occurred  because  of  a  failure  to 
simulate  the  shock  position  and  a  lack  of  recognition  that  the  test  data  were  in  scenario  I,  ie  Rtest 
*  ^erif 

Prediction  of  the  pitching  moments  beyond  the  upper  boundary  of  the  Cl  -  M  corridor  in  which  valid 
data  enn  be  obtained  with  the  furthest  aft  trip  is  however  far  more  difficult.  This  was  discussed 
a  earlier  in  Step  5.6.  As  explained  earlier,  this  boundary  lies  beyond  buffet  onset  -  see  Fig  11,  but 
the  pitching  moments  can  still  be  very  important  in  the  context  of  the  wing  structural  loads.  At  the 
present  time,  it  is  not  possible  to  suggest  an  extrapolation  procedure  involving  the  use  of  CFD  in 
these  extreme  conditions  -  hence,  the  somewhat  arhitrary  procedure  recommended  in  Step  5.6.  However, 
another  possibility  for  a  subsonic  '  •  nsport  with  a  wing  of  high  aspect  ratio  would  be  to  develop  a 
methodology  based  on  the  analysis'  of  Khan  and  Cahill  as  described  in  54.8  which  has  suggested  that, 
for  some  wings  at  least, 

(i)  the  relation  between  shock  position  and  trailing  edge  pressure  in  the  presence  of  an  extensive 
flow  separation,  is  independent  of  (R,xyl, 

(ii)  the  shape  of  the  variation  of  Cptg  with  Mach  number  and  incidence  can  be  collapsed  onto  a  single 
curve  of-  Cp.  against  a  transonicsimilarity  parameter,  K,  which  depends  on  (R.Xy)  through  the 
inclusion  or  the  local  skin  frietion  coefficient  immediately  ahead  of  the  shock,  and 

(iii)  the  location  of  this  curve  relative  to  the  CD  and  K  axes  can  be  forecast  again  as  a  function 
of  <R,xt). 

Evidence  is  needed  on  the  success  of  this  method  when  applied  to  a  wide  range  of  independent  wing 
designs. 

As  noted  earlier  in  Step  3,  it  is  fairly  general  practice  to  use  transition-free  data  for  the  values 
of  C_  -  at  ieast  up  to  the  Mach  number  at  which  a  shock-induced  separation  is  present  at  Cl  =  0.  The 
justification  for  this  practice  is  that  with  natural  transition,  the  boundary  layer  thicknesses  will 
be  smaller  than  if  any  trip  is  present.  Strictly,  this  justification  is  arguable  unless  it  has  been 
shown  that  the  boundary  layer  thicknesses  are  similar  to  those  on  the  full  scale  aircraft  in  flight. 
At  the  very  ieast,  calculations  of  the  boundary  layer  development  should  be  made  so  that  the  test 
engineer  and  the  customer  are  nware  of  the  Implications  of  the  established  practice  and  whether  these 
differ  from  one  wing  design  to  another. 


(e)  Spoi ler/airbrr. ke  effectiveness  nnd  loads 


likely  to  lead  to  a  marked  forward 
pointless  to  practise  any  boundary 
voked  by  the  pressure-rise  ahead  of 
surfaces.  Testing  with  an  aft  trip 
this  test  as  the  datum  for  a  series 


Raising  a  spoiler  acting  as  a  lateral  control  or  an  airb: 
movement  of  the  shock  and,  ns  a  result,  it  may  be  impossi. 
layer  manipulation  approach.  Also,  transition  is  liable  to  L 
the  spoiler  and  possibly  at  the  wing  leading  edge  on  one  of 
may  of  course  be  possible  with  the  spoiler  closed  but  to  rets, 
with  different  spoiler  deflections  mny  give  misleading  results  at  amail  spoiler  deflections.  The 
general  reeommendation  must  therefore  be  to  perform  ail  the  spoiler  tests  including  _ne  datum  at  the 
maximum  possible  test  Reynolds  number  with  cither  a  forward  trip  or,  at  the  most,  a  mid  trip  as 
described  in  Step  4b.  These  tests  will  provide  increments  due  to  spoiler  deflection,  consistent  from 
the  standpoint  of  trnnsition  position  but  possibly  still  misleading  at  small  speller  angles,  because 
the  flow  in  the  test  with  the  spoiler  closed  does  not  simulate  the  full  scale  flow.  It  may  therefore 
be  prefernble  to  link 


(a)  the  results  for  the  spoiler  closed  extrapolated  to  fx-p,R)  flight.  88  described  earlier,  and 

(b)  the  results  for  the  spoilers  deflected  as  measured  in  the  tests. 

No  refined  extrapolation  technique  can  be  justified,  hearing  in  mind  that 

(il  there  can  be  large  acroclastie  effects  not  represented  in  the  model  tests, 

(ii)  these  data  do  not  have  to  be  obtained  to  the  same  close  accuracy  as  those  discussed  earlier. 
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3. 3. 1.3  Concluding  Reiarka 

The  detailed  methodology  as  described  here  has  been  based  on  much  past  experience  and  an  appreciation 
of  how  the  advances  in  CFD  can  be  exploited  to  place  the  methodology  on  a  more  scientific  basis. 

It  is  hoped  that  the  methodology  has  been  set  out  in  a  way  that  will  stand  the  test  of  time;  with 
experiencei  the  detail  may  change  but  the  general  framework  should  remain.  As  noted  at  the  end  of 
§3.2.1,  successful  use  of  the  methodology  will  depend  on 

(i)  good  knowledge  at  all  stages  of  the  detailed  flow  over  the  test  configuration, 

(ii)  the  ability  to  test  over  a  wide  range  of  either  Reynolds  number  or  effective  Reynolds  number, 

(iii)  the  realisation  that  each  new  wing  design  or  configuration  has  to  be  treated  on  its  merits,  and 

(iv)  short  cuts  should  be  avoided  unless  one  is  absolutely  sure. 

It  is  recommended  that,  to  gain  experience,  the  proposed  methodology  should  be  applied  for  a 
significant  period  in  parallel  with  whatever  is  the  established  practice.  Any  large  differences  in 
the  extrapolated  results  should  be  assessed  to  find  whether  the  reasons  justify  departure  from 
existing  practice:  in  other  words,  the  methodology  that  has  been  set  out  above  should  oc  better,  being 
on  a  sound  scientific  basis,  but  it  will  still  have  to  , . ove  itself  in  the  future. 
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FIG  1  TYPICAL  TRANSPORT  AIRCRAFT  WING  SHOCK  PATTERN 
(BUFFET  ONSET  AT  DESIGN  MACH  NUMBER) 


FIG  2  STEP  1:  CHOICE  OF  OPERATING  CONDITIONS  FOR 
PREPARATORY  CFO  CALCULATIONS  IN  STEP  2 
(Typical  Illustration) 


Pressures  at  fixed  chordwise  posifions  Pressures  affixed  chordwise  positions 

for  Model  A  for  Model  B 

(S-l  Separation  Bubble  Extending  Rearward)  (Rear  Separation  Extending  Forward) 
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PEARCEY  PLOTS'  TO  IDENTIFY  'A'  AND  ’ B 1  TYPE  FLOW  SEPARATION 


FIG  6  EXAMPLES  OF  SPURIOUS  RESULTS  WITH  FREE  TRANSITION 


Comparison  of  pressure  distributions 
at  condition  A 
with  two  tronsition  trips 

-  Measured  data  with 

|  □  transition  trip  ot  0  15c 

LQ  +  transition  trip  ot  O' 25c 

- Ranges  where  locol 

interaction  between  trip  ond 
shock  position  is  increasing 
the  wove  drag 


+  Trip  at  0  05c 
d  Tripot  0-1 5 c 


FIG  7  ILLUSTRATION  OF  UNCERTAINTY  IN  DRAG 
DATA  DUE  TO  TRIP-SHOCK  INTERFERENCE 


FIG  8 


TRIP  INTERFERENCE  WITH 
SUPERCRITICAL  FLOW  DEVELOPMENT 


FIG  9  RANGE  OF  VALIDITY  OF  DATA 
WITH  AN  AFT  TRIP 


FIG  10  UPPER  LIMIT  OF  VALIDITY  OF 
DATA  WITH  AFT  TRIP 
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FIG  12  EXAMPLE  OF  USE  OF  HALF-MOOEL 
DATA  TO  EXTEND  R-SWEEP 
Without  half-model  :  Scenario  3 
With  half-model  :  Scenario  1 


FIG  14 


CONSOLIDATION  OF  BUFFET 
ONSET  OATA  (STEP  5.6) 


FIG  13 


USE  DF  DIFFERENT  CRITERIA  TO  DETERMINE  Rcrit 
ANO  TO  IDENTIFY  SIMULATION  SCENARIO 


FIG  15  CONSOL I OAT  ION  OF  PITCHING  MOMENT  DATA 

(8ASEO  ON  'WEEKS'  OATA  FROM 
RAE  8ft  x  8ft  TUNNEL  TESTS) 


FIG  16  EXTRAPOLATION  PROCEOURE  FOR  SCENARIO  2 

(SEE  TEXT  FOR  STEP  6.1) 


On 

U> 
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SECTION  3.3.2 
COMBAT  AIRCRAFT 

by 

A.B.Haincs 


3.3. 2.1  Introduction 


There  are  many  reasons  why  combat  aircraft  configurations  present  a  difficult  challenge  to  the 
drafting  of  a  general  simulation  methodology.  For  example, 

(i)  There  is  a  wide  range  of  possible  configurations  as  Illustrated  in  Fig  1.  While  It  Is  true 
that  nearly  all  the  combat  aircraft  shown  in  this  figure  have  wings  of  moderate  or  low  aspect 
ratio  and  moderate  or  high  sweepback,  the  aspect  ratio  vnrles  between  about  1.5  up  to  5.0  and 
the  leading  edge  sweepback  from  40'  to  70'.  King  thir1  s/chord  ratio  can  vary  from  about 
0.035  for  an  aircraft  designed  to  give  good  supersoni  vrmanee  up  to  0.10  or  more  for  a 

trainer  or  strike  aircraft.  At  present,  there  is  a  trend  towards  aircraft  with  thin 

wings  of  either  delta  or  cranked  delta  planform  but  clearly,  the  methodology  has  to  be 
capable  of  coping  with  any  of  the  possible  designs.  It  is  wrong  to  think  in  terms  of  a 
single  detailed  methodology:  to  imagine  that  there  is  one  preferred  trnnsi tion-f ixing 
technique  or  one  style  of  extrapolation  that  will  suit  all  possible  designs  Is  obviously  an 
illusion. 

(ii)  Since,  in  nearly  all  cases,  the  wings  arc  of  low  or  moderate  aspect  ratio,  the  link  with  what 
happens  in  two-dimensional  flow  is  much  less  tenable  than  for  a  trnnsport  aircraft  and  often, 
three-dimensional  effects  or  at  least,  variations  across  the  spnn  become  paramount. 

(iii)  Compared  with  the  subsonic  tranpsort  aircraft  discussed  in  §3.3.1,  the  geometry  of  a  combat 
aircraft  can  be  very  complex  and  often,  different  types  of  flow  can  exist  over  different 
parts  of  the  configuration. 

To  list  some  of  the  complicating  features: 

(a)  the  thicker  wing  designs  frequently  have  a  Tair  number  of  control  stations  across  the 
span  and  thus,  there  can  be  a  considerable  spanwise  variation  in,  for  example,  the  wing 
leading  edge  radius, 

(b)  some  aircraft  incorporate  variable  sweep  and  thus,  a  whole  spectrum  of  different  types 
of  flow  can  be  encountered  with  a  single  design.  Also,  vnrioble  sweep  can  imply  a  crank 
in  the  lending  edge  of  the  inner  wing, 

(e)  on  designs  with  wings  having  a  cranked  delta  pinnform,  the  flow  patterns  enn  je 
determined  oy  the  change  in  leading  edge  sweepback  souc-where  near  mid-semi-span, 

(d)  many  airernft  layouts  are  elose-eoupied  and  thus,  the  flow  over  one  surfaee  can  be 
greatly  influenced  hv  the  interference  from  another  surfnee,  eg  the  flow  over  the  main 
wing  can  be  Influenced  by  the  presence  of  a  canard,  an  inhoard  wing  leading  edge 
extension  (LERX  or  stroke  1  or  a  vortex  flap  abend  of  the  wing  leading  edge, 

(e)  the  wings  of  some  airernft  are  fitted  with  fences,  vortex  generators  or  other  devices  to 
control  the  stall, 

(f)  many  future  aircraft  arc  likely  to  use  manoeuvre  flaps  at  both  the  wing  lending  edge  and 
trailing  edge;  these  will  be  deflected  down  for  high-lift  conditions  and  up  in  the  high 
speed  dash, 

(iv|  The  model  tests  have  to  cover  a  wide  range  of  operating  conditions  and  there  arc  many  ’design 
points'  nt  widely  different  CL  and  Mach  number, 

tv)  Unlike  the  model  tests  for  a  transport  nireraft,  where  the  main  interest  lies  in  the  range  up 
to  buffet  onset,  where  the  flow  is  cssentinlly  attnehed,  the  main  concern  in  model  tests  for 
a  combat  aircraft  may  often  lie  in  what  happens  beyoned  buffet-onset  In  conditions  where 
there  may  he  large  areas  over  which  the  flow  has  sepnrated  nnd  for  which,  ns  n  result,  the 
use  of  CFD  at  the  present  time  is  severely  limited. 

For  all  these  reasons,  the  cmphnsls  in  this  methodology,  compnred  with  thnt  for  the  trnnsport 
aircraft,  must  lie  less  on  comparisons  between  measured  and  ealculntcd  results  and  more  on  how  to 
react  to  different  types  of  How.  Once  again,  the  methodology  in  §3.3.°  2  addresses  primnrily  the 
flow  over  the  wing  (and  other  lining  surfaces)  in  the  presence  of  the  i..;elnge.  I  in  re  mnv  also  he 
problems  in  viscous  flow  simulnlion  over  the  afterbody  and  these  are  considered  beiefb  in  §3.3.3. 

3. 3.2.2  The  detailed  methodo logy 

STEP  1  :  Collection  of  relevant  information 

The  most  likely  objectives  for  n  model  test  progrnmme  for  n  combat  nireraft  include 

(a)  Drag  in  long  range  cruise  and  loiter  conditions  where  the  fiow  is  iikely  to  be  aubcril.ial  - 
required  to  relative  aecurney  of  idoail.v,  6/lp  =  0.0002, 

(b)  Drag  in  sustained  manoeuvre  nnd  high  speed  dash  conditions  where  Ihc  flow  will  be  supero: itieal 
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and  significant  Have  drag  nay  already  be  present  -  required  to  a  relative  accuracy  of  ACq  = 
0.0005, 

(c)  Stability  and  control  characteristics  in  those  conditions,  with  and  without  various  external  store 
loads, 

(d)  The  buffet-0P3et  boundary  as  a  guide  to  the  approach  to  uaable  lift  conditions  -  to  an  accuracy  of 
perhaps  0.02  In  C^, 

(e>  The  usable  lift  boundaries  and  an  indication  of  what  characteristic  is  likely  to  define  the  usable 
lift  boundary,  eg  pitch  up,  nose  slice,  wing  drop,  wing  rock,  heavy  buffet,  loss  of  directional 
stability  etc.  The  effects  of  manoeuvre  flaps, 

(f)  Post-stall  behaviour  at  high  incidence,  particularly  at  low  and  moderate  Mach  numbers, 

(gl  Aircraft  loads  over  the  full  flight  envelope, 

(h)  External  store  Installed  loads  and  release  characteristics, 

(j)  The  nature  of  the  flow  separations  and  how  they  develop  and  the  detailed  surface  pressure 
distributions  -  to  an  accuracy  of  ACp  =  0.01  for  checking  computer  codes  and  better  than  this  for 
assessing  the  effects  of  small  changes  in  design. 

To  achieve  the  required  standards  of  accuracy  and  repeatability,  the  Mach  number  in  a  polar  should  be 
held  constant  to  AM  =  0.002  or  better  and  thi  tunnel  test  should  provide  ot-traverses  at  constant  P 
with  P  held  constant  and  /3-traverses  at  constant  ot  with  oc  held  constant  to  an  accuracy  of  *0.05'.  The 
customer  should  provide  the  important  dcaign/operational  conditions  for  the  configuration  under  test. 
Holt  and  Prnbert,!  in  describing  the  design  of  a  wing  for  a  combat  aircraft,  noted  that,  for  their 
design  exercise,  there  were  5  design  points  corresponding  to  sustained  manoeuvre  at  Mach  numbers  of  M 
=  0.9,  0.8,  1.2  and  0.6  and  a  low  CL  sea  level  dash  condition  at  M  =  0.94.  These  were  5  conditions  at 
which  the  pressure  distributions  and  flow  fields  could  be  calculated  but,  in  the  model  test,  there 
will  be  grat  interest  in  how  the  floH  developed  beyond  these  conditions. 

Til?  geometry  of  the  wing  will  provide  an  early  indication  to  the  tunnel  test  engineer  of  the  type  of 
flow  breakdown  to  be  expected  at  high  Cl  at  various  Mach  numbers  in  the  test  range.  It  is  helpful  to 
list  six  broad  categories,  viz 

I  Thick  wing,  moderate  sweepback  and  aspect  ratio 

(t/clouter  wing  *  7%,  ALE  4  45 
2.5  <  A  <  4.5 

eg  Harrier,  AV8B,  Tornado  at  intermediate  sweep 

II  Thin  wing,  moderate  sweepback  and  aspect  ratio 

outer  wing  <  ALE  < 

2.5  <  A  <  4.5 

eg  F-4  Phantom,  Jaguar 

III  Thin  wing,  round  LE,  no  LE/TE  manoeuvre  devices  deflected,  high  sweepback,  low  aspect  ratio 

(*-/clouter  wing  4  6*>  ALE  >  50 
A  <  3 

eg  Fairey  Delta,  Mirage  Fl-C 

IV  Thin  wing,  round  LE,  LE/TE  manoeuvre  devices  deflected,  high  sweepback,  low  aspect  ratio 

(t/c)outer  wing  4  Ale  ^50  ,  A  <  3 
eg  EFA,  Rafale, 

likely  to  be  a  common  type  in  the  future 

V  Thin  wing,  sharp  LE,  high  sweepback,  low  aspect  ratio 

(t/c)  i  U,  Ale  >  50' 

VI  Thin  wing,  swept  forward 

•b/clouter  wing  *  ALE  :  "3° 

The  test  engineer  should  attempt  to  place  the  configuration  under  test  in  one  of  these  categories. 
This  will  not  always  be  easy  because  they  are  not  six  absolutely  distinct  classes.  For  example,  a 
cranked  delta  wing  could  exhibit  the  flow  features  of  both  II  (outer  wing)  and  III  (Inner  wing), 
compounded  at  high  Cl  by  features  of  IV. 

)  STEP  2  :  Preparatory  calculations 

If  the  test  wing  is  in  class  V,  this  step  should  be  omitted  but,  in  all  other  cases,  calculations 
should  be  made  for  all  except  wings  of  class  V  by  the  most  advanced  theoretical  method  conveniently 
available  of  the  wing  pressure  distributions,  boundniy  layer  development  and,  if  possible,  the  wave 
drag  and  viscous  drag  for  at  least  some  of  the  important  design/operational  conditions  identified  in 
Step  1.  It  is  suggested  that  these  should  include 

(i)  a  sustained  manoeuvre  condition  at  the  primary  design  Mnch  number,  eg  M  -  0.8  for  wings  of 
class  I,  or  M  =  0.9  for  wings  in  the  other  classes, 

(ill  a  sustained  manoeuvre  condition  at  a  lower,  operationally  important  Mach  number,  eg  M  =  0.65 
and,  if  posaiblc,  higher  incidences  at  this  Mach  number  to  study  the  flow  around  the  leading 
edge, 
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(iii)  a  high  speed  dash  condition  at  relatively  low  C[_  and  high  subsonic  speed",  eg  M  =  0.90 
0.95. 


For  wings  of  class  IV,  the  calculations  for  (l,ii)  would  ideally  cover  more  than  one  setting  of  the 
manoeuvre  flaps.  The  calculations  should  be  made  for  both  the  full  scale  aircraft  at  flight  Reynolds 
numbers  and  for  the  model  at  a  representative  test  Reynolds  number  -  and  more  than  one  model  test 
Reynolds  number  if  the  tests  are  being  made  in  a  variable  density  tunnel. 

The  complexity  of  the  configuration  chosen  for  the  calculations  will  depend  on  the  capabilities  of  the 
test  establishment  and/or  customer.  It  would  be  unreasonable  to  suggest  that  one  always  needs  to  use 
a  code/grid  capable  of  handling  the  complete  aircraft  but,  at  the  other  extreme,  ealculntions  for 
two-dimensional  fiow  will  be  of  only  limited  value,  possibly  merely  giving  a  qualitative  Idea  of 
sensitivity  to  viscous  effects.  Realistically,  the  calculations  should,  if  possible,  be  made  for  at 
least  the  three-dimensional  wing-body  configuration  and,  if  the  design  Includes  a  canard  surface,  the 
code  should  be  capable  of  allowing  for  the  interference  of  t he  eanard  flow  field. 

Strictly,  to  compare  with  the  measured  dnta  and  to  provide  a  reliable  extrapolation  of  the  viscous 
effects  to  full-scale  conditions,  the  CFD  codes  should  allow  for  strong  viscous-inviscid  interactions 
sueh  as  a  laminar  separation  near  the  wing  leading  edge,  a  shock-induced  separation  bubble  and  a  rear 
separation  ahead  of  the  trailing  edge.  Ability  to  predict  the  existence  of  such  effects  is,  of 
course,  a  vital  element  in  any  methodology  but  again,  as  with  the  complexity  of  the  configuration,  it 
would  be  unrealistic  to  suggest  that  the  codes  to  be  used  in  a  general  metheodology  should  be  capable 
of  allowing  for  all  the  effects  of  such  Interactions.  Writing  In  i987,  it  is  realistic  to  suggest 
that  the  calculations  should  be  made  by  an  Euler  code  with  allowance  for  weak  vlseous-lnviscid 
interactions.  The  restriction  to  weak  viscous-inviscid  interactions  is  not  as  serious  as  might  appear 
at  first  sight.  Divergence  between  the  measured  and  the  predieted  calculated  results  and,  in 
particular,  divergence  betcwccn  the  trends  with  Reynolds  number  and/or  transition  position,  can  be 
used  as  a  means  of  identifying  where  and  when  strong  viscous-inviscid  Interactions  arc  present  in  the 
measured  data;  this  knowledge  will  help  in  devising  an  intelligent  extrapolation  of  the  data  to  full 
scale  conditions.  In  other  words,  the  methodology  as  written  attempts  to  take  advantage  of  the  fact 
that  the  strong  interactions  arc  not  allowed  for  in  the  calculations  of  wing  pressure  distributions. 

Predictions  should  be  made  of  the  position  of  natural  transition  for  both  the  full  scale  ni,  raft  and 
the  model,  employing  criteria  for 

(i)  transition  due  to  contamination  along  the  wing  leading  edge  attachment  line, 

(ill  transition  due  to  cross-flow  instability, 

(iii)  transition  due  to  Tollmien-Schlichting  instability  as  in  two-dimensional  flow, 

(iv)  transition  due  to  Gortler  instability. 

With  a  combat  aircraft  and  particularly  a  small  combat  aircraft,  one  ennnot  rule  out  the  possibility 
that,  under  cruise  conditions  at  least,  there  may  be  a  significant  extent  of  laminar  flow,  even  on  the 
full  scale  aircraft.  The  chances  of  this  occurring  are  greatest  for  an  nircraft  with  a  thin  wing  (ie 
a  relatively  sharp  leading  edge)  flying  at  relatively  low  Reynolds  number  (ic  a  small  aircraft  flying 
at  high  altitude).  Also,  assuming  n  smooth  surface,  the  chances  will  be  greater  near  the  wing  tip 
where,  because  of  the  small  chord,  it  is  more  likely  thnt  Rs  <  90,  thus  eliminating  the  possibility  of 
transition  due  to  mechnnism  (i).  Calculations  suggest  for  example  that,  for  the  Harrier  GR  Mk  V,  some 
lnminar  flow  might  be  possible  near  the  wing  tip  at  flight  altitudes  sueh  as  30,000  ft.  Often,  In 
practice,  at  hgih  incidence,  when,  at  the  lower  Mach  numbers  at  least,  the  laminar  boundary  layer  will 
separate  near  the  leading  edge  but,  at  high  Reynolds  numbers,  this  would  merely  lead  to  a  short 
separation  bubble  followed  jy  a  reattachmcnt,  ic  there  is  an  additional  mechanism  for  transition. 

The  ealculntions  of  pressure  distributions  and  boundary  lnyer  development  for  the  higher  Maeh  number 
conditions  should  be  repeated  for  various  transition  positions  at  a  representative  (generally  maximum) 
model  test  Reynolds  number.  These  transition  positions  should  all  lie  ahead  of  the  predicted  natural 
transition  position  and  should  range  from  n  tvpicai  'forward  fix'  position  at  say,  0.05c  to  a  position 
about  0.15c  ahead  of  the  forwnrd,  i nbonrd/outboaid  shock  front  -  sec  Fig  2,  as  obtained  in  the 
calculations  with  nntural  transition.  If  the  tests  nrc  being  made  in  a  variatle  pressure  tunnel,  the 
ealculntions  of  the  pressure  distributions  and  boundary  layer  development  should  also  be  repeated  for 
several  Reynolds  numbers  in  the  test  range. 

The  general  nim  of  these  initinl  calculations  is  to  give  the  model  test  engineer  an  early  appreciation 
of  the  flow  likely  to  occur  over  the  model  test  configuration  at  least  in  the  Cl  -  M  domain  where  the 
fiow  is  substantially  attached,  and  qualitatively,  by  intelligent  extrapolation,  outside  this  range. 
Specifically,  the  calculations  will  indicate: 

(i)  a  suitable  positiou  for  a  forward  transition  trip.  This  should  be  as  near  to  the  leading  edge 
ns  possible  to  reduce  unccrtninty  in  the  interpretation  of  the  drag  data  but  it  should  be 
recognised  that  tripping  is  difficult  in  a  strongly  favourable  pressure  gradient.  This  is 
particularly  unfortunate  in  the  ease  of  tests  on  a  model  of  a  combat  aircraft  because  'Vre 
is  a  strong  probability  thnt,  nt  the  lower  transonic  Maeh  numbers,  the  flow  breakdown  m  ligh 
incidence  will  be  initiated  by  a  laminar  separation  near  the  leading  edge.  Strictly, 
therefore,  it  is  highly  desirable,  in  principle,  to  trip  the  boundary  on  or  very  close  to  the 
leading  edge  but,  to  date,  no  satisfactory  method  for  doing  this  has  been  devised.  Plastic 
strips  wrapped  round  the  leading  edge  and  normal  to  the  leading  edge  have  been  tried  but  the 
results  suggest  that  these  strips  introduce  other  effects  unrepresentative  of  the  full  scale 
flow.  In  general,  therefore,  (but  not  necessarily  for  wings  of  class  V),  ocu  should  use  the 
results  of  the  calculations  to  suggest  a  suitable  position  for  a  conventional  forward  trip 
near  sny,  0.05c.  For  the  rensons  noted  in  §3.3.1,  this  should  not  be  located  near  or 
immediately  downstream  of  any  peak  suction  close  to  the  leading  edge;  also,  for  wings  of 
class  IV,  the  trip  should  not  be  iocated  near  the  hinge  of  the  leading  edge  manoeuvre  device. 
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(ii)  whether  it  should  be  possible  to  fix  transition  in  a  further  aft  position  and  still  ensure  a 
turbulent  boundary  layer/shook  interaction.  As  indicated  by  the  nature  of  the  shoek  patterns 
In  Fig  2,  this  may  not  be  possible  near  the  root  and  tip  of  the  wing  of  a  combat  aircraft, 
but.  as  implied  in  §3.2.1,  ail  aft  movement  of  transition  in  the  important  region  near  and 
outboard  of  mid-semi-span,  could  still  be  extremely  valuable  as  a  means  of  extending  the 
effective  Reynolds  number  range  of  the  testa.  In  this  context,  the  effective  Reynolds  number 
is  defined  as  the  Reynolds  number  that  would  be  needed  with  the  (probably  far  forward) 
transition  position  forecast  for  flight  at  full  scale  Reynolds  numbers  to  produce  the  same 
viscous  flow  behaviour  as  in  the  model  tests  with  the  oft  transition  position,  this 
eqivalenee  being  judged  on  the  basis  of  some  ehosen  simulation  criterion.  Use  of  this 
technique  on  a  model  of  a  eombat  aircraft  will  be  more  limited  than  on  a  subsonic  transport 
wing  of  high  aspeet  ratio.  This  follows  from  the  wing  planform  (Fig  1)  and  the  likely  shock 
patterns  (Fig  2)  but  the  calculations  should  show  that  use  of  the  approach  is  possible  at 
high  subsonic  and  transonic  speeds  exeept  on  wings  of  category  V. 

(iii)  whether  there  is  likely  to  be  a  laminar  separation  near  the  leading  edge  and,  if  so,  the 
Reynolds  number,  Rcrjtpi  beyond  which  this  would  be  forecast  to  disappear.  Such  a  separation 
eould  well  be  present  in  the  model  tests  at,  for  example,  the  sustained  manoeuvre  condition 
at  M  e  0.6  and  possibly  at  similar  up  to  say,  M  =  0.9,  dependent  on  the  wing  section  shape 
for  most  eombat  aireraft  wing  planforms. 

(iv)  whether  a  rear  sep»;ation  is  likely  to  be  present  and  over  which  part  of  the  span  and  again, 
the  Reynolds  number  Reritp'  above  whieh  this  would  be  expected  to  disappear.  Such  a 
separation  eould  well  occur  in  the  model  tests  with  wings  of  category  1  and  almost  by 
definition,  will  oeeur  on  wings  of  category  III,  IV  where  some  separation  is  likely  to  oecur 
on  the  surfaces  of  the  trailing  edge  manoeuvre  flap  within  the  CL-range  of  the  usable  flight 
envelope. 


(v) 


the  required  trip  heights  for  various  test  Reynolds  number/transition  positions.  General 
experience  suggests  that  these  should  be  slightly  greater  than  those  that  would  be  predicted 
by  Braslow  and  Knox^  on  the  basis  of  the  calculated  lnminar  boundary  layer  thickness  at  the 
chosen  transition  positions  but  the  actunl  values  for  any  particular  tunnel  are  likely  to 
depend  on  the  stream  turbulenee. 


The  results  of  these  CFD  calculations  will  therefore  provide  a  first  guide  as  to  which  simulation 
scenario  (§3.2.1)  is  likely  to  apply  at  the  important  dcsign/opcrational  conditions  identified  in  Step 
1:  the  deduction  as  to  whieh  seenr.rio  is  relevant  depends  on  a  comparison  of 


(i)  the  maximum  test  R  or  Reff, 

(ii)  Rcrjt-  and  Rci-itp1  and 

(iii)  Rflight 

STEP  3  :  Initial  datum  teats  with  fixed  and  free  transition 

Armed  with  the  knowledge  from  Step  2,  a  forward  fix  of  the  appropriate  height  should  be  applied  to  the 
model  at  the  ehosen  position  (possibly  varying  slightly  across  the  span,  being  nearer  to  the  leading 
edge  at  wing  tip  and  root).  This  trip  should  be  a  narrow  band  of  Ballotini,  carborundum,  serrated 
tape  ('bande  cranteo'),  isolated  pyramids,  strips  of  ’letraset’  or  preferably,  a  set  of  air  jets, 
according  to  the  experience  and  preference  of  the  individual  test  establishment. 

The  tests  should  start  with  a  oheck  on  the  effectiveness  on  both  wing  surfaces  of  the  trips  in 
provoking  transition.  This  is  usually  achieved  by  means  of  a  sublimation  test  with  say,  acenaphthene. 
One  should  check  the  effectiveness  in 


(a)  tiie  sustained  manoeuvre  condition  at  the  primary  design  Maeh  number, 

(b)  a  low  CL  cruise  or  high  speed  dash  oendition, 

(e)  if  thought  necessary,  at  any  other  condition  where  there  is  reason  to  doubt  the  effectiveness 
of  the  transition  fixing,  eg  because  there  is  a  lower  test  Reynolds  number,  a  more  fnvourable 
pressure  gradient  or  a  thicker  wing  boundary  layer. 

The  remarks  in  §3.3.1  about  how  to  conduct  a  sublimation  test  still  apply.  Both  wing  surfaces  should 
be  checked. 

Tests  should  then  be  made  with  and  without  the  forward  trip  over  the  full  test  range  of  Cl  and  Maeh 
number.  If  the  aireraft  has  a  eanard  surface,  these  initial  tests  will  have  to  be  made  with  and 
without  the  canard. 


The  tests  with  a  forward  trip  will  provide 

(i)  a  means  of  cheeking  that  the  drag  v: lues  have  been  eorreeted  successfully  for  the  effects  of 
support  tares,  wind  tunnel  wall  Interference,  buoyancy  effects  etc.  This  ean  be  done  by 
comparing  the  measured  values  for  suberilieal  Mach  numbers  with  simple  predictions  without 
being  eonfused  by  doubts  about  the  extent  of  laminar  flow  on  the  model, 

(ii)  a  comparison  with  the  results  of  the  CFD  calculations  made  in  Step  2.  Any  serious 
disagreement,  eg  in  shoek  position,  could  be  an  indication  that  some  viscous  effects,  eg  a 
rear  separation,  not  allowed  for  in  the  calculations,  are  present  in  the  experimental  data. 
One  must  admit  however  that  this  would  not  be  conclusive  unless  confirmed  by  a  study  of  the 
pressure  distributions  over  the  rear  of  the  wing  surface  and/or  surface  oil  flow  patterns. 
The  hesitation  arises  on  aceount  of  the  eomplex  geometry  of  a  eombat  aireraft:  compared  with 
a  transport  aircraft,  there  Is  less  certainty  that  any  existing  theoretical  method  with 
allowance  for  only  weak  viseous  interactions  will  place  the  shock  in  the  eorreet  position, 
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(iii)  an  indication  of  how  the  shock  strength  and  position  vary  with  and  Mach  number, 

( i v )  the  data  from  which  one  can  construct  the  diagrams  for  flow  development  with  and  Mach 

number  discussed  below  in  Step  4.  These  diagrams  serve  as  a  guide  to  the  nature  of  the  flow 
breakdown  at  high  incidence  over  the  test  Mach  number  range. 

The  test  with  free  transition  Is  included  to  indicate 

(i)  whether  laminar  flow  can  be  maintained  back  to  the  inboard  forward  and  outboard  shocks  of  a 
typical  shock  pattern.  Fig  2;  If  not,  the  ability  to  manipulate  the  boundary  layer  by  aft 
fixing  will  be  limited, 

(ii)  whether  a  rear  separation  is  still  present;  if  so,  it  will  clearly  be  present  whatever 

transition  fixing  technique  is  employed, 

(iii)  whether  there  is  any  sepatation  on  the  lower  surface  that  can  be  alleviated  or  suppressed  by 
thinning  the  boundary  layer  by  removing  the  forward  trip.  Such  separations  are  often 
difficult  to  detect  by  merely  studying  a  single  pressure  distribution  obtained  with  a  single 
boundary  layer  state. 

In  general,  as  with  a  model  tost  on  a  transport  aircraft,  it  would  be  unwise  to  accept  transition-Tree 
data  as  a  reliable  guide  to  the  full  scale  behavicur.  Strictly,  one  should  always  test  with  a 
turbulent  boundary  layer/shock  interaction  unless  the  flow  is  believed  to  be  laminar  back  to  the  shock 
in  flight  and  also,  the  drag  data  arc  difficult  to  interpret  if  the  transition  position  is  free  to 
move  with  and/or  Mach  number.  On  the  other  hand,  there  may  be  occasions  when  the  trar.sitlon-frce 
data  can  be  used  for  more  thin  diagnostic  purposes,  eg 

(n)  nt  high  C[_  and  the  lower  transonic  Mach  numbers  when  the  fiow  breakdown  is  initiated  by  a 
separation  ahead  of  the  trip,  in  general  -  but  sec  later  In  Step  6  -  the  presence  of  the  forward 
trip  will  not  achieve  any  improved  simulation  at  full  scaie  and  may  actually  have  an  adverse 
effect  by  thickening  the  bo'-ndary  layer  and  accentuating  a  tendency  to  a  rear  separation;  hence, 
transition-free  data  may  be  preferred, 

(b)  as  already  noted,  on  some  combat  oircraft,  it  may  be  possible  to  maintain  laminar  flow  back  to  the 
shock  on  the  full  scale  aircraft. 

STEP  4  :  In-depth  study  of  flow  development  in  model  tests 

The  results  from  the  tests  in  Step  3  should  be  studied  to  Identify  the  nature  of  the  flow  breakdown  at 
various  Mach  numbers  in  the  test  range.  At  least  six  broad  types  of  flow  breakdown  at  high  can  be 
identified  and  often,  more  than  one  type  can  be  present  at  n  given  Mach  number  and  CL .  They  are 
illustrated  in  Figs  3-8. 

They  can  be  described  briefly  as  follows: 

Type  A  Leading  edge  vortex  separation  from  wing  apex  lor  from  a  strake  or  LERX  - 
(Fig  31  wing  leading  edge  intersection) 

This  type  of  flow  separation  would  be  expected  to  occur  on  a  wing  of  type  V,  irrespective  of  the  Mach 
number  at  subsonic  and  supersonic  speeds.  The  final  flow  breakdown  will  result  from  the  vortex  lifting 
off  the  surface  or  bursting.  Little  scale  effect  in  symmetric  flight  would  be  expected  up  to  this 
incidence.  However,  there  can  be  detailed  changes  with  Reynolds  number  in  the  position  of  the 
separation  of  the  outword  flow  below  the  primary  vortex  and  hence,  in  the  formation  and 
characteristics  of  the  secondary  vortex.  These  can  become  more  significant  in  yawed  flight  when,  even 
more  significantly,  the  changes  in  effective  sweep  of  the  port  and  starboard  wing  leading  edges  may 
affect  the  formation  of  the  primary  vortices.  Hence,  even  for  this  type  A  flow  breakdown,  it  would  be 
wrong  to  assume,  without  any  evidence  from  the  measured  Jesuits,  that  there  is  no  significant  scale 
effect  to  Investigate. 

Type  B  Vortex  separation  from  near  the  leding  edge  occurring  first  on  the  outer  wing  and 

(Fig  4)  extending  in  with  increase  in  incidence  (or  first  near  mid-semi-span  and  then  extending 
in  and  out) . 

This  type  of  flow  would  be  expected  to  occur  at  low  Mach  numbers,  eg  M  =  0.4,  on  the  wings  of  many 
combat  aircraft  models,  particularly  those  of  type  III.  The  flow  is  similar  to  that  in  type  A  but 
significant  scale  effect  is  now  likely  with  the  appearance  of  the  separation  and  its  extension  Inwards 
being  delayed  with  increase  in  Reynolds  number.  If  the  wing  aspect  rntio  is  high  enough  (A  >  2),  flow 
breakdown  occurs  when  part  of  the  wing  lies  completely  outboard  of  the  vortex. 

Type  C  Shock-induced  separation  behind  highly  swept  shock  situated  ahead  of  say,  0.2c. 

(Fig  5) 

This  type  of  flow  would  be  expected  to  occur  at  high  lift  on  the  wings  of  most  combat  aircraft  at  Mach 
numbers  below  M  =  0.8  and  to  persist  up  to  higher  Mach  numbers  on  wings  that  are  thin  and/or  highly 
sweptback.  If  the  sweep  of  the  shock  front  is  more  than  about  25',  it  will  be  a  three-dimensional 
separation  rolling  up  into  a  vortex  which  will  move  inboard  with  Increase  in  incidence.  Flow 
breakdown  occurs  when  the  flow  over  the  top  of  the  vortex  fails  to  reattach  to  the  surface  and/or  a 
significant  part  of  the  wing  lies  outboard  of  the  vortex.*  Subsequently,  at  higher  incidence,  it  Is 
possible  for  a  supersonic  region  to  le-establish  itself  around  the  outer  wing  leading  edge.  If  the 


*This  would  not  apply  if  the  outboard  wing  had  a  supersonic  trailing  edge 
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shock  sweep  is  25'  or  less,  the  shock-induced  separation  will  extend  rearward  as  a  bubble  similar  to 
what  happens  In  two-dimensional  flow.  In  the  context  of  viscous  simulation,  this  distinction  between 
a  vortex  and  a  bubble  separation  may  not  be  too  important  in  respect  of  the  methodology  to  be  adopted 
in  the  tunnel  test  but  could  affect  the  extrapolation  procedure  (sec  Step  6).  This  type  of  separation 
does  not  necessarily  occur  first  near  the  tip;  for  a  highly  twisted  wing,  it  can  appear  first  near 
mid-semi-span . 

Type  D  Shock-induced  separation  behind  a  moderately  swept  shock  outboard  of  the  intersection  of  3 
(Fig  6)  shocks  in  a  3-shock  pattern,  ie  shock  near  mid-chord,  eg  0.3  <  xs  <  0.55e. 

This  type  of  flow  would  be  expected  to  occur  at  high  lift  on  most  modern  combat  aircraft  wings  of 
types  I,  II  at  Mach  numbers  near  the  primary  design  manoeuvre  condition,  eg  M  =  0.8  for  I  or  M  :  0.88 
for  II.  When  the  separation  bubble  extends  to  the  trailing  edge,  the  shock  moves  forwnrd.  The  flow 
breakdown  can  extend  either  inwnrd,  outboard  or  forward  and  this  development  could  be  very 
scale-sensitive . 

Type  E  Shock-induced  separation  behind  a  slightly  swept  shock  loeoted  fairly  far  aft, 

(Fig  7)  eg  0.6  -  0.8c. 

With  most  wings  of  types  I  and  II,  the  flow  breakdowo  changes  fromm  type  D  to  type  E  with  increasing 
Mach  number  above  the  primary  design  value,  eg  between  M  =  0.85  and  0.90  for  wings  of  type  1  or  above 
M  -  0.90  for  II.  Also,  a  deflection  of  o  rear  manoeuvre  flap  on  a  wing  of  type  IV  can  lead  to  this 
type  of  flow  separation,  ie  there  can  be  a  strong  shook  aft  of  the  flnp  hinge  in  addition  to  the  mnin 
shook  system  further  forward. 

The  distinction  between  D  and  E  lies  not  simply  in  the  position  of  the  shock  inducing  the  separotion: 
with  E,  there  is  little  tendency  for  the  shock  t  move  forward  ns  a  result  of  the  sepnrntion.  This  is 
partly  because,  after  a  relatively  small  divergence  of  the  trailing  edge  pressure,  the  flow  at  the 
trailing  edge  becomes  supersonic  and  olso  partly  because  the  flow  at  near-sonic  Mach  numbers  is  highly 
three-dimensional . 

Type  F  Rear  sepnrntion  (usually  in  association  with  C,  D  or  E). 

(Fig  8) 

Rear  separation  can  occur  immedintely  ahend  of  the  trailing  edge  nnd  extend  progressively  forward  with 
incrcnsing  incidence  or  can  be  induced  by  a  steep  pressure  rise  on  the  surfoec  of  a  deflected 
manoeuvre  flap.  It  may  also  be  observed  at  Mach  numbers  below  design,  aft  of  a  high  peak  suction  at 
the  position  where  the  main  shock  will  be  loeated  at  the  design  Maeh  number. 


Assuming  that  the  testa  arc  being  made  on  a  model  with  extensive  pressure  plotting  facilities, 
diagrams  such  as  those  illustrated  in  Figs  9-13  can  then  be  created.  Thee  diagrams  nre  more 
complicoted  than  those  discussed  in  §3.3.1  in  the  methodology  for  tests  on  models  of  subsonic 
transport  aircraft.  They  have  to  cover  the  full  -  M  domoin  with  emphasis  on  the  region  beyond 
separation-onset.  In  the  obseneo  of  pressure  plotting  data,  som>  of  the  boundaries  can  still  be 
defined  with  the  help  of  evidence  from  surface  oil  flow  visualisation  tets.  Four  Cl  -  M  boundaries 
are  shown  plotted  as  full  lines;  these  indicate 

1  the  first  appearance  of  aupereri tienl  flow, 

2  the  first  appearance  of  a  shock-induced  separntion  bubble, 

3  the  first  development  of  a  complete  separation  from  the  foot  of  the  shock  to  the  trailing  edge 

4  the  first  major  break  (in  an  adverse  sensei  in  the  C|_  -  «  or  C,  -  CL  curves. 

Additionnl  boundaries  plotted  as  dnshed  lines  indieote  when  the  shock  moves  aft  of  positions  such  as 
0.30e  or  0.55c,  these  shock  positions  being  determined  for  the  point  on  the  span  where  the  shock 
strength  is  at  its  greatest. 

All  the  dlagrnms  in  Figs  9-13  are  presented  twice.  The  hatched  areas  on  the  left-hand  figures  arc 
labelled  with  the  letters  A-E,  indicating  the  relevant  type  of  flow  breokdown  as  listed  above;  the 
hatched  areas  on  the  right-hand  figures  indicate  the  Cl  -  M  regions  where  a  rear  separation  appears  to 
be  present;  in  the  cross-hatened  areas,  this  rear  separation  is  really  a  shock-induced  separation 
which,  for  example,  for  a  wing  of  category  IV,  could  be  sited  on  the  surface  of  a  deflected  mnnocuvre 
flap. 

Diagrams  such  as  those  illustrated  in  Figs  9-13  provide  the  boekground  for  the  in-depth  study  of 
viscous  effects  in  Step  5.  Arguably,  not  all  the  detail  is  strictly  necessary  but  it  is  possible  to 
claim  that  even  bounory  1  marking  the  appearance  of  supercritical  flow  is  relevant  in  the  context  of  a 
viscous  simulation  methodology.  Failure  to  simulate  the  full  senle  shock  positions  in  the  Cl  -  M  (or 
a  -  Mi  corridor  between  boundaries  1  and  2  eon  have  a  profound  effeet  on  the  subsequent  flow  breakdown 
at  higher  incidences.  The  most  likely  effects  at  reduced  Reynolds  numbers  are  that  the  renr  shnrk 
(see  Fig  14)  is  further  forwnrd  and  the  forward  shock  is  more  swept  than  at  full  scale  Reynolds 
numbers  and  that,  as  a  result,  the  point  of  intersection  of  the  shocks  in  the  typical  3-shock  pattern, 
as  shown  in  Fig  14,  is  further  inhoord.  Simulation  of  the  correct  full  scale  position  of  thin 
intersection  is  however  an  important  requirement.  The  maximum  shock  strength  and  hence,  the  likely 
spanwise  position  for  the  initial  oppearonee  of  a  shoek-indueed  separation  bubble  on  boundnry  2  will 
tend  to  lie  just  outboard  of  this  intersection  point.  A  discrepancy,  relntivc  to  full  scale  in  this 
position  can  lead^  to  a  completely  different  subsequent  development  of  the  flow  beyond  boundary  2,  see 
Fig  16,  and  later  discussion  in  Step  5b.  Even  if  these  effects  on  the  flow  breakdown  do  not 
materinlise,  lack  of  simulation  of  the  shock  strengths  ond  positions  in  the  range  between  boundaries  1 
and  2  is  likely  to  affect  the  wnve  drag  and  viscous  drag  ot  the  design/operating  conditions  identified 
in  Step  1  and  so,  in  this  sense,  boundary  1  can  mark  the  beginning  of  significant  scale-sensitive 
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viscous  effects.  On  the  other  hand,  boundary  i  also  mnrk9  the  lower  boundary  of  the  range  in  which 
some  manipulation  of  the  boundary  layer  through  aft  fixing  should  be  possible. 

In  practice,  the  flow  patterns  may  be  much  more  complicated  than  thot  sketched  In  Fig  2.  Two  types  of 
flow  separation  may  internet,  eg  the  occurrence  of  a  laminar  separation  near  the  leadtng  edge  may 
trigger  the  appearance  of  a  rear  separation  ahead  of  the  trailing  edge.  Particularly  with  wings  of 
classes  III  and  TV,  two  separate  shock  systems  can  be  present,  each  lending  to  their  own  particular 
viscous  effects.  The  boundaries  as  plott  d  In  Figs  11  and  12  for  these  wings  are  likely  to  be 
determined  by  the  forwnrd  system  at  Mach  numbers  up  to  nbout  M  =  0.85  for  wings  III  or  M  ;  0.80  for 
wings  IV  nnd  by  the  rear  system  nt  higher  Mach  numbers. 

The  scene  Is  now  set  to  define  the  issues  that  should,  if  possible,  be  explored  in  further  tests  in 
Step  5.  These  Issues  can  be  summarised  as  follows: 

(a)  the  success  or  otherwise  of  the  calculations  In  Step  2  in  foreensting  the  strengths  nnd  positions 
of  the  shock  waves  at  the  Important  design/operating  conditions  identified  in  Step  1.  Any  serious 
disagreement  between  the  enleulated  results  and  the  mensured  datn  .'rom  the  tests  in  Step  3  with 
forward  transition  can  indicate  that  strong  viscous/inviscid  interactions  not  allowed  for  in  the 
calculations  are  present  in  the  measured  dnta,  eg  a  rear  sepnrntion  on  the  upper  surfnee  ur  a 
separation  near  0.7c  on  the  lower  surfai_e.  If  so,  this  could  affect  the  extrapolation  to  full 
scale  conditions;  further  tests  arc  therefore  needed  tn  confirm  their  presence  and  to  cstnblish 
trends  in  the  measured  data  with  Reynolds  number  and/or  transition  position, 

(b)  in  the  Mach-number  range  for  which  it  has  been  established  that  the  flow  breakdown  is  of  type  8, 
it  is  likely  that,  in  the  model  tests,  there,  is  n  laminar  separation  nhead  of  any  possible 
position  for  a  forward  transition  trip  whereas,  nt  full  senle  Reynolds  numbers,  transition  will 
occur  nhend  of  a  separation  of  the  turbulent  boundary  layer.  If  so,  extrapolation  of  data  to  full 
scale  is  likely  to  be  difficult  nnd  unlikely  to  he  a  simple  exlrapolnl Ion  of  any  measured  trends; 
even  so,  further  tests  in  Step  5  may  still  be  useful, 

(el  in  the  Mach-number  range  for  which  it  has  been  established  that  the  flow  breakdown  is  of  type  C. 
the  separation  triggering  the  breakdown  will  tend  to  hnve  occurred  near  the  forward  transition 
trip.  The  test  datn  mny  therefore  be  misleading  beenuse  of  n  loenl  interaction  between  the  trip 
and  the  shock  and  so,  further  tests  are  desirable  with  some  change  in  the  trip  -  even  if  it  Is 
only  a  small  change, 

(d)  in  the  Mach-number  range  for  which  it  has  been  established  that  the  flow  breakdown  is  of-  type  D, 
the  detailed  development  of  the  flow  separntion  with  increase  In  Cj_  or  incidence  beyond  boundnry  2 
is  sensitive  to  'he  variation  in  shock  strength  (nnd  he.nce,  shock  sweep)  along  the  legnth 
(spanwise)  of  the  outboard  shock;  it  therefore  depends  on  the  viscous  effects  discussed  under  (a) 
above  and  (e)  below  and  farther  tests  should  be  made  -  nnd  nre  possible  in  this  ease  -  to 
establish  'measured  trends', 

(el  any  rear  separation  F  present  in  the  model  tests  but  not  forecast  to  oceur  In  flight  can  have  a 
major  impact  on  the  development  of  the  finnl  flow  breakdown,  particularly  if  the  rear  sepnrntion 
is  only  present  over  part  of  the  span.  Locally,  where  there  is  a  rear  separation,  the  shook  wave 
will  probably  be  too  fnr  forwnrd  and,  as  a  result,  the  shnek  sweep  will  be  inerensed  and  shock 
strength  reduced  outboard  of  this  region  ar.d  vlcc-vcrsa  inboard.  It  is  therefore  quite  possible 
for  the  flow  breakdown  to  start  at  the  wrong  spanwise  position  and  to  spread  in  the  wrong 
direction,  relntlve  to  what  would  happen  under  full  senle  conditions.  S'o  simple  correction,  eg 
for  model  to  fuil  scaic,  could  allow  for  this  sort  of  scale  effect  and  henee,  further  tests  in 

an  attempt  to  eliminate  this  rear  separation  are  highly  desirable. 

STEP  :  Additional  tests  to  explore  viscous  effects 

The  study  of  the  flow* patterns  and  data  from  the  tests  in  Step  3  will  have  identified  the  areas  of  the 

Cl  -  M  plane  where  further  tests  to  study  the  viscous  effects  should  be  conducted  if  possible.  There 

are  two  approaches:  either 

(1)  to  conduct  Reynolds  number  sweeps  if  the  tests  arc  being  made  in  a  variable  density  tunnel 
or  if  two  models  to  n  different  scale  are  available,  or 
(iil  to  manipulate  the  boundary  la  er  to  obtain  a  better  simulation  of  the  i'ull  scale  boundary 
layer  behaviour. 

Whenever  possible,  both  approaches  should  be  pruetised. 

This  in-depth  study  has  three  main  aims: 

til  to  provide  trends  in  the  measured  data  thnt  can  be  compared  with  trends  in  the  CFD  dnta  from 
Step  2  and  which,  together,  can  be  used  in  the  extrapolation  of  the  data  to  full  scale, 

(ii)  to  produce  a  closer  simulation  in  the  actual  tests  of  the  full  scaie  viscous  flow  bchaxiour, 

(iii)  to  eliminate,  as  far  as  possible  within  the  tests,  any  premature  rear  separation  or  other 

strong  viseous-inviseld  interaction  not  expected  to  be  present  in  flight  at  full  tcaie 
Reynolds  numbers. 

STEP  5a  :  Reynolds  number  sweeps 

Tests  should  be  made  at  two  or  more  additional  test  Reynolds  numbers  with  transition  fixed  in  the 
forward  trip  position  selected  for  the  tests  in  Step  3.  The  height  of  any  roughness  band  used  to  fix 
transition  should  be  varied  to  suit  the  test  Reynolds  number  and  cheeks  should  be  made  at  cneh 
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Reynolds  number  to  check  that  transition  is  not  occurring  ahead  of  the  band  and  that  the  band  is 
effective  in  promoting  transition. 

The  tests  should  be  made  over  the  full  -  M  range  but  particular  attention  should  be  paid  to 

(i)  the  results  at  high  in  the  Maeh-numbcr  range  in  which  the  flow  breakdown  is  of  type  B, 

(ii)  the  results  in  areas  where  a  rear  separation  is  evident, 

(iii)  changes  in  shock  position  for  a  given  and  Maeh  number  in  the  region  where  the  flow  is 
substantially  nttaehed  (except  possibly  for  a  rear  separation). 

Trends  in  the  measured  data  that  could  usefully  be  plotted  against  Reynolds  number  include: 

(i)  in  regions  where  the  flow  breakdown  is  of  type  B,  the  value  of  CL  at  which  the  curve 
of  I'Cptnax  for  a  particular  spanwisc  position  shows  a  pronounced  break,  thus 

indicating  the  appearance  of  a  significant  laminar  separation, 

(ii)  the  ehordwise  position  of  (-Cp)Bax  in  this  -  M  region,  if  this  shows  any  significant 
variation  with  Reynolds  number, 

(iii)  the  local  at  a  given  incidence, 

(iv)  the  shock  position,  shock  sweep  and  shock  strength  for  a  given  Maeh  number  and 
spanwise  position, 

(v)  the  extent,  both  spanwise  and  ehordwise,  of  any  rear  separation  present  at  a  riven  C[_ 
and  Mach  number.  The  extent  of  the  rear  separation  can  be  judged  on  the  basis  of  plots 
of  the  form  originally  suggested  by  Pcarcey  -  see  Fig  5  in  §3.3.1. 

As  regards  (iv),  the  trends  should  be  compared  with  those  predicted  by  the  CFD  calculations  in  Step  2. 
Any  serious  divergence  between  the  measured  and  predicted  trends  should  be  identified  and  diagnosed  to 
establish  whether  they  are  due  to  viscous  effeets  and,  if  so,  the  nature  of  these  efreets. 

STEP  ab  :  Manipulation  of  the  boundnry  layer 

The  ideal  approach  -  and  one  that  may  be  possible  in  the  future  -  would  be  to  suck  through  the  model 
surfnec  to  reduee  the  boundary  layer  thickness  but,  at  present,  the  established  technique  is  to  nllow 
the  boundary  layer  to  remain  laminar  over  the  forward  part  of  the  wing  surface  and  then  to  trip  the 
houndary  layer  in  a  position  that  is  further  aft  than  the  forecast  natural  transition  position  in 
flight  at  full  scale  Reynolds  numbers. 

Tests  should  be  made  whenever  possible  with  one  or  more  alternative  transition  trip  popsitions  on  the 
wing  upper  surface  (and  also  possibly  on  the  lower  surface,  dependent  on  whether  there  are  any 
significant  separations  on  the  lower  surface  in  likely  operational  conditions).  These  trip  positions 
have  to  be  chosen 

(i)  to  ensure  a  turbulent  boundary  laycr/shock  interaction, 

(ii)  to  avoid  any  local  interaction  beteween  the  transition  trip  and  the  flow  near  the  shock, 

(iii)  to  minimise,  as  far  as  possible,  any  serious  disturbance  to  the  supercritical  flow  development 
over  the  forward  part  of  the  wing  surface, 

(iv)  to  ensure  that  there  is  a  laminar  boundary  layer  back  to  the  trip  at  all  conditions  of  major 
interest;  otherwise,  there  will  be  difficulties  in  interpreting  the  drag  data. 

To  achieve  (i,ii)  the  trip  should  be  at  least  0.i5c  ahead  of  the  shock  which  probably  implies  at  least 
0.10c  nhead  of  the  shock  positions  observed  in  the  tests  in  Step  3  with  a  forward  trip. 

These  requirements,  coupled  with  the  fact  that  obviously,  it  is  not  possible  to  maintain  a  laminar 
boundary  layer  beyond  the  positions  observed  in  the  tests  in  Step  3  with  natural  transition,  can  pose 
serious  limitations  on  the  use  of  the  aft-fixing  technique  on  a  model  of  a  combat  airerat.  Tests  at 
high  subsonic  speeds  on  wings  of  type  I  offer  the  best  prospects,  eg  the  boundaries  in  Fig  9  indicate 
that  the  shook  is  aft  of  0.3e  at  M  >  0.80  and  aft  of  0.55c  at  M  >  0,90,  although  even  in  this  case, 
these  positions  refer  to  stations  near  mid-semi-span ;  near  the  root  and  tip,  as  shown  by  Fig  7,  the 

shoek  could  be  further  forward.  With  wings  of  types  III  and  IV,  where  there  is  a  clear  need  to 

produce  a  thinner  boundary  layer  ahead  of  a  rear  shock,  it  may  still  not  be  possible  to  move 
transition  aft  because  of  the  adverse  pressure  gradients  associated  with  either  shoek  waves  or 
part-span  vortex  flows  present  over  the  forward  part  of  the  wing  surface  -  see  Figs  15(a,b). 

On  the  other  hand,  it  is  worth  pointing  out  that  Rfijght  f°r  8  combat  aircraft  will  be  less  than  for 
most  transport  aircraft  and  hence,  a  relatively  small  movement  of  transition  may  be  sufficient  to  give 
the  required  simulation.  It  would  be  wrong,  therefore,  to  conclude  that  little  can  be  achieved  by 
changing  the  position  of  the  transition  trip.  Three  positive  suggestions  can  be  made: 

(i)  test  with  a  small  change,  either  forward  or  rearward,  in  the  position  of  the  ’forward  trip’, 

(ii)  test  with  one  or  more  aft  trips  in  an  att"mpt  to  create  a  'transition  sweep’  for  as  much  of 

the  CL  -  M  envelope  as  possible, 

(iii)  test  with  an  aft  trip  applied  in  a  different  direction  (spanwise)  compared  with  the  aft 
trips  in  (ii). 

Each  of  these  proposals  addresses  the  simulation  problems  in  specific,  but  different,  parts  of  the 
-  M  plane.  To  explain  the  aims  of  each  proposal  in  more  detail: 

I 
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(i)  A  small  change  in  forward  trip  position 

The  aim  ia  to  explore  whether,  and  to  what  extent,  flow  breakdowna  of  types  B  and  C,  ie  high  incidence 
or  at  the  lower  Mach  numbers  in  the  transonic  range,  are  sensitive  to  the  precise  location  of  the 
transition  trip.  Such  sensitivity  is  a  real  possibility  because  one  can  distinguish  between  three 
situations  and  a  small  change  in  trip  location  can  easily  shift  the  results  for  a  given  and  Mach 
number  from  one  situation  to  another.  These  situations  can  be  described  as  follows: 

(a)  The  shock  wave  (or  more  generally,  the  adverse  pressure  gradient  inducing  a  laminar  separation) 
lying  a  little  way  upstream  of  the  trip.  In  this  situation,  the  trip  will  not  prevent  the 
separation  of  the  laminar  boundary  layer  but  there  is  some  evidence  to  suggest  that  the  presence 
of  a  roughness  band  slightly  downstream  of  the  point  of  separation  will  encourage  the  separated 
boundary  layer  to  reattach.  If  so,  the  flow  will  contain  a  small,  relatively  unimportant  closed 
laminar  separation  bubble  and  it  can  be  argued  that  this  is  likely  to  be  more  representative  of 
what  might  happen  at  full  scale  Reynolds  numbers  than  if  the  bubble  had  been  allowed  to  extend 
progressively  rearward  with  inerease  in  incidence.  Nevertheless,  the  quantitative  interpretation 
of  such  data  could  be  difficult. 

(b)  The  shock  sited  very  close  to  the  trip  -  in  practice,  this  means  that  the  shoek  will  be 
immediately  aft  of  the  trip.  As  noted  earlier,  this  will  result  in  the  shock  being  stronger  and 
slightly  further  aft  than  it  would  have  been  if  the  interaction  between  shock  and  trip  had  not 
been  present. 

(c)  The  shock  lying  say,  0.10  -  0.15c  downstream  of  the  trip,  thus  satisfying  the  requirements 
specified  earlier.  Some  interference  to  the  supercritical  flow  development  may  still,  however,  be 
caused  by  the  trip  and  it  may  still  be  valuable  to  find  the  effect  of  changing  the  position 
(and/or  the  height)  of  the  trip. 

This  proposal,  therefore,  ean  be  regarded  as  an  aid  to  the  diagnostic  interpretation  of  the  data. 
Comparison  of  the  results  with  the  different  trip  positions  should  add  to  the  confidence  of  the  test 
engineer  in  his  interpretation  of  any  particular  set  of  results. 

(ii)  Several  aft  trips  to  create  a  'transition  sweep' 

This  was  a  main  theme  in  the  methodology  for  model  tests  for  a  transport  aircraft.  With  a  typical 

combat  aircraft,  the  limitations  are  more  severe  and  the  interpretation  of  the  comparative  results 

more  difficult.  Nevertheless,  for  the  wing  of  class  I  that  produced  the  diagrams  in  Fig  9,  tests  with 
a  trip  at  say,  0.15c,  should  be  possible  for  Mach  numbers  of  M  a  0.80  and  above  and  with  o  trip  ot 
say,  0.10c  at  Mach  numbers  of  M  =  0.90  and  above.  These  chordwise  positions  apply  to  the 
mid-semi-span  region  on  the  wing  upper  surface;  it  will  not  be  possible  to  move  the  trip  as  far  aft  on 
either  the  inner  or  outer  wing. 

The  ideal  aims  of  these  tests  with  aft  trips  are 

(a)  to  achieve  Reff  =  Rflight  within  the  range  of  the  transition  sweep,  Reff,  as  defined  earlier,  is 
the  Reynold?  number  that  would  be  needed  with  the  (generally,  forward)  transition  position 
forecast  for  flight  at  full-scale  Reynolds  numbers  to  produce  the  same  viscous  flow  behaviour  as 
in  the  model  tests  with  an  aft  trip,  the  equivalence  being  judged  on  the  basis  of  some  chosen 
simulation  criterion, 

(b)  to  eliminate  any  strong  viscous-inviscid  interaction  such  as  a  rear  separation  or  a  separation 

near  0.7c  on  the  lower  surface  present  in  the  model  tests  with  forward  transition  but  not  expected 

to  be  present  in  flight  at  full-scale  Reynolds  numbers. 

If  these  two  aims  are  achieved,  the  results  will  lie  in  simulation  scenario  1  as  defined  in  §3.2.1,  ic 
Rcrit  i  Rflight  and  Rflight  within  the  test  range  of  effective  Reynolds  number. 

If  only  >b)  ia  achieved,  the  results  will  be  in  scenario  3,  ie  Rcrjt  within  test  range  but  Rflight  > 
maximum  test  effective  R. 

(b)  is  perhaps  the  more  important  objective  because  »  if  Rcrit  i  ies  beyond  the  test  range  of  effective 
Reynolds  number,  the  results  will  lie  in  scenario  4  (or  5)  and  extrapolation  of  the  test  data  to 
full-scale  Reynolds  numbers  will  be  difficult. 

Even  if  it  is  believed  (eg  from  the  results  of  the  CFD  calculations  in  Step  2)  that  Rflight  *8  within 
the  possible  test  range,  one  should  not  go  to  great  trouble  to  test  at  precisely  =  Rflight'  t*,c 

transition  position  needed  to  achieve  this  identity  is  likely  to  vary  with  and  Mach  number  and 
also,  there  is  the  added  difficulty  with  a  combat  aircraft  wing  that  the  identity  cannot  be  defined 
with  precision  in  view  of  the  likely  variation  across  the  span.  It  is  preferable  simply  to  test  with 
two  or  more  different  transition  positions  going  as  far  aft  as  possible  at  any  Mach  number  and  paying 
particular  regard  to  the  design/operational  conditions  identified  in  Step  1  and  to  the  position  on  the 
span  where  the  flow  breakdown  is  initiated  as  incidence  is  increased.  Fortunately,  as  noted  earlier, 
this  is  the  part  of  the  span  where  the  maximum  movement  of  transition  should  be  possible  and  still 
meet  the  requirements  set  out  above. 

The  trends  in  the  data  for  a  given  C^,  Mach  number  and  spanwise  position  should  then  be  plotted 
against  transition  position  or  preferably  Reff.  As  in  §3.3.1,  the  conversion  to  Reff  can  be  based  on 
various  different  simulation  criteria,  eg 

(i)  the  simple,  'zero-level'  criterion  plotted  in  Fig  4  of  §3.3.1.  This  zero-level  criterion  is 
based  on  the  requirement  that  the  boundary  layer  momentum  thickness  at  the  trailing  edge  of 
a  flat  plate  should  be  the  same  for  the  aft  transition  position  at  the  model  test  Reynolds 
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number  as  for  the  flight  transition  position  at  the  effective  Reynolds  number.  This  criterion 
is  simple  to  apply  but  cani  at  besti  be  only  approximate  since  it  does  not  depend  on  the 
particular  wing  geometry  or  pressure  distribution, 

(ii)  shock  position. 

(iii)  shock  strength, 

(iv)  the  non-dimensional  boundary  layer  thickness  at  the  trailing  edge  of  the  real  wing, 

(v)  the  boundary  layer  shape  factor  at  a  position  close  to  the  trailing  edge. 

It  will  be  realised  at  this  point  that  unless  it  has  been  possible  to  make  the  tests  in  a  variable 
pressure  tunnel,  the  derivation  of  Reff  using  simulation  criteria  (ii-v)  has  to  be  based  on  the 
results  of  CFD  calculations  such  as  those  performed  in  Step  2.  This  is  one  very  good  reason  why  it  Is 
certainly  simpler  and  probably  preferable  merely  to  use  the  zero-level  criterion  for  the  conversion  to 
Reff  when  testing  a  model  of  a  combat  aircraft.  Also,  as  noted  in  the  discussion  in  §3.3.1,  the  final 
extrapolated  data  will  not  depend  on  whether  the  conversion  to  Reff  has  been  strictly  accurate  Or  not 
in  ail  cases  where  the  desirable  aim  of  bringing  the  data  intn  scenarios  I  nr  3  has  been  achieved.  If 
the  data  are  still  in  scenario  4  (or  5),  the  uncertainty  about  the  conversion  is  only  one  of  several 
reasons  why  the  extrapolation  is  necessarily  difficult. 

The  trends  in  the  measured  data  having  been  plotted  against  Kcff  should  then  be  compared  with  the 
corresponding  trends  in  the  computed  data.  Differences  beteween  the  trends  should  be  studied  to 
establish  whether  they  are  due  to  strong  viscous-inviscid  interactions  not  allowed  for  in  the 
calculations  (if  so,  the  disappearance  of  a  difference  in  trend  beyond  a  certain  value  of  Rpff  would 
be  a  check  on  more  direct  predictions  of  the  value  of  Rc-itg)  or  whether  it  is  merely  an  indication 
that  the  available  codes  for  the  calculations  cannot  handle  the  complex  geometry  of  the  configuration 
under  test. 

(iiil  Aft  trip  in  a  different  spanwise  direction 

It  is  likely  that,  in  most  testa,  the  best  simulation  of  the  full  scale  flow  in  the  C|  -  M  region  up 
to  buffet-onset,  ie  up  to  boundary  3  in  Fig  9,  for  example,  is  achieved  with  the  furthest  aft  trip 

that  one  can  use  at  a  given  and  Msch  number.  This  certainly  applies  in  the  range  where  the  fiow 

breakdown  Is  of  type  D  because  then,  the  strongest  shock  is  likely  to  be  just  outboard  of  the  point  of 

intersection  of  the  3  shocks  and  this  is  just  where  the  trip  can  be  at  its  furthest  aft  pnsitiun. 

However,  It  is  quite  possible  that  the  change  from  a  forward  trip  to  this  aft  trip  will  have  led  to  a 
subsequent  flow  breakdown  beyond  boundary  3  that  is  less  representative  of  the  full  scale  behnviour. 
It  is  probable  that,  on  the  outer  wing  towards  the  tip,  it  will  not  be  possible  to  move  the  trsns.tion 
trip  so  far  aft  and  still  meet  the  requirements  set  out  earlier,  eg  0.15c  ahead  of  the  shock.  For 
example,  the  "0.35c  trip”  in  Fig  16  was  actually  brought  forward  to  0.2e  at  the  tip  for  this  reason. 
Aa  a  result,  the  shortfall  in  local  Rgj-f  relative  to  local  Rf  1  i j{ht  *s  likely  to  be  greater  near  the 
tip  than  near  o'd-semi-span  and  hence,  one  may  have  a  situation  where  Reff  >  Korll  loyally  near 
mid-neml-span  t  (  <  R^jt  near  the  tip.  The  presence  of  say,  a  rear  separation  near  the  tip  but 

not  near  mid-semi-span  could  then  trigger  a  flow  breakdown  starting  from  near  the  tip  and  spreading 
inwards,  whereas  in  flight  at  full-scaie  Reynolds  numbers  -  and  ironically,  with  the  forward  trip  at 
model  test  Reynolds  numbers  -  it  could  spread  forward  from  the  pnsition  of  the  outboard  shock  at 
buffet  onset  -  see,  for  cxmaplc,  the  comparison  shown  in  Fig  iC. 

Faced  with  results  such  as  those  shown  In  Fig  16,  it  is  difficult  to  know  how,  in  the  tests,  to  obtain 
a  better  simulation  of  the  full  scale  behaviour.  This  example  suggests  however  that  one  possible  idea 
for  a  technique  to  simulate  full-scale  flow  breakdown  of  type  D  (and  possibly,  types  C  and  E  also)  is 
to  choose  trip  positions  across  tne  span  and  thus,  a  trip  direction  spanwise  such  that  (Rfuu  scale  ' 

Ref f ) *  is  independent  of  spanwise  position,  outboard  of  the  expected  point  of  initial  fiow  breakdown 

at  full  scale  Reynolds  numbers.  Effectively,  this  means  the  outer  wing  where  the  local  Reynolds 
number  is  small,  is  allowed  to  call  the  tune  and  with  this  aft  trip,  Rpff  near  mid-semi-span  will  be 

less  than  that  achieved  in  the  best  aft  trip  test  in  (ii).  The  two  aft  trips,  one  for  buffet-onset 

and  the  other  for  buffet  penetration,  are  compared  diagrammatieally  in  Fig  i>. 

Even  accepting  the  above  concept  in  principic,  there  Is  still  at  present  considerable  uncertainty 
about  how  to  apply  it  in  practice.  For  example,  the  suggestion  that  (Rfun  scale  '  Keff>  should  be 
maintained  constant*  across  the  span  of  the  outer  wing  is  oniy  one  possible  suggestion  introduced 
primarily  to  explain  the  concept  in  principle,  in  practice,  it  may  be  preferable  to  think  in  terms  of 
choosing  an  aft  trip  direction  that  will 

(i)  give  the  same  shock  sweep  inboard  and  outboard  of  the  point  of  initial  flow  breakdown 
as  forecast  for  the  wing  in  flight  at  full  scale  Reynolds  numbers  at  buffet  onset, 

(ii)  if  any  rear  separation  is  present,  ensure  that  its  effects  on  pressure  recovery  at  the  trailing 
edge,  local  circulation  and  shock  position  as  judged  from  a  comparison  of  the  measured  and 
predicted  trends  with  Rcff  in  these  respects,  arc  reasonably  uniform  across  the  span  of  the 
outer  wing. 

As  with  the  proposal  to  test  with  a  slightly  different  position  for  a  forward  trip,  this  test  with  on 
aft  trip  in  a  different  direction  will  at  least  serve  a  diagnostic  purpose.  Even  if  it  does  not  give 
a  better  simulation,  it  will  at  least  alert  the  test  engineer  as  to  whether  the  results  and,  in 
particular,  the  flow  breakdowns  of  type  D  are  sensitive  to  the  precise  locution  of  the  transition 
trip.  If  they  are  and  especially,  if  the  shock  fronts  at  buffet-onset  are  always  parallel  to  the 
transition  trips,  as  hss  been  noted  in  certain  combat  aircraft  model  tests,  the  test  engineer  will 
appreciate  the  need  to  be  cautious  about  whether  he  has  achieved  a  realistic  simulation. 


•  Note:  These  values  of  Reynolds  numbers  are  based  on  the  mean  chord;  they  arc  not  values  of  local 
Reynolds  number. 
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To  summarise,  it  is  vital  to  avoid,  aa  far  aa  possible,  any  effcet  that  leads  to  a  relative  change  in 
boundary  layer  behav:our  at  one  part  of  the  span  compared  with  another.  The  chanees  of  achieving  this 
aim  are  greatly  improved  if  it  has  been  possible  completely  to  eliminate  any  rear  separation  that 
would  not  be  present  at  full  seale  Reynolds  numbers.  When  this  has  not  been  achieved  with  aft-fixing, 
consideration  should  be  giver  to  whether  It  can  be  achieved  by  any  other  technique  for  manipulating 
the  boundary  layer.  This  is  particularly  important  in  the  ease  of  wings  of  class  IV,  Fig  12,  where  a 
separation  may  be  present  at  high  lift  over  the  upper  surface  of  a  trailing  edge  manoeuvre  flap  but 
where  it  is  not  possible  to  test  with  an  aft  transition  position  because  of  the  flow  over  and  behind 
the  leading  edge  manoeuvre  flap.  It  is  doubtful  whether  it  would  be  desirable  or  feasible  to  modify 
the  shape  of  the  rear  surface  to  obtain  a  better  simulation  of  the  full  scale  behaviour.  The  real 
need  is  to  reduee  the  boundary  layer  thiekness  upstream  of  the  rear  manoeuvre  flap  nnd  sinec  this 
reduction  is  needed  at  a  elearly  definco  position,  it  should  be  possible  to  consider  achieving  this 
aim,  cither  by  use  of  vortex  generators  or,  preferably,  by  means  of  suction  through  an  appropriately 
located  slot.  Further  research  is  needed  before  one  can  define  such  »  methodology  In  detail. 

The  discussion  above  regarding  both  Steps  5a  and  5b  has  concentrated  on  the  flow  over  the  wing  uppper 
surface.  However,  with  a  typical  eombat  aircraft,  similar  and/or  additional  problems  ean  exist  on  the 
lower  surface.  For  advanced  wings  designed  to  carry  a  high  degree  of  rear  londing,  there  is  always  n 
risk  of  a  flow  separation  on  the  wing  lower  surface  in  a  steep  adverse  pressure  gradient  near  O.Tc. 
Also,  in  the  high  speed  dash  condition,  the  manoeuvre  devices  will  be  defleetcd  upwards,  thus 
introducing  the  possibility  of  a  separation  over  the  lower  surface  of  the  rear  manoeuvre  flap.  Hence, 
the  ease  for  studying  the  effeets  of  Reynolds  number  and  transition  position  on  the  flow  over  the 
lower  surfaee  can  be  as  strong  as  for  the  upper  surface.  The  lests  in  Step  3  with  and  without  a 
forward  trip  will  hve  confirmed  or  otherwise  the  need  for  such  tests  and  whether  a  ‘transition  sweep’ 
can  be  attempted  on  the  lower  surface. 

Combat  aircraft  are  frequently  expected  to  earry  a  multitude  of  external  stores  below  the  wing  luwor 
surfaee,  eg  on  underwing  pylons,  Fven  the  bare  pylons  without  the  stores  can  introduce  local  nrcas  of 
separated  flow  on  the  wing  lower  surface.  Reynolds  number  sweeps  may  still  be  useful  but  transition 
sweeps  may  not  be  feasible  beeause  the  presence  of  the  pylons  may  dictate  thnt  transition  occurs  near 
the  leading  edge.  it  ,s  doubtful  whether  any  extrn  tests  can  be  proposed  in  this  context;  the  problem 
has  to  be  addressed  in  the  extrapolation  procedure  in  Step  6. 

Reverting  to  the  upper  surface,  the  discussion  above  has  not  mentioned  wings  of  class  V,  ic  thin, 
highly  swept  wings  with  a  sharp  lending  edge  or  wings  of  class  Vi,  ic  sweptforward  wings.  For  clnss  V 
the  flow  separations  on  such  »  wing  will  tend  to  occur  nt  the  wing  leading  edge,  irrespective  of  Mach 
number  or  Reynolds  number.  There  may  however  si  ill  be  some  scale  effcet  on  any  secondary  separation 
outboard  of  the  primary  vortex.  Fig  3,  and  to  eheck  on  this  point,  an  extra  test  ean  be  made  with  a 
trip  located  on  a  ray  from  the  wing  apex  lor  when  appropriate,  a  strnkc/wing  leading  edge 
intersection)  lying  between  the  line  through  the  inflexion  in  the  surfaee  strenmllnes  and  the  line 
marking  the  secondary  separation.  If  the  test  shows  a  marked  difference  In  the  r-sults,  the  dnta  from 
this  test  will  probably  be  the  better  guide  to  the  full  scale  behaviour.  This  point  is  particulnrly 
important  when  considering  flight  at  P  i  0. 

Finally,  all  the  above  description  of  Steps  4  and  5  has  assumed  implicitly  thst  the  tests  are  being 
made  on  a  model  of  an  aircraft  with  a  sweptlmck  wing  of  types  1-V;  some  of  the  detail  but  not  the 
overall  philosophy  would  have  to  be  changed  if  the-  tests  were  made  on  a  model  with  a  sweptforwnrd  wing 
of  type  Vi.  One  of  the  most  significant  differences  in  detail  is  revealed  by  the  boundaries  plotted 
in  Fig  13:  even  with  the  help  of  a  eanard  surface  and  appreciable  shaping  uf  the  fuselage,  it  is 
likely  that  supercritical  flow  will  tc-.-.d  to  appear  first  on  the  inner  rather  than  outer  wing. 
Similarly,  flow  breakdown  will  tend  to  start  on  the  inner  wing  and  the  risk  of  a  premature  rear 
separation,  ic  R„ff  <  RCrit  *s  Krcalcr  on  the  inner  wing,  The  effeets  of  a  rear  separation  ean  be 
compounded  by  the  higb  sweepforward  of  the  wing  trailing  edge.  The  netd  for  a  transition  sweep  in 
order  to  increase  the  test  range  of  Reff  is  therefore  highly  desirable  and  it  should  not  oc  assumed 
that  this  is  not  required  simply  because  the  local  Reynolds  number  is  relatively  high  on  the  part  of 
the  wing  subject  to  the  strong  viscous-inviseid  interaction.  The  ability  to  undertake  sueh  a  sweep 
is  probably  greater  than  for  a  sweptback  wing  but  this  may  be  a  premature  judgement  since,  to  date, 
there  is  only  limited  experience  in  testing  models  of  sweptforward  wings  and  further  research  in  this 
area  eould  be  helpful. 

STEP  6  :  Ex trapolation  of  data  to  full  seale 

This  is  a  vital  step  in  the  methodology.  Past  praetiec  with  model  lest  data  for  combat  aircraft  has 
generally  been  to  correct  for  the  established  smooth  trends  with  Reynolds  number  in  quantities  sueh  as 
skin  friction  drag  and  lift-curve  slope  but  to  accept  the  rest  of  the  (lata  as  being  the  best  that  one 
ean  obtain  from  a  test  in  a  tunnel  at  reduced  Reynolds  number.  it  has.  of  course,  been  recognised 
that  test  data  containing  either  a  laminar  separation  near  the  leading  edge  or  a  rear  turbulent 
separation,  win  be  subject  to  scale  effect  but  there  has  be.en  no  accepted  procedure  for  nttempting  a 
quantitative  extrapolation  to  full  scale.  The  general  aim  has  merely  huen  to  devise  the  best 
transition-fixing  technique  to  suit  the  particular  configuration  under  test  las  in  Step  5  above)  and 
to  conduct  a  Reynolds  number  sweep  whenever  possible  and  to  extrapolate  the  measured  trends  from  this 
sweep. 

In  view  of  the  complex  nature  of  the  flow  over  a  combat  aireraft  in  many  conditions  of  operational 
interest,  it  may  often  be  difficult  to  ndopt  a  more  earefully  reasoned  scientific  approaeh  but  this 
description  of  current  practice  hardly  rates  aa  a  viseous  simulation  methodology.  Complete  \  ilicuus 
simulation  is  unlikely  to  be  achieved  in  the  aetunl  tests,  whatever  techniques  are  e  ‘oyed,  and  so 
extrapolation  to  full  scale  should  be  a  vital  step  In  the  full  methodology.  Extre  jlion  is  needed 
even  when  it  has  been  possible  to  extend  the  test  range  to  eover  :  flight  (scenario  1):  it  is 
unlikely  that  any  one  set  of  test  data  satisfies  this  identity  in  all  respeets. 
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It  is  easy  to  set  out  the  broad  principles  of  an  extrapolation  procedure.  Essentially,  the  aim  should 
be. 

(ii  at  the  lower  transonic  Mach  numbers  where,  at  moderate  and  high  C|_,  there  is  a  risk  that,  in  the 
model  tests,  there  Is  a  laminar  separation  n«ar  the  wing  leading  edge,  extrapolate  if  necessary 
the  measured  trends  from  a  Reynolds  number  sweep  up  to  R  :  RCritp  and  lRor,i  extrapolate  'he 
computed  trends  from  R^Up  to  Rfiight* 

(iil  at  Mach  numbers  where  there  is  a  rear  separation  or  some  other  strong  viseous-inviseid 
interaction 

on  the  rear  of  either  surface,  extrapolate  the  measured  trends  (from  a  Reynolds  number  sweep)  to 
R  =  Re r i t r  or  <from  *  transition  sweepl  to  Kcpp  =  Rcrit[j  8nd  lRcr*  fo|l°k'  the  enmputed  trends  to 
Rflighf 

However,  to  apply  these  principles  in  prnetiee  is  not  as  simple  and  strnightforward  as  might  appear. 
For  example 

(a)  they  offer  no  help  if  the  tests  arc  being  made  in  an  ntmospheric  tunnel  nnd  if  the  model  test  R  is 
less  than  Rcrit,...  The  real  need  is  for  a  technique  to  create  a  turbulent  boundary  layer  ahead  of 
the  point  wherer the  laminar  boundary  layer  is  separating  in  the  model  tests.  This  is  an  area  for 
future  research  but,  in  the  meantime,  n  comparison  of  the  measured  nnd  computed  results  nt  the 
model  test  Reynolds  number  -.nd  of  the  computed  forecasts  at  the  full-scnle  Reynolds  number  may 
provide  some  qualitative  guidance, 

(b)  there  will  be  eases  where  the  model  tost  data  are  being  obtnined  at  e  Reynolds  number  or  effective 
Reynolds  number  less  than  both  Rc »- j ^ and  Rerjt„;  in  such  enses,  the  measured  trends  should,  if 
necessary,  be  extrapolated  to  whichever  is  the  higher  of  Rprjtp  and  Rcrjtp  with  appropriate 
discontinuities  at  whichever  is  the  lower, 

(ci  the  values  of  Rcri(,-  and  Ke r i tp>  nr0  likely  to  very  with  spanwise  position,  and  Maeh  number. 

The  phrase  “extrapoln t i on  of  the  measured  trends  up  tn  Rcr)t“  has  to  be  interpreted  as  meaning 
extrapolation  until  Rcrji  has  been  reached  over  virtually  the  whole  span  at  a  given  Mach  number 
and  C^. 

In  principle,  values  of  Rc r i tp  and  RCritg  cnn  be  determined 

lit  from  predictions  of  transition  position  and  flow  separntion  on  the  basis  of  Hie 
onlotiint.od  pressure  distributions  -  see  §3.2.1, 

(iil  by  extrnpolntion  of  the  me-.sured  trends  in  n  Reynolds  number  sweep,  nnd 
(iiil  In  the  case  of  R,  r i t» •  l,>'  an  extrapolation  of  the  difference  between  the  measured  nnd 
predicted  trends  to  find  where  these  differences  tend  to  zero. 

Diagrammatic  pictures  illustrating  the  use  of  (iil)  for  determining  Reritg  arc  presented  in 
Figs  i8«-d.  If  the  pictures  in  practice  were  ns  clear  as  those  shown  in  Figs  18n-d,  these  would 
provide  a  good  support  looi  to  predictions  by  the  direct  method  (ii.  However,  it  is  uniikolv  that,  in 
practice,  they  will  he  ns  eiear:  the  ehnnges  in  slope  at  R<.r;to  nrc  likely  to  be  smenred  ever  a  range 
of  Reynolds  number  rather  than  appearing  as  sudden  discontinuities.  For  Re r 1 1 u •  •1"'  pictures  for 
shoek  position  and  Cq  will  probabiy  provide  the  b"st  guide;  for  Rurjtp,  the  value  nf  Cp  nt  a  positinn 
close  to  the  leading  edge  will  be  the  most  sensitive  parameter. 

None  of  these  methods  (i,ii,iiii  can  be  rcgnrded  as  fully  reliable  nt  the  present  time  for  n  combat 
aircraft  in  view  of  the  three-dimensional  nature  of  the  flow  over  n  enmplex  configuration.  I’rnbnbly, 
the  safest  course  is  to  adopt  (ii  but  use  of  (II  for  Rcr|tp  poses  a  stringent  test  on  the  nccurnrv  of 
methods  to  predict  the  pressur-  distribution  around  the  iending  edge  nf  thrce-dimcnsinnnl  wings  of 
complex  geometry.  Fortunnteiy,  errors  in  predicting  Rcrj(,-  and  R^pj^  may  not  be  too  serious  in 
their  effects  on  the  final  end-result  of  the  cxtrnpnlnuon  of  the  model  test  dntn  to  full  senle 
conditions . 

The  extrapolation  procedure  is  now  discussed  in  detail  for  some  of  the  most  likclly  objectives  for 
model  tests  for  n  cnmbnl  nircraft. 

A  Drag  (ignoring  scale  effects  on  flow  over  fusclngc  afterbody) 

One  nf  the  most  likely  objectives  for  n  model  test  on  n  combat  aircraft  is  to  determine  the  nircraft 
drag  in  the  cruise,  high  speed  dash  ano  sustained  manoeuvre  conditions  identified  in  Step  1.  In  most 
nf  these  enndllinns,  the  flow  will  be  supercritical  and  the  ext rapolnt ion  has  thercinre  to  allow  for 
changes  with  Reynolds  number  tn  wave  drag  as  well  as  the  more  obvious  changes  in  viscous  drag.  In 
principle,  one  shouid  apply  the  procedure  nlready  described  in  detail  in  the  methodology  for  subsonic 
transports  in  §3.3. i. 2.  However,  the  three-dimensional  nature  of  the  complex  flow  patterns  over 
typical  combat  aircraft  wings  adds  to  the  difficulties  in  applying  this  procedure  in  practice. 

Nevertheless,  in  principle 

c0fii,ht  =  Me8Sured  CD  81  ,xT'Rltest,n 

-  excess  CD  at  (xT.R) test.n 

♦  Computed  (CD  at  (XjiRl  fi  i,jhl  ”  *-0  8‘  *XT,R*  tes t  ,n* 

-  AfR  CD  *  cD 
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wheie 

(i)  the  suffix  'n'  denotes  the  scenario, 

(ii)  the  datum  condition  ’test.n'  for  the  start  of  the  extrapolation  depends  on  which  scenario  is 
relevant: 

Scenario  i  :  Rcrjt  <  ^flight  an<*  Rflight  "Ithin  test  range  of  R  or  Rcff 
Scenario  2  :  As  i  but  Rerit  )  Rflight 

Scenario  3  :  Rcr^  <  Rfllghti  Rcrit  but  not  Rflight  "ithin  test  range  of  R  or  Rcff 
Scenario  4  :  Rerit  *  Rflight  both  Rcrit  a"d  "flight  outside  teat  range 
Scenario  5  :  As  4  but  RCrit  >  Rflight- 


Scenario 

Datum 

test  ,n 

Reynolds  number  sweep 

Transition  sweep 

i 

Rflight 

!;eff  1  Rflight 

2.3 

Rcrit 

Reff  ~  Rcrit 

4,5 

Highest  test  R 

Furthest  aft  ( x-j- ) test 

Note:  the  second  term  in  the  equation  therefore  only  exists  when  the  test  data  are  in 
scenarios  4  or  5.  Even  when  the  data  have  been  brought  within  scenario  1  by  means  of  a 
transition  sweep,  it  will  still  be  necessary  to  activate  the  extrapolation  procedure  because 
the  third,  fourth  and  fifth  terms  will  still  be  present,  eg  it  would  be  merely  coincidental 
if  the  skin  friction  drag  were  the  same  in  flight  as  \r.  the  model  test  at  Reff  =  Rflight- 

(iiil  the  words  "excess  drng“  reivr  to  the  •  g  beiicved  to  be  associated  with  the  strong 
viseous-inviscid  interaction  at  (XfiRltegt  n  not  allowed  for  in  the  CFD  calculations.  Graphs 
such  as  those  in  Fig  18  have  to  be  constructed  and  extrapolated  to  R  (or  Reff)  =  Rcrit  Bnd 
then,  the  excess  Cp  at  lx^,R)lesl  n  for  scenarios  4  and  5  has  to  be  determined  as  the 
difference  bctHccn  the  measured  and  computed  trend  in  Cp  between  (x-f, Ripest  „  and  Re;  The 
need  to  predict  this  term  accounts  for  why  extrapolation  is  more  difficult  in  seenari  s  4  and 
5. 

(iv)  the  calculation  of  the  third  term  can  be  performed  most  accurately  be  splitting  Cp  into  three 
component  terms 

Cp  -  Cph.  t  Cpy  ♦  Cp. 

where  CpH  =  wave  drag  cocf f icUnt , 

Cpy  -  iscous  drag  coefficient 

Cp.  =  vortex- induced  drag  coefficient. 

Methods  for  predicting  Cp^.  and  Cpv,  arc  described  in  §3.2.4  but  it:-should  be  stressed  that,  to 
date,  these  have  only  been  validated  for  wings  of  low  or  moderate  sweepbaek  up  to  say,  40"  - 
45'  sweep.  It  should  be  remembered  that  theac  methods  are  based  on  an  approach  originally 
developed  for  predicting  the  drag  of  two-dimcnsiunal  section  and  it  would  be  unreasonable  to 
expect  that  they  wouid  still  be  applicable  for  say,  a  siender  delta  wing, 

I v >  in  the  fourth  term, 

aTK  Cd  the  estimated  increase  it.  the  measured  Cp  due  to  the  presence  of 
the  transition  trip, 

(vi)  in  the  firth  term, 

bg  Cp  is  the  estimated  increase  In  Cpj.,,  .  t  ^ue  t0  the  Prescnee  °f  either  roughness 
or  excrescences  on  the  aircraft  but  not  represented  on  the  model. 

The  equation  doca  not  include  any  corrections  for  other  effeeta  that  do  not  properly  form  part  of  a 
viscous  simulation  methodology  but  which,  nevertheless,  can  contribute  to  the  extrapolation  from  model 
to  fuil  scaie,  eg  jet  effects,  intake  spillage  effects,  seroelastic  effects. 

To  give  a  single  illustration  of  why,  in  practice,  application  of  the  procedure  can  be  more  difficult 
for  a  combat  aircraft  wing  than  for  the  high  aspect  ratio  wings  of  the  typical  subsonic  transport,  one 
can  refer  in  general  terms  to  the  likely  shape  of  the  Cp  -  Rgj-f  or  Cp  -  R  curves.  Any  feature 
approaching  a  'diseontinutiy'  in  these  curves  for  a  high  aspect  ratio  wing  or  a  two-dimensionai 
aerofoil  can  be  regarded  as  a  clue  as  to  where  some  strong  viscous-invlseld  interaction  is 
disappearing  lor  possibly  appearing)  with  increase  in  Reynolds  number.  It  is  more  difficult  to  make 
such  a  judgement  for  a  section  of  a  moderate  aspeet  ratio  wing:  a  'discontinuity'  may  merely  indicate 
a  significant  change  in  the  supercritical  flow  pattern  over  the  section  as  a  result  of  a  change  with 
Reynolds  number  in  possibly,  mereiy,  the  indirect  scale  effects,  ie  the  progressive  change  in  boundary- 
layer  displacement  thiekness  with  Reynolds  number.  Such  a  change  would  be  expected  to  oecur,  for 
example,  for  a  section  lying  between  the  full-scale  and  model  test  positions  of  the  intersection  of 
the  3  shocks  in  the  flow  patterns  in  Fig  i".  Admittedly,  the  subsequent  spanwise  integration  of  the 
values  of  local  Cp^.  and  Cp^,  may  largely  eliminate  such  a  'discontinuity'  but  thia  point  is  juat  one 
example  of  another  of  the  difficulties:  there  is  so  mueh  spanwise  variation  in  all  respects  that  it 
may  be  difficult,  in  practice,  to  identify  the  reasons  for  differences  between  the  measured  and 
computed  trends  with  Reynolds  number. 
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B  Buffet  onset  and  subsequent  flow  breakdown 

The  extrap- ’ stion  procedure  depends  on  whj'h  type  of  flow  breakdown  has  been  observed: 

Tyet  A  :  Leading  edge  vortex  separation  from  wing  apex  (or  defined  position  near  wing  root) 

Little  algnificant  scale  effect  would  be  expected  at  least  up  to  the  Incidence  when  the 
vortex  lift  off  the  surface  and/or  bursts.  Therefore,  up  to  this  incidence,  one  should  use 
whatever  has  been  judged  to  he  the  best  set  of  tent  data  froa  Steps  3  and  5  with  no  further 
correction  but  with,  possibly,  some  reservations  nbout  the  lateral  characteristics. 

Further  research  Is  needed  to  clarify  whether  there  arc  significant  scale  effects  In  the 
final  flow  breakdown  characteristics. 

Type  B  :  Separation  from  near  leading  edge,  spanwise  extent  initially  incidence-dependent. 

This  is  likely  to  be  a  laminar  separation  in  the  model  tests  and  its  appearance  and  growth 
with  incidence  will  vary  appreciably  with  Reynolds  number  up  to  Re r j t. . .  when  it  is  replaced 
by  n  turbulent  separation.  The  ability  to  extrapolate  is  therefore  "heavily  dependent  on  the 
ability  to  predict  transition  and  the  occurrence  of  laminar  or  turbulent  separation  near  the 
leading  edge.  In  cases  where  it  has  been  possible  to  undertake  a  Reynolds  number  sweep,  one 
should 

(i)  extrapolate  the  measured  trend  with  Reynolds  number  in  the  value  of  for  the 
separation-onset  at  a  given  spanwise  station  and  Mach  number  up  to  the  predicted 
value  of  RcritF  for  this  station, 

(ii)  estimate  the  change  in  Cl  for  separation-onset  likely  to  occur  at  Rerj(,.  as  a  result 
of  the  change  from  a  laminar  separation  to  a  turbulent  sepnration  with  trnnsitinn  nt 
what  Is  likely  to  be  close  to  the  full  scale  position  for  this  Incidence  and  Mach 
number, 

(iii)  predict,  eg  on  the  basis  of  the  methods  in  §3.2.4,  possible  changes  In  C|  for 
separation-nnset  at  a  given  spanwise  stntion  and  Maeh  number  with  increase  in 
Reynolds  number  from  Rerilf.  10  Rfnll  scale* 

(iv)  create,  on  the  basis  of  (i.ii.iiil,  an  idea  of  the  spanwise  development  nf  the 

separation  with  C|  at  full  scale  Reynolds  number  and  eompnre  with  the  corresponding 
developments  in  the  model  tests,  if,  nt  some  puint  in  a  Reynolds  number  sweep,  a 
similar  development  occurred  but  at  n  lower  it  would  be  possible  to  apply  a 
OC|  correction  to  the  test  data  obtained  in  this  particular  test  but  It  Is  unl’kely 
that,  in  general,  one  will  be  able  to  find  such  a  set  of  data.  It  is  more  probable 
that  one  will  find  oxnmples  where  the  separation  near  the  lending  edge  has  been 
delayed  so  much  by  an  increase  in  Reynolds  number  that  the  flow  breakdown  is 
related  to  a  rear  rather  thnn  n  leading  edge  sepnration. 

At  the  present  time,  it  is  uncertain  whether  nnv  satisfactory  methnoology  can  be  developed  to 
deal  qunntitativcly  with  the  extrapolation  fnr  this  type  of  flow  brenkdown.  The  steps 
described  above  may,  however,  represent  a  start  towards  devising  such  n  prneedure  or,  nt 
least,  showing  the  order  of  the.  vr*..,nt:  . 

Type  C  :  Shock-indueed  separation  behind  a  highly  swept  shock. 

Figs  9  and  10  show  that  the  increase,  aCl>  In  Cj  between  boundary  2  (separat ion-onset  1  nud 
boundary  3  (separation  back  ot  the  trailing  edge)  can  be  quite  considerable  when  the  flow 
breakdown  is  of  type  C.  .-it  the  present  time,  there  is  no  established  method  for  predicting 
the  llkelv  scale  effect  on  AT l*  Any  success  In  predicting  OCl  in  terms  of  the  shock  strength 
and  the  boundary  layer  1 htcancss  ahead  of  the  shock  by  a  method  such  as  that  proposed  by 
Kulker  nnd  Ashill  might  be  purely  coincidental,  in  view  of  the  fact  thnt  the  reattaohment 
process  for  a  separation  induced  by  a  highly  swept  shock  is  entirely  different  from  what 
happens  in  two-dimensional  flow.  The  three-dimensional  separation  behind  a  shock  swept  at 
more  than  about  25'  initially  rolls  up  into  a  part-span  vortex  and  'separatinn  bnek  tu  the 
trailing  edge'  corresponds  with  when  this  vortex  bursts,  lifts  off  the  surface  or  moves  so 
far  inboard  that  a  complete  flow  separation  from  near  the  leading  edge  back  ot  the  trailing 
edge  ean  exist  outboard  of  the  vortex.  Prediction  of  OCl  Involves  more  than  just  the 
prediction  of  when  these  phenomena  occur;  there  is  also  the  question  of  how  much  cxra  lift  is 
carried  by  the  wing  as  a  result  of  the  suctions  on  the  wing  surface  below  the  vortex.  Some 
evidence  suggests  that,  with  increase  in  Reynolds  number,  this  vortex  flow  envers  less  of  the 
wing  sufaee,  implying  a  reduction  OCl  with  Reynolds  number.  On  the  other  hand,  it  is 
urguable  that,  as  the  separation  extends  back  to  the  trailing  edge,  eg  between  (c^.  -  0.5") 
and  (ots  t  1.5*)  in  Fig  5,  the  separation  loses  its  vortex  character  and  becomes  more 
analogous  to  a  bubble  separation  and  if  one  then  chooses  to  apply  a  method  such  as  F’Jlker  Bnd 
Ashill,  it  would  be  found  that  oC'l  between  boundaries  2  and  3  increases  with  Reynolds  number. 
On  present  knowledge,  therefore,  prediction  of  the  'direct’  viscous  effects  in  very 
uncertain;  if  a  rear  separation  is  present  in  the  mudel  tests,  this  merely  adds  to  the 
uncertainty. 

The  best  procedure  that,  can  be  suggested  at  the  present  time  is  as  follows: 

(1)  extrapolate  the  measured  trends*  with  Reff  in  the  'indirect'  viscous  effect,  ic  the 
value  of  Cl  for  the  shock  strength  that  corresponds  to  separation-onset  at  a  given 
spanwise  station  up  to  RerilR  and  then,  extrapolate  from  Re r i tR  10  Rfull  scale 


'from  a  Reynolds  number  sweep  and/or  transition  sweep;  despite  the  far  fnrward  shock  position,  a 
change  of  even  0.05  In  transition  position  may  still  be  significant. 
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CFO  calculations  of  the  win*  surface  pressure  distribution.  Assuming  that  the  shock 
strength  for  acparation-oiisct  can  be  treated  as  independent  of  R,;ff  1  the  measured 
trends  will  pro.'ide  a  cheek  on  this  pnintl,  this  prediction  of  the  ’indirect1  effect 
will  give  a  correction  to  apply  to  the  -  M  boundary  2, 

(ii)  extrapolate  to  Rfun  scale*  measured  trends  against  Reff  in  the  lift  increments 
from  boundary  2  to  boundary  3  nnd  from  boundary  3  to  boundnrv  4, 

(liil  add  dC(/,i  ®n<*  ^L.4  t0  produce  a  full  scale  estimate  of  boundary  4  and  similarly 

for  boundary  3  and  interpret  the  scale  effect  on  the  ai  odynamie  characteristics  on 
the  basis  of  these  lift  increments. 

Type  D  :  Shock-induced  separation  behind  a  shock  near  0.3  -  0.5  chord. 

For  this  type  of  flow  breakdown,  full  scale  buffet-onset  values,  ic  boundnry  3,  enn,  in 
theory,  be  predicted  os  described  in  §3.3. 1.2,  but  the  results  on  which  to  establish  n 
measured  tr'  -rt  may  be  more  limited.  Also,  boenusc  there  is  no  region  where  the  flow  enn  he 
described  a.  quasi-two-dimcnsional ,  developments,  at  the  critical  spanwise  station  where  the 
shock-induced  separation  occurs  first,  in  the  incidence  range  in  which  this  sepnration  is 
extending  back  to  the  trailing  edge,  may  be  modifed  by  what  is  happening  at  neighbouring 
stations.  Nevertheless,  there  is  some  evidence  thnt  for  fl-w  breakdowns  nf  type  D  on  at 
least  wings  of  class  1,  it  is  still  possible  to  npply  the  Fulker  nnd  Ashill  method  with  ns 
much  success  as  for  transport  wing  conf i gurnt i ons .  More  experience  nnd  more  research  are 
however  needed. 

At  the  present  time,  therefore,  the  recommended  procedure  is  as  follows: 

(il  predict  the  buffet-onset  boundary  :t  by  npplying  the  procedure  of  §3. 3. 1.2,  Slen  lib 
starting  if  possible  from  the  measured  results  with  nn  nft  trip  of  type  111  I,  Fig  17, 

' I i 1  assume  that  what  happens  beyund  this  currerteil  full  scale  boundary  3  is  similnr  to  that 
observed  in  the  test  with  aft  trip  I  i  ii  1 . 

fype  E  •  Shock- induced  separation  behind  a  shock  at  0.6  -  0.8c. 

One  cne  distinguish  between  two  possible  situations: 

(a)  a  pure  type  E  flow  breakdown  related  simply  to  tnc  devciupment  of  n  separation  induced 
by  a  far  aft,  relatively  unswept  shock, 

(bl  n  more  complex  type  E  flow  hreakdown  developing  out  of  a  situation  at.  lower  values  of  C( 
where,  even  in  the  absence  of  a  strong  sh'ek  wnve,  there  is  n  rear  sepnrntion  F  over  the 
same  part  of  the  wing  surface,  eg  ove.  the  surfnee  of  a  rear  manoeuvre  flop  in  the  < use 
of  a  wing  of  class  IV. 

For  (a),  it  can  be  orgned  that  the  extrapolation  to  full  scale  Reynolds  numbers  merely  has  to 
allow  for  the  change  in  the  indirect  vix-ous  effect,  ic  t.hc  change  in  *hc  shock  strength  for 
a  given  C[  and  Mach  number.  The  changes  due  to  the  direct  viscuus  effects  should  lie  tnvinl 
because,  for  these  oft  shock  positions,  the  shock- induced  sepaiation  bubble  is  likeiy  to 
extend  to  the  trailing  edge  iwnedia’ely  after  separntion-onsei .  As  previously,  the  indirect 
viscous  effect  can  be  estimated  by  comparing  the  results  of  CFD  calculaliuns  for  full  scale 
and  model  test  Reynolds  numbers  and  transition  positions. 

For  (bl,  no  extrapolation  procedure  can  be  put  furwurd  with  any  certninty.  The  main 
difficulty  lies  In  the  fact  that  model  teat  results  suggest  thnt  a  rear  mnuoeuvrc  flnp  enn  ae 
effective,  even  when  the  flow  is  fully  separated  over  one  surface.  1 11  other  words,  one  hns 

to  devise  an  cxtrnpolation  procedure  for  conditions  in  which  even  the  t_i_L _ scale  flow 

contains  a  rear  separation.  The  indirect  effects  enn  be  allowed  for  by  ext rapolatiug  the 
measured  rather  than  the  predicted  trends  nnd,  in  this  ense,  extrupolnting  the  measured 
trends  all  the  way  to  Rfun  genie  but  further  research  -  and  study  of  any  fl i ght- tunnel 
comparisons  -  is  needed  before  nc  can  say  with  confidence  that  this  is  sufficient. 

C  Manoeuvre  flap  effectiveness 

The  assessment  of  a  manoeuvre  flap  design  and  the  determination  of  how  to  optimise  the  settings  of  the 
flaps  to  suit  flight  at  different  conditions  nrc  likely  aims  for  model  tests  on  a  combat  aircrnfl.  An 
extrapolation  procedure  is  therefore  required  for  predicting  the  scale  effect  on  the  flnp 
effectiveness,  ic  £(.'[_,  ACm  and  £C$  due  to  flap  deflection.  One  should  however  resist,  the  temptation 
to  devise  a  procedure  for  the  direct  extrapolation  of  these  quantities,  it  is  preferable  to  treat  the 
wing  with  the  manoeuvre  flap  at  different  settings  as  distinct  configurations  nnd  to  extrapolate  the 
results  for  each  configuration  separately.  This  recommendation  is  based  on  the  fact  that  it  is  quite 
possible  for  a  change  in  flap  setting  to  alter,  not  merely  the  magnitude,  but  also  the  very  nature  of 
the  scale  effect.  For  example,  recalling  the  discussiun  in  Step  4  of  the  likely  scale  effect  for 
different  types  of  flow  pattern,  it  is  possible  to  visualise  a  situation"*  in  which  in  manoeuvring 
flight  at  say,  M  =  0.65, 

(il  the  scale  effect  with  the  flap  nt  O'  is  mostly  related  to  the  disappearaee  with  increase  in 
Reynolds  number  of  a  laminar  separation  nnd  its  replnccoent  by  a  turbulent  separation  either 
near  the  leading  edge  or,  more  probably,  spreading  forwnrd  from  the  rear  with  increase  In 
Incidence, 

< i i )  the  scale  effect  with  the  flap  deflected  down  at  say,  10'  is  related  to  the  effect  of 

Reynolds  number  on  the  development  of  a  shook- induced  separation  bubble  on  the  upper  surface 
near,  say,  0.15c  and  also  the  indirect  scnle  effect  associated  with  the  extent  to  which  u 
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thick  boundary  layer  is  capable  of  suppressing  the  expansion  in  the  flow  over  the  upper 
surface  around  the  knuckle  of  the  rear  flap  at,  say,  0.7  -  0.8c, 

(ill)  the  scale  effect  with  the  flup  nt  interned  into  settings,  eg  5',  enn  eontain  ali  these  effects 
interacting  with  each  other. 

It  is  clearly  unreasonable  to  expect  any  simple  rules-of-thumb  fnr  the  variation  of  aCp,  ACm  and  0Cp 
due  to  (lap  deflection  with  Reynolds  number  to  succeed  in  such  a  situation.  The  need  is  to  understand 
the  nature  uf  the  flow  at  ench  flap  setting  and  to  extrapolate  cnch  configuration  ns  if  it  was  a  new 
wing  design.  The  general  dictum  “know  your  flow"  is  crucinl. 

3. 3. 2. 3  Some  particular  examples  of  practical  intcreat 

The  general  methodology  for  a  combat  aircraft,  as  set  out  nbovc,  has  addressed  some  nf  the  complexity 
uf  the  flow  over  a  typical  clean  configuration  but  has  still,  for  the  sake  of  clarity,  omitted  some  of 
the  complication  likely  to  be  encountered  in  practical  applications  of  the  methodology.  For  cxnmplo, 
on  o  real  project,  the  flow  -  and,  in  particular,  the  viscous  effects  -  maj  be  controlled  by  some 
local  feature  of  the  aircroft  geometry  or  by  the  interaction  of  the  flow  fields  over  c lose-eoopled 
surfaces.  To  quote  four  typical  examples: 

(1)  On  several  aircraft  projects'*,  the  usable  lift  characteristics  have  been  enhanced  hv  the  use  of 
some  form  nf  lending-edge  device  nenr  or  outboard  of  mid-semi-spnn,  eg  n  snwtnuth,  n  notch  or  n 
small  fence.  The  common  feature  of  these  devices  is  that  they  provide  a  'fix'  to  the  flow 
pntlcrn.  Some  sources  of  scnle  effect  nrc  thereby  eliminated,  eg  whatever  the  Reynolds  number, 

part-span  vortices  will  tend  to  furm  outboard  and  inbuord  of  the  'fix'.  On  the  other  hand, 
experience  has  shown  that  Reynolds  number  can  uffeet  the  optimum  sponwise  position  for  sueh  a  fix 
and  if  there  arc  more  than  one,  the  spnnwlsc  distance  between  them.  Prediction  of  whether  sueh 
changes  arc  likely  to  occur  should  be  based  on  the  in-depth  a  indy  of  the  flow  pair  urns  in  Step  1 
and  devising  a  procedure  ill  Step  6  to  suit  the  observed  flow  phenomena. 

12)  On  several  nirernft  projects,  the  usable  1 1 f •  hns  been  eohnneed  by  the  fitting  nf  a  lending-edge 
chord  extension  or  stroke  nt  the  wing  root.  The  flow  patterns  aver  a  wing/s t ruke  comhlnniion  enu 
be  very  complicated3  but,  hi  sume  respects,  they  may  be  less  sensitive  to  changes  in  Reynolds 
number  than  the  apparently  ampler  flow  pattern  over  th-  wing  without  the  slrnkc,  The  basic  wtng 
lend  ,ig  edgc/churd  extension  nr  stroke  intoi »eet loo  selves  to  pusttion  severnl  mnjor  features  of 
the  flaw  pattern.  Also,  the  effect  nf  the  stroke  an  the  flow  over  the  rear  wing  upper  surface 
tends  to  reduce  the  risk  of  a  rcur  separation  occurring  even  nt  low  Reynolds  number.  On  the  other 
hnnd.  the  flow  under  the  vnrte.x  shed  by  the  highly  swept  stroke  lending  edge  rnn  sepnrule  nt  high 
incidences  and  this  development  can  Interact  with  nny  area  of  flnw  scpnintioii  on  the  outer  wing:  a 
general  methodology  may  not  be  able  to  cope  with  such  a  enmplex  situation. 

(31  Many  combat  aircraft  nrc  new  fitted  with  a  onnnrd  surface  and, in  sume  respects,  the  canard  flow 
field  has  similar  effects  to  the  flow  over  e  leading-edge  chord  extension  at  the  wing  ront.  Fnr 
example,  typical  effects  uf  the  canard  flow  field  include  a  l-cdueliun  in  the  lunding  on  the  inner 
wing  and  hence,  less  risk  of  a  rear  separation;  also,  the  rear  shock  will  hr  wrnkor  and  the 
forward  shuck  will  tend  to  originate  from  near  the  intersection  of  the  wing  lendiog  edge  and  the 
edge  of  the  canard  woke.  As  a  resolt,  the  intersection  point  of  ihe  3-shock  pattern  IFig  21  will 
be  forlhcr  oot  than  un  the  wing  without  canard  at  the  same  incidence  and  Mneh  number  and  thus,  the 
likely  spnnwise  extent  of  the  area  of  flaw  s-pnratimi  on  the  outer  wing  will  he  less.  All  these 
features  should  reduce  the  likel"  scale  effect  between  model  and  full  sente  and  impmve  the 
ability  to  opply  the  methodology.  On  the  other  hnnil,  t’c  flaw  over  the  canard  surfnee  itself  may 
contain  seal  e-sens: live  viscuos  effects  which  may  add  to  the  complication  by  inlcracting  with  the 
flnw  over  the  mnin  surface. 

(4)  Finally,  combat  aircraft  are  rcqoircd  to  carry  a  multrtodc  of  stores  which  are  often  moonted  on 
underwing  pylons,  Rvcn  the  bare  pylons  withoot  the  stores  enn  resolt  in  local  separations  on  the 
wing  iower  surface  near  the  pylons.  Arguable,  the  lncal  Mach  numbers  in  'he  wing-pylon  junctions 
are  uflrti  so  high  thnt  scale  effects  an  the  ronsequrnres  wnuld  nnl  be  expected,  but  it  is  siill 
possible  that  these  effects  will  he  relieved  bv  an  increase  hi  Reynolds  number.  This  adds  a 
further  element  of  uncertainly  bot  the  advice  must  still  be  to  npply  the  principles  of  the  general 
methodology  to  the  local  situation,  viz  know  yuor  flow  and  use  CFD  methods  to  guide  the 
ex t rapnlnt ion  whenever  possible. 

3 .3 .2. 4  Concluding  Rema rks 

Devising  a  viscuos  simulation  mclhodulogy  fnr  model  icsi.s  of  a  combat  oircrnfl  design  is  more 
difficult  than  for  a  sobsonic  transport.  The  geometry  is  more  complicated  nnd  hence,  more  difficult 
to  model  for  n  CFD  calculation;  the  flow  patterns  ure  more  complex  and  can  eontain  various  interacting 
features;  there  is  more  interest  in  the  development  of  the  flow  beyond  the  boffet-onset  boundary;  the 
ability  to  manipulate  the  boundary  layer  In  the  model  tests  is  more  limited.  N'evcrthelcss ,  one  should 
not  be  too  depressed;  in  many  cases,  there  may  be  relatively  little  scale  effect  and,  in  general,  the 
transition  positions  rcqoircd  to  give  Rcff  =  ^flight  "ill  be  further  forward  than  for  a  sobsonic 
transport  and  hence,  relatively  small  changes  in  transition  position  may  give  a  useful  lead. 

The  emphasis  In  the  methodology  as  described  in  §3. 3. 2. 2  rests  on  the  in-depth  study  of  the  flow 
patterns  and,  in  particular,  the  identification  of  the  scnlc-scnsitive  viscous  effects  in  the  flow- 
patterns  over  the  model  onder  test.  The  description  of  these  flow  patterns  nnd  of  how,  in  principle, 
to  construct  a  methodology  to  meet  the  various  possible  siloations,  is  based  on  moch  past  experience 
and  on  an  awareness  of  the  advances  in  CFD  methods.  However,  it  most  be  stressed  that  some  of  the 
detail  In  the  proposed  methodology  has  not  yet  been  validated  in  practice.  To  be  fuily  successful: 
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(i)  the  test  engineer  must  be  fully  aware  of  the  type  of  flow  over  the  test  configuration, 

(ii)  the  CFD  methods  nay  have  to  be  developed  further  to  cope  with  the  complicated  geometry 
and  complex  flow,  and 

(iii)  better  methods  than  aft-fixing  may  be  needed  to  manipulate  the  boundnry  layer  in  the 
model  tests  in  order  to  prevent  ,n  unrepresentative  lnminar  separation  and  to  obtain 
n  better  simulation  of  the  boundary  layer  thickness  ahead  of  a  region  of  the  surface 
where  separations  are  expected  to  occur  both  in  the  mode)  tests  and  in  flight  at  full- 
scale  Reynolds  numbers. 

It  is  rccommcudccd  that,  to  gain  experience,  the  proposed  methodology  should  be  applied  for  a 
significant  period  in  parallel  with  whatever  is  the  established  practice.  Any  large  differences  in 
the  extrapolated  results  should  be  assessed  to  find  whether  the  reasons  justify  departure  from 
existing  practice:  in  other  words,  the  methodology  that  has  been  set  nut  above  should  be  better,  being 
on  a  sound  scientific  basis,  but  it  will  still  have  to  prove  itself  in  the  future. 
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A  VARIETY  OF  WING  PLANFORMS  FOR  COMBAT  AIRCRAFT 


TYPICAL  SHOCK  PATTERN  :  COMBAT  AIRCRAFT  WING 
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TYPE  D  FLOW  DEVELOPMENT 
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ftG  7  TYPC  E  FLOW  DEVELOPMENT 


FIG  8  TYPE  F  FLOW  DEVELOPMENT  (PROVOKEO  BY  PRESENCE  OF  TYPE  C) 
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1  First  appeoronce  of  supercriticol  f  low 

2  First  appeoronce  of  shock  induced  seporation  bubble 

3  Full  seporotion  from  shock  to  T.E. 
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A-F  Types  of  flow  breokdown  -  see  texl 
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FLOW  DEVELOPMENT  :  WING  CLASS  I 


KEY 

1  First  appearance  of  supercritical  flow 

2  First  appearance  of  shack  induced  separation  bubble 

3  Full  seporation  from  shock  to  T.E. 

A  Mojor  breok  in  C|_-  QL  curve 

A-F  Types  of  flow  breokdown  -  see  text 
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3  Full  seporotion  from  shock  to  TE 
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A-F  Types  af  flow  breokdown  -  see  text 
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rLOW  DEVELOPMENT  :  WING  CLASS  III 


1  First  appearance  af  supercriticot  Mow 

2  First  appearance  of  shack  induced  separation  bubbte 

3  Full  seporotian  from  shack  to  T.E 
A  Major  breok  in  curve 

A-F  Types  af  flow  breokdown  -  see  text 
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FLOW  DEVELOPMENT  :  WING  CLASS  IV 
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DIAGRAMMATIC  ILLUSTRATION  OF  VISCOUS  EFFECTS  ON  FLOW  PATTERN  D 


COMPARISON  OF  FLOW  OVER  WINGS  III  AND  IV  :  M  •  0.80 
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COMPARISON  OF  FLOW  OVER  WINGS  III  ANO  IV  :  M  =  0.90 
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EFFECT  OF  TRANSITION  ON  FLOW  BREAKDOWN  OF  TYPE  D 
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COMPARISON  OF  POSSIBLE  AFT  TRIPS  PROPOSED  IN  STEP  5 
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USE  OF  DIFFERENT  CRITERIA  TO  DETERMINE  Rcr^t 
AND  TO  IDENTIFY  SIMULATION  SCENARIO 
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SECTION  3.3.3 

MISSILES,  FUSELAGES  AND  SIMILAR  BODIES 

by 

Dr  J.L.Potter 
200  Sheffield  Place 
Nashville.  TN  37215.  USA 


NOMENCLATURE 

Cl  lift  coefficient 

Cno  normal  force  coefficient 

Cy  side  force  coefficient 

D  base  diameter  of  a  body 

d  local  body  diameter 

H  boundary  layer  shape  factor,  S*/6 
k  roughness  height 

M  Mach  number 

p  spin  rate,  radians/sec 

R  body  radius 

Re  Reynolds  number 

Re  Reext/(Recxt  0  Tw=Taw) 

Rea  Reyholds  number  defined  by  Eqs.  (1-3) 

T  temperature 

Tw  Tw/Taw  * 

U  freestream  velocity 

V  U  sin  a 

W  U  cos  a 

x  coordinate  along  windward  attachment  line 

y  coordinate  along  surface  in  circumferential  direction  from  windward 
attachment  line 
a  angle  of  attack 

5  boundary  layer  total  thickness 
5*  displacement  thickness 

u  kinematic  viscosity 

0  momentum  thickness 

Subscripts 

aw  adiabatic  wall 

crit.  designates  critical  Reynolds  number  (see  Sect.  4.2) 

D  based  on  maximum  afterbody  diameter 
d  based  on  local  body  diameter 
e,8  edge  of  boundary  layer 

eff.  designates  effective  Reynolds  number  (see  Sect.  4.2) 
k  at  the  roughness 

s  at  separation 

t  at  beginning  of  transition 

w  wall 

x  based  on  s^reamwise  length 

»  freestream 

o  at  the  attachment  line 

1  upstream  of  shock  or  trip 

2  downstream  of  shock  or  trip 
3. 3. 3.1  INTRODUCTION 

The  flows  about  elongated  bodies  are  discussed  in  the  context  of  simulation  and  scal¬ 
ing  in  Ref.  1.  With  that  as  a  point  of  departure,  the  present  discussion  is  confined  to  the 
practice  of  tripping  laminar  boundary  layers  at  locations  on  models  selected  with  the  goal 
of  imulating  higher  Reynolds  numbers.  This  goal  normally  is  associated  with  sub-scale  test¬ 
ing  in  wind  tunnels  under  sire  and  unic  Reynolds  number  limitations  that  prevent  duplica¬ 
tion  of  full-scale  Reynolds  numbers  of  the  aircraft  or  missile  under  study. 
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The  thorough  discussion  of  the  goals  and  principles  of  test  planning  presented  in 
Section  3.2.1  should  be  read  as  a  part  of  this  introduction.  Even  though  the  specific  flow 
features  selected  for  primary  attention  in  the  effort  toward  determining  aerodynamic  charac¬ 
teristics  at  flight  Reynolds  numbers  may  be  different  when  missiles  instead  of  wings  are 
considered,  the  principles  are  unchanged. 

It  should  be  noted  that  hypervelocity  re-entry  bodies  are  not  included  in  this  dis¬ 
cussion,  although  some  of  the  comments  could  apply  equally  to  those  missiles.  Thus,  Mach 
numbers  are  assumed  to  vary  from  subsonic  up  to  low  supersonic  values. 

In  contrast  to  airplane  test  programs,  the  missile  designer  often  can  match  full- 
scale  flight  Reynolds  numbers  in  wind  tunnels  and  often  can  use  actual  prototype  airframes 
rather  than  sub-scale  models.  In  such  cases,  tripping  normally  is  not  necessary  or  desirable. 
Lift  and  drag,  including  lift  nonlinearity  at  angle  of  attack,  and  control  effectiveness 
frequently  are  the  aerodynamic  characteristics  of  most  interest.  Detailed  data  such  as  pres¬ 
sure  distribution  or  boundary  layer  transition  and  separation  locations  are.  never  obtained 
from  flight  tests  on  many  tactical  missiles. 

The  review  of  possible  flow  phenomena  and  the  effects  of  Reynolds  number  illustrated, 
e.c  ,  in  Refs.  1  and  2,  suggests  that  many  of  the  strategies  developed  mainly  in  testing 
ai  -foil  and  wing  models  may  also  be  appropriate  when  missile  and  fuselage  shapes  are  in- 
vclveo'.  These  include  "forward  fixing,"  "aft  fixing,"  and  "free-transition"  testing.  See, 
e.g.,  Sections  3.2.1  and  3.2.2  of  this  report  and  also  Ref.  3.  Inasmuch  as  airplane  con¬ 
figurations  are  well  covered  in  other  parts  of  this  document,  missiles  of  airplane-like 
design  are  not  discussed  in  this  Section.  In  particular,  the  techniques  for  transonic  test¬ 
ing  of  wings  and  airfoils  are  not  discussed,  in  deference  to  the  detailed  coverage  in  the 
earlier  Sections.  Conditions  more  typical  of  missiles,  such  as  higher  Mach  numbers,  axisym- 
metric  or  elongated  shapes,  and  the  possibility  of  very  high  angles  of  attack  are  assumed. 
The  latter  conditions  may  bring  about  a  need  for  an  arrangement  of  boundary  layer  trips  that 
is  peculiar  to  missile  testing.  Bodies  of  revolution  and  similar  elongated  shapes  at  high 
angles  of  incidence  often  are  strongly  affected  by  the  separated  vortical  flows  on  their  lee 
sides.  Consideration  of  this  latter  type  of  flow  has  led  to  use  of  longitudinal  as  well  as 
circumferential  trip  placements.  Many  examples  of  this  practice  have  been  reported,  e.g.. 
Ref.  4. 


It  seems  impossible  to  write  an  unconditional,  step-by-  step  program  that  will  al¬ 
ways  lead  to  an  accurate  prediction  of  full-scale  aerodynamic  coefficients  on  .he  basis  of 
sub-  scale  wind  tunnel  data.  What  follows  has  to  be  looked  upon  as  a  general  outline  wherein 
it  is  hoped  that  the  philosophy  and  technical  approach  are  useful  guides  for  test  engineers. 


3. 3. 3. 2  DEFINING  DESIRED  BOUNDARY  LAYER  CHARACTERISTICS 

The  ultimate  purpose  of  the  testing  program  is  assumed  to  be  the  prediction  of  full- 
scale  flight  aerodynamic  coefficients  or  related  information.  Therefore,  a  provisional  plan 
leading  to  that  goal  is  necessary  to  guide  the  steps  taken  in  the  test  program.  The  plan 
may  be  altered  by  results  obtained  in  the  course  of  testing,  but  it  is  needed  nevertheless. 

The  configuration  and  the  operating  condition  to  be  simulated  obviously  influence 
the  procedure  to  be  followed.  If  a  relatively  simple  ogive-cylinder  at  low  angles  of  at¬ 
tack  is  involved,  little  effect  of  freestream  Reynolds  number  on  overall  normal  force  coef¬ 
ficient  would  be  anticipated,  provided  that  the  boundary  layer  is  largely  turbulent,  and 
overall  axial  force  coefficient  would  be  expected  to  follow  a  trend  with  Reynolds  number 
dictated  by  the  applicable  skin  friction  equation.  However,  extrapolation  of  a  trend  deter¬ 
mined  by  data  for  low  Reynolds  number  may  be  hazardous  if  large  angles  of  attack  are  in¬ 
volved.  This  is  illustrated  in  Fig.  1,  from  Ref.  5,  where  there  is  an  apparent  reversal  of 
trend  of  CNO  with  Reynolds  number.  (Reynolds  number  is  based  on  freestream  conditions  and 
afterbody  diameter.)  This  arises  because  of  the  interdependence  of  local  flow  separation, 
pressure  distribution,  transition  location,  and  vortex  formation.  Figure  1  presents  a  sub¬ 
sonic  case;  at  significantly  higher  Mach  numbers  the  situation  could  be  different  because 
shock  waves  may  also  interact  with  the  boundary  layer.  The  (a,  M~)  boundaries  where  these 
asymmetries  may  occur  are  altered  at  higher  Mach  numbers,  as  shown  in  Fig.  2  which  is  taken 
from  Ref.  6. 

A  particularly  thorough  discussion  of  the  variations  in  aerodynamic  loads  on  ogive- 
cylinders  in  subsonic  flow  that  were  brought  about  by  changing  Reynolds  number  and  incidence 
has  been  given  in  Ref.  7.  It  is  brought  out  that  not  merely  the  laminar  or  turbulent  state 
of  the  boundary  layer  but  also  the  location  of  transition  is  important  in  determining  the 
separation  boundaries,  and  that  critical  (i.e.,  transitional)  Reynolds  numbers,  based  on  a 
reference  dimension,  Reo,  may  be  much  different  for  stations  on  a  tapered  nose  where  local 
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body  diameter,  d,  and  local  crossflow  Reynolds  number  based  on  d  will  be  variable  and  lower 
than  ReD.  This  is  illustrated  by  Fig.  3  from  Ref.  7.  The  possibilities  for  different  dis¬ 
tributions  of  loading  and  Reynolds  number /alpha  responses  are  suggested  by  Fig.  3  when  it 
is  remembered  that  crossflow  drag  coefficients  and  locations  of  separation  on  cylinders  are 
strongly  influenced  by  laminar-to-turbulent  transition  which  depends  on  local  Reynolds  num¬ 
bers  and  pressure  gradients. 

Because  of  the  complex  interdependence  of  transition  and  separation  boundaries  and 
the  resulting  load  distribution,  it  would  seem  especially  important  to  match  relative  flight 
transition  locations  when  testing  in  wind  tunnels.  Noting  that  a  range  of  vehicle  attitudes 
may  exist  in  flight  and  that  transition  boundaries  will,  in  general,  change  with  each  com¬ 
bination  of  roll/yaw/pitch,  it  is  apparent  that  an  extended  test  program  will  be  required 
if  a  thorough  investigation  of  all  possibilities  is  carried  out.  To  be  completely  rigorous, 
the  test  planner  will  have  to  estimate  the  transition  boundary  for  each  vehicle  attitude  of 
possible  interest  so  that  appropriate  boundary  layer  tripping  can  be  done. 

A  carefully  considered  decision  has  to  be  made  regarding  whether  it  is  desired  to 
produce  the  asymmetric  aerodynamic  loading  that  may  occur  when  a  smooth,  slender  cylindri¬ 
cal  body  experiences  a  range  of  Reynolds  numbers  and  angles  of  incidence.  An  alternative 
obviously  is  the  suppression  or  elimination  of  these  rather  complex  and  possibly  troublesome 
effects  of  transition/separation  by  placing  suitable  trips  and,  if  needed,  separation-fixers 
or  mini-strakes  on  the  body.  The  latter  presumably  would  be  done  only  if  the  full-scale 
vehicle  also  would  be  so  equipped.  In  this  discussion  it  is  assumed  that  only  tripping  is 
planned  and  that  it  will  be  done  for  the  purpose  of  simulating  full-scale  viscous  phenomena, 
net  necessarily  to  eliminate  the  viscous-flow  effects  such  as  those  illustrated  in  Refs.  5- 
7  and  elsewhere.  When  these  effects  are  viewed  from  the  position  of  the  designer  of  the 
full-scale  vehicle,  it  seems  clearly  advantageous  to  incorporate  features  in  the  configura¬ 
tion  to  encourage  symmetrical  separations.  This  would  tend  to  minimize  out-of-  plane  for¬ 
ces  and  lead  to  more  predictable  aerodynamics,  cf.  Ref.  8.  Again  it  is  emphasized  that  the 
present  discussion  concerns  simulation  through  boundary  layer  management,  not  elimination 
or  suppression  of  natural  phenomena  that  will  be  encountered  in  flight. 

One  hears  occasional  remarks  that  no  evidence  of  these  asymmetrical  flows  has  been 
seen  in  flight  tests.  In  many  cases  this  may  result  from  analyzing  free-flight  by  fitting 
measured  mot. n: -  with  equations  of  motion  that  do  not  make  provision  for  the  necessary  out- 
of-plane  compo  p  ts.  Other  reasons  may  be  relatively  rapid  changes  in  angles  of  incidence 
and  roll,  as  wel.  as  changing  Reynolds  and  Mach  numbers  typical  of  missile  flights,  or  the 
influence  of  trajectory  control  systems  working  to  oppose  forces  that  would  drive  the  vehicle 
off  course.  Spin-stabilized  missiles  or  ones  that  are  spun  slowly  only  to  minimize  effects 
of  misalignments  should  be  less  likely  to  exhibit  the  type  of  asymmetric  forces  that  are 
caused  by  imperfections  in  body  contour.  The  present  discussion  ignores  asymmetric  forces 
due  t'  flow  or  body  "defects, "  although  it  is  obvious  that  they  may  occur.  The  presence  of 
canards  or  other  protuberances  near  the  nose  also  will  modify  the  leeside  flow.  However, 
in  principle,  there  would  seem  to  be  no  reason  not  to  expect  these  asymmetric  flow  phenomena 
under  appropriate  conditions  in  flight  as  well  as  in  wind  tunnels. 

Testing  of  aircraft  models  with  such  features  as  nacelles,  external  stores,  inlets, 
and  propellers  or  rotors  presents  special  problems  that  cannot  be  easily  handled.  The  ef¬ 
fects  of  interfering  flows  as  well  as  scale  have  to  be  considered,  and  the  susceptibility 
of  the  particular  measurements  to  boundary  layer  effects  is  important.  The  usual  require¬ 
ment  would  appear  to  be  the  thinnest  possible  turbulent  boundary  layer  ahead  of  stations 
where  separation  may  occur  on  the  components  deemed  sensitive  to  scale  effect,  but  the  thick¬ 
ening  of  the  boundary  layer  resulting  from  tripping  when  local  Reynolds  numbers  are  very  low 
may  be  more  harmful  than  the  consequences  of  accepting  a  laminar  layer  for  which  6*/ (criti¬ 
cal  local  dimension)  is  closer  to  the  full-  scale  value.  Of  course,  it  is  sometimes  pos¬ 
sible  by  aft  tripping  to  achieve  the  desired  boundary  layer  state  at  a  lower  8/x  in  the  wind 
tunnel  than  the  corresponding  ratio  in  flight.  That  may  seem  undesirable,  but  it  could  be 
useful  in  studies  of  the  Reynolds  number  sensitivity  of  the  data. 

The  case  of  bodies  with  non-circular  cross  sections  also  deserves  mention.  Examples 
of  aerodynamic  data  on  such  bodies  may  be  found  in  Refs.  9-11,  among  others.  Figures  in 
Ref.  9  illustrate  some  of  the  flow  patterns  that  must  be  kept  in  mind  when  planning  bound¬ 
ary  layer  trip  placements.  Very  strong  effects  of  a  trip  wire  on  yawing  moment  at  higher 
angles  of  attack  are  illustrated  in  Ref.  10,  but  it  is  quite  possible  that  the  so-called 
trip  wire  served  to  fix  separation  and  enforce  symmetry  of  leeside  vortices.  The  potential 
for  this  dual  effect  of  trips  should  be  recognized  because,  as  stated  earlier,  it  is  impor¬ 
tant  to  distinguish  between  trips  and  strakes  or  salient  edges  when  deciding  what  should  be 
simulated  in  testing. 

If  a  fuselage  or  nozzle-afterbody  test  is  being  conducted,  several  factors  have  to 
be  considered.  First,  it  must  be  noted  that  a  fuselage  forebody  may  be  similar  to  the  ogive- 
cylinder  already  discussed  insofar  as  effects  of  flow  separation  at  high  angle  of  attack 
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are  concerned.  Thus,  scaling  procedures  would  also  be  similar.  A  fuselage  with  an  upswept 
afterbody  usually  will  be  strongly  affected  by  flow  separation,  even  at  low  angle  of  attack 
In  some  cases,  the  location  of  separation  will  be  fixed  by  salient  edges,  i.e.,  the  situa¬ 
tion  where  flow  separation  is  fixed  at  sharp  discontinuities  in  the  body  surface.  Then,  the 
effects  of  changes  in  Reynolds  number  usually  are  small  if  the  boundary  layer  is  turbulent 
upstream  of  separation.  If  the  body  contour  is  rounded,  so  that  a  salient  edge  is  not 
presented,  the  simulation  is  more  critical.  The  laminar  or  turbulent  state  of  the  boundary 
layer  and  the  relative  thickness  should  be  duplicated  or  approached  to  the  degree  possible 
upstream  of  the  area  in  question.  Recalling  that  separation  is  largely  dictated  by  the  pres¬ 
sure  aradient,  given  that  the  boundary  layer  is  laminar  or  turbulent  (cf.  Refs.  12-16)  it 
would  seem  to  follow  that  assuring  the  full-scale  boundary  layer  state  (laminar  or  turbulent) 
and  relative  displacement  thickness  (8*/R)  are  most  important  in  scale  model  testing  where 
separation  is  the  main  concern.  When  it  is  not  feasible  to  approximate  relative  thickness, 
the  effort  normally  will  be  directed  to  minimizing  thickness. 

Testing  of  complete  aircraft  models  at  large  angles  of  attack  is  done  to  determine 
post-stall  behavior,  which  can  be  a  critical  safety  consideration.  When  vortices  off  of  the 
fuselage  and/or  nacelles,  and  the  wing  wake  blanket  the  tail  surfaces,  as  may  happen  at 
angles  above  stall,  loss  of  tail  effectiveness  can  occur.  Therefore,  there  is  more  than 
academic  interest  in  the  flow  over  fuselages  and  similar  bodies  at  high  incidence. 

Duplicating  boundary  layer  shape  factor,  H,  has  been  given  as  a  criterion  when  separa¬ 
tion  is  studied.  If  a  requirement  of  a  fully-developed  turbulent  boundary  layer  is  imposed, 
as  is  typical,  then  if  the  tripping  is  not  done  too  close  to  the  separation,  the  full-scale 
shape  factor  often  can  be  approached.  For  some  distance  (*=2  052)  downstream  of  trips,  H  is 
elevated  because  8*/8  may  be  raised  and  0/8  lowered  by  the  trips.  An  example  from  Ref.  17  is 
shown  in  Fig.  4.  Aft  tripping  to  achieve  lower  displacement  thickness  should  not  be  done 
too  near  to  the  expected  shock  wave  or  separation  point,  say  no  less  than  208]  distant. 

These  considerations  have  been  briefly  discussed  to  indicate  the  analytical  approach 
that  should  be  taken  in  planning  a  series  of  experiments  leading  toward  prediction  of  full- 
scale  aerodynamics  of  missiles,  fuselages  and  similar  bodies.  Much  more  could  be  written, 
but  it  is  not  feasible  to  cover  all  of  the  many  types  of  simulation  problems  that  may  be  en¬ 
countered.  Scale  effects  on  airfoils  and  wings  have  received  particular  attention  (see, 
e.g.  Refs.  2  and  18-20).  When  the  desired  scale-model  boundary  layer  characteristics  have 
been  defined,  based  upon  careful  analysis  of  predicted  full-scale  conditions  and  appropriate 
simulation  parameters,  the  rest  plan  may  be  written.  Rarely  can  all  of  the  suggested  criteria 
for  simulation  be  satisfied.  Compromi.-es  usually  have  to  be  accepted,  and  in  those  cir¬ 
cumstances  the  criteria  -erve  as  goals. 


3. 3. 3. 3  STEPS  IN  A  GENERAL  TEST  PLAN 

To  a  large  extent,  these  steps  are  consistent  with  Section  3.2.1  and  other  earlier 
discussion.  Therefore,  as  already  recommended,  these  parts  of  this  report  may  be  read  for 
added  insight,  even  if  interest  is  confined  to  missile  or  'uselaoe  shapes. 

Step  1  -  Collection  of  relevant  information.  This  includes: 

(i)  test  conditions; 

(ii)  tunnel  flnw  charac;  eristics; 

(iii)  dimensioned  model  drawings; 

(iv)  Model  surface  roughness  and  mounting  details  that  may  affect  test  data; 

(v)  information  on  any  differences  between  the  model  and  the  full-scale  vehicle, 
including  gaps,  excrescences,  and  ximilar  features; 

(vi)  scope  of  instrumentation  and  flow  visualization  to  be  used  in  the  test. 

(vii)  selection  of  critical  points  or  lines  in  the  flight  envelope.  These  condi¬ 
tions  provide  a  focus  for  the  simulation  effort.  Usually  they  will  follow 
from  the  design  requirements  of  the  aircraft  or  missile,  and  they  may  be  defined 
in  the  (Cl,  M«o)  or  (a,  M~>)  and  altitude  space. 


Step  2  -  Prediction  of  major  differences  in  viscous  effects  between  wind  tunnel  and 
flight,  using  CFD  and  empirical  tools  available.  See  Section  4. 

These  differences  generally  stem  from  differences  in  transition  location  and/or 
separation.  Boundary  layer  thickness  and  shape  factor,  as  well  as  transition  location  may 
be  of  concern.  With  the  use  of  criteria  for  predicting  the  location  of  transition,  estimates 
must  be  made  for  both  the  full-scale  and  the  wind  tunnel  cases  corresponding  to  the  opera¬ 
tional  points  identified  in  Step  1.  Most  readers  probably  will  agree  that  this  step  can 
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only  result  in  approximate  and  uncertain  estimates  at  the  current  state  of  the  art  unless 
there  has  been  prior  experience  with  closely  similar  conditions.  A  brisk  argument  is  like¬ 
ly  to  arise  if  any  specific  procedure  is  advocated.  At  this  time  most  effort  is  being  devoted 
to  the  e”  methodology,  but  it  is  not  in  wide  use  for  test  planning. 

Sometimes  f  ' l-scale  Reynolds  numbers  are  great  enough  and/or  construction  of  the  vehicle 
skin  is  rouv  .ough  to  justify  the  assumption  of  full-scale  transition  very  near  the  nose. 
Then,  if  there  has  been  prior  experience  with  similar  tests  in  the  particular  wind  tunnel 
involved,  the  wind  tunnel  engineers  usually  will  have  enough  empirical  knowledge  to  make 
good  estimates  for  the  wind  tunnel  case.  Determination  of  transition  location  on  the  wind 
tunnel  model  is  one  of  the  first  test  objectives  recommended.  At  this  stage  the  concern 
is  on  the  differences  between  flight  and  tunnel.  Prior  to  flight  tests,  the  greater  uncer¬ 
tainty  usually  pertains  to  the  full-scale  case.  This  subject  is  discussed  again  later. 

Step  3  -  Primary  experimental  assessment  of  viscous  effects  at  tunnel  conditions. 

This  may  involve  the  following: 

(a)  Free-transition  testing  -  This  is  helpful  for  determining  what  trip  size  and 

placement  to  use,  if  any  at  all,  and  it  will  contribute  to  a  better  estimate  of  full-scale 
transition  location.  The  measurements  to  be  made  in  this  phase  of  testing  will  be  deter¬ 
mined  by  overall  test  objectives.  Pressure  or  heating  rate  distributions  are  more  indica- 
ti-  '  of  local  flow  conditions  and  boundary  layer  state.  If  only  forces  are  measured, 
trjnsition  and  separati  n  vocations  must  be  found  by  either  boundary  layer  probinq  or  use 
of  a  technique  for  making  transition  and  separation  visible.  The  latter  may  include  shadow 
or  schlieren  photography  systems,  the  application  of  a  coating  to  the  model  that  responds 
to  transition  and  separation,  or  thermo-optical  devices  that  locate  transition  and  separa¬ 
tion  by  sensing  the  variations  in  surface  temperature  corresponding  to  laminar  and  turbulent 
or  separated  flow  heating  rates.  Obviously,  the  applicability  of  these  techniques  is  de¬ 
pendent  on  the  test  conditions  and  model.  Density  gradients  and  aerodynamic  heating  rates 
are  usually  inadequate  to  give  good  results  from  techniques  dependent  on  those  quantities 
at  subsonic  or  even  transonic  Mach  numbers.  Discussions  of  transition  detection  methods  are 
contained  in  Refs.  21-23  and  various  other  sources.  Separation  usually  will  be  detected  by 
the  same  techi.iques. 

(b)  Tests  with  fixed  transition  -  -  -  Transition  is  fixed  at  the  estimated  flight 
locations  and  the  measurements  of  Part  (a)  are  repeated.  (Trip  selection  is  discussed  in  a 
later  section.)  Flow  visualization  is  again  important.  Differences  in  separation  locations 
and  extent  found  in  Parts  (a)  and  (b)  should  be  noted  and  related  to  both  boundary  layer 
conditions  and  the  other  measured  data.  Under  transonic  conditions,  shock  positions  may 
differ  between  Parts  (a)  and  (b) ,  and  this  also  should  be  noted.  Especially  in  the  case  of 
configurations  with  canards,  strakes,  or  other  components  providing  interfering  flows  that 
may  cause  upstream  transition,  it  may  be  concluded  that  the  addition  of  trips  did  not  bring 
about  any  change  in  the  overall  aerodynamic  coefficients.  In  such  an  event,  further  test¬ 
ing  with  boundary  layer  tripping  may  not  be  necessary. 

The  purpose  of  Steps  3  and  4  is  to  define  a  "baseline"  trend  of  the  desired  data  as 
Reynolds  number  changes,  or  at  least  a  baseline  condition  which  provides  the  point  of  depar¬ 
ture  for  Reynolds  number  scaling.  It  hardly  needs  to  be  emphasized  that  this  baseline  trend 
must  be  truly  a  result  of  change  in  Reynolds  number  of  the  flow  over  the  model  and  not  a 
result  of  changes  in  flow  quality  or  tunnel  wall  interference  that  accompanied  the  change 
in  freestream  unit  Reynolds  number.  Testing  over  a  range  of  Reynolds  number  (Re  sweeps', 
with  more  than  one  trip  location  and/or  roughness  height  may  be  necessary  to  properly  define 
a  baseline. 

A  word  of  caution  may  be  in  order  if  an  airframe  with  fins  or  strakes  is  being  tested. 
The  question  of  trips  for  those  components  should  not  be  overlooked,  and  it  may  be  especial¬ 
ly  critical  if  deflected  aerodynamic  control  surfaces  are  involved.  Relative  or  nondimen- 
sional  boundary  layer  thicknesses,  as  well  as  their  laminar  or  turbulent  state,  are  likely 
to  influence  results.  If  there  are  gaps  between  surfaces,  the  ratio  of  8*/ (gap  width)  may 
be  significant.  Testing  with  a  fully  laminar  boundary  layer  may  be  considered  when  the  thin¬ 
nest  local  boundary  layer  is  desirable  for  simulating  flows  over  surfaces  where  boundary 
layer  thickness  is  not  negligible  in  comparison  to  the  model  dimension  area  in  question. 
However,  it  is  important  to  remember  that  laminar  boundary  layers  separate  more  readily  than 
turbulent  layers,  and  that  may  be  the  primary  consideration. 

At  this  stage,  additional  CFD  results  may  be  helpful  because  it  would  now  be  pos¬ 
sible  to  compare  the  measured  data  with  computations.  If  trends  and/or  absolute  values  are 
in  agreement,  this  knowledge  may  be  used  in  planning  further  testing. 
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Step  4  -  -  -  Study  in  depth  of  viscous  effects  for  selected  critical  conditions. 

There  are  two  approaches  to  this  step  that  may  be  taken  individually  or  in  combina¬ 
tion  depending  upon  the  particular  circumstances.  Two  determining  factors  are  the  spatial 
extent  over  which  transition  can  be  controlled  on  the  wind  tunnel  model  and  the  degree  of 
certainty  with  which  full-scale  transition  and  separation  are  predictable.  Testing  costs 
are  another  factor  likely  to  be  important  in  determining  how  thoroughly  this  step  is  studied. 
However,  it  is  not  the  purpose  to  address  economic  concerns  here.  Two  sub-steps  are  sug¬ 
gested. 

(4a)  Boundary  layer  manipulation  to  approximate  the  key  condition (s)  predicted  for 
full-scale  Reynolds  number  -  -  -  The  key  condition (s) ,  singular  or  plural,  may  be,  e.g., 
boundary  layer  transition  location,  possibly  with  implicutions  for  leeside  vortices;  or 
boundary  layer  thickness  and  shape  factor  immediately  upstream  of  a  shock  wave,  a  base,  or 
an  inlet.  Criteria  for  predicting  separation,  such  as  given  in  Refs.  12-16,  are  often  use¬ 
ful  in  deciding  how  to  proceed  in  this  step  if  one  is  dealing  with  airfoils.  However,  similar 
criteria  have  not  been  developed  for  bodies  such  as  typical  missiles,  fuselages,  and  similar 
bodies  at  angles  of  incidence.  Calculations  can  be  made  for  these  latter  bodies,  but  the 
processes  known  to  the  writer  are  too  lengthy  and  complex  to  be  popular  for  test  planning 
at  this  time.  As  shown  by  many  experiments,  separation  along  these  bodies  occurs  at  vary¬ 
ing  circumferential  positions  along  the  length  even  though  angle  of  incidence  is  fixed,  cf. 
Ref.  1  and  listed  sources  therein. 

Step  4a  differs  from  Step  3  in  that  it  is  directed  to  simulatiort  of  full-scale  vis¬ 
cous  effects  at  critical  locations  on  the  model,  in  contrast  to  the  direct  attempt  to  match 
only  the  relative  transition  location  as  done  in  Step  3.  Differences  in  results  may  lead 
to  identification  of  significant  problems  in  simulation  and  enable  the  experimenters  to  plan 
Step  4b.  ' 


(4b)  The  next  recommended  step  is  testing  with  transition  locations  based  on  study 
and  comparison  of  the  results  from  Steps  3  and  4a.  This  phase  of  testing  is  intended  to 
provide  the  data  for  extrapolation  to  the  fl'ight  Reynolds  number.  If  it  is  believed  that 
the  best  simulation  will  result  from  fixing  transition  at  the  relative  location  predicted 
for  full-scale  flight,  then  that  should  be  done  and  the  data  taken  for  the  full  range  of 
Reynolds  number.  If  it  is  believed  that  relative  boundary  layer  thickness  and/or  shape  fac¬ 
tor  at  a  critical  location  are  the  significant  factors,  then  transition  fixation  should  be 
done  with  that  objective.  When  resources  are  sufficient  to  allow  the  extra  effort,  both  ap¬ 
proaches  are  recommended  as  a  way  to  assess  criticality  of  these  factors. 

y 

Step  5  -  -  -  Consolidation  of  data 

The  data  should  be  analyzed  in  depth  to  evaluate  the  apparent  degree  of  simulation 
and  the  likelihood  that  a  solid  baseline  trend  with  Reynolds  number  has  been  defined.  At¬ 
tention  must  be  paid  to  is;  ’S  already  highlighted,  such  as  the  extent  to  which  the  ap¬ 
plicable  simulation  pararm  is  have  been  matched  with  predicted  flight  values  and  the 
possibility  that  spurious  effects  have  arisen  because  of  deficiencies  in  testing  capabilities. 
The  measured  data  should  be  examined  for  evidence  of  the  predicted  trends,  particularly  for 
changes  with  Reynolds  number  that  indicate  whether  Reef;,  is  greater  or  less  than  Reqrit.  for 
important  aerodynamic  phenomena.  (This  topic  is  elaborated  on  in  Section  3.2.1  and  later.) 
Unexpected  trends  .,aturally  will  need  analysis  if  they  are  revealed.  Questions  of  utmost 
interest  are: 

Do  the  data  and  calculations  agree  well  enough  to  suggest  t’-at  the  full-scale 
viscous  flow  has  been  adequately  simulated,  and  has  a  sound  base  for  any  neces¬ 
sary  extrapolation  been  laid  down?  If  not,  why? 

Step  6  -  -  -  Prediction  of  full-scale  aerodynamic  coefficients 

At  this  point  the  experimental  data  for  use  in  the  planned  extrapolation  should  be 
in  hand.  If  it  has  been  possible  to  obtain  data  defining  a  baseline  trend  which  is  thought 
to  be  suitable  for  straightforward  Reynolds  number  scaling,  it  remains  to  account  for  tran¬ 
sition  and  shock  wave  movements,  skin  friction  coefficient,  and  displacement  thickness  varia¬ 
tion  with  increasing  Reynolds  number.  A  safe  baseline  trend  is  one  which  is  not  expected 
to  undergo  discontinuous  or  unpredictable  change  with  Reynolds  number  such  as  could  result 
from  a  major  movement  of  transition  or  separation  locations.  In  many  cases,  this  will  be 
provided  by  the  data  collected  in  Step  3.  In  more  complex  problems,  study  and  comparison 
of  the  data  from  Steps  3  and  4  is  required  in  order  to  establish  the  baseline  trend. 

Awareness  of  potential  pitfalls  in  the  extrapolation  is  essential.  If  it  is  thought 
that  Steps  3  and  4  have  not  led  to  a  secure  baseline,  special  tests  to  explore  possible  trend 
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breakdowns  may  be  justified.  An  example  would  be  a  test  of  a  model  with  the  critical  parts 
fabricated  to  contours  simulating  the  reduced  displacement  thickness  that  would  correspond 
to  a  greater  Reynolds  number.  Although  this  artifice  would  reveal  high  Reynolds  number  pres¬ 
sure  coefficients  and  flow  separation,  some  experimental  data  such  as  total  drag  would  have 
to  be  adjusted  to  account  for  the  low  Reynolds  number  skin  friction  present. 

Because  many  wind  tunnel  tests  do  not  include  simulated  propulsive  units  or  associated 
inlet  and  exhaust  flows,  it  is  important  to  account  for  these  features  of  the  full-scale 
vehicle  in  arriving  at  full-scale  aerodynamic  coefficients.  Differences  in  boattail  and 
base  pressures  are  likely  when  jet-on  and  jet-off  conditions  are  compared.  This  is  not  al¬ 
together  a  viscous-flow  problem,  but  there  may  be  a  significant  interaction  between  the  in- 
viscid  and  viscid  phenomena  in  this  case. 

The  possibility  of  useful  support  from  computational  fluid  dynamics  (CFD)  should  not 
be  ignored  in  any  of  the  steps.  If  either  the  actual  result  from  the  tunnel  or  at  least  the 
trend  with  Reynolds  number  can  be  matched  by  CFD,  then  the  way  to  extrapolate  to  higher 
Reynojds  number  is  clear.  Even  in  such  an  event,  though,  the  assurance  of  no  surprise  in 
continuing  a  sub-scale  or  computed  trend  has  to  be  thoughtfully  examined.  If  there  is  reason 
t^  ~ubt  that  an  unchanging  trend  with  increasing  Reynolds  number  has  been  established  at 
thi„  .int  in  the  program,  further  effort  to  estimate  full-scale  results  will  obviously 
depend  on  the  experimenter  and  his  resources. 


3. 3. 3. 4  BOUNDARY  LAYER  TRANSITION 

It  is  important  to  recognize  that  boundary  layer  transition  on  inclined,  smooth 
cylindrical  bodies  may  come  about  in  different  ways,  depending  principally  on  angle  of  at¬ 
tack  and  Reynolds  number.  These  modes  are  (1)  separated  shear  layer  instability,  (2)  at¬ 
tachment-line  contamination,  (3)  cross-flow  instability,  and  (4)  streamwise-f low  instability. 
Any  one  of  these  may  prevail  under  circumstances  to  be  described.  The  final  mode  listed  has 
received  by  far  the  most  attention,  but  it  remains  an  unresolved  issue  in  fluid  dynamics 
despite  the  effort  spent  on  its  study.  Possibly  the  best  known  approach  for  predicting  tran¬ 
sition  that  grows  from  streamwise  instability  is  the  en  method  (see  Section  4.3).  This  has 
some  appeal  because  of  its  close  relation  to  stability  theory.  Unfortunately,  n  has  to  as¬ 
sume  a  wide  range  of  values  to  fit  experimental  data,  cf .  Refs.  24  -  26.  Reference  24  deals 
with  wings,  while  Refs.  25  -  26  concern  bodies  of  revolution.  Reference  25  is  a  source  of 
detailed  experimental  data  and  comparison  with  results  of  the  e"  method  for  predicting  bound¬ 
ary  layer  transition  on  a  body  of  revolution  in  a  subsonic  wind  tunnel  at  a  =  0.  The  results 
are  reasonably  good  for  the  subsonic  axisymmetric  body  studied.  Reference  26  presents  data 
from  subsonic  testing  of  a  series  of  bodies  with  different  nose  shapes  and  zero  angle  of  at¬ 
tack.  Comments  in  Refs.  24  and  26  sum  up  the  status  of  the  e"  method  at  this  time. 

For  any  particular  set  of  two-dimensional  or  swept-wing  data  with  similar 
stream  disturbance  levels  and  spectra,  the  en  method  for  estimating  the  begin¬ 
ning  of  transition  works  reasonably  well;  however,  even  within  a  *iven  data  set, 
the  value  of  n  may  vary  significantly,  evidently  depending  upon  currently  un¬ 
controllable  variations  in  disturbance  field  or  receptivity.  (Ref.  24) 

Of  the  four  models  that  did  not  exhibit  laminar  separation,  the  results  did 
not  show  a  single  unique  ratio  between  the  measured  flow  properties  in  the  tran¬ 
sition  regions  and  the  computed  spatial  amplification  ratios  obtained  by  linear 
stability  theory.  On  Model  3,  the  range  of  amplification  factors  that  corre¬ 
lates  with  the  onset  of  transition  lies  between  e8  and  e12.  The  corresponding 
range  for  Model  4  is  from  e9  to  e11  and' on  Model  6  from  e10  to  e12.  The  data 
taken  for  Model  8  indicate  that  a  nearly  constant  value  of  e7  correlates  well 
with  data  at  the  onset  of  transition.  (Ref.  26) 

Data  in  Ref.  24  show  that  even  in  free  flight  the  value  of  n  may  have  to  vary  20-30%  from 
the  mean  to  fit  experimental  observations  on  one  airfoil  with  modest  changes  in  angles  of 
attack  and  unit  Reynolds  numbers. 

The  best-known  alternative  procedure  for  predicting  transition  is  that  described  in 
Sect.  4.3  where  the  Pohlhausen  parameter  and  free-stream  relative  turbulence  intensity  are 
the  basis  for  finding  a  vjiue  of  Rest.  However,  none  of  the  current  predictive  methods  ac¬ 
count  for  the  often  profound  influence  on  transition  that  seems  to  accompany  changes  in  unit 
Reynolds  number . 

A  major  and  little  understcod  obstacle  to  better  predictive  methods  for  all  of  the 
modes  of  transition  is  represented  by  the  phenomenon  called  the  unit  Reynolds  number  effect 
(for  lack  of  a  oetter  designation) .  This  is  not  the  place  to  attempt  an  exhaustive  discus- 
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sion  of  this  topic,  but  it  is  necessary  to  bring  it  up  because  there  is  often  reluctance  to 
recognize  the  role  of  the  unit  Reynolds  number  when  transition  prediction  procedures  are 
proposed.  Although  there  are  reports  of  experiments  wherein  it  is  said  that  Rett  was  con¬ 
stant  as  (U/u)e  changed,  and  there  is  reason  to  believe  that  sound  provides  a  major  source 
of  the  apparent  unit  Reynolds  number  effect  in  supersonic  wind  tunnels,  there  is  no  satis¬ 
factory  explanation  yet  for  the  free-flight  and  subsonic  wind  tunnel  experiments  wherein 
Reet  varied  with  (U/u)e-  Inability  to  deal  with  this  factor  in  transition  predictions  is  a 
major  obstacle. 

Figure  5  from  Ref.  27  gives  the  data  for  a  sharp  cone  of  10-deg  apex-angle  tested  in 
flight  on  a  F-15  airplane.  As  such,  it  probably  represents  the  best  reference  for  the  flight 
case  in  the  range  of  Mach  number  shown.  It  is  important  to  note  that  Tu  =  T*w  and  a  »  0  deg 
for  all  of  the  F-15  cone  data  in  Fig.  5. 

The  cone  on  the  F-15  at  subsonic  Mach  numbers  had  a  streamwise  pressure  gradient, 
unlike  the  constant-pressure  distribution  of  fully  supersonic  flow.  Also  of  some  interest 
is  the  general  increase  in  (U/u)e  that  accompanied  increasing  Me.  The  latter  condition  tends 
to  merge  the  influences  of  each  of  those  parameters  when  data  scatter  is  also  involved. 

A  pronounced  influence  of  unit  Reynolds  number  (U/u)e  has  been  found  in  other  free- 
flight  data,  whereas  the  F-15  flight  data  are  inconclusive  on  that  issue,  cf.  Ref.  27. 
References  28  and  29  present  flight  data  showing  very  strong  effects  of  changing  unit  Reynolds 
number.  Figure  6  illustrates  this  with  data  from  Ref.  28,  and  Fig.  7  shows  the  results  from 
a  large  number  of  flights  analyzed  and  reported  in  Ref.  29. 

The  significance  of  the  temperature  ratio  Tw/Taw  in  regard  to  transition  is  shown  in 
Fig.  8  from  Ref.  30.  There  are  gaps  and  some  data  that  appear  inconsistent  with  the  general 
trend  in  Fig.  8.  Therefore,  extrapolation  and  interpolation  of  the  curves  is  not  recom¬ 
mended.  For  small  changes  of  Tw/Taw  from  unity,  linear  stability  theory  appears  to  be  a  good 
qualitative  guide  to  the  effect  upon  Reet,  but  when  Tw/Taw  «  1,  great  uncertainty  exists, 
cf.  Ref.  30. 

The  enormous  difficulty  of  transition  analysis  is  indicated  in  Fig.  9  where  the  data 
of  Figs.  5-7  are  combined  with  other  free-flight  data  (Refs.  31-34)  for  sharp,  right-  cir¬ 
cular  cones.  There  is  little  doubt  that  the  unit  Reynolds  number  and  the  wall  temperature 
ratio  effects  contribute  to  the  extremely  broad  ranges  of  Reet  shown  in  Fig.  9.  Other  pos¬ 
sible  sources  of  variability,  such  as  measurement  accuracy,  definition  of  transition,  sur¬ 
face  finish,  angle  of  attack,  etc.  are,  of  course,  obvious.  However,  the  principal  obstacles 
to  our  understanding  are  believed  to  be  represented  by  (U/v»e  and  extreme  values  of  Tw/Taw. 
At  this  time,  with  one  exception,  there  is  no  satisfactory  analytical  method  for  accounting 
for  either  of  these  factors.  The  exception  is  the  influence  of  Tw/Taw  when  that  ratio  is 
near  enough  to  unity.  It  then  is  qualitatively  predicted  by  linear  stability  theory.  For¬ 
tunately,  this  allows  analysis  of  most  transonic  flight  cases. 

It  seems  possible  that  the  particular  character  of  the  disturbance  that  causes  tran¬ 
sition  in  a  given  case  is  the  product  of  the  combination  of  environmental  factors  present. 
These  include  both  free-stream  and  surface  factors.  The  unit  Reynolds  number,  or  something 
related  thereto,  apparently  is  an  environmental  factor  that  can  influence  the  disturbance, 
its  growth,  or  the  receptivity  of  the  boundary  layer  to  destabilization.  The  net  effect  of 
this  influence  may  be  dependent  upon  the  particular  set  of  circumstances. 

If  there  were  evidence  that  Reet  is  constant  for  the  same  physical  configuration  at 
equal  Me,  Tw/Taw,  and  (U/u)e  in  different  wind-tunnel  or  free-flight  environments,  then  the 
problem  would  be  simpler.  Unfortunately,  that  does  not  appear  to  be  true.  Although  the 
qualitative  effects  of  the  known  variables  generally  appear  to  be  consistent,  the  value  of 
Rect  resulting  from  their  combined  actions  seems  to  depend  on  the  test  body  and  its  distur¬ 
bance  environment  in  ways  not  yet  understood.  Until  the  questions  such  a  .  those  posed  by 
Figs.  8  and  9  are  answered,  no  method  for  estimating  full-scale  transition  Reynolds  number 
can  be  viewed  with  any  confidence.  Unless  there  is  experience  with  similar  designs  in  the 
same  flow  environment,  rather  wide  uncertainty  bands  will  have  to  be  assumed.  (Also  see 
discussion  in  Ref.  35.) 

It  has  already  been  noted  that  transition  may  be  brought  about  by  different  flow 
processes  when  a  body  is  at  an  angle  of  attack  or  yaw.  As  discussed  in  several  papers  by 
Poll  (Refs.  36-40),  attachment  line  contamination  and  cross-flow  transition  are  associated 
with  missile  shapes  at  angles  of  attack.  Laminar  separation  bubbles  may  trigger  transition 
even  at  zero  incidence  if  flow  turning  angle  is  too  large  in  some  region,  or  it  may  occur 
at  angle  of  attack  when  the  cross  flow  encounters  adverse  pressure  gradients.  Poll  (Refs. 
37  -  38)  has  given  comprehensive  descriptions  of  these  modes  and  provided  methods  for  es¬ 
timating  the  corresponding  transition  Reynolds  numbers.  His  studies  have  dealt  with  incom- 
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pressible  flow,  in  greater  part,  but  he  has  indicated  how  compressible-  flow  attachment-line 
contamination  may  be  analyzed  in  Refs.  36,  39  and  40. 

In  brief,  the  criteria  given  by  Poll  (Ref.  37)  for  a  right  circular  cylinder,  in 
terms  of  body  diameter,  d,  and  freestream  unit  Reynolds  number,  (U/u)~,  are: 

•  For  the  separated  shear  layer  mode  of  transition  -  -  - 

(U/u)~d  =  1  x  106  x  tan  a/[(l  +  3.3  tan2a)  cos  a]  (1) 

•  For  the  attachment-line  contamination  mode  -  -  - 

(U/v)«d  =  1.1  x  10s  x  tan  a/  cos  a  (2) 

•  For  the  cross-flow  instability  mode  -  -  - 

(U/u) «d  =  1.45  x  105  x  (1  +  3.3  tan2  a)/  sin  a  (3) 

If  an  angle  of  attack  of,  say,  10  deg  is  assumed,  one  sees  that  transition  in  the 
separated  shear  layer  mode  is  predicted  when  Red  =  162,400.  When  Rea  =  197,000,  attachment¬ 
line  contamination  causes  transition  and  precludes  laminar  separation  on  that  portion  of  the 
body  downstream  of  the  attachment-line  transition,  because  the  boundary  layer  has  become 
turbulent  before  it  separates.  Cross-flow  instability,  predicted  if  Rea  >  10s,  also  would 
not  be  observed  when  the  local  flow  has  been  made  turbulent  at  the  attachment  line.  The 
streamwise  mode  of  transition  for  axial  flow  occurring  (usually)  when  Reex  >  2  x  10€  on  bodies 
such  as  those  under  discussion,  will  become  a  factor  on  the  downstream  portion  of  the  body 
when  angle  of  attack  is  small  enough  for  axial  flow  to  dominate.  Even  though  Eqs.  (1-3)  are 
not  presented  with  a  lower  limit  on  angle  of  attack,  it  is  reasonable  to  assume  a  lower  limit 
at  the  angle  where  the  flow  does  not  separate,  i.e.,  predominately  axial  flow  exists.  However, 
that  is  somewhat  ambiguous  because  of  the  circumferential  variation  of  conditions  at  even 
small  angles  of  attack.  Alternately,  one  would  look  for  a  lower  limit  based  upon  a  Reynolds 
number  characterizing  the  flow. 

If  a  tapered  body  is  under  consideration,  transition  could  occur  in  different  modes 
along  the  body  at  one  angle  of  attack.  (Note  that  local  angle  of  incidence  is  not  equal  to 
a  if  body  radius  is  not  constant  with  x,  i.e.,  the  body  is  tapered.)  At  an  angle  of  attack, 
streamwise  transition  would  not  occur  at  a  constant  x  all  around  the  circumference,  it  would 
be  found  at  slightly  greater  x  on  the  windward  area  and  at  much  reduced  x  on  the  lee  side 
of  typical  missile  bodies.  The  possibility  of  transition  occurring  in  varying  ways  at  vary¬ 
ing  locations,  with  corresponding  changes  in  separation  locations  and  pressure  distribu¬ 
tions,  over  relatively  small  ranges  in  angle  of  attack  can  cause  complex  Reynolds  number  and 
Mach  number  dependence  of  typical  missile  shapes  at  higher  angles  of  attack.  See  Ref.  36 
for  further  discussion. 

The  influence  of  unit  Reynolds  number  may  be  less  of  a  problem  in  the  non-streamwise 
modes  because  spatial  movement  of  transition  in  the  lateral  direction  is  restricted.  For 
example,  separation  is  strongly  influenced  by  pressure  gradient,  and  separated  shear  layer 
transition  occurs  a  relatively  short  distance  after  separation.  Even  though  unit  Reynolds 
number  apparently  affects  the  length  of  laminar  flow  from  separation  to  transition  (Potter, 
Ref.  41),  this  length  sometimes  is  relatively  short  compared  to  body  length,  and  the  prac¬ 
tical  importance  may  depend  upon  the  effect  on  vortex  formation.  That  is,  if  reattachment 
occurs,  followed  by  turbulent  separation,  the  dependent  aerodynamic  forces  may  be  different 
than  they  would  be  if  laminar  or  transitional  boundary  layer  separation  occurs.  The  com¬ 
plexity  of  the  processes  of  transition  and  separation  on  an  inclined,  tapered,  cylindrical 
body  should  encourage  experimenters  to  take  the  time  to  explore  the  effects  of  several  dif¬ 
ferent  boundary  layer  manipulation  schemes.  In  that  way,  the  potential  variations  in  the 
aerodynamic  coefficients  can  be  revealed  and  the  implications  evaluated  for  the  full-scale 
case. 


The  different  modes  of  transition  that  may  occur  are  illustrated  in  Fig.  10  from  Ref. 
37.  This  figure  strongly  suggests  that  when  angle  of  incidence  is  not  zero,  transition  may 
occur  in  any  of  the  four  modes  discussed,  depending  upon  the  values  of  the  cross-flow  and 
the  streamwise  Reynolds  numbers.  Even  though  Reex  may  be  greater  than  Red,  it  may  not  be  high 
enough  for  the  axial  streamwise-flow  mode  of  transition  to  dominate.  Clearly,  if  trips  are 
applied  to  cause  transition  near  the  nose  at  zero  incidence,  these  boundaries  would  be  al¬ 
tered.  If  tripping  is  done  for  a  test  program,  the  experimenters  rust  evaluate  the  effect 
of  trips  on  these  various  modes  of  transition  in  order  to  produce  the  effect  wanted  in  their 
test . 


The  understanding  of  transition  and  related  separation  phenomena  on  bodies  of  revolu- 


200 


tion  at  angles  of  attack  is  a  recent  and  evolving  development  in  aeronautics.  The  views  on 
this  subject  expressed  by  Lamont  (Ref.  7)  contrast  markedly  with  those  of  Ericsson  and  Reding 
(Ref.  42)  . 

As  a  summary  of  this  Section,  it  is  suggested  that  transition  in  the  near-axial 
streamwise  mode  be  predicted  by  the  procedures  described  in  Section  4.3,  with  the  added 
proviso  that  some  departure  from  the  prediction  be  anticipated  as  unit  Reynolds  number  varies. 
This  has  the  effect  of  placing  a  broadened  uncertainty  band  around  the  predicted  Reext,  and 
it  appears  that  the  band  also  must  be  wider  at  supersonic  Mach  numbers.  Of  course,  if  ex¬ 
perimental  transition  data  for  similar  configurations  and  flow  conditions  are  available, 
they  certainly  should  be  considered  in  addition  to  the  prediction  methods. 

It  also  has  been  shown  that  unit  Reynolds  number  affects  transition  in  separated 
laminar  shear  layers,  but  the  range  of  uncertainty  that  can  be  created  is  limited  by  the 
relative  shortness  of  the  separation  bubble  in  many  cases.  Thus,  if  the  location  of  separa¬ 
tion  is  predicted  satisfactorily,  the  precise  location  of  transition  may  not  be  critical. 
The  writer  is  unaware  of  any  evidence  of  significant  unit  Reynolds  number  influence  on  tran¬ 
sition  arising  from  attachment-line  contamination  or  cross-flow  instability. 


3. 3. 3. 5  RAPIDLY  SPINNING  BODIES 

A  special  category  is  created  by  spin-stabilized  bodies  where  Magnus  forces  may  be 
affected  by  boundary  layer  conditions.  Sturek's  experiments  (Refs.  43  -  44)  have  nicely 
demonstrated  the  effect  of  high  spin  rate  on  transition  location  and  side  force  on  super¬ 
sonic,  sharp  cones  with  10-deg  half-angles.  Figure  11  shows  that  the  circumferential  dis¬ 
tribution  of  xt  (beginning  of  transition)  is  rotated  in  the  direction  of  spin,  with  moderate 
change  in  shape.  Figure  12  shows  that  boundary  layer  configuration  had  a  strong  influence 
on  side-force  coefficient,  Cy,  that  coefficient  being  decreased  in  magnitude  when  the  windward 
boundary  layer  was  changed  from  laminar  to  turbulent  flow.  Sturek  concludes  that 

The  Magnus  force  is  extremely  sensitive  to  boundary  layer  configuration.  The 
Magnus  force  is  greatest  for  the  boundary  layer  configuration  that  has  the 
greatest  difference  in  thickness  of  the  boundary  layer  from  the  wind  to  the  lee 
side.  (Ref.  43) 

In  Ref.  44  he  also  remarks  that 

Close  agreement  for  Magnus  force  between  experiments  conducted  at  different  test 
facilities,  especially  at  tunnel  operating  conditions  which  yield  laminar  or 
transitional  boundary-layer  configurations,  should  not  be  expected  due  to  the 
extreme  sensitivity  of  the  Magnus  force  to  boundary  layer  configuration.  (Ref. 
44) 

These  results  clearly  show  that  correct  simulation  of  full-scale  viscous  flow  is  also 
required  in  testing  spin  stabilized  bodies.  The  referenced  investigation  concerned  super¬ 
sonic  flows  and  incidences  less  than  cone  half-angle.  With  no  tripping,  laminar  flow  ex¬ 
isted  almost  to  the  base  of  the  cone  on  its  windward  attachment  line.  However,  natural 
transition  to  turbulent  flow  occurred  eaiiy  on  the  lee  side,  suggesting  that  free  shear  layer 
transition  was  involved.  Spin  induced  streamline  curvature  and  an  influence  of  spin  on 
separation  and  vortical  flow  come  to  mind  as  possible  factors  in  this  type  of  flow. 


3. 3. 3. 6  TRIP  SIZING  AND  PLACEMENT  FOR  STREAMWISE-FLOW  MODE  OF  TRANSITION 

The  procedures  described  in  Refs.  45-49  are  applicable  for  this  problem.  Anyone 
responsible  for  determining  trip  size  and  placement  probably  is  familiar  with  these  methods, 
so  they  are  not  reviewed  here.  The  referenced  works  all  pertain  to  the  streamwise  type  of 
transition,  i.e.,  not  attachment  line  or  cross-flow. 

If  two-dimensional  boundary  layer  calculation  methods  are  used,  it  is  necessary  to 
apply  the  Mangier  transformation  to  obtain  the  boundary  layer  characteristics  for  equal  edge- 
of-  boundary  layer  conditions  on  a  body  of  revolution.  In  the  case  of  a  supersonic,  sharp¬ 
nosed  cone,  it  will  be  recalled  that 

Scone  =  Sflat  plate/^ 
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for  a  laminar  boundary  layer.  For  a  right  circular  cylinder, 

5cylinder  “  Sflat  plate 

In  both  cases,  for  these  relations  to  hold,  the  boundary  layer  thickness  must  be  much  less 
than  body  radius.  Relations  for  other  noses  or  nose-cylinder  bodies  usually  lie  between 
those  shown  above. 

It  is  obviously  undesirable  to  locate  trips  where  the  local  thickening  of  the  bound¬ 
ary  layer,  or  shock  and  expansion  waves  that  may  be  associated  with  boundary  layer  trips  are 
likely  to  unduly  affect  pressure  distribution  on  the  model.  The  undue  effect,  of  course, 
refers  to  changes  not  a  consequence  of  a  naturally  turbulent  boundary  layer.  Critical  areas 
on  missile  models  will  include  those  places  on  the  airframe  where  relatively  large  pressure 
gradients  exist,  e.g.,  nose-body  junctures,  boattails,  and  near  separation  lines.  One  also 
must  avoid  locations  where  transition  due  to  a  laminar  separation  has  already  occurred 
upstream  or  where  relaminarization  will  occur  downstream.  If  there  is  any  doubt  on  these 
issues,  the  result  of  the  trip  needs  to  be  studied  by  use  of  a  technique  for  making  transi¬ 
tion  visible  on  the  model. 

The  usual  trips  consist  of  narrow  bands  of  carborundum  grit,  macro-spheres,  or  small 
shapes  such  as  triangles  or  disks  that  are  sometimes  preferred  by  certain  groups.  These 
three-dimensional  elements  are  arrayed  in  either  random,  "sparse"  bands  or  ordered  rows, 
with  the  elements  staggered  so  as  to  assure  that  the  boundary  layer  fluid  immediately 
downstream  of  the  trips  does  not  have  much  lateral  nonuniformity.  That  is,  the  wakes  of  the 
roughness  elements  have  merged  a  short  distance  downstream.  This  is  a  consideration  when 
the  trips  have  to  be  placed  near  the  station  where  turbulent  flow  is  wanted.  In  terms  of 
effectiveness  alone,  there  is  evidence  that  a  single  row  of  trip  elements  is  as  effective 
as  a  multi-row  band  of  equal  height  for  Mach  numbers  up  to  roughly  2.  (Personal  communica¬ 
tion  from  D.  W.  Sinclair  and  W.  T.  Strike,  Jr.,  Calspan  Corp./AEDC  Divn.)  It  is  important 
to  bear  this  latter  point  in  mind  when  using  the  methods  of  Refs. 45-49.  Very  little  data 
exist  on  direct  and  systematic  comparisons  of  different  trip  element  shapes,  so  that  it  is 
often  assumed  incorrectly  that  average  height  is  the  sole  determinant  of  trip  effectiveness. 
There  is  evidence  that  two-dimensional  trips  are  more  effective  than  three-dimensional  ones 
in  subsonic  flow  and  that  the  situation  is  reversed  in  supersonic  flow  (Ref.  46) .  Never¬ 
theless  the  most  used  type  of  trip  has  three-dimensional,  i.e.,  distributed  roughness.  Gas 
jets  have  been  used,  but  the  advantage  of  controllable  effective  disturbance  is  usually  not 
regarded  as  worth  the  extra  complication  and  cost  or  the  disadvantage  of  fixed  location  on 
a  model. 

The  change  from  essentially  axial  flow  on  an  elongated  body  at  small  angle  of  attack 
to  nearly  cross  flow  at  large  angle  of  attack  should  be  noted.  In  discussing  transition 
modes  at  an  angle  of  attack  on  the  order  of  10  deg,  reference  has  been  made  to  a  streamwise 
Reynolds  number  based  on  axial  distance  x.  However,  all  of  the  remarks  about  the  non-  stream- 
wise  modes  have  referred  to  a  Reynolds  number  based  on  local  body  diameter.  When  angle  of 
attack  is  great  enough,  so  that  streamwise  flow  becomes  crossflow,  it  too  should  be  described 
in  terms  of  d  instead  of  x.  However,  the  angle  at  which  this  change  occurs  is  not  immediate¬ 
ly  obvious.  It  is  affected  by  body  shape,  flow  conditions,  and  even  location  on  the  body. 
As  angle  of  attack  increases,  raising  the  value  of  Red  defined  in  Eqs.  1-3,  an  angle  is 
reached  where  the  separated  shear  layer  mode  is  activated.  After  that  occurs,  for  all  greater 
angles,  Rea  is  the  controlling  parameter.  Conversely,  if  ReCx  exceeds  the  predicted  criti¬ 
cal  value  for  the  axial  streamwise  mode  of  transition,  that  form  of  transition  would  be  ex¬ 
pected  regardless  of  Red.  If  one  visualizes  a  long,  cylindrical  body  of  revolution  whose 
angle  of  attack  is  gradually  increased  from  zero,  at  first,  transition  occurs  on  the  aft 
portion  where  the  value  of  Reex  for  axial-flow  transition  is  exceeded.  Then,  as  angle  of 
attack  increases,  transition  in  the  axial,  streamwise  mode  moves  forward  on  the  leeward  and 
more  slowly  rearward  on  the  windward  surfaces.  At  that  point,  the  lateral  or  cross-flow 
modes  are  activated  and  when  the  critical  Red  is  exceeded,  separated  shear  layer  transition 
occurs.  This  may  happen  forward  of  the  station  of  axial-flow  transition,  so  that  a  sudden 
forward  movement  of  transition  could  occur  at  the  angle  of  attack  where  the  separated-shear- 
layer  mode  comes  into  play.  As  angle  of  attack  increases  further,  raising  Rea,  attachment¬ 
line  contamination  becomes  the  controlling  mode  over  much  of  the  body.  Separated-shear- 
layer  transition  could  linger  near  the  nose  where  local  body  diameter  may  be  small,  keeping 
Red  below  the  threshold  for  attachment-line  contamination.  By  examining  the  values  of  Red 
and  ReCx  for  each  angle  of  attack  and  varying  longitudinal  distances  from  the  nose  of  the 
body,  and  simultaneously  estimating  separation  boundaries,  one  can  construct  a  conceptual 
framework  of  the  modes  and  locations  of  transition  as  angle  of  attack  and  unit  Reynolds  num¬ 
ber  change.  This  is  a  necessary  step  prior  to  deciding  trip  size  and  location  if  trips  are 
going  to  be  used. 
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3. 3. 3. 7  TRIP  SIZING  AND  PLACEMENT  FOR  LATERAL  MODES  OF  TRANSITION 

For  convenience  and  to  distinguish  from  axial  flow,  the  non-streamwise  modes  are 
loosely  referred  to  as  lateral  modes  here.  The  effect  of  a  trip  upon  the  free-shear-layer 
and  attachment-line  boundaries  shown  here  in  Fig.  12  has  been  discussed  in  Ref.  37.  An  im¬ 
portant  consideration  when  planning  a  test  program  is  the  achievement  of  the  desired  bound¬ 
ary  layer  characteristics  without  introduction  of  unintentional  flow  modifications  such  as 
salient  edges  which  may  fix  separation.  To  that  end,  one  has  to  estimate  the  probable  shock 
wave  and  separation  fronts  along  the  body  for  the  ranges  of  angles  of  attack,  Mach  numbers, 
and  Reynolds  numbers  to  be  covered.  Careful  study  of  Refs.  5-7  and  36-38  as  well  as  Sec¬ 
tion  2.2.1  of  this  report  should  be  helpful. 

After  the  assessment  of  the  modes  of  transition,  trip  locations  may  be  determined. 
Most  trip  sizing  procedures  involve  a  form  of  Reynolds  number  based  upon  boundary  layer 
properties  at  the  roughness  element  or  at  least  a  boundary  layer  thickness  at  that  location 
on  the  body.  Boundary  layer  calculations  should  be  carried  out  so  that  the  required  trip 
height  can  be  found. 

The  design  of  trips  for  missile  shap  :s  which  are  to  be  tested  at  angles  of  attack 
may  be  based  upon  Refs.  38-39  insofar  as  attachment-line  transition  is  concerned.  It  would 
seem  a  good  plan  to  bring  about  that  mode  of  transition,  if  a  turbulent  boundary  layer  is 
wanted,  because  it  involves  trips  well  removed  from  separation  and  shock  locations  and  it 
is  no  problem  to  select  the  position  for  the  trips.  However,  relatively  large  trips  may.be 
necessary  to  cause  transition  far  forward  on  the  attachment  line  of  tapered  bodies,  result¬ 
ing  in  excessive  thickening  of  the  boundary  layer.  It  should  be  noted  that  an  acceptable 
trip  for  the  leading  edge  of  an  airfoil  or  wing  poses  the  same  difficulty. 

For  example,  for  tripping  attachment-line  boundary  layers  on  bodies  of  revolution, 
Poll  uses  the  criterion, 

Reic  «=  (W/u)  k  k  -  550  (4) 


when 


R«  -  V U-d  cos  a/  (G  u*  tan  a)  (5) 

>  245. 

(Note  that  Woo  -  Uoo  cos  a,  V„  -  U~  sin  a  and  G  =  (d/V«)  (dVe/dy)y-o  where  U~  is  the  freestream 
total  velocity.)  For  applications  in  compressible  flow,  the  kinematic  viscosity  is  based 
upon  a  reference  temperature, 

T*  =  Te  +  0.10  (Tw-Te)  +  0.60  (Tr-Tc>  .  (6) 

These  conditions  are  said  to  produce  transition  at  either  2-D  or  3-D  roughness  elements 
on  a  right  cylinder  at  angle  of  attack. 

In  view  of  the  relatively  low  critical  values  of  Rea  for  the  lateral  modes  of  tran¬ 
sition,  it  is  inferred  that  natural  (untripped)  transition  will  occur  even  on  forward  por¬ 
tions  of  typical  missile  and  fuselage  models  after  angle  of  attack  is  increased  to  only 
moderate  levels.  It  has  already  been  noted  that  sudden  forward  movement  of  transition  may 
then  occur  and  the  experimenter  should  be  watchful  for  related  changes  in  separation  and 
aerodynamic  coefficients. 
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Supercritical,  eymmetrlc  vortical  rtflioni 
Mc  =  M^sin  « 


Fig.  2  Approximate  boundaries  for  various  types  ot  vortices.  (From  Ref.  6.) 


Fig.  4  Distribution  of  boundary  layer  parameters  downstream  of  0.066-in.-diam 
roughness  elements  at  =  2ft.  (Ref.  17.) 
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Fig.  5.  F-15/AE0C  Cone  trensition  Riynolds  number  as  *  function  of  Mach  number. 
(From  Ref.  27} 


Fig.  6  Boundary  layer  transition  on  cones  in  en  eeroballistics  range:  AEDC  data.  (From  Ref.  28.) 


Fiy.  7  Boundary  layer  transition  on  cones  in  flight:  NASA  data.  (From  Ref.  29.) 


Fig.  8.  Experiment*!  effect  of  well  cooling  on  transition  Reynolds 
numbers  et  venous  Mech  numbers.  (From  Ref.  30.) 
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Cleveland.  OH  44 106,  USA 


In  Section  3  of  th is  document,  the  underlying  rationale  and  the  detailed  simulation  methodologies 
developed  by  the  Methodology  Committee  of  ACARD  FDP  Working  Croup  09  have  been  presented.  It  is  a  first 
step  in  the  attempt  to  codify  and  systematize  the  best  of  our  simulation  capabilities  to  date  and  to 
provide  the  framework  for  further  improvements.  By  gathering  the  expertise  of  the  acknowledged  leaders 
of  this  craft,  we  have  in  effect  developed  an  expert  system.  Such  methodologies  and  their  successors 
will  be  an  essential  component  of  the  sophisticated  wind  tunnel  testing  and  evaluation  procedures  to 
which  we  aspire.  The  fact  that  these  methodologies  are  now  written  down  makes  them  available  to  the 
larger  wind  tunnel  testing  community  and  should  lead  to  an  Overall  improved  confidence  in  the  test 
results  for  the  increasingly  complex  configurations  that  we  seek  to  evaluate. 

The  presented  methodologies  are  ones  that  try  to  maximize  the  amount  of  information  that  is  best 
obtained  through  wind  tunnel  testing.  Computational  and  empirical  techniques  are  used  to  augment  and 
extend  the  measurements  rather  than  to  replace  them.  As  stated  earlier,  methodologies  arc  not  unique. 

But  we  believe  that  the  best  methodology  is  one  that  optimally  captures  and  synthesises  the  contributions 
of  testing,  computation  and  evaluation.  The  construction  of  these  methodologies  even  by  the  experts 
involved  many  iterations.  Assuming  that  the  process  of  developing  a  methodology  is  convergent,  the 
authors  of  this  section  do  not  believe  that  the  presented  methodologies  are  yet  in  their  final  form. 
Rather  one  should  view  the  document  as  a  loose-leaf  notebook  wherein  methodologies  can  be  augmented  or 
replaced  as  improvements  are  made. 

It  should  also  be  realized  that  the  presented  methodologies  are  subject  to  validation,  and  will  in 
all  liklihood  be  improved  as  a  result  of  sujecting  'em  to  validation.  To  be  complete,  the  validation  of 
a  methodology  should  include  the  comparison  of  model  u.  h  results  from  wind-tunnels  extrapolated  to 
flight  conditions  with  results  obtained  from  the  full  size  chicle  in  atmospheric  flight.  Even  if  such 
validations  are  difficult  to  arrange,  they  will  be  well  worth  *he  effort. 

The  implementation  of  the  near  field  simulation  methodologies  i  ch  as  developed  herein  together  with 
the  development  and  implementation  of  more  refined  techniques  of  far  field  simulation  through  the 
assessment  or  elimination  of  tunnel  wall  interference  effects  can  bring  on  a  new  era  in  sophisticated 
wind  tunnel  testing.  It  will  enable  obtaining  the  additional  decimal  pic  e  in  performance  evaluation 
that  is  becoming  increaainly  important  in  the  development  of  aircraft  for  upercritical  transonic  flight. 
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SUMMARY 

The  improvement  of  full-scale  transonic 
performance  prediction,  especially  under 
off-design  conditions,  requires  boundary 
layer  simulation  and  control  in  low  Rey¬ 
nolds  number  wind  tunnel  tests.  The  phy¬ 
sics  of  the  flow  associated  with  such  a 
viscous  simulation  are  reviewed  and 
research  needed  to  verify  the  results  of 
the  present  study  and  to  fill  the  gaps  in 
our  knowledge  are  outlined.  In  the 
approach  to  the  subject,  the  Committee 
first  identified  flow  phenomena  critical 
in  the  present  context,  distinguishing 
between  phenomena  involving  the  direct 
interaction  between  the  outer  inviscid 
flow  and  the  boundary  layer  and  phenomena 
primarily  affecting  the  boundary  layer 
development  without  having  a  direct 
influence  on  the  outer  flow.  The  former 
include  shock  boundary  layer  interaction, 
trailing  edge  flow,  classical  (low  speed) 
separation  and  vortex  flows  including  the 
formation  of  wing  vortices,  vortex  break¬ 
down  and  asymmetrical  vortex  shedding.  It 
is  attempted  to  establish  for  these  phe¬ 
nomena  dominant  viscous  and  outer  inviscid 
flow  parameters,  i.e.,  parameters  that 
must  be  duplicated  in  a  low  Reynolds  num¬ 
ber  simulation  process.  The  implementation 
of  such  a  process  requires,  in  addition, 
the  understanding  and  predictability  of 
the  boundary  layer  development  as  it 
occurs  naturally  on  a  given  aerodynamic 
surface  or  as  it  evolves  under  the  influ¬ 
ence  of  the  wind  tunnel  environment  or  by 
boundary  layer  manipulation.  Accordingly, 
relevant  aspects  of  the  laminar  and  tur¬ 
bulent  boundary  layer  development. 


including  non-equililvrt  lm  boundary  layers 
and  free  and  forced  tiansxtion,  environ¬ 
mental  effects  and  potential  boundary- 
layer  manipulation  :echniques,  are 
reviewed. 
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SECTION  4.1  AND  4.2 


INTRODUCTION  AND  CRITICAL  FLOW  PHENOMENA 


by 
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Deutsche  Forschungs-  und  Versuchsanstalt 
fUr  Luft-  und  Raumfahrt  e.V. 

D-3400  Gottingen,  FRG 


4.1  Introduction 

The  physics  of  the  flow  associated  with 
boundary  layer  simulation  procedures  in 
low  Reynolds  number  wind  tunnel  tests  are 
not  at  all  well  understood.  This  applies 
to  details  of  the  flow  phenomena  or 
developmenta  which  dominate  viscous/in- 
viscid  interactions  on  aerodynamic  sur¬ 
faces,  and  hence  must  be  "simulated",  as 
well  as  to  the  effect  of  any  boundary 
layer  manipulating  device  on  the  charac¬ 
teristics  of  the  boundary  layer  as  com¬ 
pared  to  its  natural  transition  counter¬ 
part.  Furthermore,  only  sparse  informa¬ 
tion  is  at  hand  concerning  the  sensitivity 
of  specific  flow  phenomena  or  the  global 
flow  development  about  a  given  aerodynamic 
configuration  to  viscous  effects,  i.e., 
to  changes  in  Reynolds  number  or  transi¬ 
tion  point  location.  Knowing  the  latter 
is  important  since  it  determines  the  "need 
to  simulate". 

The  present  scope  of  woi  derived  from 
these  deficiences,  can  be  expressed  as 
follows: 

•  Review  the  physics  associated  with  the 
simulation  of  high  Reynolds  number 
flow  and,  in  particular,  determine 
viscous  and  outer  inviscid  flow 
parameters  that  dominate  viscous/in- 
viscid  Interaction  crucial  to  the 
simulation  process. 

•  Define  needed  research  to  improve  the 
understanding  of  the  flow  physics 
associated  with  boundary  layer  simu¬ 
lation,  Including  research  needed  to 
identify  and  account  for  wind  tunnel 
environmental  effects  on  the  boundary 
layer  simulation. 

•  Define  experiments  and/or  CFD  exer¬ 
cises  needed  to  establish  the  sensi¬ 
tivity  of  relevant  flow  phenomena  or 
flow  developments  to  viscous  effects. 

The  task  was  approached  by  first  identi¬ 
fying  (local)  flow  phenomena  or  flow 
developments  believed  to  be  sensitive  to 
changes  in  the  Reynolds  number,  or,  more 
general,  to  changes  in  the  initial  bound¬ 
ary  layer  properties,  where  initial  refers 
here  to  the  boundary  layer  properties  just 
upstream  of  its  first  encounter  with 
severe  outer  flow  developments,  such  as, 
for  instance,  a  shock  wave.  Phenomena 


critical  in  that  sense  are  depicted  in 
Figure  1  of  Section  4.2  together  with 
those  parameters  which  may  affect  the 
initial  boundary  layer  development.  In  the 
present  sections  we  will  treat  the  phe¬ 
nomena  summarised  in  this  figure  discuss¬ 
ing 

•  physical  aspects  relevant  to  the  vis¬ 

cous  simulation  process,  identifying, 
where  possible,  dominant  viscous  and 
outer  Inviscid  flow  parameters,  and 

•  future  rcn,  recommending  expe¬ 

riments  n'  ..ed  for  a  better  under¬ 
standing  of  the  physi os  underlaying 

viscous  simulation. 

The  aspect  of  the  sensitivity  of  the  flow 
to  viscous  changes  will,  naturally,  be 

part  of  these  considerations. 


4.2  Critical  Flow  Phenomena 

Critical  flow  phenomena  in  the  present 
sense.  Figure  1,  are  those  that  contri¬ 
bute  ,  due  to  their  effect  on  the  inter¬ 
action  between  the  outer  inviscid  flow  and 
the  boundary  layer,  to  deviations  between 
low  Reynolds  number  wind  tunnel  unci  full- 
scale  flight  results.  (In  a  wider  sense, 
these  are  phenomena  wnich  we  are  not  able 
to  compute  with  sufficient  accuracy. ) 
Hence,  in  order  to  gain  a  deeper  insight 
into  the  physics  of  the  overall  simulation 
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Figure  1:  Critical  flow  phenomena 
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process,  one  must  try  to  better  understand 
the  critical  viscous/inviscid  Interaction 
phenomena,  especially  the  strong  inter¬ 
actions,  characterized  by  large  adverse 
pressure  gradients,  since  only  the  latter 
are  likely  to  be  sensitive  to  viscous 
changes.  This  leads  in  essence  to  the 
study  oC  the  development  of  the  boundary 
layer,  distinguishing  between  the  "ini¬ 
tial"  development  as  dependent  on  confi¬ 
gurational  and  environmental  parameters 
and  the  development  due  to  the  imposed 
outer  flow  field.  The  latter  may,  in  turn, 
be  strongly  dependent  on  the  development 
of  the  viscous  layer  (see  Figure  1  of 
Section  4.5).  Note,  that  only  if  this  is 
the  case,  one  has  to  be  concerned. 

In  the  following  paragraphs,  the  flow 
phenomena  defined  as  critical  are  briefly 
addressed  adhering  to  the  sequence  given 
in  Fig.  1.  The  aim  is  to  demonstrate  why 
these  phenomena  are  considered  critical 
for  the  viscous  simulation  process;  their 
in-depth  treatment  is,  of  course,  left  up 
to  the  individual  sections  of  the  Working 
Group  report. 

Boundary  Layer  Development  and  Transition: 
For  any  viscous  simulation  process  it  is 
essential  to  be  able  to  predict  the  state 
of  the  boundary  layer  -  laminar  or  turbu¬ 
lent  -  and  characteristic  boundary  layer 
parameters  upstream  of  a  "critical"  outer 
flow  obstacle,  such  as,  for  instance,  a 
shock  wave,  at  full-scale  as  well  as  wind 
tunnel  conditions.  The  former  is  required 
to  provide  the  magnitude  of  the  (dominant) 
boundary  layer  parameter  to  be  duplicated 
in  the  low  Reynolds  number  environment  of 
the  wind  tunnel,  the  latter  is  needed  to 
establish  that  parameter  on  the  wind  tun¬ 
nel  model.  Determining  the  boundary  layer 
development  means  to  predict  the  laminar 
development,  transition,  be  it  free  or 
forced,  and,  of  course,  the  turbulent 
development  of  the  viscous  layer.  The 
difficulty  of  the  task  is  exemplified  in 
Figure  2  [ 1 ]  by  considering  the  numerous 
parameters  influencing  transition.  If,  for 
instance,  transition  fixing  is  required 
on  the  wind  tunnel  model,  as  is  generally 
the  case,  the  influence  of  the  transition 
forcing  device  on  the  subsequent  boundary 
layer  development,  including  not  only  its 
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Figure  2:  Typical  transition  issues  in 

external  flows  ( 1 | 


effect  on  the  boundary  layer  growth 
parameters  but  also  on  turbulence  level 
and  structure,  must  be  known  and  accounted 
for  in  any  computational  procedure. 

In  Section  4.3  the  state-of-the-art  in  pre¬ 
dicting  the  boundary  layer  development, 
including  free  and  fixed  transition,  up 
to  critical  flow  conditions  is  reviewed, 
deficiencies  outlined  and  needed  research 
recommended.  Section  4.3  is  supplemented 
by  a  discussion  of  non-equilibrium  bound¬ 
ary  layers  in  Section  4.4. 

Boundary  layer  manipulation:  In  low  Rey¬ 
nolds  number  wind  tunnel  tests,  the 
experimental  determination  of  transition, 
especially  in  routine  testing,  is  essen¬ 
tial  for  several  reasons:  It  is  needed  for 
the  accurate  prediction  of  full-scale 
drag,  the  identification  of  areas  where  a 
tripping  device  can  still  be  placed  and 
the  verification  of  the  effectiveness  of 
a  transition  fixing  agent  in  promoting 
transition  at  the  location  oi  the  trip. 
The  latter  is.  unfortunately,  dependent 
on  the  freestream  conditions.  Figure  3(2). 
If  transition  must  be  artificially 
enforced,  the  following  requirements 
should  be  met: 

•  The  outer  flow  field  must  not  exces¬ 
sively  be  disturbed  and  the  effect  of 
the  transition  fixing  agent  on  the 
subsequent  boundary  layer  development 
must  be  known. 

•  The  turbulent  boundary  layer  generated 
should  be  as  close  to  a  natural  tran¬ 
sition  boundary  layer  as  possible. 

•  The  disturbance  due  to  the  tripping 
device  should  be  (remotely)  adjustable 
so  that  it  can  be  optimized  for  any 
freestream  condition  considered,  whe¬ 
re  optimization  means  having  transi¬ 
tion  occurring  at  the  location  desired 
with  "zero"  drag  penalty. 

Transition  detection  and  the  "optimum" 
transition  forcing  is  thus  a  crucial  part 

of  the  viscous  simulation  process.  The 
topic  is  treated  in  Section  4.9  considering 
various  means  of  transition  fixing  and 
detecting  and  their  influence  on  the 
boundary  layer  development.  Also  discussed 
here  are  devices  which  are  designed  to 
either  delay  the  onset  of  transition  or 
to  alter  the  already  turbulent  boundary 
layer  in  order  to  control  critical 
viscous/invisced  interactions.  The  latter 
is,  of  course,  part  of  the  direct  simu¬ 
lation  process. 

Shock  boundary  layer  interaction:  If  one 
considers  an  airfoil  (or  a  large  aspect 
ratio  wing),  the  upper  surface  boundary 
layer,  generally  turbulent,  will  at  off- 
design  conditions  first  enter  the  shock 
boundary  layer  interaction  region.  The 
shock  will,  dependent  on  its  strength, 
either  only  thicken  the  boundary  layer  or 
cause  a  direct  or  indirect  separation.  In 
a  direct  separation  the  viscous  layer 
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Figure  3a:  Sheared-wing  instrumentation 


leaves  the  surface  at  the  foot  of  the 
shock  and  reattachment  may  or  may  not 
occur  upstream  of  the  trailing  edge.  In 
an  indirect  separation  the  shock  wave 
affects  the  boundary  layer  in  a  way  that 
causes  the  flow  to  separate  at  the  trail¬ 
ing  edge  due  to  the  rear  adverse  pressure 
gradient.  (For  the  numerous  separation 
pattern  possible  see  Ref.  4  of  Section 

4.5. )  It  is  well  known  that  these  devel¬ 
opments  may  be  highly  sensitive  to  changes 
in  the  initial  turbulent  boundary  layer 
condition  which  is,  in  essence,  due  to  the 
amplification  of  shock-upstream  differ¬ 
ences  in  crucial  boundary  layer  parameters 
by  the  shock.  Figure  4,  Ref.  5  of  Section 

4.5.  Such  differences  ray,  for  instance, 
result  from  differences  in  the  Reynolds 
number  and/or  the  transition  point 
location.  For  a  "correct"  simulation  of 
the  overall  fiow  development  at  full-scale 
conditions  it  seems  therefore,  first  of 
all,  necessary  to  adequately  simulate  the 
shock  boundary  layer  interaction  process 
ar.d  to  ensure  that  at  the  downstream  face 
of  the  interaction  dominant  boundary  layer 
parameters  closely  match  the  ones  to  be 
expected  at  the  high  Reynolds  numbers  of 


Figure  4:  Amplification  of  diffcronces 
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flight.  Whether  thia  will  result  in  a 
sufficiently  close  approximation  of  the 
full-scale  trailing  edge  flow  conditions 

-  or  whether  here  further  boundary  layer 
manipulation  is  required  -  remains,  at 
thia  point,  an  open  question.  The  latter 
ia,  of  course,  imperative  to  the  estab¬ 
lishment  of  the  correct  full-acale  shock 
strength  and  location  in  the  low  Reynolds 
number  wind  tunnel  tests,  hence  to  the 
entire  simulation  process. 

All  aspects  of  the  physics  of  transonic 
shock  boundary  layer  interaction  within 
the  present  context  including  future 
research  requirements  are  discussed  in 
Section  4.5.. 

Classical  separation  and  trailing  edge 
flow:  Staying  with  the  example  of  airfoils 
and  winga,  "classical"  subsonic  separation 
may  occur  here  on  the  upper  surface  close 
to  the  leading  edge  and  near  or  at  the 
trailing  edge  and  on  the  lower  surface  in 
the  adverse  pressure  gradient  region  of 
the  cove.  Figure  5.  For  a  turbulent  boun¬ 
dary  layer,  the  occurrence  of  this  type 
of  separation  ia  known  to  be  highly  Rey¬ 
nolds  number  dependent.  Laminar  separation 

-  although  in  its  position  independent  of 
Reynolds  number  -  is  of  major  concern  in 
low  Reynolds  number  wind  tunnel  tests 
since  it  may  have  a  large  effect  on  the 
downstream  turbulent  boundary  layer 
development  particularly  if  transition 
takes  place  within  the  domain  of  the 
separated  region.  Especially  critical 
within  the  present  context  is,  of  course, 
the  development  of  the  (turbulent)  bound¬ 
ary  layer  in  the  trailing  edge  region  and 
the  corresponding  conditions  under  which 
the  flow  leaves  the  trailing  edge  since 
circulation,  hence  the  entire  outer  flow 
field,  is  highly  dependent  on  these  con¬ 
ditions,  Figure  6  (Ref.  5  of  Section  4.5]. 
The  boundary  layer  at  the  trailing  edge 
(upper  and  lower  side)  is,  naturally,  a 
product  of  its  history  possibly  having 
gone  through  a  transitional  leading  edge 
separation  and  the  shock  boundary  layer 
interaction  process.  It  should  be  noted 
here  that  the  sensitivity  of  the  global 
flow  development  to  viscous  changes  is, 
as  mentioned  earlier,  configuration 
dependent.  This  is  indicated  in  Figure  7 
(Pef.  5  of  Section  4.5)  by  considering  the 
change  in  lift  coefficient  due  to  a  change 
in  transition  location  for  several  tran¬ 
sonic  airfoils.  The  results  stress  the 
need  to  establish  the  sensitivity  of  a 
given  configuration  to  viscous  (or  Rey¬ 
nolds  number) changes  before  commencing  an 
elaborate  simulation  program. 

Classical  separation  and  trailing  edge 
flows,  including  buffeting,  are  treated 
in  Section  4.6 

Vortex  flows:  The  primary  types  of  vorti¬ 
cal  flows  of  interest  here  are  forebody 
vortices,  wing  leading  edge  vortex  flows, 
vortex  break-  down  and  vortex  shock 
interactiona.  Conaidering  these  flowa 
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Figure  7:  Sensitivity  of  transonic  air¬ 

foils  to  changes  in  the 
shock-upstream  boundary  layer 
conditions.  Ref.  4.5.5 

within  the  present  context  of  Reynolds 
number  sensitivity  and  viscous  scaling, 
one  must  distinguish '  between  configura¬ 
tions  where  vortices  emanate  from  sharp 
leading  edges,  i.e.,  are  fixed  by  geom¬ 
etry,  and  configurations  where  separation 
and  the  formation  of  vortices  is  pressure 
gradient  induced,  hence  may  develop  "any¬ 
where"  on  a  body  or  a  swept  wing.  The 
former  class  of  flows  is  not  likely  to  be 
very  sensitive  to  viscous  changes  unless 
their  influence  enters  via  secondary  and 
higher  order  separations;  however,  even 
under  these  conditions  the  overall  effect 
is  believed  to  be  small.  The  occurrance 
of  the  sustained  pressure  gradient  induced 
separation  and  the  associated  vortex  for¬ 
mation  and  development  is,  on  the’  other 
hand,  more  likely  to  depend  on  the 
upstream  boundary  layer  development,  hence 
may  be  Reynolds  number  sensitive.  This  is 
demonstrated  in  Figure  8  [3]  where  the 

asymmetrical  vortex  build-up  on  a  body  of 
revolution  at  high  angles  of  incidence  is 
seen  to  be  reduced  as  the  Reynolds  number 
is  increased.  On  a  rounded  leading  edge 
delta  wing,  the  flow  situation  may  be  even 
more  complex  since  here  various  flow  phe¬ 
nomena,  possibly  sensitive  to  viscous 


Roll  angle  dependence  of  total  side  force  coefficients 

Figure  8:  Reynolds  number  dependence  of 

out-of-plane  forces 

changes,  may  be  present  simultaneously: 
the  primary  vortex  development,  shock 
wave/vortex  or  shock  boundary  layer 
interaction  and  conventional  trailing  edge 
separation.  This  complexity  makes  it  dif¬ 
ficult  to  judge  the  sensitivity  of  the 
overall  flow  development  about  such  con¬ 
figurations  to  viscous  changes  so  that 
emphasis  must'  here  also  be  placed  on  the 
assessment  of  the  latter  for  typical  vor¬ 
tical  flow  configurations.  Vortical  flows 
are  covered  in  Section  4.7. 

Environmental  effects:  Environmental 

effects  are,  within  the  present  context 
mainly  of  concern  in  the  wind  tunnel 
tests.  One  may  count  as  environmental 
effects,  naturally,  noise,  turbulence, 
temperature  spottiness,  etc .( see  Fig.  2), 
but  also  wall  interference.  The  former 
are  especially  critical  due  to  their 
influence  on  the  transition  location.  Once 
the  boundary  layer  is  turbulent,  the 
influence  diminishes  and  it  seems  to 
require  relatively  large  turbulence  levels 
-  generally  not  found  in  a  wind  tunnel  - 
to  affect,  for  instance,  the  shock  bound- 
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ary  layer  interaction  process.  Neverthe¬ 
less,  with  the  ever  increasing  demand  on 
data  accuracy,  environmental  effects 
should  not  a  priori,  be  treated  as  neg¬ 
ligible.  Kail  interference,  which  may 
affect  freestream  conditions  as  well  as 
the  overall  flow  development,  must,  of 
course,  be  accounted  for  in  any  simulation 
process. 

Fundamental  physical  aspects  concerning 
the  wind  tunnel  environment  and  recommen¬ 
dations  for  future  research  activities  are 
covered  in  Section  4.8. 


j 
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SECTION  4.3 


BOUNOARY  LAYER  DEVELOPMENT  AnO  TRANSITION 
BY 

Roger  MICHEL 

ONERA  Toulouse  Research  Center  (France) 


4.3.1  INTRODUCTION 

The  principal  critical  flow  phenomena,  pointed  out  in  Section  4.2,  have  been  defined  as  being 
very  sensitive  to  modifications  of  the  properties  of  the  incoming  boundary  layer. 

Let  us,  at  first,  schematize  the  problem  by  considering  the  transonic  flow  around  some  profile; 
•he  two  main  critical  flow  phenomena  are  the  shock-boundary  'ayer  interaction  region  and  the 
downstream  separation  and  trai 1 ing-edge  flow  region. 

Two  kinds  of  questions  can  be  asked; 

Do  we  have  to  deal  with  a  laminar,  transitional  or  turbulent  boundary  layer  close  to  the 
shock?  Moreover,  what  are  its  characteristics  (boundary  layer  thickness,  velocity  and  fluctuation 
profiles)?  The  crucial  point  concerns,  of  course,  not  only  the  transition  but  the  laminar  boundary 
layer  which  will  become  transitional  and  the  turbulent  boundary  layer  which  will  develop  in,  a  priori, 
a  moderate  pressure  gradient. 

-  Considering  the  fact  that  the  boundary  layer  is  turbulent  after  the  shock  wave,  what  growth 
will  it  take  in  an  adverse  pressure  gradient,  especially  one  strong  enough  to  produce  a  turbulent 
separation  in  the  rear  part  of  the  profile? 

So,  in  this  chapter,  we  have  to  analyze  the  properties  of  the  boundary  layer  thorugh  the  three 
classical  aspects  of  a  laminar  boundary  layer,  boundary  layer  transition  and,  at  last,  a  turbulent 
ooundary  layer.  It  is  not  the  purpose  of  the  paper  to  try  to  give  a  complete  review  of  either  all  the 
work  which  has  been  done  or  the  main  results  in  such  a  great  area.  It  is  a  matter  of  simply  examining 
'.he  essential  aspects  of  phenomena  and  weighted  factors  as  well  as  opportunities  which  exist  in  order 
to  predict  the  initial  characteristics  of  the  boundary  as  regards  our  critical  phenomena. 

4.3.2  LAMINAR  BOUNOARY  LAYER  OEVELOPMENT 


The  laminar  boundary  layer  development  could  just  be  covered  by  a  statement  to  the  fact  that  its 
theoretical  treatment  is,  for  all  relevant  configurations,  well  in  hand.  Once  the  potential  flow  is 
given,  the  number  of  unknown  parameters  is  equal  to  the  number  of  equations.  Some  calculation  methods 
exist;  they  are  sure  and  precise  enough  in  order  to  predict  the  boundary  layer  development  in  two-  and 
three-dimensional  flows.  One  can  use  either  field  methods  solving  the  local  equations  of  the  boundary 
’ayer  or  integral  methods  involving  global  equations  (see  for  example  CEBECI-BRADSHAW  / 1 /  and  COUST E I X 
/-V). 


However,  it  must  be  noticed  that  the  essential  aim  of  boundary  layer  calculations  is  to  provide 
o',  with  precise  and  detailed  information,  more  particularly  on  velocity  profiles,  so  that  one  ran 
establish  the  behavior  as  regards  to  laminar  stability  theory  and  then  apply  some  transition 
criterion.  To  that  point,  field  methods  are,  a  priori,  more  appropriate.  Valid  results  ran,  however, 
obtained  from  integral  methods  by  using  elaborate  closure  relationships;  usually,  an  extra  global 
equation  is  considered  as,  for  instance,  the  global  equation  of  kinetic  energy.  Some  practical 


•  Kail  inn  addrecn: 
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aspects  will 'only  be  developed:  they  are  given  from  very  well  known  and  classic  results  in  order  to 
show  up  the  influence  of  the  essential  parameters  on  the  boundary  layer  development. 

In  two-dimensional  incompressible  flows,  the  self-similar  solutions  of  Falkner-Skan  /3/  and 
Hartree  /4/  demonstrate  the  very  sensitivity  of  the  laminar  boundary  layer  and  of  its  velocity 
profiles  to  pressure  gradients.  A  classic  paramft;-  which  is  used  to  show  this  Influence  is  the 
Pohlhausen  parameter  A  =  02/v  dUe/dx  (where  0  is  the  momentum  thickness).  As  will  be  seen  later, 
this  parameter  will  occur  in  transition  criteria.  The  evolution  of  self-similar  laminar  shape  factor 
and  skin  friction  coefficient  with  A  is  illustrated  in  Fig.  1.  These  results  are  often  used  for  the 
closure  relationships  needed  in  integral  methods. 

For  transonic  flows,  at  moderate  values  of  Mach  numbers,  the  effect  of  compressibility  is  weak, 
especially  as  regards  to  the  skin-friction  coefficient.  On  the  other  hand,  the  compressibility  effect 
is  more  considerable  on  the  shape  parameter  as  illustrated  through  the  following  formula: 

II  -  2  59  +  0  R67  Afr* 

n<s  formula  is  valid  for  a  flat  plate  laminar  boundary  layer  developing  on  an  adiabatic  wall. 

At  last,  some  observations  can  be  put  forward,  concerning  three-dimensional  boundary  layers  for 
which  there  exists  a  streamwise  flow  in  the  direction  of  the  external  streamline  and  a  cross-flow  in 
the  orthogonal  direction.  For  the  streamwise  flow,  the  Influence  of  pressure  gradient  ilp/i/x  is 
entirely  comparable  with  the  one  observed  in  two-dimensional  flows.  On  the  other  hand,  as  regards  to 
•.ross-flow,  the  effect  of  negative  pressure  gradients  is  very  important.  In  fact,  the  transverse 
component  of  the  velocity  profile  Increases  considerably  with  the  Intensity  of  this  pressure  gradient. 
More  is  an  essential  property  for  cross-flow  instability  phenomena  and  transition  which  is  derived 
fium  it. 


A. 3. 3  BOUNDARY  LAYER  TRANSITION 

Considering  all  the  research  devoted  to  transition  problems,  it  is  very  useful  to  make  reference 
to  synthesis  papers  in  which  the  reader  will  be  able  to  find  all  the  available  bibliography 
references.  Among  the  most  recent  reviews,  there  is  the  Special  Course  on  Stability  and  Transition  of 
Laminar  Flow  /5/  which  was  held  at  the  von  Karman  Institute,  Rhode  St  Genese,  March  1984.  Let  us  add 
'.hat  in  the  Special  Course  on  Three-Oimensional  Boundary  Layers  Calculations  (V. K .  Institute  -  April 
’986)  there  is  also  a  paper  from  0.  ARNAL  /6/  on  three-dimensional  boundary  layers  and  laminar- 
turbulent  transition. 

4. 3. 3.1  Transition  in  two-dimensional  flows: 

4. 3. 3.1. 1  Effective  parameters  for  transition  problems  in  incompressible  flows 

Three  main  parameters  which  have  been  shown  to  influence  transition  Reynolds  numbers  are  the 
•allowing: 


•  Pressure  gradient  (or  external  velocity  gradient!: 

The  pressure  gradient  acts  on  the  velocity  profile  and  accordingly  on  the  stability  properties  of 
the  laminar  boundary  layer;  the  existence  of  an  inflection  point  is  crucial  with  respect  to  the 
stability  problem.  Concerning  transition,  the  results  follow,  qualitatively,  those  given  by  the 
linear  stability  theory:  for  negative  (respectively  positive)  pressure  gradients,  the  velocity 
profiles  are  stable  (respectively  unstable)  and  the  transition  Reynolds  numbers  are  high  (respectively 
low).  The  different  transition  criteria  have  been  set  up  at  first  from  that  effect. 


Surface  roughness; 


It  seems  obvious  that  the  surface  roughness  plays  an  Important  role  as  regards  to  transition 
since  the  boundary  layer  tripping  represents  an  essential  part  of  the  boundary  layer  simulation  and 
control  in  wind  tunnels.  Several  results,  concerning  roughness  heights  necessary  to  trip  the  boundary 
layer,  will  be  discussed  later. 

•  Free-stream  turbulence: 


We  will  examine  now  some  typical  results  of  the  influence  of  free-stream  disturbances  on 
transition.  On  Fig.  2  are  plotted  different  experimental  results  obtained  for  a  boundary  layer  in  a 
uniform  flow;  it  shows  up  the  evolution  of  the  transition  Reynolds  numbers  with  the  external 
turbulence  level,  Tu.  At  low  values  of  Tu  (say  Tu  <  1/1000),  the  transition  Reynolds  number  tends 
towards  a  constant  value,  close  to  3  million,  if  we  look  at  the  classic  experiments  of  Schubauer- 
Skramstad  /7/  but  the  results  obtained,  later  on,  by  Wells  /8/  give  a  higher  value. 

At  low  values  of  the  external  turbulence  rate,  it  has  been  shown  that  aerodynamic  sound  can 
control  the  tra  ition  process;  Spangler  and  Wells  have  investigated  the  effects  of  acoustic  noise 
fields  of  discrete  frequencies  /’}/.  The  evolution  of  Rxf  with  the  free-stream  disturbance  intensity 
is  shown  in  Fig.  3.  It  can  be  observed  that  high  sound  levels  may  be  encountered  without  change  in 
the  transition  location  when  sound  gives  rise  to  Tollmien-Schlichting  waves  falling  outside  the 
dangerous  band  in  Instability  theory.  If  it  is  not  the  case,  the  transition  Reynolds  number  may  be 
dramatically  reduced. 


A. 3. 3. 1.2  Transition  criteria 

Empirical  transition  criteria  have  been  suggested  initially  to  take  into  account  the  primary 
influence  of  the  streamwise  pressure  gradient  assuming  implicitly  the  external  turbulence  level  is  low 
enough  so  that  the  experimental  results  can  be  plotted  on  a  single  curve.  The  usual  transition 
Reynolds  number  is  based  on  the  momentum  thickness.  This  Reynolds  number  is  correlated  to  a  pressure 
gradient  term  such  as,  for  instance,  the  Pohlhausen  parameter  or  some  parameter  depending  on  the  shape 
of  the  laminar  boundary  layer  velocity  profile,  as  the  shape  factor  II.  Different  transition  criteria 
-  for  instance  Michel's  criteria  /10 /  -  can  be  written  in  terms  of  such  a  representation  by  the  use  of 
laminar  similarity  solutions. 

The  transition  criteria  are  often  used  for  practical  applications,  because  they  are  easily 
introduced  in  engineering  prediction  methods  such  as  Integral  methods.  Nevertheless,  the  problem  is 
that  important  discrepancies  can  exist  between  the  various  theories  (Fig.  A).  Moreover,  they  do  not 
take  into  account  the  stability  properties  of  the  boundary  layer  since  they  could  eventually  predict 
the  transition  point  upstream  of  the  critical  point,  defined  in  the  linear  stability  theory,  which  is 
at  variance  with  the  transition  process. 

A  first  attempt  for  considering  the  stability  properties  of  the  boundary  layer  and  the  flow 
history  was  made  by  Granville  /1A/.  The  experimental  results  fall  on  one  curve  when  presented  in 
terms  of  the  difference  in  momentum  thickness  Reynolds  numbers  from  the  critical  (xcr)  to  the 
transition  (xt)  point  versus  an  averaged  Pohlhausen  parameter  cal, u la ted  between  xcr  and  xt  (Fig.  5). 

So  far,  among  all  the  different  methods,  those  which  provide  us  with  the  best  capability  to 
oredict  the  transition  point  are,  without  doubt,  the  amplification  methods,  that  is  the  so-called  en 
methods  which  use  results  from  the  laminar  stability  theory  by  considering  the  amplification  of 
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Tollmien-Schlichting  waves.  These  methods  are  based  on  the  observation  that  transition  occurs  when 
the  most  unstable  frequency  is  amplified  by  some  factor:  e9  for  Smith  and  Gamberoni  /15/,  e8  for  Van 
Ingen  /16/.  The  success  of  such  a  method  lies,  in  fact,  in  a  judicious  choice  of  the  value  of  the 
exponential  factor. 

Therefore,  Mack  suggests  to  take  into  account  the  effect  of  the  external  turbulence  level  Tu. 
The  value  of  the  factor  n  at  the  transition  location  is  given  by  the  following  relation  /17/ 

nr  =  -8.43  —  2  4  In  Tu 

This  relation  has  been  established  to  fit  experimental  results  of  transition  for  flat  plate  cases; 
more  generally,  it  can  be  applied  to  flows  with  pressure  gradients. 

The  application  of  an  en  method  is,  as  follows:  for  a  given  external  velocity  distribution,  a 
laminar  boundary  layer  code  provides  us  with  the  velocity  profiles.  The  laminar  stability  theory 
(Orr-Sommerfeld  equation)  is  applied  to  these  profiles  at  different  abscissa.  The  local  amplification 
rate  is  then  determined  for  different  frequencies  and  for  each  of  the  velocity  profiles.  Transition 
will  occur  when  the  integration  of  the  local  amplification  rate  gives,  for  the  most  unstable 
frequency,  the  amplification  corresponding  to  the  critical  factor  nj. 

Arnal,  Habiballah  and  Delcourt  /la/  suggest,  for  practical  applications,  a  criterion  derived  from 
tne  en  method;  it  is  based  on  velocity  profiles  of  similarity  flows.  The  criterion  starts  with  the 
-nvelope  curves  of  amplitude  ratio  computed  for  the  Falkner-Skan  profiles  (fig-  6).  Each  curve  is 
> haracterized  by  a  similarity  parameter,  such  as,  for  instance,  the  Pohlhausen  parameter  A.  The 
curves  of  Fig.  6  give  for 


a  relation  such  as: 


n  ~  nlHR.  orR 0,  A) 

As  the  critical  Reynolds  number  is  itself  a  function  of  A,  and  as  the  value  of  n  at  the  transition 
location  depends  on  the  external  turbulence  level  (Mack's  relation),  one  gets  a  correlation  of  the 
form: 


K0_  -  «0  =  /iA.  Tu) 

This  correlation  looks  like  the  one  proposed  by  Granville  except  that  the  free-stream  turbulence  level 
Tu  is  taken  into  account.  It  is  then  sufficient  to  replace  A  by  its  averaged  value,  taken  between 
the  critical  abscissa  and  the  transition  point,  to  get  a  transition  criterion  Including  the  effects  of 
pressure  gradient  and  free-stream  turbulence  level;  it  is  then  applicable  to  non-similarity  boundary 
layers.  The  preceding  correlation  is  represented  on  Fig.  7.  The  very  important  influence  of  the 
pressure  gradient  can  be  clearly  observed  Let  us  notice  also  the  Increasing  effect  of  turbulence 
when  going  from  positive  to  negative  pressure  gradients. 

As  regards  to  boundary  layer  simulation  in  wind  tunnels,  an  Important  point  is  to  know  where 
transition  would  occur  for  flight  Reynolds  numbers.  It  is  generally  assumed  that  transition  will  take 
place  close  to  the  leading  edge  and,  very  often,  the  boundary  layer  is  tripped  within  the  first  ten 
percent  of  the  chord.  An  application  of  the  preceding  transition  criterion  to  the  CAST  7  profile 
shows  that  It  is  not  always  the  case  (Fig.  8).  In  spite  of  a  rather  high  value  of  the  lift 
coefficient  (Cl  *  0.6)  negative  pressure  gradients  exist  on  the  forward  part  of  the  upper  side; 
downstream  to  the  shock  wave,  the  pressure  gradient  is  equal  to  zero  or  slightly  negative.  This 
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stabilizing  effect  gives  transitions  located  further  downstream  than  It  could  be  predicted  by  using 
the  usual  criteria  for  boundary  layer  tripping. 

4. 3. 3. 1.3  Effect  of  wall  roughness 

Only  a  few  results  exist  as  regards  to  roughness  heights  below  which  transition  takes  place  at 
the  same  location  as  on  a  smooth  surface  ("natural"  transition).  Concerning  distributed  roughness, 
some  Reynolds  number  Ue  h/y  close  to  120  was  identified  through  experiments  conducted  by  Feindt  / 19/ ; 
there' is  no  Influence  of  the  pressure  gradient  on  the  value  of  such  Reynolds  number  (Fig.  9). 

A  lot  of  experimental  work  was  done  for  describing  the  dependence  of  the  transition  point 
movement  on  the  size  of  two-  and  three-dimensional  roughness  elements.  These  results  can  be  found  in 
particular  In  Oryden  /20/.  When  Increasing  the  roughness  height  (or  the  free-stream  velocity) 
transition  moves  gradually  upstream  for  a  two-dimensional  roughness  element  (Fig.  10).  For  a  three- 
dimensional  roughness  element,  the  change  In  the  transition  location  Is  more  abrupt;  transition  moves 
quickly  forward  when  the  Reynolds  number  exceeds  some  critical  value  corresponding  to  the  roughness 
height  (Fig.  11). 


4.3.3. 1.4  Effect  of  compressibility 

Considering  the  problem  of  transition  in  transonic  and  supersonic  flows,  one  of  the  main 
difficulties  remains  In  the  fact  that  the  available  experimental  results  are  most  of  the  time  governed 
by  pressure  fluctuations  Induced  by  the  test  section  walls.  Systematic  measurements  performed  on  the 
AEDC  cone  /21/  showed  a  quite  important  scattering  of  the  wind  tunnel  transition  data.  The  flight 
transition  Reynolds  numbers  are  compared  to  those  obtained  in  the  less  "noisy"  wind  tunnels  (Fig.  12); 
they  rapidly  moved  apart  when  reaching  the  supersonic  range. 

For  the  range  of  transonic  velocities  of  our  applications,  It  does  not  seem,  at  least  in  a  first 
analysis,  that  the  Mach  number  Is  an  essential  parameter.  Stability  calculations  indicate  only  a 
moderate  variation  of  the  critical  Reynolds  number  with  respect  to  the  incompressible  case.  The 
'ransltion  criteria,  previously  established  for  incompressible  flows,  and  slightly  modified  to  take 
into  account  the  effect  of  compressibility  through  the  involved  parameters,  could  predict  with  success 
for  some  cases,  the  transition  location  on  an  adiabatic  wall. 

However,  more  detailed  studies  of  stability  for  compressible  flows  performed  by  Mack  /5/  and  more 
recently  by  Arnal  /22/  provided  us  with  results  a  little  bit  different  form  the  Incompressible  ones. 
At  first,  at  Me  =  0.  the  two-dimensional  waves,  '1'  =  0,  were  only  considered;  one  could  then 
demonstrate  that  they  are  the  most  unstable  ones.  This  Is  no  longer  the  case  in  compressible  flows: 
Fig.  13  shows  the  evolution  of  the  maximum  amplification  coefficient  versus  the  wave  direction,  >F, 
for  transonic  flows  /22/;  one  should  notice  that  the  highest  amplification  corresponds  for  a  non-zero 
value  of  above  Me  =  0.9. 

Secondly,  an  Important  result  is  that  an  increase  of  the  Mach  number  has  little  effect  on  the 
critical  Reynolds  number;  however,  the  amplification  coefficients  of  the  unstable  waves  are  smaller, 
this  property  Is  illustrated  on  Fig.  12  where,  after  Arnal,  Is  presented  the  transition  Reynolds 
numbers  obtained  with  the  en  method  for  different  values  of  the  exponent  n.  For  the  flat  plate  case 
as  well  as  the  cone,  one  gets  (Fig.  12)  an  Increase  in  the  transition  Reynolds  number  above  the 
subsonic  range.  Concerning  the  cone,  it  is  Interesting  to  notice  that  the  experimental  results  are 
obtained  for  a  value  of  n  close  to  10;  that  last  value  Is  In  fact  the  one  which  has  to  be  considered 
tn  incompressible  flows  at  low  values  of  the  external  turbulence  level. 

For  a  non-adlabatlc  wall,  the  wall  temperature  Is  a  very  Important  parameter;  there  Is  a 
stabilizing  or  destabilizing  effect  according  as  the  wall  temperature  Is  lower  or  greater  than  the 
adiabatic  wall  temperature.  The  transition  Reynolds  number  has  been  estimated  to  follow  a  power-type 
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law,  Tw-7,  a  result  which  could  be  rather  well  confirmed  by  Arnal  when  applying  an  eh  method  in  the 
flat  plate  case;  but,  we  must  be  careful  since  the  effect  of  non-thermal  equilibrium  must  depend  on 
the  pressure  gradient  in  which  transition  takes  place.  This  effect  represents  a  serious  problem  for 
experiments  performed  in  blow-down  and  in  cryogenic  wind  tunnels  since  very  severe  conditions  must  be 
respected  for  fixing  the  thermal  equilibrium  of  the  model. 

4. 3. 3. 1.5  Influence  of  Streamwlse  Curvature 

It  is  especially  in  the  case  of  a  concave  wall  that  one  can  observe  the  influence  of  a  streamwise 
curvature  on  the  stability  of  the  boundary  layer.  There  is,  then,  a  destabilizing  effect  of 
centrifugal  forces,  which  leads  to  the  formation  of  counter  rotating  vortices,  the  axes  of  which  are 
parallel  to  the  principal  flow  direction.  This  instability  which  was,  at  first,  considered  by  Gortler 
1211.  often  results  in  a  premature  transition.  Some  essential  results  are  presented  here;  they  are 
extracted  from  a  more  complete  review  given  by  Arnal  /5/. 

From  a  theoretical  point  of  view,  a  three-dimensional  disturbance  is  superposed  on  the  basic 
flow;  its  form  is  periodical  in  the  transverse  direction.  Substituting  this  form  within  the 
continuity  and  momentum  equations,  one  gets  a  system  of  two  differential  equations  for  the  amplitude 
functions  of  u  and  v.  For  given  mean  velocity  profiles,  three  parameters  arise: 

the  Gortler  number:  Gl  «  Uel/v  vT/R 

the  wave  number:  a  -  2nL/x  (t:  transverse  wave  length) 

the  amplification  factor  K  (using  the  temporal  theory). 

The  homogeneous  boundary  conditions  lead  to  an  eigenvalue  problem  for  these  three  real  parameters. 

An  example  of  results,  obtained  by  Ragab  and  Nayfeh  /24/,  is  given  on  Fig.  14;  the  cemporal 
amplification  rate  curves  are  plotted  In  a  Gortler  number-wave  diagram  for  a  mean  velocity  profile  of 
a  flat  plate  boundary  layer.  One  can  observe  that  the  neutral  curve  (K  =  0)  appears  to  asymptotically 
approach  Gl  *  0.47  (to  which  corresponds  Go  *  0.25).  The  same  authors  computed  neutral  stability 
curves  for  different  Falkner-Skan  profiles;  favorable  pressure  gradients  are  stabilizing  whereas 
positive  pressure  gradients  are  destabi 1 Izing,  but  this  effect  diminishes  rapidly  as  the  wave  number 
Increases. 

Concerning  the  values  of  the  Gortler  number  at  which  transition  begins,  the  experimental  results 
are  not  numerous.  Reference  is  made  /5/  to  the  work  of  Liepmann  /25/,  /26/,  who  investigated  the 
influence  of  convex  and  concave  curvature  on  the  transition  location.  The  left  hand  side  part  of  Fig. 
15  shows  the  evolution  of  RO  taken  at  the  transition  point,  versus  the  ratio  0/R. 

The  effect  of  a  convex  wall  remains  very  slight.  On  the  other  hand,  increasing  tl/R  decre  >es 
notably  the  transition  Reynolds  number.  Liepmann  found  that  the  transition  Gortler  parameter  Guj  * 
(RO  V(I/R)t  is  close  to  9  at  a  very  low  turbulence  level,  whereas  at  higher  turbulence  levels  (T  = 
0.3  10-2),  the  value  was  about  6.  It  must  be  emphasized,  however,  that  liepmann's  data  are  restricted 
to  slightly  curved  walls.  The  dependence  on  streamwise  pressure  gradient  is  certainly  small,  due  to 
the  strong  mean  velocity  profile  distortions  introduced  by  the  Gortler  vortices.  In  any  case,  G»t  is 
about  two  orders  of  magnitude  greater  than  the  critical  Gortler  number. 

4. 3. 3. 2  Transition  in  three-dimensional  flows: 


4. 3.3.2. 1  Sweptwings  -  Possible  origins  of  the  turbulence 


The  evolution  of  the  streamwise  and  cross-flow  velocity  profiles  of  the  laminar  boundary  layer 
vhich  develops  on  a  swept  wing  is  shown  in  Fig.  16.  For  a  given  angle  of  sweep  and  angle  of  attack. 
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this  figure  Illustrates  also  the  movement  of  transition  as  a  function  of  some  chord  Reynolds  number, 
that  is  to  say  the  free-stream  velocity.  It  appears  that  transition  may  occur  through  three  main 
mechanisms: 

-  At  low  values  of  the  free-stream  velocity  velocity  (or  Reynolds  number)  the  transition 
transition  takes  place  In  the  rear  part  of  the  wing.  In  the  region  of  positive  pressure  gradient.  Its 
movement  looks  like  the  one  which  would  be  observed  on  the  same  airfoil  without  any  angle  of  sweep. 
It  is  governed  by  the  stability  properties  of  the  streamwlse  profile  of  the  laminar  boundary  layer. 
This  transition  shall  be  called  streamwlse  f Instabi 1 i ty)  transition. 

-  At  higher  values  of  the  free-stream  velocity,  transition  rapidly  shifts  forward  and  takes  place 
rather  close  to  the  leading  edge  In  a  negative  streamwise  pressure  gradient.  Such  a  movement  Is 
Inconceivable  In  two-dimensional  flows,  where  the  accelerated  zones  stabilize  the  laminar  boundary 
layer.  It  is  attributable  to  the  stability  properties  of  the  cross-flow  profile  of  the  boundary 
layer.  This  transition  shall  be  called  cross-flow  (Instability)  transition. 

-  At  last,  for  much  higher  values  of  the  free-stream  velocity,  the  boundary  layer  which  develops 
on  the  attachment  line  can  be  contaminated  by  the  turbulent  structures  of  large  scale  coming  from  the 
*all  on  which  the  wing  Is  fixed:  this  is  the  leading  edge  contamination.  Thus,  the  boundary  layer  is 
turbulent  all  over  the  whole  wing.  For  such  high  values  of  the  Reynolds  number,  relamlnarlzation 
••ould  not  occur  very  easily. 

4. 3. 3.2.2  Transition  criteria 

•  Leading  edge  contamination : 


An  important  parameter  Is  the  Reynolds  number,  Ro,  defined  with  the  momentum  thickness  of  the 
boundary  layer  on  the  attachment  line.  For  infinite  swept  wing,  this  Reynolds  number  depends  on  the 
angle  of  sweep  <J>,  on  the  free-stream  velocity  Qm,  and  on  the  normal  external  velocity  gradient  taken 
at  the  leading  edge.  It  is  possible  to  express  it  in  the  following  form: 

4> 


Experimental  studies  revealed  that  leading-edge  contamination  occurs  when  that  Reynolds  number  exceeds 
a  critical  value  /27/ : 


Ka  =  0.404 


V*  00 


For  Infinite  swept  wings  In  Incompressible  flows,  the  normal  external  velocity  gradient  Is 


c IV t , 

where  r  Is  the  radius  of  the  leading-edge  cylinder.  So,  the  Reynolds  number  beyond  which 
contamination  takes  place  along  the  attachment  line  is: 

v.r  1 22  500 
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this  Reynolds  number  decreases  quickly  when  the  angle  of  sweep  Increases,  as  Is  shown  In  the  following 
table  (the  Reynolds  number  based  on  the  chord  of  the  profile  taken  in  the  direction  normal  to  the 
leading  edge  is  calculated  for  r/c  ■  1.5*). 
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•  Streamwise  instability: 

For  this  type  of  Instability,  a  two-dimensional  criterion  remains  valid  in  three-dimensional 
flows,  provided  It  Is  applied  along  an  external  streamline.  It  Is  possible  to  use,  for  instance,  R0t 
-  RHcr  *  f(A,Tu)  where  0  is  the  momentum  thickness  of  the  streamwise  profile  and  A  the  averaged 
Pohlhausen  parameter  calculated  along  the  curvilinear  abscissa  with  this  streamwise  momentum 
thickness. 


•  Cross-flow  instability: 

Pure  empirical  criteria  have  been  proposed  for  characterizing  this  cross-flow  Instability  type 
transition  by  correlating  a  Reynolds  number  based  on  the  displacement  thickness  of  the  cross-flow 
profile  of  the  boundary  layer: 

KS,  =  -  -  I  —  dy 

v  2  I „  u, 

Beasley  /2B/  proposed  that  at  the  point  where  transition  begins,  this  Reynolds  number  reaches  a 
constant  critical  value,  close  to  150. 

A  systematic  study  of  the  experimental  results  available  in  the  literature  has  shown,  however, 
that  the  cross-flow  transitions  did  not  take  place  for  a  unique  value  of  RS?  /29/.  Various  attempts 
to  correlate  R82  with  some  characteristics  of  the  cross-flow  profile  have  not  made  it  possible  to 
collapse  the  experimental  results.  Better  results  have  been  obtained  by  associating  the  transition 
Reynolds  number,  RS2J,  with  the  shape  factor  of  the  streamwise  profile,  H  (Fig.  17). 

Coustols  and  Arnal  have  also  tried  to  take  into  account  results  given  by  the  laminar  stability 
theory,  applied  to  three-dimensional  boundary  layer.  In  order  to  build  a  second  cross-flow  transition 
criterion  (see  /29/).  At  a  given  abscissa,  stability  properties  of  different  velocity  profiles,  Uc, 
projected  in  a  given  direction,  (Fig.  18),  are  studied  from  e  «  0*  (cross-flow  profile)  to  t  =  90° 
(streamwise  profile).  We  then  define  a  Reynolds  number  Rgj^,  based  on  the  displacement  thickness  of 
the  profile  Uc: 

/(,,  -  -  (1/  sine  —  U  iily  4 

*'c  v  *  4 

where  U*(y)  *  U(y)  sin  c  +  W(y)  cos  c  and  Ue  represents  the  resultant  potential  velocity. 

Stability  calculations  revealed  the  existence  of  one  most  unstable  direction  designated  as  c  min- 
In  order  to  determine  that  direction,  one  needs  to  know  the  critical  Reynolds  number.  As  a 

consequence,  this  latter  has  been  represented  as  a  function  of  either  the  height  of  the  Inflection 

point  of  the  profile  Uc  and  of  the  first  derivative  of  Uc  taker,  at  the  Inflection  point,  or  some 
integral  parameter  if  Uc  does  not  exhibit  some  inflection  point.  Moreover,  the  cross-flow  direction 
was  always  found  to  be  more  stable  than  the  cmln  direction,  which  varies  from  1"  to  5*;  this 
illustrates  the  concept  of  "quasi  cross-flow  instability". 

Finally,  the  criterion  for  cross-flow  (instability)  transition  has  been  established  from  the 
various  experimental  data  available  for  swept  wings;  it  is  based  on  a  correlation  between  three 
parameters  (Fig.  19): 

Rglc,  taken  in  the  most  unstable  direction 
the  streamwise  shape  factor  parameter  H 

the  turbulence  level  Tu 


4. 3. 3. 2. 3  Application:  location  of  transition  on  a  swept  wing 


Using  the  criteria  for  leading  edge  contamination,  cross-flow  and  streamwise  (instability) 
transition,  a  parametric  study  could  be  done,  in  order  to  show  up  the  combined  effect  of  sweep  angle 
and  pressure  gradeint  on  transition  as  function  of  Reynolds  number.  The  profile  that  we  studied  is  a 
sailplane  profile  (OA  P01)  defined  at  the  ONERA  Aerodynamics  Oivision.  The  transition  location  was 
determined  at  0°,  20',  and  30'  of  sweep  angle.  The  results  are  shown  on  Fig.  20  for  the  normal  angle 
of  attack  an  -  1*.  On  the  lower  surface,  where  the  negative  pressure  gradients  remain  moderate,  the 
transition  is  mainly  due  to  streamwise  instability  or  to  leading  edge  contamination. 

Cross-flow  instability  affects  more  obviously  the  upper  surface,  because  of  the  intensity  of  the 
negative  pressure  gradients  and  the  rapid  movement  of  transition  towards  the  leading  edqe  when  giving 
sweep  and  increasing  the  Reynolds  number  Is  well  evidenced. 

Using  moreover  an  "intermittency  method"  ror  calculating  the  transition  region  (see  ARNAL  /5/), 
the  boundary  layer  could  be  calculated  down  to  the  trailing  edge.  The  total  momentum  thickness  (upper 
♦  'ower  surface)  obtained  at  the  trailing  edge  is  given  in  Fig.  21  which  clearly  indicates  the  rapid 
drag  increase  beyond  a  certain  Reynolds  number,  strongly  dependent  on  sweep  angle. 

4. 3. 3. 2. 4  Some  observations  on  the  stability  of  three-dimensional  boundary  layers 

A  striking  aspect  related  with  the  stability  of  three-dimensional  boundary  layers  has  been  put  in 
evidence  thorugh  a  number  of  experiments  using  wall  visualization  techniques.  Figure  22  shows  an 
example  of  sublimation  result  obtained  on  a  swept  ONERA  D  airfoil  (see  /30/)  revealing  a  closely 
spaced  spark  pattern  nearly  aligned  with  the  external  streamlines.-  These  streaks  indicate  a 
periodical  spanwlse  evolution  of  the  skin  friction  coefficient.  A  detailed  experimental  study,  as 

regards  to  these  streaks,  has  been  undertaken  at  ONERA/CERT  /30/  showing  an  important  evolution  in  the 
spanwlse  direction  of  the  mean  velocity  profile  (and  also  of  the  perturbation  profiles)  measured  in 
the  laminar  boundary  layer  (Fig.  23). 

The  laminar  stability  theory,  extended  to  three-dimensional  boundary  layers,  allows  to  verify  the 
existence  of  these  streaks  in  showing  that  zero  frequency,  stationary  waves,  can  be  highly  amplified 
in  three-dimensional  flows.  Thr  temporal  amplification  factor  calculated  for  the  station  X  =  0.4  on 
the  swept  ONERA  0  airfoil  is  plotted  in  Fig.  24  as  a  function  of  the  wave  direciton  r  for  various 
frequencies  /6/.  It  is  clear  that  the  zero  frequency  is  notably  amplified,  which  explains  the  streaks 
observed  in  experiments;  In  fact,  these  stability  calculations  provide  us  with  results  in  good 
agreement  with  experimental  values  as  regards  either  to  the  wave  length  or  the  amplitude  of  such  a 
phenomenon  /30/. 

Figure  22  shows  that  traveling  waves  can  also  be  highly  amplified:  there  is  a  large  range  of 
unstable  frequencies,  the  most  unstable  of  which  corresponds  to  400  Hz  (and  not  to  0  Hz).  However, 
this  large  range  of  unstable  frequencies  is  not  confirmed  by  experimental  results  obtained  >-ecently  at 
ONERA/CERT,  indicating  that  only  one  frequency  Is  amplified  in  fact;  this  unstable  frequency  is  most 
often  much  lower  than  for  a  two-dimensional  boundary  layer. 

A  few  authors  have  tried  to  extend  the  e^  method  to  predict  the  transition  in  three  -Mmensional 
boundary  layers.  The  extension  is  not  straightforward  because  the  number  of  parameters  determining 
the  most  amplified  wave  increases.  Comparisons  with  experiments  have  been  at  first  somewhat 
disappointing,  experimental  transitions  occurring  at  various  values  of  nT,  often  mjch  higher  than  for 
two-dimensional  boundary  layers  (Figs.  25  and  26).  However,  it  could  be  shown  by  MALIK  and  POLL  /3 1 / 
that  strong  damping  effects  can  be  produced  by  the  streamlines  curvature;  values  of  nj  comparing 
fairly  well  with  two-dimensional  values  can  be  obtained  when  the  curvature  terms  are  introduced  in  the 
stability  equations. 
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4.3.4  TURBULENT  BOUNDARY  LAYER  DEVELOPMENT 

4. 3. 4.1  Prediction  of  turbulent  boundary  layers 

There  are  a  number  of  calculation  methods  for  predicting  the  development  of  “classic"  turbulent 
boundary  lave  s,  that  is  to  say  without  specific  additional  effects,  as  external  turbulence,  wall 
curvatuve,  or  wall  temperature,  which  will  be  considered  later  on  (for  general  review  and  discussion, 
see  for  example  the  conference  held  at  Stanford  University  In  1968  / 32/  and  1980-81  /33/). 

Field  methods  are  based  on  the  solution  of  the  local  boundary  layer  equations,  using  a  turbulence 
model  for  expressing  the  turbulent  shear  stress  (mixing  length  model,  transport  equations  for  k,  »•;  <, 
r,  u'v';  and  k,  c,  u'v',  w'v'  In  three-dimensional  boundary  layers). 

The  mixing  length  model  often  provides  us  with  satisfactory  results,  but  the  magnitude  of  the 
Mixing  length  H  has  to  be  adjusted  in  some  configuration  which  is  the  case  In  strong  positive  pressure 
gradients  leading  tc  separation. 

A  two-equation  model  (k,  i)  represents  a  very  good  tool,  satisfactory  In  most  cases.  In  three- 
dimensional  boundary  layers,  a  fundamental  question  concerns  the  direction  of  the  turbulent  shear 
stress  vector;  though  It  Is  a  classic  hypothesis  as  regards  to  calculations,  a  few  experiments  point 
out  in  fact  that  this  direction  could  be  different  to  the  one  of  the  velocity  gradient  vector. 
However,  one  has  to  say  that  this  problem  Is  .ot  really  crucial  concerning  practical  results  to  which 
numerical  methods  lead. 


Integral  methods  /34/  are  based  on  the  solutions  of  the  boundary  layer  Integral  equations,  i.c. 
the  X  and  Z  global  momentum  equations.  They  use  moreover  an  auxiliary  integral  equation  (entrainment 

equation  or  global  kinetic  energy  equation).  The  closure  relationships  are  based  on  representations 
of  the  velocity  profiles  and  wall  skin  friction  law  which  can  be  based  either  on  empirical  results 
(wall  and  wakes  profiles)  or  on  similarity  solutions  (equilibrium  boundary  layers)  using,  for  example, 
a  mixing  length  model. 

In  recent  developments  (Stanford  Conference  /33/),  th-se  closure  relationships  have  been 
thoroughly  analyied  and  Improved  in  iuch  a  way  that  integral  methods  give  good  results  and  allow  the 
prediction  of  turbulent  boundary  layer  with  good  confidence,  even  In  strong  pressure  gradients,  up  to 
separation. 


In  incompressible  flows,  similarity  solutions  have  also  been  established  for  turbulent  boundary 
layers,  allowing  to  show  the  Influence  of  pressure  gradients  upon  tht  characteristic  parameters  of  the 
boundary  layer.  These  solutions  give  the  velocity  defect  profiles  of  the  equilibrium  boundary  layers 
by  using,  for  Instance,  a  mixing  length  model  for  solving  boundary  layer  equations  /35/.  The  shape 
factor  and  the  skin  friction  coefficient  are  then  given  by  the  following  formula: 
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where  G  and  0*  depend  on  the  shape  of  the  defect  velocity  profile  and  are  functions  of  the  similarity 
parameter  of  the  equilibrium  boundary  layers: 
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So,  skin  friction  coefficient  and  shape  factor  can  be  represented  as  a  function  of  the  pressure 
gradient  parameter,  8i/Ue  dlle/dx,  and  the  Reynolds  number  R81,  based  on  the  displacement  thickness 
(Fig.  27). 

4. 3.4.2  Compressibility  effects 

4. 3. 4. 2.1  Skin  friction  coefficient  (adiabatic  wall) 

Several  methods,  directed  or  controlled  through  numerous  and  well  established  experimental 
results,  allow  to  determine  correctly  the  effect  of  the  Mach  number  on  the  turbulent  skin  friction  of 
a  boundary  layer  development  on  a  flat  plate,  at  least  in  the  case  of  an  adiabatic  wall.  Thus,  Fig. 
28  taken  from  Bushnell  /33/  provides  us  with  the  ratio  of  the  skin  friction  coefficient  at  a  given 
Mach  number  to  its  value  in  incompressible  flow,  for  the  same  value  of  the  abscissa  Reynolds  number. 
One  can  notice  that  the  different  methods  predict  rather  well  the  experimental  results*,  indeed,  they 
show  that  the  skin  friction  coefficient  decreases  when  the  Mach  number  increases.  The  effect  is  not 
very  much  dependent  to  the  Reynolds  number.  It  is  rather  weak  for  the  transonic  velocities  range 
which  interests  us. 

4. 3. 4. 2. 2  Velocity  and  temperature  profiles 

Using  a  technique  which  has  been  widely  developed  for  the  laminar  case,  several  variable  changes 
have  been  proposed;  the  aim  was  to  collect  the  velocity  profiles  of  turbulent  boundary  layers 
(logarithmic  law  of  the  wall  and  velocity  defect  profile)  on  the  incompressible  curves.  The  main 
difficulty  consists  in  the  hypothesis  on  the  turbulent  shear  stress  which  has  to  be  done;  a  mixing 
length  scheme  has  been  used;  empirical  transformations  have  also  been  proposed. 

As  regard  to  the  problem  at  hand,  it  does  not  appear  that  the  shape  of  the  boundary  layer 
velocity  profile  is  very  much  affected  by  the  compressibility  effect.  A  collection  of  the 
experimental  velocity  profiles  obtained  until  a  Mach  number  equal  to  5  has  been  possible  /36/,  for  the 
flat  plate  boundary  layer  as  well  as  for  the  velocity  profiles  close  to  the  separation  point  (Fig. 
29). 


A  classical  result  for  the  temperature  field  within  the  boundary  layer  in  a  zero  pressure 
gradient  case  is  that  the  total  temperature  is  a  linear  or  quasi-linear  function  of  the  velocity. 
This  leads  to  the  Crocco  relation  for  the  static  temperature  or  to  the  modified  Crocco  relation: 
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Combining  this  relation  with  a  power  law  for  the  velocity  profile  produces  the  ratio  of 
characteristic  thicknesses  of  the  boundary  layer,  more  particularly  the  parameter  H  =  8l/0,  through 
the  use  of  the  formula  given  in  the  following  section. 


It  is  important  to  point  out  that  the  temeprature  distribution  within  the  boundary  layer  is 
deeply  affected  when  going  from  zero  to  non-zero  pressure  pressure  gradient  cases. 

I 

An  example  of  results  obtained  through  similar  solutions  of  turbulent  boundary  layers  with 
pressure  gradient  in  compressible  flows  /37/  is  given  on  Fig.  30.  One  can  observe  that  the  total 
temperature  is  not  anymore  a  linear  function  of  the  velocity  as  soon  as  velocity  profiles  and  shape 
parameters,  corresponding  to  negative  pressure  gradient  cases  as  well  as  positive  ones,  are 
considered. 
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4. 3. 4. 2. 3  Wall  temperature 

Though  less  critical  than  for  transition,  the  effect  of  wall  temperature  on  the  turbulent 
boundary  layer  can  be  a  problem  for  tests  in  blowdown  or  in  cryogenic  wind  tunnels,  becuase  of 
possible  differences  between  model  temperature  and  equilibrium  temperature. 

The  effect  of  the  wall  temperature  on  the  wall  skin  friciton  is  still  uncertain;  different 
results  are  obtained  for  example  when  applying  either  a  reference  temperature  concept  or  a  mixing 
length  treatment,  or  when  considering  some  experimental  data.  However,  the  effect  on  the  shape 
r  parameter  is  more  precise;  a  formula  for  flat  plate  boundary  layers  is  for  example: 


ff  =  1.4  +0.4  Me  +  1,22 


Neglecting  the  effect  of  wall  temperature  on  the  skin  friction,  a  formula  for  the  displacement 
thickness  leads,  for  example,  to  the  power  law: 


_  0.0221  fH 
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where  f  is  a  compressibility  function,  depending  only  on  the  Mach  number. 

Let  us  consider  now  the  displacement  thickness  obtained  in  nonequilibrium  conditions  at  a  given 
Reynolds  number  Rx;  the  same  displacement  thickness  would  be  obtained  in  equilibrium  condition  at  an 
"effective  Reynolds  number"  Rx0: 
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4  calculation  at  Me  =  1  gives  the  following  results: 
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This  concept  of  effective  Reynolds  number  confirms  the  severe  conditions  which  should  be 
fulfilled  for  thermal  equilibrium  of  the  models. 

4. 3. 4. 3  Specific  influences  and  parameters 
4. 3. 4. 3.1  Wall  curvature 

The  longitudinal  curvature  of  the  wall  (or  of  the  boundary  layer  streamlines)  is  an  important 
parameter,  which  may  have  a  significant  influence  on  the  boundary  layer  development.  From  fundamental 
studies  of  turbulent  boundary  layers  upon  concave  and  convex  walls  /38/,  it  has  been  shown  that  the 
turbulence  structure  is  thoroughly  modified  by  curvature  (Fig.  31).  Concave  walls  give  rise  to  a 
dramatic  Increase  of  turbulence  in  the  boundary  layer,  leading  rapidly  to  a  complex  pattern  of  Gortler 
vortices.  On  the  other  hand,  boundary  layers  on  convex  walls  contain  a  much  lower  level  of  turbulence 
than  without  curvature;  this  effect  could  be  handled  in  prediction  methods.  By  anology  with  gravity 
effects,  a  parameter  Ri ,  equivalent  to  a  Richardson  number,  is  used  for  taking  into  account  the 
curvature  in  turbulence  modeling: 
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Essentially,  the  turbulence  length  scale  is  modified  by  using  some  function  of  this  Richardson  number. 
For  example,  with  a  mixing  length  scale,  the  turbulent  shear  stress  expression  becomes: 
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where 

F  =  1  for  zero  curvature  (Ri  *  0) 

F  >  1  for  concave  streamlines 
F  <  1  for  convex  streamlines 

The  convex  curvature  gives  rise  to  a  very  important  decrease  in  the  turbulent  shear  stress,  which  is 
virtually  zero  in  a  large  part  of  the  external  boundary  layer. 

Field  methods  and  Integral  methods  have  been  adapted  for  taking  into  account  the  effect  of 

curvature  in  the  development  of  turbulent  boundary  layers,  especially  on  convex  walls  /39/.  The  main 
effect  is  concerned  with  the  entrainment  of  external  fluid  by  the  boundary  layer.  Various 

applications  and  comparisons  with  experiments  have  been  performed  (Fig.  32).  It  has  been  shown  in 
particular  that  taking  into  account  the  curvature  can  improve  considerably  the  prediction  of 
separation  when  it  appears  in  the  curved  rear  part  of  wing  profiles  (Fig.  33). 

Contrarily  to  longitudinal  curvature,  the  transverse  curvature  does  not  seem  to  modify  the 
boundary  layer  turbulence  structure.  It  acts  essentially  by  the  fact  that  terms  which  were  neglected 
in  the  boundary  layer  approximation,  have  to  be  reintroduced  in  the  equations  to  take  into  account 

3/R.  In  fact,  the  effect  is  not  very  sensitive  for  a  turbulent  boundary  layer  and  can  be  neglected 

up  to  fi/R  of  the  order  of  unity. 

4.3. 4. 3. 2  External  turbulence 


The  external  turbulence  is  also  a  parameter  which  acts  cn  the  turbulence  structure  and  on  the 
Doundary  layer  development.  This  effect  has  been  studied  especially  for  internal  flows  in 
turbomachines,  i.e.  at  high  levels  of  turbulence. 

The  external  turbulence  is  taken  into  account  in  transport  equations  models,  simply  as  a  limiting 
condition  on  which  depends  the  distribution  of  turbulence  in  the  boundary  layer.  In  fact,  this 
entrainment  of  turbulent  external  fluid  by  the  boundary  layer  acts  as  an  augmentation  of  the 
turbulence  length  scale. 

Field  methods  and  integral  methods  have  been  also  adapted  for  external  turbulence  /40/. 
Applications  show  that  there  are  two  main  practical  effects: 

moderate  increase  in  the  wall  skin  friction, 

modification  of  the  velocity  profile:  lower  value  of  the  shape  parameter. 

The  second  effect  may  be  the  most  important,  since  it  can  delay  the  boundary  layer  separation,  even  at 
somewhat  low  turbulence  levels  of  wind  tunnels  (Fig.  34).  Detailed  results  on  the  effect  of  external 
turbulence  are  given  in  Section  4.8  on  Environmental  Effects. 


4. 3. 4. 3. 4  Wall  roughness 

It  is  well  known  that  wall  roughness  acts  on  a  turbulent  boundary  layer  by  giving  a  shift  of  the 
logarithmic  law  of  the  wall  /41/: 
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The  skin  friction  coefficient  increase,  due  to  roughness,  is  then  given  by: 


Applications  of  these  formula  are  shown  on  Fig.  35:  the  skin  friction  coefficient  remains  equal  to  a 
smooth  wall  coefficient  up  to  a  critical  height,  above  which  it  increases  rapidly.  The  ratio  h/8] 
decreases  rapidly  when  the  Reynolds  number  increases.  The  tolerable  roughness  height  becomes  very 
small,  which  creates  a  severe  problem  for  surface  finish  of  models  of  moderate  size  tested  at  high 
values  of  the  Reynolds  number.  (The  sudden  influence  of  roughness  on  skin  friction,  hence  drag,  has 
the  appearance  of  a  Reynolds  number  effect). 

4. 3. 4. 3. 5  Sidewall  effects  in  two-dimensional  tests  -  A  warning 

The  boundary  layers  developing  on  the  sidewalls  in  the  presence  of  a  two-dimensional  model  give  a 
convergence  effect  observed  mainly  in  the  regions  of  strong  positive  pressure  gradients,  notably 
through  and  after  the  shock  wave  in  transonic  testing.  This  convergence  effect  Influences  the 
ooundary  layer  development  because  the  momentum  balance  is  no  more  a  two-dimensional  boundary  layer 
balance.  Momentum  thickness  and  shape  parameters  can  grow  more  rapidly  than  predicted  by  a  two- 
dimensonal  calculation  method.  That  is  a  difficult  problem  which  has,  for  a  long  time,  hindered  the 
verification  of  prediction  methods  for  turbulent  boundary  layers  going  to  separation. 


4.3.5  CONCLUSIONS  -  FUTURE  RESEARCH  REQUIREMENTS 

Considering  at  first  turbulent  boundary  layers,  one  can  reasonably  say  that  numerical  codes  are 
available;  by  this  time,  they  allow  to  predict,  at  least  for  incompressible  flows,  the  development  of 
the  whole  turbulent  boundary  layer  up  to  separation.  Singularity  problems  appear  of  course  in  the 
v'cinity  of  the  separation,  but  it  is  quite  easy  to  get  rid  of  them  by  considering  the  Inverse  mode 
calculation. 

We  have  not  dealt  with  nonequilibrium  bounoary  layers  since  this  has  been  done  by  A.G.T.  Cross  in 
Section  4.4.  However,  questions  still  have  to  be  answered  either  as  regards  to  relaxation  or  when  the 
boundary  layer  is  subject  to  a  quick  evolution  of  the  external  flow  data.  An  important  case  concerns 
the  relaxation  of  the  boundary  layer  downstream  of  the  shock  *-;ve  and  of  the  separation  which  might 
occur;  the  present  turbulence  modeling  is  very  arguable.  It  should  probably  be  very  Interesting  to 
try  to  take  into  account  the  effects  of  the  streamlines  curvature  (or  more  simply  of  the  displacement 
thickness) . 

The  turbulence  modeling  in  compressible  flows  must  also  lead  to  future  research;  it  would  be  very 
useful  to  obtain  more  numerous  and  systematic  experimental  and  fundamental  data  on  the  structure  of 
turbulence  and  more  precisely  on  its  thermal  aspect.  From  a  practical  point  of  view,  the  Influence  of 
the  wall  temperature  on  the  turbulent  skin  friction  in  the  case  of  a  non-adiabatic  wall  has  to  be 
cleared  up;  for  this,  experimental  results  could  be  obtained  thorugh  cryogenic  wind  tunnels. 
Generally  speaking,  it  would  be  very  fruitful  to  perform  some  fundamental  research  in  these  tunnels 
on,  for  instance,  turbulent  boundary  layers  and  turbulent  skin  friction  for  high  values  of  the 
Reynolds  number. 
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In  three-dimensional  flows,  the  calculation  codes  provide  rather  good  results  as  regards  to 
classic  boundary  layers;  but  the  turbulence  modeling  Is  still  questionable  as  regards  to  the  external 
turbulent  zone  as  well  as  the  viscous  sublayer.  In  paragraph  4. 3. 4.1,  the  problem  of  the  direction  of 
the  turbulent  shear  stress  has  been  set  up;  some  efforts  have  to  be  accomplished  with  the  three- 
dimensional  turbulence  modeling  in  order  to  answer,  in  particular,  the  question. 

In  this  section,  the  problem  of  complex  turbulent  flows  have  not  been  considered  such  as,  for 
instance,  mixing  of  shear  flows  (interaction  boundary  layers-wakes,  corner  flows,  etc.).  Let  us  say 
that  the  turbulence  modeling  plays,  of  course,  an  important  role;  only  numerical  codes  involving 
transport  equations  have  real  chances  of  success  for  such  problems. 

The  boundary  layer  transition  imposes  a  lot  of  very  important  questions;  future  research  is 
required  in  an  experimental  as  well  as  theoretical  direction.  The  needs  of  experimental  results  are 
especially  critical  for  the  transition  in  three-dimensional  flows;  the  existing  transition  criteria 
have  been  established  from  few  experimental  data  and  have  to  be  controlled  through  experiments  where 
the  influence  of  the  essential  parameters  has  to  be  systematically  checked.  So  fa.-,  the  knowledge  of 
the  influence  of  turbulence  and  noise  on  three-dimensional  transition  is  completely  insufficient;  the 
same  remark  can  be  made  in  regards  to  the  effects  of  roughness.  Concerning  three-dimensional  boundary 
layers,  the  distinction  between  the  two  types  of  instability  it  crucial  as  regards  to  analysis  and 
prediction  of  the  transition;  let  us  recall  that  transition  can  be  attributable  either  to  streamwise 
instability  or  crossflow  instability.  However,  one  has  to  consider  the  coupling  between  these  two 
types  of  instability;  on  swept  wings,  this  coupling  arises  within  an  intermediate  region  between 
strong  negative  pressure  gradients  and  positive  pressure  gradients. 

for  transonic  and  supersonic  flows,  one  needs  coherent  and  systematic  experimental  results  on 
transition.  The  only  available  data  concern  uniform  flows  (cone  and  flat  plate  cases);  experimental 
data  given  on  wings  for  different  pressure  gradients  would  be  very  useful.  The  main  difficulty  is 

that  the  transition  results  might  be  significantly  influenced  by  the  aerodynamic  noise.  Flight  tests 
have  to  be  considered  in  a  way  to  control  the  possibility  of  applications  of  the  existing  transition 
criteria;  then,  one  would  have  to  deal  with  an  environment  defined  more  precisely  than  with  only  the 
external  turbulence  level  Tu. 

The  important  effect  of  the  wall  temperature  on  the  transition  has  also  to  be  pointed  out;  this 
influence  has  been  observed  for  zero-pressure  gradient  cases  thorugh  experiments  as  well  as 
theoretical  results  obtained  by  using  the  laminar  stability  theory.  In  fact,  the  influence  of  the 
wall  temperature  depends  a  lot  on  the  pressure  gradient;  once  again,  cryogenic  wind  tunnels  could 
provide  us  with  precious  experimental  information. 

At  last,  concerning  the  laminar  stability  theory  and  its  applications  for  the  transition 
prediction,  one  will  note  that  the  amplification  method  is,  all  things  considered,  the  most  promising 
one  for  our  domains  of  interest.  In  spite  of  the  great  number  of  experimental  features  which  are  not 
taken  into  account  through  the  en  method,  this  technique  gives  fairly  good  results,  provided  the 
effective  parameters  are  properly  introduced  into  the  stability  models:  oblique  waves  amplification 
in  two-dimensional  compressible  flows,  curvature  effects  in  there-dimensional  flows. 

However,  these  results  have  to  be  confirmed  with  applications  and  experiments  which  would  be  more 
numerous  and  more  systematic  than  the  ones  we  have  performed  so  far. 
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Figure  3.  Effect  of  free-stream  disturbances 

(sound  and  turbulence)  on  transition 
Reynolds  number  /  9/  (2ero  pressure 
gradient,  incompressible). 


Figure  4.  Comparison  between  some  criteria 
at  low  values  of  Tu. 


Figure  5.  Criterion  proposed  by 
GRANVILLE  /14/. 


Figure  6.  Evolution  of  g  =  (Lg  A  /  Ao)  max  for  Falkner-Skan 
family  profiles  /5/. 
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Figure  7.  Criterion  proposed  by  Arnal-Flabiballah-Delcourt  /  Id /. 


Figure  8.  Application  of  streamrise  transition  criteria  to  a  wing  profile. 
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Figure  9.  Influence  of  pressure  gradient  Figure  10.  Ratio  of  transition  Reynolds 

and  distributed  toughness  on  number  with  two-dimensional 

transition  Reynolds  number  / 15/.  roughness  element  to  that  for 

Ue,P0  and  qo  denote  velocity,  smooth  plate  1201. 

static  pressure  and  dynamic  pressure 
ck  the  test  section  entrance. 


Figure  11.  Three-dimensional  roughness 
elements  /  20  /. 
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GORTLER  vortices  in  flow  along  a  concave  wall 


Figure  14.  Curves  of  constant  growth  rate  for  the 
BLASIU5  flow  along  a  concave  wall 
(from  Arnal  /  5  / ). 
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Figure  15.  Effect  of  surface  curvature  on  momentum-thickness  Reynolds  number 
and  on  GORTLER  number  at  the  transition  location  (from  Arnal  /  5  / ). 
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Figure  16.  Possible  origins  of  turbulence  on  a  swept  wing. 


Figure  17.  First  cross-flow  transition 
criterion  R82  (H)  /  29  /. 


Figure  18.  Profiles  projected  in  different 
directions  8. 


Figure  19.  Second  cross-flow  transition  criterion  / 29  /. 


Figure  20.  Application  of  transition  criteria  to  an  infinite 
swept  wing  (OA  P01  profile). 
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Figure  24.  Temporal  amplification  rate  of  various 

frequencies  at  X/C  =  0.40  on  ONERA  O  swept 
airfoil  /6/.  =  60  deg,  un=  -8  deg,  q.„  =  48  m/s. 


•  Experiments  (Malik  et  al. ) 

Calculations  : 

(a I  Malik  et  at.  "j  no  curvature 

(b)  Csbeci  _Sfewartson  J 

(c)  Malik  et  al.  complete  stability  equations 


Figure  25.  Total  amplification  rates  for 

stationary  waves  on  a  rotating  disk  16/. 


Ofl  _ without  curvature 


_  with  curvature 


Figure  26.  Total  amplification  rates  computed  by  Malik  and  Poll  /  31  /.  Symbols 
denote  expeimental  transition  points.  Polli's  yawed  cylinder  /  27  /. 


Figure  27.  Shape  parameter  and  skin-friction  coefficient  of 

turbulent  equilibrium  boundary  layers  (incompressible) 
(mixing  length  model  /  35  /. 
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Figure  32.  Comparison  between  experiments  and  calculation  for  the  development 
of  a  turbulent  boundary  layer  on  curved  walls  /39/. 


Figure  33.  Comparison  between  experiments  and  calculation  for  the  development 
of  a  turbulent  boundary  layer  on  curved  walls  / 39 /. 


a  _  Distribution  de  la  vitesse  exteneure  b  _  Influence  de  Tu  sur  le  Cf 

Figure  34.  Efffect  of  external  turbulence  on  turbulent  boundary 
layer  separation  /40/. 
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SECTION  4.4  DEVELOPMENT  AND  ANALYSIS  OH  TURBULENT 
NON-EQUILIBRIUM  BOUNDARY  LAYERS 

by 

A.G.T.Crtiss 
British  Aerospace  pic 
Military  Aircraft  Division 
Brough.  N.UumhersiiL.  I IU 1 5  1 1:0.  UK 


u.a.i  Introduction 

Th<*  simulation  of  flow  phenomena  involving  a  boundary  layer  has  -already  been  identified, 
in  Section  U.?,  as  potentially  very  sensitive  to  the  upstream  state  of  the  incoming 
layer.  The  state  of  the  layer  in  the  sense  of  being  laminar,  transitional  or  turhulcnt 
is  of  prime  importance  and  in  this  conte  t  has  been  dealt  with  in  Section  h.v.  However, 
a3  turbulent  flow  is  usual  at  full  scale  it  is  a  main  oblectivc  of  model  tests  and  worthy 
of  further  comment. 

For  turbulent  flow  an  important  consideration  is  depa-ture  from  eauilibrium  S3,  in  these 
cases  the  similarity  solutions  so  frequently  U3ed  in  calculations  no  longer  apply. 
Including  non-equilibrium  effects  in  the  velocity  profile  is  particularly  revealing  and 
i3  essential  for  determining  the  important  scale  parameters  and  establishing  separation 
criteria.  In  this  section  the  turbulent  boundary  layer  is  considered  specifically  in 
terms  of  the  law  of  the  wall  and  wake  velocity  profile  which  can  be  used  to  examine  the 
influence  of  second  order  effects  including  that  of  departure  from  equilibrium. 

4 . B . 2  Attached  Flow 

The  law  of  the  wall  is  derived  from  Prandtl’s  mixing  length  hyDothesis,  the  assumption  of 
constant  shear  stress  close  to  the  wall  and  by  matching  the  law  of  the  wall  to  the 
laminar  sub-layer.  The  wall  flow  is  dominated  by  the  wall  shear  stress  with  the  skin 
friction  coefficient  becoming  the  primary  independent  variable.  The  matching  of  the  wall 
flow  with  the  laminar  sub-layer  after  suitable  length  and  velocity  scales  are  specified 
results,  as  shown  by  Sehllehting  (Ref.  1),  in  the  Reynolds  number  dependence  of  the  law 
of  the  wall.  The  wake  region  away  from  the  wall  is  dominated,  as  may  be  exoect.ed ,  by  the 
external  flow  inertia  rather  than  wall  friction  and  Coles  (Ref.  ?1  introduced  a  wake  term 
with  a  weighting  function  related  to  the  longitudinal  of  streamwise  pressure  gradient. 

The  law  of  the  wall  and  wake  can  be  written  as, 

§e  ~j|  ^  In  ( Rd  q  | )  ♦  A  j  H  sill  (j  •  g)  ( R .  to .  7 . 1 ) 

With  the  Coles  formulation  X  takC3  the  value  of  2  while  the  effect  of  pressure  gradient 
is  allowed  for  in  the  wake  weighting  function  F.  Ope  of  the  nrime  disadvantages  with  the 
Coles  formulation  is  that  the  velocity  profile  is  not  fully  compatible  at  the  outer  edge 
of  the  boundary  layer  where  it  meets  with  the  external  inviscid  flow.  Tn  order  to 
Include  such  a  profile  in  an  integral  calculation  method  it  is  essential  to  match  the 
outer  edge  boundary  condition  and  this  requires  that, 

0  z  Oe  when  y  z  d 

which  in  turn  reaulres  rol“s  weighting  function  to  revert  to  a  simple  scale  factor  with  a 
value  given  by. 

B  =  1  -  £  [  Ln  (Rd  q)  +  a]  («.«.:».?) 

It  is  then  necessary  to  reappraise  the  way  pressure  gradient  is  included  and  Coleman 
(Ref.  3)  suggested  making  X  a  variable.  In  Reference  t  it  was  shown  by  Cross  that  the 
wake  exponent  X  could  be  related  to  a  departure  from  equilibrium  flow  conditions  bv 
consideration  of  the  difference  between  the  streamwise  pressure  gradient  parameters  of 
the  actual  flow  and  the  equivalent  eauilibrium  flow.  Thus, 

X  z  F(TTr)  (U.U.2.T) 

-  ,  .  f  6  .  d°e  1  [8  .  dOel  f  U  U  ?  Ul 

-  LOe  ffi-J  -  LOe  <Ts“J  EO  (u. 

Many  studies  have  been  made  of  boundary  layers  developing  under  conditions  of  eauilibrium 
or  self  preservation  and  it  is  found  that  they  can  he  characterised  by  as.  eauilibrium 
locus  relating  the  shape  parameter  of  the  velocity-defect  profile  to  a  pressure  gradient 
parameter.  The  equilibrium  locus  can  be  usrd  here  to  define  the  equilibrium  term  of 
equation  U.U.2.H  and  so  complete  the  description  of  X.  Good  results  have  been  obtained 
using  the  locus  proposed  by  Creen  et  al  (Ref.  F) ,  which  after  some  rearrangement  gives, 
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Figure  1  is  taken  from  Reference  A  and  shows  the  correlation  between  optimum  values  of  X, 
that  is  values  giving  the  best  fit  to  experimental  date,  and  the  relative  pressure 
gradient  parameter  Ttr.  Tt  can  be  seen  immediately  from  the  figure  that  for  equilibrium 
flow,  that  is  TTr  r  0,  the  Coles  value  still  applies  and  so  the  velocity  profile  regains 
applicable  to  the  wealth  of  data  collected  for  equilibrium  layers  for  which  the  original 
law  of  the  wall  and  wake  is  known  to  work  well.  However,  for  very  strong  pressure 
gradients,  values  of  X  very  different  from  the  Coles  value  are  required  and  this  can  be 
interpreted  as  a  distortion  of  the  profile  related  to  the  departure  from  equilibrium. 

In  order  to  show  the  effect  of  this  non-equilibrium  distortion  to  the  law  of  the  wall  and 
wake  the  experiment  of  East  and  Hoxey  (Ref.  fi)  is  considered.  Figure  ?  shows  two 
theoretical  velocity  oroflles  compared  with  the  experimental  data;  one  profile  for  the 
Coles  equilibrium  value  of  X  and  one  profile  U3ing  the  value  determined  from  Figure  1. 

p  th  cases  the  measured  skin  fricti  n  coefficient  and  boundary  layer  thickness  were 
used  to  construct  the  theoretical  profiles  for  which  the  effect  of  non-equilibrium  flow 
di-’ortion  is  clearly  evident. 

Whan  considering  velocity  profiles  for  turbulent  flow  it  is  informative  to  examine  the 
nature  of  the  shape  parameter  relation  HI  -  H.  The  shape  parameter  Hi  was  introduced 
originally  by  ""ad  (Ref.  7)  for  entrainment  type  integral  boundary  layer  calculation 
while  H  is  t'*  more  commonly  known  shape  parameter.  For  the  revised  law  of  the  wall  and 
wake  this  shape  parameter  relation  is  a  function  of  both  Reynolds  number  and  pressure 
gradient  with  the  former  effect  due  to  the  wall  flow  and  the  latter  due  to  that  of  the 
wake . 

Figure  1  shows  the  effect  on  the  shaoe  parameter  relation  of  the  law  of  the  wall  due  to 
varying  the  Reynolds  number  at  the  equilibrium  flow  condition.  The  figure  shows  that  the 
effects  of  Reynolds  number  are  largely  confined  to  low  values  of  H.  At  the  equilibrium 
flow  condition  separation,  as  defined  by  zero  skin  friction,  occurs  with  H  =  A  and  the 
figure  shows  the  Reynolds  number  effect  there  to  be  negligible.  This  behaviour  is  due  to 
the  disappearance  of  the  logarithmic  wall  region  at  separation  which  leaves  only  the  wake 
region.  The  most  important  conseouence  of  the  Reynolds  number  effect  can  he  seen  a*  the 
low  values  of  H  where  Reynolds  number  limits  the  minimum  value  of  H  attainable.  This 
limit  plays  an  important  role  in  flow  recovery  due  to  a  favourable  pressure  gradient  and 
is  amply  demonstrated  using  the  experiment  of  Chu  and  Young  ( Ref ,  8).  This  experiment 
was  for  the  riow  over  a  flat  plate  with  the  suction  peak  type  pressure  distribution  show- 
in  Figure  ll.  Figure  b  compares  the  experimental  values  of  H  with  two  entrainment 
integral  method  predictions;  one  using  the  modified  law  of  the  well  and  wake  and  one 
using  an  empirical  shape  parameter  relation  in  place  of  a  velocity  profile.  The  limit  to 
the  minimum  value  of  H  is  clearly  seen  in  the  experiment  and  the  law  of  the  wall  and  wake 
calculation  agrees  very  well  with  this.  However  t,,e  calculation  using  the  other  method 
fails  to  predict  this  flow  feature. 

For  non-equilibrium  flow  at  constant  Reynolds  number  Figure  A  shows  that  the  distortion 
of  the  shape  parameter  relation  due  to  pressure  gradient  effects  occurs  mainly  at  high 
values  of  H.  This  is  due  to  the  dominance  of  the  wake  at  these  conditions.  The  main 
point  to  notice  is  that  second  order  pressure  gradient  effects,  that  is  those  in  addition 
to  the  direct  effect  in  the  boundary  layer  momentum  eouation,  are  likely  to  be  Important 
at  separation. 

A.lJ.g  Separated  Flow 

The  law  of  the  wall  and  wake  can  be  applied  to  fully  separated  flow  though  its  original 
development  was  for  attached  flow  with  perhaps  incipient  separation.  This  extension  is 
achieved  by  allowing  the  friction  velocity  to  have  negative  values  and  so  model  flow 
reversal  close  to  the  wall.  The  first  requirement  is  to  avoid  problems  with  the 
logarithmic  term  when  the  friction  velocity  goes  negative  and  this  is  often  achieved  by 
taking  the  modulus  of  this  quantity.  A  more  elegant  alternative  appr  ach  is  to  recognise 
that , 

Lnq  =  ^  Ln  (q2)  (A. A. 3. 1) 

and  so  we  can  put, 

=  £  [  j  Ln  (Rd  q  |)?  +  A  ]  +  B  sin  (£  •  5j)  (A. A. 3.2) 

Figures  7  and  8  show  the  effect  on  the  shape  parameter  relation  when  using  the  law  of  the 
wall  and  wake  for  separated  flow.  The  influence  or  Reynolds  number  as  shown  by  Figure  7 
is  relatively  small  beyond  separation  in  comparison  to  varying  the  relative  pressure 
gradient  parameter  as  revealed  in  Figure  8. 

Theoretical  results  are  compared  in  Figure  Q  with  the  experimental  data  of  Simpson  et  al 
(Ref.  9).  The  tneoretioal  results  are  calculated  for  the  appropriate  experimental 
Revnolds  numbers  using,  in  one  case  the  equilibrium  value  of  X  and  in  the  other  the 
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values  of  X  determined  from  the  experimental  values  of  pressure  gradient  parameter.  The 
effect  of  the  relative  pressure  gradient  parameter  is  clearly  evident  beyond  separation 
and  produces  the  right  effect  though  the  experiment  suggests  the  effect  ought  to  be 
stronger.  Similar  results  are  obtained  for  the  experiment  of  Hastings  and  Williams  (Ref. 
10)  and  are  shown  in  Figure  10.  The  results  are  considered  in  reasonable  agreement  with 
experiment  and  particularly  encouraging  considering  the  velocity  profile  was  developed 
originally  for  attached  flow. 

One  potential  area  for  improvement  of  the  velocity  nrofile  for  separation  would  be  in  the 
equilibrium  locus,  equation  4. 4.2.8,  as  this  could  well  be  expected  to  be  different  for 
attached  and  separated  flow.  However  later,  when  three  dimensional  flow  is  considered  it 
will  become  evident  that  for  the  positive  values  of  TTr  appropriate  to  the  fully 
developed  separated  flow  of  Figures  9  and  10  there  is  direct  evidence,  in  the  form  of 
Figure  21,  for  modification  of  the  X  -  7T r  relation.  The  evidence  is  for  increased 
values  of  X  beyond  that  given  by  Figure  1  and  this  is  consistent  with  the  requirement  for 
improved  accuracy  in  the  Figures  9  and  10.  Further  and  just  as  important,  the  new 
evidence  is  not  inconsistent  with  the  two  dimensional  data  of  Figure  1  as  that  was  based 
entirely  on  near  zero  and  negative  values  of  TTr. 

4.4.4  Compressibility 


By  consideration  of  the  experimental  data  of  Lobb, 
(Ref.  12)  showed  that  for  Mach  numbers  uo  to  8  it 
of  compressibility  by  writing, 

,  Winkler  and  Persh  (Ref.  11)  Spence 
was  possible  to  represent  the  effects 

O/Oe 

=  F(y/3) 

(4.4.4. 1) 

•<1 

II 

r 

(  p/  £>e)  dy 

(4. 4. 4. 2) 

3  =  fc 

i 

(  £> /  $>e)  dy 

(4.4.11.3) 

where  equation  4.4.4. 1  can  be  considered  an  equivalent  incompressible  velocity  profile 
based  on  a_transformed  normal  to  wall  distance  y  and  a  transformed  boundary  layer 
thickness  d.  Any  valid  incompressible  velocity  profile  can  be  substituted  for  eouation 
9.1t.4.1  but  by  using  the  law  of  the  wall  and  wake  we  obtain, 


Ce  =  §  [  \  L"  9  y/3  )2  +  A  ]  ♦  B  sift  (£  y/3)  (4. 4. 4. 4) 

Tt  can  be  seen  from  equation  4,«.J(.4  that  we  have  also  introduced  an  equivalent 
incompressible  friction  velocity  q.  This  was  introduced  following  the  work  of  Winter  and 
Gaudot  (Ref.  13)  who  showed  that  friction  velocity  and  so  skin  friction,  can  be  related 
to  equivalent  incompressible  values  using  the  correlation, 

q/q  r  (1  +  .2  Me2)'25  (4. 4. 4. 5) 

For  the  particular  form  of  velocity  orofile  considered  here,  which  is  additionally 
dependent  on  the  Spence  transformation,  a  similar  correlation  was  found  bv  Cross  (Ref. 
14), 


q/q  =  (1  +  .2  Me2)’325  (4. 4. 4. 6) 

This  correlation  is  shown  in  Figure  11  and  agrees  ouite  well  with  experiment  for  two 
dimensional  aerofoil  data  at  transonic  and  supersonic  speeds. 


This  would  normally  complete  the  transformation  as  the  boundary  layer  thickness  can  be 
related  to  its  equivalent  incompressible  value  through  equation  4. 4. 4. 3.  A  more 
convenient  approach,  however,  involves  the  shape  oarameter  H,  in  addition  to  the  more 
usual  one.  Thus  by  definition  we  have. 


R  8 

■  A. 

Jo 

-  O/Oe)  6>/S>e  dy 

whereas , 

H  8 

-  /"<> 

-  Q/Qe  9/  Qe)  dy 
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8 

./■<. 

-  O/Oe)  O/Qe  P/ge  dy 

Jo 

(4. 4. 4. 7) 

(b.4.4.8) 

.(4. 4. 4. 9) 
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It  will  be  evident  from  the  equation  t.it.  4. 2  that  the  density  ratio  can  be  eliminated 
from  equations  4.4.4.7_and  4. 4. 4.9  by  introducing  the  tran«form»d  normal  to  wall 
differential  element  dy.  The  combined  result  for  H  is  independent  of  density  and  so  the 
additional  shape  parameter  can  be  regarded  as  an  equivalent  incompressible  shape 
parameter  and  is  particult  ly  useful  for  assessing  separation  of  the  compressible 
turbulent  boundary  layer.  From  equations  4. 4. 4. 3,  4. 4. 4.7  and  4.4. 4.8  we  have, 


3  -  fl  9  =  d  -  H  9  (4.11.1).  10) 

Further  by  assuming  a  quadratic  velocity  temperature  relation  in  addition  to  the 
compressibility  transformation  cf  equations  4. 4. 4. 2  and  4. 4. 4. 3  Fpenoe  showed  that  the 
shape  parameter  can  be  transformed  to  its  equivalent  incompressible  value  using, 

H  +  1  =  (1  +  .2  r  Me2)  (R  ♦  1)  (4.4.4.11) 

Thus,  to  complete  the  transformation  the  required  bourdary  layer  thickness  relation  can 
be  reduced  to, 

d  s  3  fl  ♦  .2  r  Me2(ff  ♦  1 ) / ( fT  +  HI))  (4.11.11.12) 

Finally,  the  extension  of  the  law  of  the  wall  and  wake  velocity  profile  to  compressible 
flow,  using  the  approach  .lust  described,  is  demonstra '  ‘■J‘-  in  Figures  12,  1?  and  14  using 
the  expc  -imental  data  of  References  13  and  15.  The  figures  show  that  quite  good  results 
can  be  obtained. 

4.4.5  Surface  Roughness 

The  law  of  the  wall  has  the  added  advantage  that  surface  roughness  effects  can  be 
included  quite  naturally.  From  Schlichting  (Ref.  1),  using  an  equivalent  sand  roughness 
height  K3  and  the  data  of  Nikuradse  a  law  of  the  wall  of  the  following  form  could  be 
constructed  for  the  completely  rough  flow  regime. 

Oe  =  R  [  Ln  (y/Ks^  +  a  K  ]  (4.4.5.1) 

where  a  =  8.5 


By  comparing  thi3  equation  with  the  standard  law  of  the  wall  (using  K  =  .4  and  A  =  2.2  as 
used  by  Schlichting)  a  value  of  ’a’  for  hydraulically  smooth  flow  can  be  determined, 

a  =  5.5  +  2.5  Ln  (Rd  q  Ks/d)  (4. 4. 5. 2) 


and  Schlichting  compared  these  two  results  with  Nikuradse’ s  data,  Figure  15,  for 
equivalent  sand  roughness  varying  from  hydraulically  smooth  through  a  transitional  regime 
to  the  completely  rough  regime.  A  function  that  fits  this  data  quite  well  is 


a  =  1/K  [3.4  +  (S  -  1.2)  e'2Sl 


(4.4.5.?) 


where 


S  =  1/2  Ln  (Rd  q  Ks/d)2 


(4. 4. 5. 4) 


Comparing  Schlichting' s  form  of  the  law  of  the  wall  with  the  form  in  equation 
4. 4. 3.2  allows  us  to  replace  the  constant  A  of  that  equation  by, 


A  =  As  +  Ar 


(4. 4. 5. 5) 


where  As  is  the  hydraulically  smooth  flow  value  and  Ar,  is  an  incremental  value  to  allow 
for  surface  roughness  and  is  given  by, 


Ar 


(1.2  -  S)  (1 


-  e-2S 


2 

) 


(4. 4. 5. 6) 


One  advantage  of  this  form  of  the  equation  is  that  the  roughness  can  be  used  to  determine 
an  equivalent  Reynolds  Number  for  hydraulically  smooth  flew  by  factoring  the  actual 
Reynolds  number,  i.e. 


Rd  =  Rd  eAr  (4. 4. 5. 7) 

Thus  for  turbulent  flow  Involving  roughness,  the  flow  Reynolds  number  can  be  corrected  to 
the  equivalent  smooth  surface  condition,  at  least  as  far  as  the  velocity  profile  is 
concerned  . 

4.4.8  Separation  Criteria 

Two  dimensional  separation  can  be  defined  as  occurring  at  the  point  where  the  velocity 
gradient  in  the  normal  to  wall  direction  is  zero  at  the  wall.  For  the  l3w  of  the  wall 
and  wake  this  occurs  precisely  at  the  point  of  zero  skin  friction,  providing  X  is  greater 
than  unity,  and  this  is  the  obvious  criterion  for  separation.  However  skin  friction  is 
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not  always  available  for  an  experiment  and  it_is  most  often  that  separation  is  assessed 
by  consideration  of  the  shape  parameter  H  or  H  when  the  flow  is  compressible.  At 
separation  the  law  of  the  wall  vanishes  together  with  Reynolds  number  dependence  and  the 
values  of  H  or  H  are  determined  solely  by  the  degree  of  non-equilibrium  flow  distortion. 
In  Reference  16  it  is  shown  that  at  separation  for  the  law  of  the  wall  and  wake  the  shape 
parameter  is  given  by. 


fl  =  F(X)/(F(  2X)  -  F(X1)  (4.4.6. 1) 

2  fn'h  ,  . 

where  F(X)  =  1  -  £  /  sinV  dy  (4.4.6.?) 

n/0 

This  result  is  presented  graphically  in  Figure  16  which  indicates,  for  the  law  of  the 
wall  and  wake  at  separation,  the  v  riation  of  H  with  X.  This  rigure  can  then  he  used  in 
conjunction  with  Figure  1  to  relate  separation  values  of  H  to  the  relative  pressure 
gradient  parameter.  From  these  figures  it  is  evident  that  for  equilibrium  fiow, 
separation  occurs  with  H  =  4,  the  Coles  value,  while  H  at  separation  is  reduced 
significantly  below  the  Coles  value  as  the  relative  pressure  gradient  oarameter  is 
decreased.  The  figures  also  help  to  explain  the  apparent  inconsistency  between  current 
separation  criteria  based  on  incipient  separation  and  observations  of  fully  developed 
separated  flow.  Thus  for  trailing  edge  flowj  separation  criteria  based  on  incipient 
separation  often  gives  values  of  H  around  2.0  -  2.2  and  Figures  1  and  16  suggests  that 
this  is  due  to  the  strong  adverse  pressure  gradients  of  the  flow.  0-ce  separation  is 
reached  however  the  pressure  gradients  collapse  to  give  the  familiar  near  constant 
separated  pressure. region .  Tn  these  cases  the  experiments  of  Simpson  et  al  and  Hastings 
and  Williams  indicate  separation  with  values  of  H  around  0  and  Figures  1  and  16  suggest 
that  this  is  because  conditions  are  not  too  far  from  that  of  eauilibriur.  flow. 

We  can  extend  the  discussion  to  shock  induced  separation  if  the  effect  of  the  shock  on 
the  boundary  layer  is  considered  simply  as  that  of  a  very  strong  adverse  pressure 
gradient.  In  order  to  demonstrate  that  this  simplification  i3  valid  in  the  present 
context,  we  should  ideally  consider  comparing  law  of  the  wall  and  wake  velocity  profiles 
with  profile  data  from  experiment.  However  in  the  absense  of  such  detailed  data,  a  less 
rigorous  demonstration  can  be  made  by  performing  boundary  layer  calculations  using  tie 
proposed  velocity  profile  and  comparing  results  with  experiment,  in  the  vicinity  of  the 
shock,  to  sue  if  the  correct  response  to  the  shock  is  obtained. 

Such  a  demonstration  at  least  for  transonic  flow  about  aerofoils  has  been  carried  out 
using  an  entrainment  integral  boundary  layer  method  (Ref.  4)  for  which  closure  is 
obtained  using  the  aforementioned  velocity  profile.  The  calculations  arc  for  two  of  the 
test  cases  of  Cook  et  al  (Ref.  I7),  for  which  pressure  distributions,  skin  friction 
coefficient  and  shape  parameter  are  shown  in  Figures  I7  to  20.  Tn  each  case  the  rigures 
show  that  the  calculated  response  of  the  boundary  layer  to  the  shock  is  correctly 
predicted,  both  in  terms  of  the  skin  friction  coefficient  and  the  shape  oarameter  ff. 
Downstream  of  the  shock  the  agreement  is  not  so  good,  due  oartiallv  to  a  significant 
normal  pressure  gradient  through  the  boundary  layer  which  was  not  modelled  hy  the 
calculation  method.  The  agreement  in  the  region  of  the  shock  suggests  that  th»  law  of 
the  wall  and  wake  is  valid  at  the  shock  and  consequently  it  can  be  expected  that  the 
separation  correlation  of  Figure  16  also  remains  valid. 

4.4.7  Scale  Parameters 

In  many  experiments  the  turbul  ’nt  boundary  layer  is  described  simply  in  terms  of  the 
momentum  thickness  and  the  shape  parameter.  The  former  parameter  provides  the  basic 
thickness  scale  of  the  layer  and  the  latt'-c,  strictly  the  eouivalent  incompressible 
value,  is  in  indicator  of  the  boundary  layer  state.  Howeve",  in  order  to  Fully  describe 
the  compressible  turbulent  velocity  profile,  using  the  law  of  the  wall  and  wake,  the 
following  parameters  are  required, 

3 ,  q ,  R3,  Hr 

where  the  superscripts  are  used  to  denote  equivalent  incompressible  values.  Here  the 
boundary  layer  thickness  provides  the  length  scale  and  the  friction  velocity  icvcals  the 
state  of  the  layer.  In  addition  however,  v  also  have  the  Reynolds  number  and  a  relative 
pressure  gradient  parameter  the  latter  of  which,  as  we  have  already  seen,  is  verv 
important  at  separation. 

Tn  the  case  of  3hock  boundary  layer  interactions  the  Dressure  gradient  parameter  mav  be 
particularly  useful  not  only  for  heloine  to  define  the  UDStream  boundary  layer  hut  also 
for  correl' tins  conditions  at  the  shook  itself,  even  when  es  alreadv  shown  this  involves 
separatior . 

4.4.R  Three  Dimensional  Flow 

The  'aw  of  the  wail  can  bn  extended  to  three  dimensions  by  considering  the  logarithmic 
wall  region  to  lie  in  the  direction  of  the  surface  streamline  or  so-called  limiting 
streamline.  This  interpretation  of  a  three  dimensional  law  of  the  wall  is  now  quite 
widely  recognised  and  can  be  verified  by  consideration  of  the  experimental  data  of  Fast 
and  Hoxey  (Ref.  6)  for  highly  three  dimensional  flow  and  the  data  of  Perg  and  Flsenair 
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(Ref.  18)  for  sheared  win?  and  plane  flow.  However  the  law  of  the  wake  cannot  be 
extended  quite  so  easily  into  three  dimensions  as  it  is  twisted  or  skewed  throughout  its 
thickness  and  reouires  special  treatment  as  described  in  Reference  19. 

As  a  first  step  towards  extending  the  law  of  the  wall  and  wak®  to  three  dimens'onal  flow, 
it  was  shown  in  Reference  19  that  equation  4.11.3.?  can  be  applied  directly  to  the 
magnitude  of  the  velocities  in  the  three  dimensional  turbulent  houndary  layer.  Tht3 
ignores  the  skewed  nature  of  the  wake  but  enables  the  effect  of  non-equilibrium  flow 
distortion  to  be  explored  in  exactly  the  same  way  as  for  the  previously  discussed 
two-dimensional  case.  Thus  analising  the  experimental  data  of  East  and  Hoxey  together 
with  that  of  Berg  and  Elsenaar,  optimum  values  of  the  wake  exponent  for  three  dimensional 
flow  can"  be  correlated  against  the  departure  from  equilibrium.  Figure  21,  taken  from 
Reference  19,  shows  the  resulting  correlation  which  can  be  seen  to  be  in  good  agreement 
with  the  original  two  dimensional  correlation  of  Figure  1.  The  agreement  between  the  two 
correlations  suggests  merging  the  results  to  oroduce  a  single  correlation  ai:d  as  alluded 
to  earlier,  this  produces  improved  results  for  two  dimensional  separated  flow  in  addition 
to  a  unified  theory. 

Figures  22  and  23  again  taken  from  Reference  Id  shou  law  of  the  wall  and  wake  profiles 
fitted  to  the  experimental  data  of  Perg  and  Elsenaar  (Ref.  IP).  The  figures  relate  to 
limiting  streamline  angles  of  29  and  35.2  degrees  respectively  and  the  later  case  is  a 
particularly  severe  test  as  it  is  near  the  condition  for  a  sheared  wing  form  of 
separation.  The  main  points  to  notice  are  that  the  streamwise  flow  comporents  are 
similar  to  two  dimensional  velocity  profiles  and  good  agreement  with  experiment  is 
obtained  for  both  the  streamwise  and  uro33flow  components. 

Though  the  profile  of  Figure  23  is  near  separation  the  value  of  the  shape  parameter  is 
only  1.7  and  the  skin  friction  is  far  from  zero,  "'-is  illustrates  the  important 
difference  between  this  type  of  separation  and  its  two  dimensional  counterpart.  The 
limiting  streamline  angle  is  the  important  additional  oarameter  for  three  dimensional 
flow  and  this  should  be  recognised  when  assessing  the  state  of  three  dimensional  flows. 

U.U.Q  Turbulence  Model 

In  dealing  with  turbulent  velocity  profiles,  discussions  so  far  are  consistent  with  the 
integral  boundary  layer  calculation  method.  However,  it  is  al30  true  that  the 
conclusions  so  far  are  of  a  more  general  nature  and  care  has  hcen  taken  not  to  enter  a 
discussion  on  the  relative  merits  of  Integral  and  differential  methods,  particularly  as 
this  can  he  found  elsewhere. 

Differential  methods  are  generally,  though  not  always,  free  of  assumotions  regarding  the 
velocity  profile  and  the  effects  of  equilibrium,  or  its  departure,  results  from  a 
consideration  of  the  turbulence  structure  in  the  form  of  a  turbulence  model.  The  concept 
of  equilibrium  is  retained  for  the  'zero-equation'  eddy  viscosity  medals  and  the  high 
order  models  are  intended  when  the  mean  motion  and  turbulence  are  not  in  eouilibrium. 

It  is  not  intended  here  to  enter  a  detailed  discussion  on  turbulence  models  as  these  have 
been  reviewed  before  and  can  be  referred  to  by  the  reader.  However  the  review  of  Marvin 
(Ref.  20)  provides  a  good  example  and  soecifically  discusses  the  requirements  for 
external  flow  aerodynamics.  Marvin  points  out  the  inadequate  use  of  simple  turhulence 
models  for  strong  shocks  with  separation  and  three  dimensional  flow.  It  is  also  pointed 
v  out  that  no  single  universal  turbulence  model  cen  be  applied  with  accuracy  to  the  wide 

variety  of  flows  encountered  in  computational  aerodynamics. 

With  entrainment  integral  methods  the  entrainment  closure  equation  is  equivalent  to  the 
turbulence  model  and  turbulence  history  has  been  introduced  successfully  using  departure 
from  equilibrium  based  on  the  turbulent  kinetic  energy  eouation.  This  approach  has 
resulted  in  the  well  known  lag-entrainment  equation  of  Reference  5.  However,  even  with 
this  refinement  the  flow  downstream  of  strong  shocks  still  oroves  difficult,  and 
calculations  for  highly  skewed  three-dimensional  flow  yield  similar  results  to 
differential  methods. 

4 . 4 . 10  Conclusions 

Experimental  research  involving  the.  turbulent  boundary  layer  now  tends  to  concentrate  on 
the  more  complex  flows  involving  separation,  large  normal  pressure  gradients,  shook  waves 
and  vortices.  fn  the  other  hand  calculation  methods  are  becoming  increasingly  avatlahle, 
though  developed  largely  from  consideration  of  simpler  flows  and  the  results  of  earl'er 
experiments.  The  trend  is  now  to  use  new  experiments  as  test  cases  for  the  computational 
methods.  Given  this  scenario  future  experiments  must  aim  to  provide  a  complete 
description  of  a  flow  feature  and  the  relevant  boundary  conditions. 

In  this  context  r  full  description  of  the  incoming  boundary  layer  is  essential  and  it  has 
been  shown  that  this  is  very  much  more  than  the  traditional  descriotion  based  on  boundary 
layer  momentum  and  displacement  thickness.  By  consideration  of  the  law  of  the  wall  and 
wake  velocity  profile  and  in  particular  its  most  recent  developments,  important 
parameters  relat  ng  to  turbulent  boundary  layer  development  and  separation  can  be 
identified.  The  major  points  to  be  noted  are  summarised  below: 

1  Pressure  gradient  and  the  departure  from  equilibrium  or  spI f-pre3erving  flow 

strongly  affects  the  shape  of  the  velocity  profile  over  a  widP  range  of  conditions 
including  separation. 
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2  The  effects  of  pressure  gradient  directly  affect  th-  values  of  shape  parameter 
attributable  to  separation.  Skin  friction  is  a  more  direct  and  so  preferred 
parameter  for  assessing  the  dtate  of  a  layer  but  if  unavailable  shape  parameter  can 
be  aed  if  in  conjunction  with  a  relative  pressure  gradient  parameter. 

3  At  separation  the  velocity  profile  shape  is  independent  of  Reynolds  number,  though 
Reynolds  number  obviously  remains  important  for  the  upstream  development  of  the 
boundary  layer  and  so  for  the  determination  of  the  separation  position  itself. 

U  At  low  values  of  shape  parameter  Reynolds  number  has  its  strongest  effect  on  the 

turbulent  velocity  profile  and  directly  determines  the  minimum  attainable  values  of 
shape  parameter  for  strongly  accelerating  flows. 

5  Compressibility  effects  can  be  included  as  a  transformation  to  enable  an  equivalent 
incompressible  flow  to  be  considered. 

6  Surface  roughness  >  n  be  accommodated  in  terms  of  its  effect  on  the  velocity  profile 
as  a  Reynolds  numbe.  Trection .  This  is  most  likely  to  be  important  when 
extrapolating  results  to  full  scale. 

7  Three  dimensional  flow  introduces  the  surface  or  limiting  streamline  angle  as  a 
further  important  parameter. 

4.4.11  List  of  Symbols 

A  Law  of  the  wall  constant. 

As  Law  of  the  wall  constant  for  hydraulically  smooth  flow. 

Ar  Incremental  law  of  the  wall  constant  for  rough  flow. 

B  Wake  scale  factor. 

Cf  Skin  friction  coefficient. 

H  Shape  parameter. 

H  Equivalent  incompressible  shape  parameter. 

HI  Head's  shape  parameter  s  [  d/6-H  ] 

Ks  Equivalent  sand  roughness  height. 

K  Prandtl ' s  mixing  length  proportionality  constant. 

M  Mach  number. 

0  Streamwise  velocity, 

q  Non-dimensional  friction  velocity. 

Rd  Reynolds  number  based  on  boundary  layer  thickness, 

r  Recovery  factor. 

S  Natural  logarithm  of  the  roughness  Reynolds  number  based  on  friction  velocity  and 

equivalent  sand  roughness  height. 

s  Streamwise  distance. 

y  Normal  to  wall  distance. 

d  Boundary  layer  thickness. 

8  Boundary  layer  momentum  thickness. 

TT r  Relative  pressure  gradient  parameter. 

€*  Density. 

X  Wake  exponent. 

In  addition  tc  th"  tabulated  symbols  the  suffix  (e)  is  used  to  denote  values  at  the  outer 
invlscid  edge  of  the  boundary  layer  while  the  superscript  (-)  is  used  to  denote 
equivalent  incompressible  values. 
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Figure  3.  Shape  porameter  relation.  Reynolds 
number  variation  for  equilibrium  flow;  -■ 

Rd  »  100,  1000,  10000.  1000000,  infinity. 
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Figure  i.  Pressure  coefficient  distribution 
□  Chu  and  Young,  ACARD  CP  166. 
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Figure  11.  Skin  friction  correlation;  □  experiment 
Me  «  .5  to  1.0,  Cook,  RAE  TR  71127;  0  experiment 
Me  ■  .2  to  2.8,  Winter  and  Gaudet,  ARC  RM  3712; 

■  theory. 


profiles,  sen. i- logarithmic  plot;  Q  experiment 
Me  -  .64,  Cook,  RAF.  TR  7112?;  -  theory. 
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Figure  13a.  Transforn<cd  compressible  velocity 
profiles;  □  experiment  Me  *  1.4,  Winter  and 
Gaudet,  arc  RM  3712;  -  theory. 


Figure  15.  Surface  roughness  effects.  *a*  as  a 
function  of  'S'  for  S : kuradse ‘ s  sand  rovighness; 
curve  (1).  hydraulically  sxooth;  curve  (2), 


Figure  ?0a.  Skin  friction  devc’.oprv^t :  C  exper** 
CASE  13a,  Cook,  McDonald  and  Firn:n,  FAE  TM  1VS; 

- lav  of  wall  and  vake  ent ra inisont  integral 

boundary  layer  calculo* ion. 


Fi'jorv  ?0b.  Shape  param*t»*r  development;  □  expvr 
CASS  !la,  Cook,  McDor.itd  and  F:  rmitt,  RAE  7M  P<>5} 

-  lav  of  vaM  and  vak*  em ra : n.Tem  :n*ei;ral 

boundary  layer  caicula* ion. 
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SECTION  4.5 


SHOCK  BOUNDARY  LAYER  INTERACTION 
by 

E.  Stanewsky 

Institut  fiir  Experimentelle  Stromungsmechanik 
Deutsche  Forschungs-  und  Versuchsanstalt 
fiir  Luft-  und  Raurafahrt  e.V. 

D-3400  Gottingen,  FRG 


SUMMARY 

An  essential  prerequisite  for  the  viscous 
simulation  of  the  flow  about  transonic 
flight  vehicles  is  the  "correct"  simu¬ 
lation  of  shock  boundary  layer  inter¬ 
action.  The  latter  requires  that  the 
parameters  of  the  incoming  boundary  layer 
dominating  the  interaction  -  hence  must 
be  duplicated  in  any  simulation  process  - 
are  known.  In  the  present  paper,  it  i3 
attempted  to  identify  such  parameters  for 
the  characteristic  features  of  shock 
boundary  layer  interaction,  namely 

•  the  upstream  influence  which  rules  the 
interactive  pressure  gradient  imposed 
on  the  boundary  layer, 

•  incipient  separation  whose  occurrance 
signals  to  the  designer  that  the  per¬ 
formance  boundaries  of  an  airfoil  or 
wing  are  close, 

•  the  development  of  the  shock-induced 
separation  bubble  which  leads,  possi¬ 
bly  in  conjunction  with  rear  sepa¬ 
ration,  to  the  total  break-down  of  the 
flow,  and 

•  the  generation/amplificatioi:  of  tur¬ 
bulence  due  to  the  interaction  which 

might  have  a  proncunced  influence  on 
any  trailing  edge  flow  development. 

The  upstream  influence  was,  for  tubulent 
interactions,  found  to  be  mainly  dependent 
on  the  viscous  parameter  5*  (Hn  -1),  where 
5*  and  Hn  are  the  displacement  thickness 
and  the  incompressible  shape  factor, 
respectively,  of  the  boundary  layer  imme¬ 
diately  upstream  of  the  shock.  Incipient 
se-  . ation  seems  rather  insensitive  to 
vi  ous  effects  and  there  is  strong  evi¬ 
dence  that  simulating  the  upstream  influ¬ 
ence  correctly  will  also  result  in  a  suf¬ 
ficiently  accurate  simulation  of  incipi¬ 
ent  separation.  For  the  development  of 
the  shock  induced  separation  bubble  with 
increasing  shock  strength  the  momentum 
thickness  immediately  upstream  of  the 
shock  was  found  to  be  the  dominant  viscous 
parameter.  Results  obtained  at  various 
wind  tunnel  turbulence  levels  suggest  that 
turbulence  generation  within  the  inter¬ 
action  region  is  much  more  powerful  than 
turbulence  amplification  and  that  the 
overall  flow  development  associated  with 


turbulent  shock  boundary  layer  interaction 
is  only  affected  by  freestream  turbulence 
at  turbulence  levels  far  in  excess  of  the 
ones  commonly  encountered  in  wind  tunnels. 

The  results  of  the  present  study  are  based 
in  part  on  rather  limited  data,  especially 
in  the  case  of  three-dimensional  flows; 
they  must  be  verified.  To  do  so  and  to 
answer  many  still  open  questions,  also 
addressed  in  the  present  report,  well 
designed  experiments,  supplemented  by 
theoretical  studies,  must  be  carried  out 
employing  realistic  transonic  configura¬ 
tions  with  variables  being  relevant 
parameters  of  the  incoming  boundary  layer 
and  the  outer  inviscid  flow. 


NOMENCLATURE 

a  speed  of  sound 

A 

a  speed  of  sound  at  sonic  condi¬ 

tions  (M^  =  1) 

a^  speed  of  sound  at  stagnation 

conditions 

c  airfoil  chord 

c  mean  aerodynamic  chord 

c^  skin  friction  coefficient 

lift  coefficient 

Cp  pressure  coefficient 

*  ... 

Cp  Cp  at  sonic  conditions  (M^=1.0) 

2 

e^  root  mean  square  voltage 

(Fig.  43) 

f  frequency 

incompressible  shape  factor 
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H,  H,2 

H32 

k 

LB 

ld 

LU 


1 

M 

Mr 


P 

Re 


Rec 


Re„ 


R 

t 

T0 

TW 

Tu 


shape  factor,  6  /0 


shape  factor,  6  /G 

kinetic  energy,  0.5  (u'^+v^+w'^) 


extent  of  separation  bubble 

downstream  interaction  length 
(Fig.  16) 

upstream  interaction  length 
(Fig.  16) 

upstream  influence  =  supersonic  5 
interaction  length  (Fig.  7) 

\ 

characteristic  length 

* 

& 

Mach  number 


local  Mach  number  (=  c  -  dis¬ 
tribution  ) 

static  pressure 

cci-oi  pressure 

disturbance  pressure,  p  -  Pj 
p  at  sonic  conditions  (M^  =1.0) 
Reynolds  number,  U_c/v_ 

Reynolds  number,  U_c/v_ 

Reynolds  number,  ue0/ve 


L  max 
SSF 


x,y,z  coordinates,  generally  in 

streamwise,  spanwise  and  normal 
direction,  respectively,  except 
in  Fig.  41  where  y  (v)  denotes 
the  normal  direction 

a,  dg  geometric  angle  of  attack 

o  at  maximum  lift  coefficient 

skin  friction  line  angle  refer¬ 
enced  to  undisturbed  flow 
(Fig.  31)  " 

boundary  layer  thickness 
wedge  angle 

displacement  thickness 

energy  thickness 

fraction  of  span 

momentum  thickness 

sweep  angle  (shock) 

kinematic  viscosity 
wall  shear  stress 


U,V,W 


Note:  Re  denotes  Reynolds  num¬ 
bers  based  on  freestream  condi¬ 
tions,  R  Reynolds  numbers  based 
on  local  conditions 

radius  of  curvature 

airfoil  thickness 

stagnation  temperature 

wall  temperature 

turbulence  level 

freestream  velocity 

root  mean  square  velocity  fluc¬ 
tuations 

velocity  components;  local 
velocities 


Subscripts 

0 

1 

2 


"zero"  freestream  turbulence 
(Fig.  42) 

immediately  upstream  of  shock 

downstream  of  shock;  kink  in  the 
pressure  distribution  (Fig.  4) 

-  freestream  conditions 

AD  adiabatic  wall  conditions 

a  corresponds  to  1  (Fig.  36) 

b  at  shock  induced  separation 

location  (Fig.  36) 

e  edge  of  boundary  layer 

N  normal  to  3vept  shock 

R  at  reattachment 

S,  s  parallel  to  swept  shock;  condi¬ 

tions  at  separation  (Fig.  4) 

TE  at  trailing  edge 
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Superscripts 

disturbance  due  to  shock; 
shock-upstream  condition 
for  incipient  separation 

Further  symbols  are  explained  within  the 
text  and  figures. 

4.5.1  Introduction 

The  flow  about  lifting  aerodynamic  sur¬ 
faces  at  transonic  conditions  may  -  as  was 
already  indicated  in  previous  sections  - 
be  strongly  affected  by  the  interaction 
of  the  outer  inviscid  flow  field  and  the 
boundary  layer.  Character i sites  of  the 
outer  field  are  shock  waves  and  strong 
sustained  rear  adverse  pressure  gradients. 
These,  with  the  shock  essentially  acting 
as  catalyst,  tend  to  thicken  the  boundary 
layer  and  the  wake  thus  reducing  circu¬ 
lation  due  to  an  effective  decambering  of 
the  lifting  surface.  The  latter  will,  in 
closing  the  global  interaction  process, 
determine  the  final  shock  strength  and 
location  and  the  severety  of  the  sustained 
rear  adverse  pressure  gradients.  Figure  1 
[1]. 

Since  the  interaction  process  may  be  sen¬ 
sitive  to  changes  in  the  Reynolds  number 
or,  more  general,  to  changes  in  the  intial 
boundary  layer  condition  as,  for  instance, 
brought  about  by  a  shift  in  the  transition 
point  location,  its  viscous  simulation  is 
required  in  order  to  dertermine  full-scale 
flow  behavior.  An  essential  prerequisite 
to  the  simulation  of  the  global  process 
is  then  the  "correct"  simulation  of  shock 
boundary  layer  interaction.  The  question 
to  be  answered  regarding  the  latter  -  and, 
in  effect,  the  concern  of  the  present 
section  -  is: 

•  What  are  the  parameters  of  the  incom¬ 
ing  boundary  layer  that  dominate  shock 
boundary  layer  interaction,  hence  must 
be  duplicated  in  the  simulation  proc¬ 
ess,  and,  duplicating  these  parame¬ 
ters, 

•  to  what  degree  does  the  boundary  layer 
at  the  downstream  face  of  the  inter¬ 
action  region  correspond  to  the  one 
that  would  develop  at  the  high  Rey¬ 
nolds  numbers  of  flight. 

The  latter  is  important  since,  at  the 
downstream  face  of  the  shock  boundary 
layer  interaction,  the  stage  is1,  set  for 
the  subsequent  interaction  of  the  dissi¬ 
pative  layer  with  the  rear  adverse  pres¬ 
sure  gradients.  One  important  question  is: 
Must  the  boundary  layer  be  manipulated 
once  more  downstream  of  the  interaction 
for  the  correct  simulation  of  trailing 
edge  flow? 


In  the  present  section  we  will  mainly 
consider  the  interaction  of  a  "normal" 
shock  wave  with  a  turbulent  boundary  layer 
as  it  occurs  in  transonic  flow  on  the 
upper  surface  of  an  airfoil  or  wing.  How¬ 
ever,  since  detailed  information  on  this 
type  of  interaction,  especially  in  three- 
dimensional  flow,  is  rather  limited, 
recourse  will  also  be  taken  to  shock  con¬ 
figurations  generated  by  fins  or  wedges 
in  a  uniform  supersonic  incoming  stream. 
Before  commencing  the  discussion,  it 
should  be  noted  that  in  the  following 
presentation  essential  material  is  drawn 
from  an  AGARDograph  by  Messrs.  Delery  and 
Marvin  on  two-dimensional  shock  boundary 
layer  interaction  which  was  just  published 
[2],  The  author  is  especially  indebted 
to  Mr.  Delery  of  ONERA  for  providing  him 
with  an  early  copy  of  his  part  of  the 
manuscript  of  the  AGARDograph. 


4.5.2  General  Features  of  the  Interaction 


4. 5. 2.1  Overall  boundary  layer  development 

Since  the  shock  wave  boundary  layer 
interaction  on  the  upper  surface  of 
aifoils  or  wings  is  closely  coupled  with 
the  trailing  edge  flow  development,  it 
seems  appropriate  to  start  with  a  brief 
qualitative  look  at  the  overall  inter¬ 
action  involving  the  shock  and  the  sus¬ 
tained  rear  adverse  pressure  gradients  and 
the  corresponding  response  of  the  boundary 
layer.  If  the  shock  wave  is  weak,  a  mere 
thickening  of  the  boundary  layer  occurs 


Figure  1:  Interaction  between  shock, 

rear  adverse  pressure  gradi¬ 
ents,  boundary  layer  and  wake. 
Ref.  1 

due  to  the  shock  with  a  corresponding 
spread  of  the  shock  pressure  jump  over 
several  initial  boundary  layer  thick¬ 
nesses,  dependent  on  shock  strength  and 
the  condition  of  the  dissipative  layer, 
i.e.,  whether  it  is  laminar  or  turbulent. 
Figure  2a.  Donwstream  of  the  shock  the 
boundary  layer  enters,  after  a  period  of 
relaxation,  the  region  of  the  rear  adverse 
pressure  gradients,  which  cause,  dependent 
on  their  magnitude,  either  only  a  further 
thickening  or  a  separation  of  the  boundary 
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layer.  In  the  case  of  shock-induced  sepa¬ 
ration,  with  a  short  separation  bubble,  a 
similar  developmnet  may  occur  over  the 
rearward  part  of  the  lifting  surface. 
Figure  2b.  Schlieren  photographs  depicting 
some  of  these  flow  developments  are  pre¬ 
sented  in  Figure  3. 

In  the  absence  of  rear  separation,  the 
shock-induced  separated  region  grows 
downstream  with  increasing  freestream  Mach 
number  or  angle  of  attack(increasing  M|), 
initially  at  a  moderate  rate  until  the 
pressure  downstream  of  the  shock  fails  to 
establish  subsonic  conditions,  then  more 
rapidly,  leading  to  total  separation. 
Figure  4  1 3 ) .  1 )  This  type  of  development 
was  designated  by  H.H.  Pearcey  et  al.  as 
Type  A  flow  |4).  Correspondingly,  Type  B 
flow  always  includes  a  trailing  edge  sep¬ 
aration  with  the  extreme  being  the  occur- 
rance  of  this  classical  separation  prior 
to  the  formation  of  a  shock  wave  or 
shock-induced  separation.  In  case  of  the 
latter,  rear  separation  may  spread 
upstream  with  increasing  Mach  number  or 
incidence  reaching  the  foot  of  the  shock 
before  the  latter  becomes  strong  enough 
to  generate  a  direct  separation  of  its 
own.  In  praxis,  of  course,  all  combina- 


o.  Boundary  layer  attached  a!  shock,  attached 
or  separated  at  trailing  edge 


n  <io  re -SErkRA'lON 

& 

f  Ai"j“  _T 


UHSeenrure; 


6  Boundary  layer  attached  at  shack,  ottcched 
or  seccrctcd  at  trailing  edge 

Figure  2:  Transonic  viscous-inviscid 

interaction 


l)  Note,  that  J.L.  Fulker  and  P.A.  Ashill 
define  a  critical  rearward  point  "R" 
that,  when  reached  by  the  separation 
bubble,  signals  the  rapid  growth  of 
the  separated  region  [23].  We  will 
return  to  this  development  in  Sub¬ 
section  4.5.S. 


b  Shock -induced  separation,  an 5°  M,  a  137 


o  Attached  flow,  a  -  25°.  M;  *  1.25 

Figure  3:  Schlieren  photographs  of 

transonic  viscous-inviscid 
interactions. 

Airfoil  CAST  7,  M„  =  0.765 

tions  in  the  development  of  rear  and 
shock-induced  separation  may  be  found, 
primarily  dependent  on  the  geometry  of  the 
aerodynamic  configuration  [4].  It  should 
be  noted  that  the  occurrance  of  the  shock 
almost  always  hastens  the  detrimental  rear 
flow  development .  These  flow  developments 
are,  naturally,  a  challenge  to  viscous 
simulation  as  well  as  to  theoretical 
assessment . 

Some  quantitative  results  of  the  inter¬ 
action  process  are  shown  in  Figures  5  and 
6  [ 5 ) .  Figure  5  depicts  part  of  the  upper 

surface  Mach  number  distribution,  essen¬ 
tial  to  the  interaction,  for  a  shock-up¬ 
stream  Mach  number  of  M,  =  1.30  and  the 
corresponding  chordwise  development  of 
characteristic  boundaiy  layer  parameters- 
One  notices  the  strong  increase  in  dis¬ 
placement  thickness  and  the  appreciable 
retardation  of  the  boundary  layer  due  to 
the  shock,  the  relaxation  of  the  dissipa¬ 
tive  layer  in  the  region  of  reduced  pres¬ 
sure  gradients  immediately  downstream  of 
the  shock  and  the  renewed  deterioration 
due  to  the  rear  adverse  pressure  gradi¬ 
ents.  As  indicated  by  both,  the  shape 
parameter  Hjj  ,  see  Ref.  6,  and  the  skin 
friction  coefficient,  determined  by  a  law 
of  the  wall/law  of  the  wake  fit  to  the 
measured  data  [13],  separation  does  not 
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develop  at  the  shock;  however,  a  trailing 
edge  separation  is  indicated  by  the  shape 
parameter  H32 - 1 ) 

If  the  shock- upstream  Mach  number  is 
increased,  the  boundary  layer  eventually 
separates  at  the  foot  of  the  shock.  Fig. 
6.  With  reattachment  taking  place  not  too 
far  downstream,  the  boundary  layer  again 
recovers  in  the  low  pressure  gradient 
region  before  the  strong  rear  adverse 
pressure  gradients  take  effect.  There  are 
two  interesting  observations  to  be  made 
concerning  the  present  topic  of  viscous 
simulation: 


(3)  Development  ol  shock  -  induced  separation 


1  -IV  «  SEPARATION  POINTS 
S  -  SONIC  POINTS 


i  umn 


AIRFOIL  SURFACE 


Pi  /po 


(B)  Behavior  of  characteristic  oirloil  pressures 


Figure  4:  The  development  of  shock-in¬ 

duced  separation.  Ref.  3 


1 )  The  use  of  the  skin  friction  coeffi¬ 
cient  and  the  shape  factor  Hj,  to 
determine  separation  is  only"  an 
approximation  since  both  parameters 
are  derived  from  boundary  layer  pro¬ 
files  measured  by  a  pitot  probe  (5). 
The  latter  is  in  the  vicinity  of  sep¬ 
aration  not  a  very  accurate  tool.  The 
shape  factor  Hjj  is,  furthermore,  not 
unique  at  separation  since  turbulent 
separation  is  a  two  parameter  event 
16).  It  is,  nevertheless,  employed 
here  since  only  relative  changes  in 

the  boundary  layer  development  are  of 
primary  interest. 


1.  Compared  to  the  case  of  Fig.  5  with  a 
tripping  device  location  in  7  %  chord,  a 
much  thinner  boundary  layer  approaches 
here  -  where  the  roughness  element  is 
located  at  30  %  chord  -  the  shock  wave. 
In  spite  of  this,  there  seems  to  be,  at 
nearly  the  same  shock-upstream  Mach  number 
(M,  =  1.30  vs.  M,  =  1.31)  the  same  close¬ 
ness  to  shock  induced  separation.  The 


NON-Oit-TiSICNAL  CHORD,  ,/c 


<0 

30 

20 


0  SHAPZ  r ACTOR  »  i'/0 


non -dimensional  chord.  »/c 


Figure  5:  Boundary  layer  development 

due  to  airfoil  upper  surface 
interactions.  Ref.  5 
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NON-  Ot/-:£NSIONiL  CHOrtO ,  i/c 


Figure  6;  Boundary  layer  development 
for  two  different  shock-up¬ 
stream  Mach  numbers.  Ref.  5 
boundary  layer  development  downstream  of 
the  shock  is,  however,  distinctly  differ¬ 
ent:  The  boundary  layer  recovery  is  much 

better  and  the  flow  does  not  separate  at 
the  trailing  edge  in  case  of  the  thinner 
initial  boundary  layer  despite  a  more 
rearward  shock  location,  the  latter  being, 
of  course,  a  result  of  the  improved  con¬ 
ditions  at  the  trailing  edge. 


2.  Considering  only  the  conditions  of 
Fig.  6,  one  observes  that  the  bour '- 
layer  going  through  the  shock-induced 
separation  shows  a  better  overall  recov¬ 
ery.  It  is  hypothesized  that  this  is 
mainly  a  result  of  the  increased  turbulent 
mixing  in  the  interaction  region  in  the 
•esence  of  separation.  If  this  holds, 
certain  consequences  exist  for  the  viscous 
simulation  process,  one  of  them  being 
related  to  the  initial,  i.e.,  shock-up- 
stream  turbulence  level:  This  does  not 
necessarily  mean  that  the  incoming  tur¬ 
bulence  level  is  of  importance,  however, 
if  the  increased  mixing  is  strongly 
related  to  the  amplification  of  the  ini¬ 


tial  turbulence  level  -  which  might  be, 
for  instance,  dependent  on  the  tripping 
device  employed  to  force  transition  -  the 
"correct"  full-scale  urbulence  level  must 
be  attained  upstrear  of  the  shock  in  order 
to  correctly  simulate  the  rear  boundaty 
layer  development  in  the  presence  of  sep¬ 
aration.  We  will  return  to  the  subject  of 
interactive  turbulence  behavior  in  Section 
4.5.6. 


4. 5. 2. 2  Parameters  of  the  Shock  Boundary  Layer 
Interaction 

Upstream  influence: 

Focussing  now  on  features  of  the  "local" 
shock  boundary  layer  interaction  process, 
it  is  desirable  to  identify  first  its 
characteristic  structure  starting  with  the 
attached  flow  case.  Figure  7  shows  this 
structure  schematic  .lly  |2]  together  with 
iso-Mach-lines  obtained  by  LDA-measure- 
ments  in  supersonic  nozzle  flow  terminated 
by  a  normal  shock  wave  |7|.  Character¬ 
istically,  the  pressure  rise  due  to  the 
shock  propagates  upstream  through  the 
subsonic  part  of  the  boundary  layer.  The 
corresponding  flow  deceleration  causes  a 
chickening  of  the  subsonic  layer,  bending 
the  sonic  line  away  from  the  surface  thus 
generating  compression  waves  which  propa¬ 
gate  through  the  supersonic  part  of  the 
flow;  the  shock  discontinuity  is  thereby 
replaced  by  a  gradual  compression.  Mote, 
that  the  shock  acts,  where  it  meets  the 
Doundary  layer,  in  most  transonic  flows 
as  a  strong  solution  to  the  oblique  shock 
equations  with  subsonic  flow  downstream 

m- 

The  upstream  influence  can  now  be  defined 
as  the  chordwise  distance  between  the 
location  where  the  shock  induced  pressure 
rise  is  first  felt  and  the  position  where 
the  rise  in  pressure  reaches  sonic  condi¬ 
tions,  Fig.  7a.  The  magnitude  of  the 
upstream  influence  determines,  in  an 
interactive  way,  the  pressure  gradient 
imposed  on  the  boundary  layer,  thus  may 

considerably  affect  the  further  boundary 
layer  development.  It  is,  therefore,  seen 
as  an  essential  parameter  in  the  viscous 
simulation  process  whose  dependence  on 
initial  boundary  layer  and  outer  flow 
properties  must  be  established.  Although 
not  of  any  major  consequence  to  the  fol¬ 
lowing  disci  -.sions,  it  should  be  noted 
that  the  present  definition  of  upstream 
influence  is,  as  indicated  in  Fig.  4,  not 
well  suited  in  the  presence  of  large 
shock-induced  separation  bubbles;  here, 
the  distance  of  the  pressure  rise  to  sep¬ 
aration  would  be  more  appropriate. 

The  phenomenon  of  upstream  influence  with 
the  spreading  of  the  compression  near  the 
wall  is  a  very  complex  process  involving 
the  interplay  between  different  layers 
into  which  the  interaction  region  can  be 
devided.  Although  essential  to  the  com¬ 
plete  understanding  of  the  physics  of  the 
interaction  process,  a  further  discussion 
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a.  Airfoil  upper  surface  shock  structurel  Ref.  2,5 


b.  Mach  number  contours  obtained  by  LDA- measurements 
in  a  supersonic  nozzle  flow,  Ref.  7  reported  in  [21 


c.  Schlieren  photograph  corresponding  ta  Fig.7  b,  Ref.  7 


Figure  7:  Details  of  transonic  shock 

boundary  ' layer  interaction: 
unseparated  flow 

here  and  in  the  present  context  is  thought 
superfluous  since  a  detailed  treatment  is 
given  in  the  aformentioned  AGARDograph  on 
shock-boundary  layer  interaction  [2].  The 
reader  is,  furthermore,  referred  to  the 
original  work  of  Lighthill  [8]  and  Ste- 
wartson  and  Williams  [9]  on  this  subject. 

Incipient  separation: 

If  the  strength  of  an  airfoil  or  wing 
upper  surface  shock  is  increased,  either 
by  changing  freestream  Mach  number  or 
angle  of  incidence,  separation  will  occur 
at  the  foot  of  the  shock  and  will  subse¬ 
quently  spread  downstream.  The  onset  of 
separation  will  essentially  set  the  per¬ 
formance  level  for  a  given  aerodynamic 
configuration.  It  is  therefore  important 


to  know  exactly  when,  i.e.,  at  what 
freestream  conditions  or  shock-upstream 
Mach  number  (M,),  shock-induced  separation 
is  incipient.  In  the  present  context  it 
must  be  established  which  boundary  layer 
parameters  govern  incipient  separation, 
hence  have  to  be  duplicated  in  the  viscous 
simulation  process. 

In  two-dimensional  flow,  incipient  sepa¬ 
ration  occurs,  by  definition,  when  the 
minimum  in  the  wall  shear  stress  dis¬ 
tribution  is  exactly  zero.  For  lack  of 
skin  friction  results,  a  different  crite¬ 
rion  may,  of  course,  be  used,  such  as  the 
one  based  on  the  shape  factor  (H32  )  dis¬ 
tribution  where  the  corresponding  minimum 
is  about  H32  —  1.545,  Figs.  5  and  6. 

The  exact  experimental  determination  of 
incipient  separation  is  problematic  since 
direct  and  highly  localized  skin  friction 
measurements  are  still  very  difficult  to 
conduct  and  indirect  methods,  such  as  the 
analysis  of  surface  pressure  distributions 
or  flow  visualization  techniques,  are  not 
very  accurate.  This  has,  in  the  past,  led 
to  some  very  confusing  results.  Partly  for 
that  reason,  one  sometimes  defines  the 
onset  of  the  "rapid"  growth  of  the  shock- 
induced  separation  bubble  as  the  onset  of 
significant  separation  or  "effective" 
incipient  separation,  a  condition  that 
seems  easier  to  be  detected. 

In  three-dimensional  swept  shock  wave 
turbulent  boundary  layer  interaction,  the 
flow  in  the  plane  normal  to  both  the  shock 
wave  and  the  surface  considered,  resem¬ 
bles,  at  least  for  moderate  sweep  angles, 
the  two-dimensional  flow  through  a  "nor¬ 
mal"  shock.  Figure  8  [10]  [11].  The  skin 
friction  lines,  however,  behave  quite 
differently  in  three-dimensional  flow. 
This  is  indicated  in  Fig.  8  where  these 
lines  are  presented  schematically  for  a 


o.  Attached  flow 


b.  Separated  flow 


Figure  8: 


Skin  friction  line  pattern 
beneath  a  swept  shock.  Ref . 10 
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weak  unseparated  and  a  strong  separated 
shock  boundary  layer  interaction.  Even  in 
attached  flow,  the  skin  friction  lines  are 
deflected  substantially  more  than  the 
inviscid  streamlines;  for  unseparated  flow 
the  skin  friction  lines  do  not  converge, 
Fig.  8a.  With  increasing  shock  strength, 
however,  a  condition  will  be  reached  where 
the  skin  friction  lines  just  merge  into  a 
single  common  line  parallel  to  the  pro¬ 
jection  of  the  outer  flow  shock  (view 
along  "B"  in  Fig.  8).  This  condition  might 
be  defined  as  "incipient  separation".  A 
further  rise  in  shock-upstream  Mach  num¬ 
ber,  i.e.,  shock  strength,  will  result  in 
the  skin  friction  line  pattern  depicted 
in  Fig.  8b. 

Shock- induced  separation: 

At  sufficient  strength  of  the  shock,  the 
boundary  layer  separates  and  a  separation 
bubble  develops  whose  extent  depends  on 
the  pressure  jump  imposed  on  the  boundary 
layer  and  the  initial  boundary  layer  con¬ 
dition,  in  later  stages,  of  course,  also 
on  the  severety  of  the  rear  adverse  pres¬ 
sure  gradients.  The  general  structure  of 
the  separated  interaction  field  is  shown 
in  Figures  9  and  10  for  shock-upstream 
Mach  numbers  of  M1  =  1.5  [12]  and 

M1  =  1.40  [7],  respectively,  the  latter 

being  typical  of  transonic  airfoil  upper 
surface  Mach  numbers  at  or  just  prior  to 
total  separation,  i.e.,  separaration 
extending  from  the  foot  of  the  shock  to 
the  trailing  edge.  The  interaction  field 
is  essentially  characterized  by  a  lambda 
system  which  is  composed  of.  Fig.  9, 

•  a  foward  oblique  shock  (C]  )  produced 
by  the  coalescence  of  the  compression 
waves  resulting  from  the  thickening 
of  the  subsonic  part  of  the  boundary 
layer  -  much  in  the  same  way  as  in 
attached  flow  (Fig.  7), 

•  a  quasi-normal  shock  (C2)  which  meets 
C1  at  the  triple  (bifurcation)  point 
I  and 

•  the  outer  shock  (C3)  driving  the 
interaction. 

The  necessity  for  this  type  of  shock  pat¬ 
tern  stems  from  the  fact  that  Cj  is  a  weak 
oblique  shock  with  supersonic  flow  down¬ 
stream  while  C3  is  a  strong  quasi-normal 
shock  so  that  there  exist  behind  C]  and 
C3  two  different  states  with  different 
pressures  and  velocity  inclinations.  In 
order  to  meet  the  compatibility  conditions 
for  these  two  adjacent  flows,  a  third 
state  is  introduced,  here  through  the  near 
normal  shock  C2 ,  which  has  the  same  pres¬ 
sure  and  velocity  inclination  as  the  field 
behind  C3 ,  but  a  different  velocity  level, 
the  latter  resulting  in  the  shear  layer 
(vortex  sheet)  originating  at  the  triple 
point  I . 

Comparing  Figs.  7b  and  10a,  it  can  be  seen 
that  the  flow  pattern  observed  in  sepa¬ 
rated  interactions  emerges  progressively 


Figure  9:  Transonic  interaction  with 

large  separated  region  in 
supersonic  nozzle  flow.  Ref. 
12  reported  in  [2] 


a.  Mach  number  contours  obtained  by  LDA  - 
measurements 


b.  Schlieren  photograph  corresponding  to  a. 


Figure  10:  Structure  of  transonic  shock 
boundary  layer  interaction 
with  moderate  separation  in 
supersonic  nozzle  flow.  Ref. 

7  reported  in  [2] 

from  the  pattern  of  unseparated  flow. 
Upstream  influence  should  therefore  also 
be  a  characteristic  feature  of  shock-in¬ 
duced  separation,  governed  by  the  same 
initial  boundary  layer  and  outer  inviscid 
flow  parameters  as  in  attached  inter¬ 
actions.  To  be  added  as  a  characteristic 
parameter  is  the  extent  (or  growth  rate) 
of  the  shock-induced  separation  bubble. 
It  is  to  be  established  which  boundary 
layer  parameters  essentially  rule  the 
development  of  separation  and  hence  must 
be  duplicated  in  any  viscous  simulation 
procedure . 
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The  characteristic  features  and  develop¬ 
ments  of  transonic  shock  boundary  layer 
Interaction  that  must  be  simulated  within 
the  overall  viscous  simulation  process  can 
now  be  summarised  to  be 

•  the  upstream  influence,  determining 
the  interactive  pressure  gradient 
imposed  on  the  boundary  layer, 

•  ir  lent  separation  and 

•  the  uovelopment  of  the  shock-induced 
separation  bubble  leading,  possibly 
in  conjunction  with  rear  separation, 
to  the  total  break-down  of  the  flow. 

The  dependence  of  these  features  on  the 
initial  boundary  layer  condition  and  spe¬ 
cific  outer  inviscid  flow  parameters  must 
be  investigated  and  dominant  boundary 
layer  parameters  established.  In  addi¬ 
tion,  more  subtle  characteristics,  such 
as  the  generation  and/or  amplification  of 
turbulence  within  the  interaction  shall 
be  discussed.  Finally,  current  research 

and  future  research  requirements  shall  be 
outlined. 


■’  5.3  Upstream  Influence 

The  upstream  influence  is  the  parameter 
that  determines  in  an  interactive  way  the 
pressure  gradient  imposed  on  the  boundary 
layer.  It  may  thus  have  an  essential 
influence  on  the  downstream  development 
of  the  dissipative  layer  and  must  be 
"correctly"  represented  in  the  overall 
viscous  simulation  process.  It  is  likely 
that,  at  least  in  the  case  of  unseparated 
flow,  the  boundary  layer  parameters  gov¬ 
erning  the  upstream  influence  are  also 
crucial  to  the  entire  shock  boundary  layer 
interaction  process. 


4. 5. 3.1  Two-dimensional  interactions 

The  upstream  influence  was  defined  in 
4.5.2  as  the  chordwise  distance  between 
the  location  where  the  shock  related 
pre.oure  jump  is  first  felt  ar.d  the  point 
were  the  pressure  has  increased  to  sonic 
conditions.  Fig.  7.  Since  the  flow 
development  characterized  by  this  parame¬ 
ter  is  of  supersonic  nature,  it  can  be 
assumed  that  this  parameter  -  or,  in  the 
presence  of  separation,  the  chordwise 
distance  covered  by  the  pressure  rise  to 
separation  -  is  unique  to  shock  boundary 
layer  inti  action,  i.e.,  independent  of 
the  agent  generating  the  shock  and  inde¬ 
pendent  of  the  downstream  flow  develop¬ 
ment. 

A  very  thorough  investigation  of  the 
boundary  layer  and  outer  inviscid  flow 
parameters  governing  the  upstream  influ¬ 
ence  was  carried  out  by  Delery  mainly 
employing  wall  mounted  "bump"  models  of 
the  type  shown  in  Figure  11  [2]  (14)  (15). 
The  pressure  (Mach  number)  distributions 


generated  by  such  arrangements  -  here  on 
the  upper  tunnel  wall  opposite  to  the  bump 
are  depicted  in  Figure  12.  In  the 


Figure  11:  Example  of  test  set-up  for 
basic  experiments  of  Delery, 
Ref.  2,  15 


M,  r  1.0 


(b)  Interferogrom  corresponding  to  the  M,  =  140 
Mach  number  distribution 

Figure  12:  Local  transonic  Mach  number 
distribution  generated  by  the 
test  set-up  of  Figure  11,  Ref. 
2,  15 


experiments,  this  wall  Mach  number  dis¬ 
tribution  was  found  to  be  practically 
insensitive  to  changes  in  the  freestream 
stagnation  pressure,  the  latter  being 
utilized  to  vary  the  Reynolds  number  or, 
more  general,  the  initial  boundary  layer 
conditions,  so  that  the  same  outer  invis¬ 
cid  flow  field  was  maintained  while 
changing  the  properties  of  the  viscous 
layer.  Furthermore,  for  the  type  of  pres¬ 
sure  distribution  considered,  i.e.,  a 
pressure  distribution  with  a  strong 
acceleration  of  the  f. low  up  to  the  shock 
wave,  the  effect  of  the  favorable  pressure 
gradient  on  the  boundary  1.  er  shape  fac¬ 
tor  dominated  over  the  one  of  the  Reynolds 
number.  Thus,  it  was  possible  to  vary 
independently  the  parameters  most  likely 
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to  have  a  dominant  influence  on  the 
upstream  or  supersonic  extent  associated 
with  shock  boundary  layer  interaction:  The 
shock-upstream  Mach  number  M,  ,  the  Rey¬ 
nolds  number,  based,  e.g.,  on  the  dis¬ 
placement  thickness,  Rg»  ,  and  the  (incom¬ 
pressible)  shape  factor  Hj,  ,  the  latter 
also  accounting  for  the  history  of  the 
boundary  layer. 

The  results  obtained  with  the  experimental 
set-up  of  Fig.  11  are  presented  in  Figure 
13  in  form  of  the  normalized  interaction 
length  L*/S *  as  function  of  the  shock- 
upstream  Mach  number  M,  with  the  Reynolds 
number  Rg*  as  parameter  but  at  a  constant 
shape  factor  of  about  H(j  =  1.20.  One 
observes  -  apart  from  a  moderate  data 
scatter  essentially  due  to  the  difficulty 
of  accurately  determining  the  exact  length 
L*  from  the  wall  pressure  distributions  - 
in  essence  an  independence  of  the  data  on 
Reynolds  number  and  shock-upstream  Mach 
number.  The  influence  of  the  former,  very 
pronounced  on  both,  the  displacement 
thickness  and  the  upstream  influence  L*, 
virtually  disappears  when  one  parameter 
is  normalized  by  the  other.  The  independ¬ 
ence  on  Mach  number,  present  at  least  up 
to  conditions  very  close  to  shock-induced 
separation  (M,  =  1.3),  can  be  explained 
as  follows:  Increasing  M,  increases  the 
shock  strength  and  the  shock-induced  dis- 


Figure  13:  Effect  of  chock-upstream  Mach 
number  and  Reynolds  number  on 
the  supersonic  interaction 
length,  Ref.  2 
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Figure  14:  Effect  of  the  incompressible 
shape  factor  on  the  supersonic 
interaction  length.  Ref.  2 


data  obtained  in  various  facilities  and 
with  different  model  configurations, 
resulting  in  pronounced  differences  in  the 
initial  boundary  layer  properties,  a  large 
spread  of  the  results  was  observed  (2). 
Grouping  the  L*/5*  values,  however, 
according  to  the  magnitude  of  the  shock- 
upstream  shape  factor  Hj,  ,  clearly  showed 
a  strong  dependence  of  the  normalized 
upstream  influence  on  this  boundary  layer 
parameter,  Figure  14.  One  sees  that  the 
normalized  upstream  influence  doubles  when 
the  shape  factor  is  raised  from  Hj,  =  1.20 
to  1.40.  The  leason  for  this  development 
seems  quite  simple:  A  small  shape  factor 
means  a  "full"  boundary  layer  profile  with 
a  thin  subsonic  layer,  hence  a  reduced 
upstream  propagation  of  the  shock  associ¬ 
ated  disturbance. 

Inger  et  al.  consider  in  Ref.  16  the 
effect  of  heat  transfer  on  the  shock 
boundary  layer  interaction  process 
employing  a  modified  version  of  Inger' s 
existing  shock  boundary  layer  interaction 
solution  (17).  This  solution  requires  as 
input  four  independent  parameters:  M,  , 
Rg*(  h'>  ”  already  introduced  -  and  the 
wall  to  boundary  layer  edge  temperature 
ratio,  Tw/Te  .  By  varying  one  parameter 
at  a  time  it  is  shown  that  the  effect  of 
Tw/Te  on  the  upstream  influence  is  very 
small  while  an  appreciable  influence  of 
the  incompressible  shape  factor  H,,  exists 
confirming  the  large  effect  observed  in 
the  experiments  discussed  above.  Figure 


turbance  tends  to  travel  further  upstream; 
however,  the  thickness  of  the  subsonic 
part  of  the  boundary  layer,  which  roughly 
scales  the  extent  of  the  upstream  influ¬ 
ence,  decreases  with  increasing  Mach  num¬ 
ber,  thus  compensating  the  effect  of  the 
greater  shock  strength.  From  the  above 
observation  it  may  be  concluded  that,  for 
a  given  shape  parameter,  the  displacement 
thickness  of  the  incoming  boundary  layer, 
6*,  is  the  proper  simulation  paremeter  for 
the  Interaction  length  L* . 

When  the  normalization  of  the  upstream 
influence  was  applied  to  a  wider  range  of 


15.  The  shock-upstream  shape  factor  can, 
of  course,  be  manipulated  by  changing  the 
wall  temperature  distribution  upstream  of 
the  interaction  zone,  the  latter,  i.e., 
the  boundary  layer  manipulation  upstream 
of  the  interaction,  being  by  the  way  the 
main  influence  of  non-adiabatic  wall  con¬ 
ditions  on  shock  boundary  layer  inter¬ 
action,  Figure  16. 

Within  the  range  of  incompressible  shape 
factors  and  shock-upstream  Mach  numbers 
considered,  a  "normalization"  factor  for 
the  upstream  influence  was  searched  for 
containing  the  boundary  layer  parameters 
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Figure  15:  Influence  of  the  shape  factor 
on  the  supersonic  interaction 
length;  theory  Inger,  Ref.  16 
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Figure  16:  Relative  heat-transfer  effect 
on  the  normalized  streamwise 
interaction  extent,  Ref.  16 

observed  to  affect  the  upstream  influence 
most,  i.e.,  the  initial  displacement 
thickness  and  the  incompressible  shape 
factor  [2).  This  led  to  the  purely  empir¬ 
ical  expression  ( L*/6* )  ( 1/(H(,  -1 ) )  which 
provided  a  rather  satisfactory  correlation 
of  the  upstream  influence  with  the  scatter 
of  the  data  being  no  more  than  8  percent. 
Figure  17.  The  results  of  Fig.  17  imply 
that 


•  for  the  exact  simulation  of  the  full- 
scale  upstream  influence,  the  viscous 
parameter  (6*/c)(hii  -1)  of  the  full- 
seal'  high  Reynolds  number  flow  must 
be  duplicated  in  the  low  Reynolds 
number  wind  tunnel  tests,  at  least  up 
to  the  onset  of  shock-induced  sepa¬ 
ration. 

Considering  the  very  simple  case  of  tran¬ 
sonic  airfoil  flow,  the  feasibility  and 
success  of  such  a  viscous  simulation  will 
briefly  be  addressed  below. 
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Figure  17:  Correlation  of  the  supersonic 
interaction  length  (upstream 
influence)  of  a  transonic 
shock  boundary  layer  inter¬ 
action,  Ref.  2 


The  present  author  has  conducted  surface 
pressure  distribution  and  boundary  layer 
measurements  on  two  transonic  airfoils  for 
a  fairly  wide  range  of  initial  boundary 
layer  and  freestream  conditions  with 
emphasis,  however,  on  conditions  jus* 
prior  to  and  beyond  incipient  separation 
1 5 1 .  Following  the  procedure  of  Delery, 
the  data  obtained  for  these  airfoils  were 
analysed  with  respect  to  the  upstream 
influence  and  its  dependence  on  the  ini¬ 
tial  boundary  layer  conditions.  The  pre¬ 
sent  results,  shown  in  Figure  18,  essen¬ 
tially  confirm  the  data  band  given  in  Fig. 
17  for  the  normalized  upstream  influence 
at  Mach  numbers  M|  £  1.30,  i.e.,  prior  to 
shock-induced  separation.  At  higher 
shock-upstream  Mach  numbers  a  strong 
deviation  from  the  "constant"  interaction 
length  occurs,  mainly  due  to  the  sepa¬ 
ration  bubble  delaying  the  pressure  rise 
to  sonic  conditions  (also  see  Fig.  4). 
Note,  that  when  defining  the  distance  to 
the  separation  point  as  upstream  influ¬ 
ence,  the  data  will  again  fall  within  the 
data-band  of  Fig.  18,  as  is  indicated  by 
the  flagged  symbols. 

As  indicated  above,  it  seems  sensible  to 
briefly  look  at  the  feasibility  and  suc¬ 
cess  of  simulating  high  Reynolds  number 
flow  by  duplicating  the  viscous  parameter 
just  discussed.  For  this  purpose,  the 
transonic  flow  about  the  airfoil  CAST  10-2 
is  considered  and  the  results  obtained  at 
a  Reynolds  number  of  Re  =  31  x  10‘  selected 
to  represent  full-scale  conditions  [5). 
Other  freestream  parameters  for  this  te3t 
case  are:  M„  =  0.765,  a  =  2°,  CL  =  0.68, 
i.e.,  a  condition  with  a  relatively  strong 
upper  surface  shock  wave  but  without 
shock-induced  separation.  The  pressure 
distribution  corresponding  to  this  condi¬ 
tion  is  shown  in  Figure  19.  For  this 
pressure  distribution,  the  chordwise  dis¬ 
placement  thickness  and  the  shape  factor 
distributions  were  calculated  by  the 
method  of  Ref.  18  assuming  transition  to 
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Figure  18:  Supersonic  interaction  length 
in  transonic  airfoil  flow. 
Ref.  5 


occur,  corresponding  to  the  test  condi¬ 
tions,  at  7  %  chord.  Figure  20.  The 

shock-upstream  value  of.  the  viscous 
parameter,  to  be  duplicated  in  the  low 
Reynolds  number  wind  tunnel  tests,  is 
6*  (Hj,  -1)  =  0.07. 


One  way  of  manipulating  the  initial  boun¬ 
dary  layer  parameters  at  ■  low  Reynolds 
numbers  is,  of  course,  by  shifting  the 
(forced)  transition  region  of  the  boundary 
layer  downstream  [19]' [20].  This  was  done 
in  tests  with  the  CAST  10-2  airfoil  at  a 
Reynolds  number  of  Re  =  2.4  x  10s  in  steps 


Figure  19:  Pressure  distributions  for 
widely  differing  Reynolds 
numbers  but  similar  viscous 
parameter  6*  (Hj,  -1).  Air¬ 
foil  CAST  10-2,  Ref.  5 
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Figure  20:  Displacement  thickness  and 
shape  factor  distributions 
corresponding  to  the  pressure 
distributions  of  Fig.  19, 

Ref.  5,  18 
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of  the  transition  strip  location  of  about 
15  %  chord  [5]  [20],  The  shock-upstream 

boundary  layer  condition  closest  to  the 
high  Reynolds  number  test  case  was  found 
to  be  provided  by  a  transition  strip 
location  of  45  %  chord.  Here,  a  fairly 
close  match  in  the  (calculated)  displace¬ 
ment  thickness.  Fig.  20a,  but  a  less  sat¬ 
isfactory  agreement  in  the  incompressible 
shape-factor.  Fig.  20b,  was  attained;  the 
resulting  parameter  6 * ( H j ,  -1)  is  0.095. 
The  discrepancy  in  this  viscous  parameter 
seems  to  be  reflected  in  the  difference 
in  shock  upstream  influence  L*,  with  the 
normalized  interaction  length 

(L*/6*)  ( l/(Hj,  -1)),  however,  being  about 
the  same.  Fig.  19.  Despite  these  differ-  « 
ences,  there  is,  as  also  shown  in  Fig.  19, 
a  very  close  agreement  between  the  pres¬ 
sure  distributions  obtained  at  such  widely 
differing  test  conditions.  Considering 
these  results,  one  must  keep  in  mind  that 
the  determination  of  all,  viscous  and 
inviscid,  parameters  involved  here  is 
accompanied  by  certain  inaccuracies, 
experimentally  as  well  as  in  the  computa¬ 
tions. 
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Nevertheless,  there  seems  evidence  enough 
that  the  duplication  of  the  paramter 
( 6*/c )  (Hf,  -1)  leads  to  a  satisfactory 
simulation  of  high  Reynolds  number  shock 
boundary  layer  interaction  prior  to  sepa¬ 
ration.  More  research  with  very  specific 
experiments  is,  however,  required  to  con¬ 
firm  the  dominance  of  this  parameter  and, 
in  particular,  to  establish  the  exactness 
with  which  this  parameter  or  its  co.spo- 
nents  must  be  duplicated.  It  is,  of 
course,  furthermore  necessary  to  investi¬ 
gate,  theoretically  and  experimentally, 
how  a  duplication  of  this  viscous  parame¬ 
ter  can  be  achieved.  It  was  already  shown 
by  Green  (21)  that  the  exact  high  Reynolds 
number  value  of  the  displacement  thickness 
and  the  shape  factor,  which  would  auto¬ 
matically  lead  to  the  correct  6*(H„  -1), 
cannot  be  attained  simultaneously,  at 
least  not  by  such  simple  means  as  manipu¬ 
lating  the  transition  location  or  other 
"localized"  treatments  of  the  boundary 
layer.  However,  there  is  a  chance  that  the 
"exact"  duplication  of  the  combination  of 
the  two  crucial  viscous  parameters  is  an 
easier  affair,  especially  for  flows  with 
moderate  pressure  gradients  upstream  of 
the  shock  where  the  shape  factor  does  not 
change  considerably  with  chord  wise  posi¬ 
tion  and  is,  after  tipping,  always  rela¬ 
tively  close  to  the  full-scale  value,  Fig. 
20. 


4. 5. 3. 2  Three-dimensional  interactions 

As  mentioned  in  the  introduction,  only  a 
limited  amount  of  data  is  available  -  or 
amenable  to  analysis  in  the  present  con¬ 
text  -  on  three-dimensional  shock  boundary 
layer  interactions  and  the  viscous  and 
inviscid  parameters  ruling  these  inter¬ 
actions  as  they  occur  in  transonic  (wing) 
flow.  So,  one  has  to  rely,  at  least  in  a 
first  attempt,  somewhat  on  wedge  or  fin 
induced  normal  shock  pattern  which  bear, 
however,  sufficient  resemblance  to  sheared 
wing  flow  to  warrant  consideration.  The 
uniform  incoming  supersonic  flow  generally 
present  in  experiments  with  fins  or  wedges 

-  as  compared  to  the  non-uniform  shock- 
upstream  wing  flow  -  is  not  thought  of 
major  influence  in  the  present  context. 
(Relevant  experimental  results  on  tran¬ 
sonic  wing  flow  which  need,  however, 
extensive  replotting  and,  in  parts,  some 
boundary  layer  calculations  before  analy¬ 
sis  are  given  in  References  22  through  25. 
Some  results  [24]  [25]  are  incorporated 
in  this  report.) 

It  was  already  fairly  early  concluded  (26) 
(27)  that  for  yawed  laminar  incompressible 
flow  the  streamwise  flow  is  independent 
of  the  spanwise  flow.  For  turbulent  flows, 
there  seems,  however,  some  controversy 
about  the  validity  -  or  range  of  validity 

-  of  the  so  called  "independence  princi¬ 
ple"  (named  by  R.T.  Jones  (28)).  From  a 
rigorous  theoretical  viewpoint,  this 
principle  can,  of  course,  not  be  strictly 
true  either  for  compressible  flow,  where 
the  fluid  properties  depend  on  the 


resultant  and  not  the  normal  component 
Mach  number,  or  turbulent  flows  where,  in 
general,  the  Reynolds  stress  terms  depend 
on  the  resultant  flow  strain  and  hence 
cross-couple  the  normal  and  tangential 
momentum  equations  (29).  In  the  present 
context,  the  independence  principle  would 
mean  that  the  interactive  flew  normal  to 
the  shock  and  the  associated  upstream 
influence  and  increase  in  displacement 
thickness  as  well  as  the  onset  of  sepa¬ 
ration  (?)  are  essentially  independent  of 
the  flow  component  tangent  to  the  shock, 
hence  of  the  sweep  angle.  For  the  viscous 
simulation  process  it  means  that  the  vis¬ 
cous  and  inviscid  parameters  identified 
as  dominating  two-dimensional  shock  boun¬ 
dary  layer  interactions  are  also  determi¬ 
nant  in  three-dimensional  flow.  The 
validity  of  the  independence  principle  and 
its  limits  should,  therefore,  be  predomi¬ 
nantly  considered  here. 


@  Three -dimensions  shock  pattern  considered 
(plan  new) 


©  Wedge  I  hn) -type  shock  generator 


SHOCK 


©  Sheared  wing  equivalent  to  mid  -span  region 
of  large  aspect  ratio  wing . 

Figure  21:  Three-dimensional  shock  boun¬ 
dary  layer  interaction  theo¬ 
ry:  Assumptions  and  confi¬ 

gurations  ,  Ref.  29 
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Inger  has  extended  his  triple-deck  theory 
for  two-dimensional  shock  boundary  layer 
interactions  {17]  into  the  three-dimer.- 
sional  domain,  considering  the  impingement 
of  a  weak  swept  shock  on  a  plane  turbulent 
boundary  layer  |29],  Here,  attention  is 
confined  to  a  situation  where  the  shock 
is  straight  within  a  uniform  non-interac- 
tive  inviscid  flow  field  such  that  the 
interactive  disturbance  flow  gradients 
parallel  to  the  shock  may  be  considered 
negligible,  i.e.,  6/6s  =  0,  at  least  for 
some  moderate  distance  ahead  and  behind 
the  shock.  Figure  21a.  These  special  con¬ 
ditions  are  realized,  for  instance,  for 
sheared-wing  shocks  in  transonic  flow, 
representative  of  shocks  in  the  mid-span 
region  of  a  high  aspect  ratio  wing,  and 
in  the  outboard  region  of  fin-generated 
shocks.  Figs.  21b  and  21c.  (Regarding  the 
latter,  it  should  be  noted  that  due  to  the 
absence  of  any  intrinsic  inviscid  scale, 
the  disturbance  flow  is  basically  conical, 
i.e.,  6/6r  =  0,  however,  it  is  shown  in 
Ref.  29  that  sufficiently  far  outboard  of 
the  fin  the  conical  behavior  becomes 
indistinguishable  from  the  one  for  5/63  = 
0.) 

Under  the  above  assumptions,  the  three- 
dimensional  interaction  distinguishes 
itself  from  the  two-dimensional  one  -  or 
the  "thought"  process  based  on  the  Mach 
number  component  normal  to  the  shock  - 
mainly  through  turbulence  and  compressi¬ 
bility  effects  due  to  sweep.  Considering 
turbulence,  the  normal  flow  ceases  to  be 
independent  of  the  tangential  component 
for  two  reasons:  (1)  The  eddy  viscosity 
of  the  incoming  undisturbed  boundary  layer 
depends  on  the  entire  resultant  flow 
rather  than  its  normal  component  and,  more 
important,  (2)  the  corresponding  eddy 
viscosity  perturbation  due  to  the  shock 
introduces  a  tangential  or  "cross- flow 
turbulence"  effect  proportional  to  sin’A, 
with  A  being  the  sweep  angle  1 29  ]  (Fig. 
21).  Compressibility  enters  via  its  effect 
on  the  wall  temperature  dependent  fluid 
properties,  i.e.,  density  and  viscosity 
at  the  wall,  which  are  functions  of  the 
incoming  Mach  number,  M, ,  rather  than  the 
normal  component. 

Considering  the  shock  upstream  influence, 
the  relative  importance  of  compressibility 
and  interactive  turbulence  due  to  sweep- 
back,  i.e.,  essentially  the  deviation  from 
the  (computed)  upstream  influence  assuming 
full  applicability  of  the  independence 
principle,  is  demonstrated  in  Figure  22. 
This  figure  indicates  that,  utilizing  the 
data  scatter  observed  in  Fig.  14  at  H„  = 
1.20  as  a  measure,  the  independence  prin¬ 
ciple  seems  to  hold  up  to  sweep  angles  of 
about  A  =  30  degrees.  This  means  that,  at 
least  up  to  these  angles  between  the  local 
flow  direction  and  the  shock,  (1)  two-di¬ 
mensional  results  can  be  transferred  to, 
say,  large  aspect  ratio  wings,  provided 
all  flow  properties  are  based  on  the  Mach 
number  normal  to  the  shock,  M)N  ,  and  (2) 
the  viscous  simulation  process  outlined 
above  for  two-dimensional  configurations 
can  also  be  applied  to  three-dimensional 
flow. 


0  10  20  30  <0  50 

SWEEP  ANCLE  A  (DEC) 


Figure  22:  Relative  importance  of  com¬ 
pressibility  and  interactive 
turbulence  effects  due  to 
sweep.  Ref.  29 


Although  the  sweep  angles  are  much'  higher 
than  the  ones  occurring  on  large  aspect 
ratio  wings  and  above  the  limit  for  the 
applicability  of  the  independence  princi¬ 
ple  given  above,  some  fin-induced  inter¬ 
actions  were  analysed  [30]  {31]  [32]  and 

the  results  compared  to  the  two-dimen¬ 
sional  data  discussed  in  the  preceding 
section.  Figure  23  shows  that  despite  the 
large  sweep  angles,  the  "normal"  super¬ 
sonic  interaction  length  L*N  agrees  sur¬ 
prisingly  well  with  its  two-dimensional 
counterpart.  Regarding  the  large  sweep 
angles,  it  should,  however,  be  noted  that 
the  supersonic  interaction  length  seems 
to  be  less  dependent  on  the  conicalness 
of  the  flow  than  the  shock-upstream 
influence  LUn,  generally  used  in  the  cor¬ 
relation  of  supersonic  interactions  (31], 
since,  as  indicated  in  the  inset  to  Fig. 
23,  the  line  corresponding  to  sonic  con¬ 
ditions  is  also  slightly  conical. 

The  limited  data  included  for  transonic 
three-dimensional  configurations,  i.e., 
the  flight  data  of  Ref.  24  and  the 
sheared-  wing  results  of  Ref.  25,  given 
in  Fig.  23,  also  confirm  the  applicability 
of  the  viscous  simulations  parameter  6^ 
(Hji  -1)  to  swept  shock  boundary  layer 
interactions. 

The  analysis  of  relevant  results,  espe¬ 
cially  results  of  "pure"  transonic  inter¬ 
actions,  with  respect  to  the  present 
objective  must  be  continued  in  order  to 
verify  the  findings  regarding  the  viscous 
simulation  parameters  discussed  above.  In 
addition,  there  is  an  urgent  need  for 
specially  designed  experiments  to  inves¬ 
tigate,  in  detail,  characteristic  features 
of  three-dimensional  transonic  shock 
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Figure  23:  Upstream  influence  in  three- 
dimensional  normal-shock 
boundary  layer  interactions 


boundary  layer  interactions  and  the 
influence  of  specific  boundary  layer  and 
outer  inviscid  flow  parameters,  including 
the  shock-upstream  Mach  number  and  the 
sweep  angle,  on  these  interactions.  At 
DFVLR  Gottingen  two  experiments,  one 
employing  a  sheared  wing,  the  other  a 
wedge-type  shock  generator  normal  to  a 
flat  plate  with  shock-upstream  Mach  num¬ 
bers  M|  typical  of  transonic  wing  flow, 
are  being  prepared.  The  experiments,  which 
will  include  detailed  boundary  layer  mea¬ 
surements,  are  briefly  addressed  in  Sec¬ 
tion  4.5.7. 


4.5.4  Shock-induced  Incipient  Separation 

The  onset  of  shock-induced  separation 
signals  to  the  designer  of  transonic 
aerodynamic  vehicles  that  the  performance 
boundaries,  i.e.,  essentially  maximum  lift 
and  the  buffet  boundary,  are  being 
approached,  more  or  less  rapidly,  as  the 
Mach  number  or  angle  of  incidence  is 
increased.  The  knowledge  of  the 
viscous/inviscid  conditions  for  incipient 
separation  is  therefore  of  considerable 
importance  to  the  design  as  well  as,  in 
the  present  context,  to  the  viscous  simu¬ 
lation  process.  It  should  be  kept  in  mind, 
however,  that  there  is,  of  course,  a  cer¬ 
tain  margin  in  the  freestream  conditions 
for  incipient  separation  and  the  onset  of 
total  separation,  a  subject  that  will  be 
addressed  in  Section  4.5.5. 


4. 5. 4.1  Two-dimensional  incipient  separation 

Two-dimensional  incipient  separation 
occurs,  as  already  pointed  out  in  Section 
4.5.2,  by  definition,  when  the  minimum  in 
the  wall  shear  stress  distribution  is 
exactly  zero.  Such  a  condition  will  be 
reached  as  the  Mach  number  or  angle  of 
attack  -  or,  in  general,  the  shock-up¬ 
stream  Mach  number  M]  -  is  continuously 
increased.  Figure  24.  (Also  other  criteria 
related  to  some  boundary  layer  integral 
parameter,  such  as,  for  instance,  Hjj  = 
1.545,  Fig.  6b,  may  be  used.)  Incipient 
separation  is  generally  not  felt  by  the 
overall  flow  development  as  a  dramatic 
effect  -  hence  not  easy  to  detect  -  and  a 
distinction  is  frequently  made  between 
"true"  and  "effective"  incipient  sepa¬ 
ration,  the  latter  related  to  the  initial 
growth  rate  of  the  shock-induced  sepa¬ 
ration  bubble  with  changing  M] .  Since  both 
conditions  will  be  treated  here,  it  is 
seen  appropriate  to  first  point  out 


Figure  24:  Two-dimensional  shock-induced 
incipient  separation.  Ref.  2 


essential  differences  between  "true" 
incipient  separation  and  the  onset  of 
"effective"  or  "significant"  separation. 

As  a  first  example  for  the  definition  of 
"significant"  separation,  we  consider 
Pearcey's  analysis, of  supercritical  air¬ 
foil  flow  (3)  already  briefly  touched  when 
discussing  the  development  of  separation 
in  general  (Section  4.5.2).  For  this 
analysis,  various  characteristic  pres¬ 
sures  associated  with  the  flow  development 
in  the  vicinity  of  the  shock  and  the 
trailing  edge  were  defined.  Figure  25 
(also  see  Fig.  4):  p  is  the  shock-up¬ 

stream  pressure  essentially  determining 
the  shock  strength,  p  is  the  so  called 
"kink"  pressure,  defined  in  Fig.  25,  p 
is  the  pressure  at  separation,  which 
closely  coincides  with  -  and  may,  there¬ 
fore,  in  the  absence  of  separation,  also 
be  considered  as  denoting  -  the  downstream 
end  of  the  "linear"  rise  in  surface  pres¬ 
sure  due  to  the  shock  (see  upstream 
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influence),  and  pTE  is  the  trailing  edge 
pressure.  The  rapid  drop  of  the  latter 
indicates  that  separation,  here  commencing 
at  the  foot  of  the  shock,  has  reached  the 
trailing  edge,  thus  signaling  the  onset 
of  total  separation. 

One  observes  that,  as  the  shock  strength 
is  increased,  i.e.,  decreasing  p, /p0 ,  a 
condition  will  be  attained  where  ps  is 
just  equal  to  the  sonic  pressure  p*  and 
the  "kink"  pressure  p2  has  a  maximum.  Fig. 
2Sa.  From  the  experimental  results 
depicted  in  Fig.  4  one  may  conclude  that 
this  condition  coincides  with  "true" 
incipient  separation  since  for  all  data 
points  to  the  "right"  of  the  maximum  sep¬ 
aration  was  observed  while  the  conditions 
to  the  "left"  of  the  maximum  did  not 
indicate  separation.  Now,  a  further 
increase  in  the  shock  strength  -  and  the 
associated  development  of  the  separation 
bubble  -  cause  p2  to  decrease,  at  first 
to  the  sonic  level.  This  signals,  accord¬ 
ing  to  Pearcey,  the  onset  of  "significant" 
separation.  The  reason  for  this  desig¬ 
nation  is  quite  obvious:  If  one  raises  the 
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Figure  25:  Incipient  and  significant  shoc'/.-lnduccd 

separation,  airfoil  HAS  102,  Her.  3  (also 
see  Fig.  SI 


shock-upstream  Mach  number  further  by  only 
AM,  =  0.016  -  as  compared  to  the  change 
of  AM)  =  0.10  between  incipient  separation 
and  the  condition  p}  =  p*  -  the  onset  of 
total  separation,  i.e.,  practically  the 
buffet  boundary,  is  reached.  The  latter 
is  indicated  by  the  drop  in  trailing  edge 
pressure  shown  in  Fig.  25b.  The  reason  for 
the  "explosion"  of  the  separation  bubble 
beyond  the  condition  p,  =  p*  is  given  in 
Ref.  3  as  follows:  For  supersonic  flow 
downstream  of  the  shock,  the  streamlines 


close  to  the  surface  converge  due  to  the 
presssure  increase,  thus  supporting  in  a 
"snow-balling"  way  the  growth  of  the  sep¬ 
aration  bubble,  a  behavior  opposite  to  the 
one  occurring  for  subsonic  conditions 
immediately  downstream  of  the  shock.  It 
should  be  noted  that  this  behavior  is,  of 
course,  closely  coupled  to  Type  "A"  flow 
where  an  independent  trailing  edge  sepa¬ 
ration  is  absent. 

Another  way  of  determining  (and  defining) 
the  onset  of  significant  shock-induced 
separation,  based  on  detailed  boundary- 
layer  measurements,  was  proposed  by  the 
present  author  [5].  For  this  determi¬ 
nation,  the  normalized  change  in  dis¬ 
placement  thickness  across  the  shock,  AA*, 
is  plotted  versus  the  shock-upstream  Mach 
number  M| ,  Figure  26.  Here,  one  observes, 
at  first,  a  gradual  increase  in  A6*  with 
increasing  M| ,  followed  by  a  faster  rise 
in  this  viscous  parameter,  the  latter 
producing  a  distinct  "kink"  in  the  AA*- 
dependence  at  an  approximate  shock-up¬ 
stream  Mach  number  of  M,  =  1.320.  The 
"kink"  condition  may  safely  be  taken  as 
the  onset  of  "significant"  separation. 

Also  indicated  in  Fig.  26  is  the  "onset" 
of  separation  predicted  by  extrapolating 
the  curve  of  shock-induced  bubble  length 
versus  M|  to  zero  bubble  extent  (see  Fig. 
35).  Although  not  likely  to  represent  the 
exact  "true"  incipient  separation,  since 
here  a  constant  growth  rate  of  the  bubble 
with  Mi  ,  commencing  at  the  very  beginning 
of  separation,  is  assumed,  it  gives  a  good 
indication  of  the  possible  delay  between 
incipient  and  significant  separation 
occurring  on  transonic  airfoils.  Consid¬ 
ering  Fig.  26,  also  note  the  effect  of  the 
initial  boundary  layer  condition  on  the 
relative  A*-jump  across  the  shock  and  on 
the  onset  of  separation. 

Marked  in  Fig.  26  is,  in  addition  to  the 
two  stages  in  the  development  of  shock- 
induced  separation,  the  onset  of  total 
separation,  i.e.,  essentially  the  shock- 
upstream  Mach  number  at  maximum  lift.  One 
notices  that  these  Mach  numbers  differ 
widely,  at  least  for  the  two  extreme  ini¬ 
tial  boundary  layer  conditions  investi¬ 
gated,  contrary  to  the  local  Mach  numbers 
at  che  onset  of  true  and  significant  sep¬ 
aration,  indicating  that  the  bubble  growth 
shock-induced  and/or  trailing  edge 
related  -  is  likely  to  depend  stronger 
than  incipient  separation  on  some  viscous 
parameter  upstream  of  the  shock  boundary 
layer  interaction.  It  is  also  noteworthy 
that  in  the  case  of  the  early  -  design  - 
airfoil  data  of  Fig.  25,  the  increase  in 
M,  between  significant  and  total  sepa¬ 
ration  is  only  AM,  =  0.016,  while  this 
difference  is  AM,  i  0.035  for  the  two 
transonic  airfoils  considered  here.  It 
is  this  another  indication  that  airfoil 
geometry  might,  next  to  viscous  effects, 
be  crucial  to  the  pace  of  the  separation 
bubble  development. 

We  shall  now  turn  directly  to  the  sensi¬ 
tivity  of  incipient  or  the  onset  of  sig- 
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Figure  26:  Incipient  and  significant 

shock-induced  s  paration  on 
two  transonic  airfoils.  Ref. 5 


nificant  separation  to  viscous  effects. 
In  that  regard,  a  thorough  experimental 
program  was  (also)  undertaken  by  ONERA  to 
assess  the  main  parameters  affecting 
shock-induced  separation  phenomena  [2). 
In  this  program,  several  experimental 
arrangements  were  utilized  including  com¬ 
plete  airfoil  models,  mounted  on-  and 
off-center  in  two-dimensional  test  sec¬ 
tions  (33)  (34),  and  channels  with  inter¬ 
changeable  bumps  similar  to  the  one  shown 
in  Fig.  11.  Incipient  separation  was 
determined  by  inspection  of  the  surface 
pressure  distributions,  surface  flow  vis¬ 
ualisation,  Stanton  probe,  and  boundary 
layer  measurements  by  conventional  probes 
and  Laser  velocimetry. 

The  analysis  of  all  results  revealed  that 
incipient  separation  is  mainly  dependent 
on  the  shock-upstream  Mach  number  Mt  and 
the  (incompressible)  shape  factor  of  the 
incoming  boundary  layer,  HM  .  The  incip¬ 
ient  separation  boundary  defined  by  these 
parameters  is  depicted  in  Figure  27  (2) 
(5).  It  will  be  noted  that  the  exper¬ 
imental  data  of  ONERA  essentially  collapse 
on  a  single  line, very  precisely  defining 
the  limit  between  interactions  with  and 
without  separation.  The  same  holds  for  the 
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Figure  27:  Transonic  incipient  and  sig¬ 
nificant  shock-induced  sepa¬ 
ration  boundaries.  Ref.  2,  5 


DFVLR  data,  extracted  from  Figs.  35  and 
26,  for  the  lines  representing  the  "zero" 
bubble  extent  and  the  6* -kink.  As  was  to 
be  expected  after  the  preceding  discus¬ 
sion,  the  latter  exhibit,  in  essence,  a 
slight  positive  Mach  number  shift  with 
respect  to  "true"  incipient  sepaiation, 
however,  with  the  same  sensitivity,  or 
insensitivity,  to  changes  in  the  initial 
shape  factor.  Considering  the  DFVLR 
results,  it  must  be  mentioned  that  the 
data  points  at  IIM  =  1.30  were  obtained 
from  pressure  plots  similar  to  Figs.  4  and 
25  u-  Ing  the  criteria  p$  =  p*  and  p2  =  p* 
to  determine  incipient  and  the  onset  of 
significant  separation,  respectively.  The 
pressure  distributions  were  measured  at  a 
chord  Reynolds  number  of  Re  =  30  x  10‘. 
The  results  suggest  that  the  onset  of 
significant  separation  is  slightly  more 
sensitive  to  viscous  changes  than  "true" 
incipient  separa  ion,  which  should  not  be 
surprising  since  between  the  two  lies  a 
certain  bubble  development. 

All  curves  in  Fig.  27  exhibit  essentially 
only  a  very  slow  increase  in  separation 
Mach  number  with  decreasing  shape-factor 
(or  increasing  R^).  The  trend  of  the 
apendence  could,  of  course,  have  been 
expected  since  lowering  the  shape  factor 
means  a  fuller  boundary  layer  profile, 
hence  more  resistance  to  separation.  Sur¬ 
prising  is,  however,  the  rather  minor 
effect  of  the  initial  turbulent  boundary 
layer  condition  on  the  onset  of  sepa¬ 
ration.  The  latter  can,  nevertheless,  bo 
easily  understood  by  considering  the  fol¬ 
lowing  mechanism  (2):  When  increasing  the 
initial  shape  factor,  the  supersonic 
interaction  length  L*,  Section  4.5.3, 
increases  rapidly,  reducing  the  sevcrety 
of  the  streamwise  shock-induced  pressure 
gradient.  Since  the  onset  of  separation 
is  dependent  on  Sp/Sx,  a  spread  in  the 
pressure  rise  due  to  the  shock  allows  the 
boundary  layer  to  delay  the  onset  of  sep¬ 
aration,  compensating  the  less  filled 
profile. 

Theory 

Regarding  theory,  one  may  distinguish  here 
between  more  empirically  oriented  theo- 
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ries,  making  direct  use  of  a  number  of 
experimental  observations,  and  more  elab¬ 
orate  treatments  of  the  interaction  as, 
for  instance,  in  the  multiple  deck  methods 
already  mentioned  [S]  (9]  (17).  In  the 
former  category,  Delery  (2]  developed  a 
simplified  theory  based  on  the  correlation 
law  for  the  supersonic  interaction  length, 
L*,  Section  4.S.3.  Th's  approach  rests  on 
the  assumption  that  (1)  •'ncipient  sepa¬ 
ration  occurs  at  the  end  of  the  supersonic 
part  of  the  shock- induced  compression, 
i.e.,  at  the  condition  ps  =  p*.  Fig.  25, 
already  utilized  in  the  experimental  pre¬ 
diction  of  separation  onset  and  that  (2) 
the  development  of  the  dissipative  layer 
through  the  compression  to  sonic  condi¬ 
tions  can  be  treated  by  the  classical 
boundary  layer  equations  using  an  alge¬ 
braic  eddy  viscosity  model  (e.g..  Ref.  35) 
to  evaluate  the  Reynolds  shear-stresses. 
The  method,  which  accounts  for  changes  in 
the  initial  boundary  layer  conditions, 
provides  results  in  very  close  agreement 
with  the  experimental  data  discussed 
above.  Figure  28. 


Also  presented  in  Fig.  28  are  results 
obtained  by  Inger  and  Dean  (36]  using 
Inger's  non-asymptctic  triple  deck  theory 
of  transonic  shock  boundary  layer  inter¬ 
action  (17)  employing  the  definition 
cf  -*  0  to  determine  incipient  separation. 
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Figure  28:  Theoretical  predictions  of 
incipient  separation 
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Figure  29:  Reynolds  number  dependence  of 
incipient  separation 


Main  shock-upstream  input  parameters  to 
the  method  are,  as  mentioned  earlier, 
besides  the  Mach  number  Mj  ,  the  shape 
factor  Hn  and  the  Reynolds  number  based 
on  the  displacement  thickness,  R6*  (which 
can  be  related  to  an  airfoild  chord  Rey¬ 
nolds  number,  Ret  ,  by  an  appropriate 
boundary  layer  computation),  allowing  the 
independent  assessment  of  the  influence 
of  these  parameters.  It  is  observed  that 
the  theory  predicts,  at  a  constant  Rey¬ 
nolds  number,  the  same  low  dependence  of 
the  critical  shock-upstream  Mach  number 
on  shape  factor  as  shown  by  the  exper¬ 
iments  and  Delory's  method.  It  predicts, 
however,  also  a  pronounced  influence  of 
the  Reynolds  number,  Re|  ,  at  constant 
H„  .  The  latter  effect  is  more  clearly 
demonstrated  in  Figure  29  which  also  shows 
an  experimental  data  band  determined  by  a 
careful  examination  of  a  large  number  of 
transonic  interaction  tests  (37).  Again, 
there  is  good  qualitative  agreement 
between  the  theoretical  prediction  and  the 
experimental  results.  The  consistant  dis¬ 
crepancy  in  the  level  of  the  shock-up- 
stream  Mach  number  for  incipient  sepa¬ 
ration,  also  observed  in  Fig.  28,  is, 
according  to  Ref.  36,  mainly  due  to  the 
shock-induced  pressure  rise  being  assumed 
to  correspond  to  a  normal  shock  at  a  given 
M|  ,  rather  than  to  the  oblique  shock  con¬ 
ditions  observed  in  transonic  experiments. 
Correcting  for  the  shock  obliquity  pro¬ 
vides  a  much  better  quantitative  agreement 
with  experiment  [38). 

It  is  stated  by  Inger  in  Ref.  39  that  no 
consistent  effect  of  the  shape  factor  (at 
constant  Reynolds  number)  on  incipient 
separation  conditions  could  be  found  in 
the  results  represented  by  the  data  band 
in  Fig.  29,  suggesting  a  possible  dominant 
influence  of  the  Reynolds  number,  Ret  (or 
R6*  )  .  This  is  somewhat  contrary  to  the 
tendency  depicted  in  Fig.  27  and  the  con¬ 
clusion  from  it,  viz.,  that  incipient 
separation  can  be  "mapped"  in  the  H,, 

Mj  -  plane  and  that  the  effect  of  the 
Reynolds  number  is,  at  least  partly, 
accounted  for  by  the  shape  factor.  In  the 

"classical"  turbulent  boundary  layer 
development,  the  shape  factor  is,  of 
course,  in  non-equilibrium  flow  (see  Sec¬ 
tion  4.4)  not  unique  at  separation  and  a 
second  "form  parameter",  i.e.,  the  Rey¬ 
nolds  number  based  on  the  momentum  thick¬ 
ness,  Rg,  must,  in  addition,  be  considered 
(S).  In  purely  supersonic  flow,  Hayakawa 
and  Squire  (40)  found  that  the  overall 
pressure  rise  for  incipient  separation  is 
directly  proportional  to  the  square  root 
of  the  skin  friction  coefficient  of  the 
undisturbed  boundary  layer,  a  viscous 
parameter  that  can  be  expressed,  for 
instance,  by  the  form  factor  and  Rg  . 

Concerning  the  two  parameters  at  sepa¬ 
ration,  another  aspect  should  be  consid¬ 
ered:  It  was  shown  that  the  upstream 
influence,  L*,  depends  on  both  the  shape 
factor  Hn  and  the  displacement  thickness 
6*  of  the  incoming  boundary  layer.  Section 
4.5.3.  Since  the  shock  imposed  pressure 
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gradient  3p/3x  is,  in  turn,  dependent  on 
the  upstream  influence,  both  viscous 
parameters  are  likely  to  influence  incip¬ 
ient  separation.  Furthermore,  Holder  et 
al .  [41  J  have  given  evidence  that  the 

local  shock-upstream  Mach  number  required 
to  generate  the  pressure  rise  for  incip¬ 
ient  separation  depends  on  the  post- shock 
expansion  which  is  influenced  by  surface 
curvature  and  possibly  by  the  displacement 
thickness  of  the  incoming  boundary  layer, 
the  latter  altering,  for  one,  the  local 
effective  curvature  underneath  the  inter¬ 
action  ( 42 1  [ 43  1  . 

In  the  context  of  viscous  simulation,  the 
question  as  to  the  exact  viscous  paramter 
(s)  that  must  be  duplicated  to  achieve  the 
"correct"  full-scale  incipient  separation 
remains  somewhat  open.  Here,  some  further 
research  with  a  well  designed  transonic 
experiment  is  suggested.  It  seems,  never¬ 
theless  -  following  the  outline  of  the 
preceding  paragraph  and  the  results  of 
Delery's  theory  for  incipient  separation, 
which  is  based  on  the  upstream  influence 
-  that 

•  the  correct  simulation  of  the  upstream 
influence  by  duplicating  (6*/c)(H,t  -1) 
will  also  provide  the  desired  full- 
scale  separation  onset.  The  latter 
will,  in  addition,  be  assured  by  the 
low  sensitivity  of  incipient  sepa¬ 
ration  to  the  attendant  viscous 
parameters. 

Curvature  effects 

Curvature  effects  on  incipient  separation 
are  a  further  matter  of  controversy, 
although  of  less  importance  in  the  present 
context  since  the  simulation  of  the  full- 
scale  boundary  layer  development  will 
result  in  the  correct  "K  6,"  (or  R/«,  ), 
where  K  and  R  are  the  curvature  and  radi¬ 
us,  respectively,  of  the  surface  under¬ 
neath  the  interaction  (local  curvature). 
According  to  Inger's  theory  (36)  [44), 

curvature  in  the  range  of  interest,  i.e., 
0  S  K  6  S  0.02,  slightly  spreads  out  the 
interaction,  weakening  the  adverse  pres¬ 
sure  gradient  along  the  wall,  due,  prima¬ 
rily,  to  the  increased  shape  factor  H,t. 
The  resultant  effect  on  incipient  sepa¬ 
ration  is  indicated  in  Figure  30(a).  It 
is  noticed  that,  according  the  this  theo¬ 
ry,  the  influence  of  curvature  is  rather 
small,  with  increasing  curvature  delaying 
separation  at  the  lower,  but  provoking  an 
earlier  separation  at  the  higher  Reynolds 
numbers.  This  is  in  accordance  with  the 
shape  factor  influence  depicted  in  Fig. 
2<3  indicating  that  at  higher  Reynolds 
numbers  the  effect  of  increasing  the  shape 
factor  (less  full  boundary  layer  profiles) 
seems  to  prevail  while  at  the  lower  Rey¬ 
nolds  number  the  corresponding  spreading 
of  the  interaction,  hence  reduction  in 
Jp/9x,  seems  to  be  of  greater  influence. 

Calculations  on  shock  boundary  layer 
interaction,  accounting  for  wall  curva¬ 
ture,  were  also  carried  out  by  Bohning 
utilizing  the  theory  of  3ohni'ng  and  Zierep 
[  45 1 ,  Figure  30(b).  Here,  the  influence 


of  wall  curvature  is  seen  to  be  very  pro¬ 
nounced  at  small  surface  radii,  but 
becoming  of  the  order  predicted  by  Inger 
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Figure  30:  The  effect  of  curvature  on 
incipient  separation.  Ref.  2 


when  approaching  values  of  interest  here, 
i.e.,  curvatures  encountered  on  airfoil 
or  wing  upper  surfaces.  The  effect  of 
curvature  is  here  explained  by  the  stron¬ 
ger  post-shock  expansion  developing  with 
increasing  curvature  which,  as  mentioned 
above,  raises  the  shock-upstream  Mach 
number  Mj  for  a  gi-'en  pressure  rise  to 
incipient  separation  [41J,  an  explanation 
not  quite  in  accord  with  Inger's  statement 
of  a  shape  factor  effect.  Note,  that 
Bohning  also  predicts  a  very  strong  Rey¬ 
nolds  number  (or  shape  factor)  influence 
on  incipient  separation  not  experimentally 
observed. 

Although,  as  mentioned,  not  necessarily 
required  in  the  present  context,  new 
experiments  seem  in  order  to  clearly 
establish  the  effect  of  wall  curvature  on 
shock  boundary  layer  interaction,  espe¬ 
cially  with  regard  to  details  of  the 
mechanisms  involved. 


4. 5. 4. 2  Three-dimensional  shock-induced  incipient 
separation 

Three-dimensional  shock-induced  incipient 
separation  may  be  taken  to  occur  when  the 
skin-friction  lines  just  merge  into  a 
single  common  line  essentially  parallel 
to  the  outer  inviscid  shock  position. 
Figs.  8  and  31.  Inger,  employing  this 
definition  in  his  analytical  investigation 
of  swept-shock  turbulent  boundary  layer 
interaction  (see  Section  4.5.3  1 29 ) ) , 

shows  that  this  is  equivalent  to  the  van¬ 
ishing  of  the  total  normal  wall  shear 
stress  component  indicating  that  the  pro¬ 
cess  must  be  quite  similar  to  the  one  in 
two-dimensional  flow,  dominated,  at  least 
up  to  moderate  sweep  angles,  by  the  same 
parameters.  The  relative  influence  of  the 
sweep  angle  on  incipient  separation,  as 
predicted  by  this  theory,  is  shown  in 
Figure  32  for  a  straight  swept  shoe’  and 
an  approach  Mach  number  oi  M(  =  2.0.  One 
notices  that  the  pressure  rise  to  sepa- 
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Figure  31:  Three-dimensional  incipient 
separation  ,  Ref.  29 


Figure  32:  Sweepback  effect  on  incipient 
separation  (M|  =  2.0) 

ration,  i.e.,  ps  '  =  ps-p,  (see  Fig.  25), 
gradually  decreases  with  increasing 
sweepback,  in  general  agreement  with  the 
experimental  results  shown  (46],  A  simi¬ 
lar,  but  weaker  dependence  on  sweep  is 
predicted  for  lower  shock-upstream  Mach 
numbers.  Korkegi  [47]  also  recognizes  a 
reduction  in  the  critical  shock-upstream 
Mach  number  M) '  based  on  a  simple  corre¬ 
lation  wheraby  the  pressure  ratio  at 
incipient  separation  is  Ps/P,  =  1-5  and 
the  component  of  the  Mach  number  normal 
to  the  shock  is  constant,  Mt^  =  1.2,  vir¬ 
tually  independent  of  the  shock-upstream 
Mach  number  Mt  and  the  Reynolds  number. 
This  correlation  holds,  however,  only  for 
large  sweep  angles,  i.e.,  M|>>  1.0. 

For  the  sake  of  demonstrating  the  possible 
magnitude  of  a  reduction  in  the  critical 
shock-upstream  Mach  number  due  to  sweep 
at  transonic  conditions,  it  is  assumed 
that  (1)  the  dependence  Pj  /PsA  ,0 of  Fi9- 
32  is  sill  valid  (approximately)  at  the 
lower  shock-upstream  Mach  number  of  M,  = 
1.30  and  that  (2)  the  pressure  at  sepa¬ 
ration  corresponds,  as  in  the  two-dimen¬ 
sional  case,  to  sonic  conditions,  i.e., 
ps  1  =  p*-p.  At  a  sweep  angle  of  A  =  30 
degrees,  these  assumptions  lead  to  a  cri¬ 
tical  "normal"  shock-upstream  Mach  number 
of  =  1 .280,  a  rather  small  reduction 
in  the  critical  Mach  number  at  this  rela¬ 
tively  large  "local"  'sweepback. 


The  small  effect  of  sweep  on  shock-induced 
incipient  separation,  certain  at  moderate 
sweep  angles,  indicates  that  the  two-di¬ 
mensional  results,  discussed  in  the  pre¬ 
ceding  section,  may  directly  be  trans¬ 
ferred  to  three-dimensional  flows.  This 
holds,  of  course,  also  for  the  open  ques¬ 
tions  suggesting  that  the  required  two- 
dimensional  experiments  be  supplemented 
by  appropriate  three-dimensional  tests 
with  the  additional  objective  of  confirm¬ 
ing  the  relation  between  two-  and  three- 
dimensional  shock-boundary  layer  inter¬ 
actions  for  transonic  flows. 


4.5.5  Development  of  Shock-induced  Separation  and 
Reattachment 

It  was  indicated  in  the  preceding  section 
that  there  may  exist  a  certain  margin  in 
angle  of  attack  or  freestream  Mach  number 
between  the  onset  of  separation  (incipient 
separation)  and  the  occurrence  of  total 
separation,  i.e.,  separation  stretching 
from  the  foot  of  the  shock  to  the  trailing 
edge.  It  is  believed  that  this  development 
of  separation  is  Reynolds  number  sensi¬ 
tive,  hence  must  be  simulated  in  low  Rey¬ 
nolds  number  wind  tunnel  tests.  The  cor¬ 
rect  full-scale  simulation  is  important 
since  this  development  determines  the 
margin  in  freestream  conditions  between 
incipient  separation  and  buffet  onset  and 
maximum  lift. 

In  transonic  flow  the  local  development 
leading  up  to  shock-induced  separation  is 
a  purely  supersonic  process,  following  the 
"free  interaction"  principle  |2)  1 48 1 . 

This  means  that  the  pressure  distribution 
from  just  upstream  of  the  shock  to  the 
separation  pressure  p5  is  only  dependent 
on  viscous  and  inviscid  parameters  of  the 
incoming  flow  and  not  affected  by  the  form 
and  extent  of  the  downstream  separated 
region  or  the  agency  provoking  separation 
The  simulation  of  the  pressure  distrib¬ 
ution  leading  to  separation  follows, 
therefore,  the  same  rules  as  the  simu¬ 
lation  of  the  upstream  influence  treated 
in  Section  4.5.3.  The  development  of  the 
separation  bubble  with  increasing  frees¬ 
tream  Mach  number  or  incidence  is,  on  the 
other  hand,  dependent  >n  the  geometric 
conditions  downstream  c.  the  shock  -  con¬ 
sider  forward  facing  steps,  compression 
corners,  flat  plates  or  airfoils  and  wings 
-  so  that  it  is  not  possible  to  define  a 
simple  and  universal  scaling  law  as  in  the 
case  of  the  forward  influence  and  incip¬ 
ient  separation;  however,  if  one  restricts 
oneself  to  transonic  flow  on  airfoils  and 
wings,  it  should  at  least  be  possible  to 
determine  the  essential  parameters  gov¬ 
erning  the  development  of  the  shock-in¬ 
duced  separation  bubble  and  establish,  for 
these  closely  similar  configurations,  the 
proper  viscous  simulation  parameters. 
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4.5.5. 1  The  development  of  separation  and  possible 
-caling  parameters  derived  from  the  airfoil 
data  of  Ref.  5 

It  seems  appropriate  to  consider  first  in 
somewhat  more  detail  the  development  of 
shock-induced  separation  as  it  occurs  on 
a  transonic  airfoil  with  increasing  angle 
of  incidence  for  a  given  freestream  Mach 
number  and  Reynolds  number.  Figure  33. 
Shown  in  Fig.  33a  is  the  attendant  upper 
surface  Mach  number  distribution  as  it 
evolves  with  increasing  incidence.  Note¬ 
worthy  is  here  the  plateau-type  pressure 
distribution,  the  increasing  shock-up- 
stream  Mach  number  in  a  range  between  Mt 
=  1.2S  and  1.3S,  embracing  the  onset  of 
shock-induced  separation,  and  the  change 
in  the  Mach  number  distribution  in  the 
vicinity  of  the  shock  and  the  trailing 
edge  as  separation  develops.  Note,  that 
the  distribution  for  the  highest  M;  cor¬ 
responds  to  a  condition  close  to  maximum 
lift  as  shown  in  the  inset  to  Fig.  33a. 
Also  note  the  point  "R",  which  indicates 
the  onset  of  the  severe  rear  adverse 
pressure  gradients  (23).  We  will  refer 

back  to  this  point  below. 

• 

The  development  of  separation  with 
increasing  M|  is  again  demonstrated  by 
employing  the  chordwise  distribution  of 
che  shape  parameter  H32  =  6**/0,  Fig.  33b. 
Characteristic  chordwise  locations,  such 
as  the  shock-associated  separation  point, 
the  bubble  reattachment  point  and  the 
trailing  edge  separation  location,  are 
taken  from  this  figure  and  plotted 
together  with  the  shock  location  as  func¬ 
tion  of  the  angle  of  incidence,  a,  in  Fig. 
33c.  The  following  development  is  indi¬ 
cated  .  with  increasing  incidence  (or 
shock-upstream  Mach  number):  At  first  a 

rear  separation  develops  -  possibly  even 
before  a  shock  wave  forms  on  the  upper 
surface  -  becoming  stagnant  just  prior  to 
the  emergence  of  a  shock-induced  sepa¬ 
ration  bubble.  The  latter  forms  and 
spreads  downstream  with  increasing  a 
without,  at  first,  affecting  the  location 
of  the  rear  separation  line.  As  the  bubble 
growth  continues,  shifting  reattachment 
closer  towards  this  separation  line,  the 
boundary  layer  recovery  is  no  longer  suf¬ 
ficient  to  halt  the  development  of  rear 
separation  and  the  latter  spreads  rapidly 
upstream  to  meet  the  shock-induced  bubble 
at  an  angle  of  attack  corresponding 
closely  to  the  one  for  maximum  lift.  Note, 
that  the  increase  in  incidence  between  the 
onset  of  shock-induced  separation  and 
total  separation  amounts  to  about  &a  =  1°. 
The  following  characteristics  should,  in 
the  light  of  later  discussions,  be  con¬ 
sidered  now: 


1.  Fulker  and  Ashill  (23)  observed  that 
once  the  shock  associated  reattachment 
line  reaches  the  chordwise  position  "R", 
i.e.;  the  beginning  of  the  steep  rear 
pressure  rise,  the  bubble  "explodes", 
leading  instantly  to  total  separation,  if 
the  shock-upstream  Mach  number  is 
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Figure  33:  Development  of  separated 
regions  ,  Ref.  5 

increased  by  a  small  amount.  Fig.  33c 
seems  to  confirm  this  observation;  howev¬ 
er,  it  is  not  certain  whether  the  final 
breakdown  of  the  flow  is  due  to  the  rapid 
advance  in  shock-induced  separation  or 
rear  separation  or  both.  Here,  this  con¬ 
sideration  is,  of  course,  somewhat  aca¬ 
demic;  nevertheless,  there  might  bo  con¬ 
sequences  for  the  entire  viscous  simu¬ 
lation  process  in  cases  where  rear  sepa- 
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ration  rushes  over  the  point  (or  line)  "R" 
before  the  separation  bubble  reaches  it. 
For  one,  the  scaling  concept  of  Ref.  23, 
which  will  be  addressed  later,  may  no 
longer  be  applicable.  On  the  other  hand, 
such  a  situation  may  never  arise  for 
practical  wing  designs,  at  least  not  at 
high  Reynolds  numbers,  since  shock  boun¬ 
dary  layer  interaction  and  a  certain 
growth  of  the  associated  separation  bubble 
may  be  needed  to  trigger  the  rapid  rear 
separation  development. 

2.  It  was  already  mentioned  in  Section 
4.S.2.1  that  the  increased  turbulence 
generation  associated  with  shock- induced 
separation  may  have  a  positive  influence 
on  the  development  of  rear  separation. 
Further  evidence  of  this  phenomenon  is 
given  here  by  the  delay  in  the  spread  of 
rear  separation  as  soon  as  a  shock-induced 
separated  region  develops  (also  see  Sec¬ 
tion  4.5.6). 

The  question  to  be  answered  now  is  how 
viscous  effects  will  influence  the  devel¬ 
opment  of  both  shock-induced  and  rear 
separation.  To  demonstrate  this  influence, 
plots  similar  to  the  ones  of  Fig.  33  but 
for  different  intitial  boundary  layer 
conditions,  the  latter  obtained  by  varying 
Reynolds  number  and  transition  location, 
are  employed.  Since  it  is,  for  the  sake 
of  clarity,  not  sensible  to  present  all 
chordwise  pressure  and  shape  parameter 
distributions  from  which  the  bubble  and 
rear  separation  growths  were  derived, 
these  distributions  shall  only  be  con¬ 
sidered  for  one  instant  in  the  development 
of  separation,  selecting  a  condition  of 
nearly  identical  Mach  number  distributions 
upstream  of  the  shock.  Figures  34a  and  b. 
One  notices  that  the  flow  in  the  test 
cases  considered  is,  in  accordance  with 
what  was  said  about  the  dependence  of 
incipient  separation  on  viscous  effects, 
close  to  separation,  with  the  forward- 
tripped  bounuary  layer,  however,  already 
showing  small  shock-induced  separation 
bubbles.  Regarding  the  overall  state  in 
the  boundary  layer  development,  it  is 
indicated  that  the  recovery  of  the  dissi¬ 
pative  layer  downstream  of  the  shock  is 
much  better  for  the  conditons  of  the  aft- 
tripped  thinner  boundary  layer  and  that 
the  spread  of  rear  separation  is  conse¬ 
quently  delayed. 

To  show  directly  the  effect  of  the  initial 
shock-upstream  boundary  layer  conditions 
on  the  growth  of  the  separated  regions, 
characteristic  chordwise  positions, 
extracted  from  plots  similar  to  the  ones 
of  Fig.  34b,  are  again  plotted  versus  the 
angle  of  incidence,  Fig.  34c.  The  follow¬ 
ing  general  observations  can  be  made: 

1.  The  thinner  boundary  layer  exhibits  a 
noticeably  slower  growth  of  the  shock-in¬ 
duced  separation  bubble  with  increasing 
angle  of  incidence.  This  growth  seems  to 
become  more  rapid  as  the  formerly  defined 
point  "R"  is  exceeded;  however,  this  does 
not  seem  to  occur  in  an  explosive  fashion. 
Mote,  that  the  incidence  for  maximum  lift 
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Figure  34:  Viscous  effects  on  the  deve¬ 
lopment  of  separation.  Ref.  5 

is  in  the  case  of  the  thinner  initial 
boundary  layer  approximately  one  degree 
higher  than  for  the  forward-tripped  thick 
boundary  layer. 
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2.  For  the  thinner  initial  boundary  layer, 
a  relatively  small  (5  %  c)  rear  separated 
region  develops  initially.  This  region  is 
stationary  up  to  the  highest  angle  of 
attack  investigated.  Whether  rear  sepa¬ 
ration  spreads  upstream  as  the  incidence 
is  further  increased  remains  uncertain; 
however,  it  should  be  noted  that  in  the 
case  of  the  airfoil  CAST  7,  which  exhibits 
a  smaller  rear  adverse  pressure  gradient, 
rear  separation  did  not  occur  at  all  for 
the  aft-tripped  initial  boundary  layer 
condition  (see  Fig.  6).  In  any  event,  the 
development  of  separation  is  at  these 
conditions  directly  shock  dominated. 

The  normalized  extent  of  the  shock-induced 
separation  bubble,  of  main  concern  here, 
dependent  on  the  shock-upstream  Mach  num¬ 
ber  and  the  initial  boundary  layer  condi¬ 
tion  is  shown  in  Figure  35  for  the  air¬ 
foils  CAST  7  and  CAST  10-2  (5].  It  is 
indicated  that  both  airfoils,  having  sim¬ 
ilar  upper  surface  contours,  at  least 
upstream  of  the  trailing  edge  region 
(x/c  <  0.75),  exhibit  similar  bubble 
developments.  Fig.  35a:  The  onset  of 
separation  occurs  for  all  conditions,  as 
already  shown  in  Section  4.5.4,  close  to 
a  shock-upstream  Mach  number  of  Mj  =1.30 
and  an  essentially  linear  bubble  develop¬ 
ment  with  increasing  M(  ensues  which  seems 
to  continue  v.  to  the  bubble  "blow-up". 
Also  clearly  noticeable  is  the  slower 
progression  in  the  bubble  development  for 
the  aft-tripped  thinner  boundary  layers. 


©  EFFECT  OF  M.  ANO  INITIAL  BOUNDARY  LAYER 
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Figure  35:  Extent  of  the  shock-induced 
separation  bubble.  Ref.  5 
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Figure  35:  Concluded 


In  an  attempt  to  correlate  the  results  of 
the  bubble  extent  and  to  mark  the  major 
influence  parameters,  a  correlation 
parameter  was  derived  empirically  con¬ 
sisting  of  the  shock-upstream  Mach  number 
in  the  form  (M,  -  1.30)  -  to  account  for 
the  dominant  influence  of  this  Mach  number 
and  the  onset  of  separation  -  and  the 
initial  momentum  thickness,  non-dimen- 
sionalized  by  the  average  upper  surface 
contour  radius  between  3hock  and  trailing 
edge.  The  non-dimensional  bubble  extent, 
Lg/O,  ,  is  plotted  as  function  of  this 
parameter  in  Fig.  35b.  One  observes  that 
this  type  of  correlation  provides  a  rather 
satisfactory  alignment  of  the  experimental 
results. 

It  should  be  noted  that,  contrary  to  the 
simulation  parameter  for  the  upstream 
influence  which  contains  the  displacement 
thickness,  the  momentum  thickness  was 
utilized  here  since  the  bubble  extent  was 
found  to  also  depend  on  the  reciprocal  of 
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the  shape  factor  (also  see  Fig.  3Sc).  It 
must,  furthermore,  be  pointed  out  that  the 
average  contour  radius,  R,  as  defined 
here,  is  first  of  all  considered  as  a 
measure  of  the  pressure  gradient  between 
shock  and  trailing  edge  and  only  secondly 
as  representing  the  effect  of  curvature 
itself.  Hence,  the  correlation  is  mainly 
restricted  to  the  configurations  and  con¬ 
ditions  it  was  derived  for  and  does  not 
warrant  the  conclusion,  although  implied 
by  the  correlation  parameter,  that  the 
bubble  extent  goes  to  zero  when  the  radius 
goes  to  infinity.  Concerning  the  viscous 
simulation  process,  the  correlation  sug¬ 
gests,  irrespective  of  any  other  conclu¬ 
sion,  that 

•  the  duplication  of  the  high  Reynolds 
number  momentum  thickness  /c 

upstream  of  the  shock  will  essentially 
result  in  a  bubble  development  very 
similar  to  the  full-scale  one.  It  is 
believed  that  the  Reynolds  number  does 
not  enter  this  correlation  directly 
because  the  chord-wise  distance  down¬ 
stream  of  the  shock  over  which  the 
effect  of  the  Reynolds  number  on  any 
boundary  layer  growth  parameter  can 
act  is  too  short  (see,  for  instance , 
Fig.  20a  J. 

These  conclusions  are  based  on  one  set  of 
data  within  a  rather  narrow  Reynolds  num¬ 
ber  range,  hence  further  evidence  mu3t  be 
obtained  to  substantiate  them.  It  is,  for 
the  same  reason,  prudent  to  look  at  a 
different  approach  to  the  scaling  of  sep¬ 
arated  flows  over  airfoils  and  wings,  here 
the  one  of  Fulker  and  Ashill,  already 
variously  cited  (23).  Their  results  are 
compared  with  the  data  discussed  above. 
The  arguments  of  these  authors  are  given 
here  in  somewhat  more  detail  since  they 
also  apply,  in  part,  to  the  above  discus¬ 
sion. 


•5. 5. 5. 2  The  correlation  of  Fulker  and  Ashill 

Considered  is  the  flow  over  the  outboard 
region  of  swept  wings  where  a  single  shock 
is  present  and  the  flow  is  quasi-two-di- 
mensional .  except  possibly  in  the  immedi¬ 
ate  vicinity  of  the  wing  tip.  (Needless 
to  say  that  such  considerations  are 
strictly  true  for  airfoil  flow.)  It  is 
assumed  that  the  flow  development  is  such 
that  the  spread  of  the  £  ock-induced  sep¬ 
aration  bubble  is  not  notably  influenced 
by  an  interaction  with  rear  separation  and 
that  the  development  of  shock-induced 
separation  is  as  follows:  As  the  incidence 
is  increased',  the  shock  becomes  strong 
enough  to  cause  the  development  of  a  bub¬ 
ble.  The  reattachment  point  of  the  bubble 
'B'  is  upstream  of  the  point  'R'  already 
defined.  Figure  36.  As  the  shock  gains  in 
strength,  the  bubble  grows  until  'B' 
reaches  a  point  at  or  close  to  the  posi¬ 
tion  'R'  where  the  bubble  bursts,  giving 
rise  to  the  flow  break  down.  For  config¬ 
urations  for  which  this  flow  model  holds, 
the  full-scale  separated  flow  development 
can,  as  will  be  shown  later,  be  simulated 
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Figure  36:  Characteristic  chord  locati¬ 
ons  defined  in  Ref.  23 


by  duplicating  the  bubble  extent  in  the 
low  Reynolds  number  wind  tunnel  tests.  To 
do  so,  it  is,  of  course,  first  necessary 
to  establish  a  relation  between  the  domi¬ 
nating  viscous  and  outer  flow  parameters 
and  the  bubble  extent. 

In  deriving  such  a  relation,  it  is  assumed 
that  the  bubble  length,  bB,  is  independent 
of  the  streamwise  static  pressure  gradient 
downstream  of  the  bubble  -  contrary  to  the 
correlation  of  the  previous  section  -  and 
that,  in  addition,  surface  curvature  does 
not  affect  the  flow  within  the  bubble. 
Thus  bubble  length  may  be  supposed  to 
depend  on  the  flow  conditions  at  the  point 
'a'.  Fig.  36,  (or  1  1',  to  stay  with  the 
present  notation)  just  ahead  of  the  shock. 
The  boundary  layer  state  is,  under  the 
condition  of  only  mild  pressure  gradients 
ahead  of  the  shock,  at  this  point  essen¬ 
tially  defined  by  the  momenf:m  thickness 
Oi  and  the  momentum  thickness  Reynolds 
number  Rp,  =  uC|  6,/w,  .  The  outer  inviscid 
flow  is  defined  by  the  Mach  number  Mj  . 
T!..s  leads  by  "dimensional  analysis"  (23] 
to  an  expression  for  the  bubble  length 
scale  of 

Lp/Ci  =  f  (M» ,  R0|). 

For  swept  wing  flow  of  quasi-two-dinen- 
sional  character,  M,  is  interpreted  as  the 
Mach  number  component  normal  to  the  shock 
and  0:  is  taken  to  be  the  momentum  thick¬ 
ness  of  the  flow  in  the  direction  of  the 
external  streamlines  by  analogy  between 
the  latter  and  a  corresponding  two-dimen¬ 
sional  flow  1 49 1  (also  see  Section  4.5.3, 
Upstream  Influence). 

A  large  number  of  data,  obtained  in  tests 
with  two  wings  of  moderate  sweepback 
( <30° )  and  of  aspect  ratio  8  and  with  a 
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number  oi  airfoils  in  a  Reynolds  number 
range  up  to  Re<=  =20  *  10‘ ,  was  analysed 
with  regard  to  the  bubble  development.  In 
these  tests,  transition  was  fixed  near  the 
upper  surface  leading  edge  and,  for  one 
wing,  at  various  locations  further  down¬ 
stream  to  study  the  effect  of  varying 
boundary  layer  thickness  at  the  shock 
without  varying  Reynolds  number.  The 
bubble  length  was  inferred  from  the  static 
pressure  distributions,  as  described  in 
Ref.  50,  0,  and  R,^  determined  from  these 
pressure  distributions  by  an  infinite 
yawed-wing  version  (49)  of  the  lag-en- 
trainement  method  of  Green  (51]. 

The  result  of  the  analysis  of  Fulker  and 
Ashill  is  depicted  in  Figure  37  for  vari¬ 
ous  shock-upstream  Mach  numbers  M,  .’)  Also 
given  in  thi3  figure  are  results  corre¬ 
sponding  to  Figs.  33  through  35  (5).  The 
data  correlation  and  the  comparison  of  the 
two  sets  of  data  allow  the  following 
observations: 

1.  The  data  for  the  airfoils  are  con¬ 
sistent  with  those  for  the  swept  wings 
considered,  indicating  that  sweep  effects 
are  well  represented  in  the  range  of  shock 
sweeps  investigated  (0  -  25°)  which  is  in 
agreement  with  earlier  findings  concerning 
the  upstream  influence  (see  Fig.  23).  The 
airfoil  data  of  Ref.  23  extend  the  corre¬ 
lation  up  to  R0,  =  14  *  10*,  typical  of 
cruise  conditions  on  the  outer  wing  of  a 
transonic  transport  aircraft  with  a  mean- 
chord  Reynolds  number  of  Rej  =  30  x  10* 

2.  The  agreement  between  the  results  of 
Ref.  5  and  Ref.  23  is  quite  satisfactory, 
especially  In  the  qualitative  behavior, 
which  shows  very  little  effect  of  Rg,  on 
the  bubble  extent  at  low  shock-upstream 
Mach  numbers  -  indicative  of  the  inde¬ 
pendence  of  the  onset  of  separation  on 
viscous  conditions  -  and  a  pronounced 
maximum  in  the  bubble  length  scale  at  the 
higher  shock-upstream  Mach  numbers  at  R^ 

=  2.1  *  10*  independent  of  M, .  It  is  argued 
by  Fulker  and  Ashill,  following  Green 
(52),  that  the  existence  of  a  maximum  is 
related  to  a  change  in  character  with 
Feynolds  number  of  the  velocity  profiles 
of  turbulent  boundary  layers  on  flat 
plates.  These  velocity  profiles  conform 
to  similarity  rules  in  such  a  way  that 
they  become  more  resistent  to  separation 
as  Reynolds  number  increases.  Below  a 
value  of  about  Rg]  =  2  «  10’  to  5  *  10’, 
the  similarity  rules  no  longer  apply  and 
the  profiles  become  increasingly  "full", 
i.e.,  resistent  to  separation,  as  Reynolds 
number  decreases.  Although  incipient  sep¬ 
aration  was  shown  to  be  fairly  independent 
of  viscous  effects,  at  least  in  the  Mach 
number  range  considered,  the  "fullness" 
of  the  initial  boundary  layer  profile  may. 


’)  The  actual  measured  data  points  are, 
for  clarity  reasons,  only  shown  for 
M)  =  1.40;  the  curves  represent  least 
square  fits  through  the  measured  data 
points . 
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Figure  37:  Correlation  of  extent  of 

shock- induced  separated  regi¬ 
ons  ,  Ref.  23 

nevertheless,  be  responsible  for  the  rate 
in  the  bubble  development  following 
incipient  separation.  One  must  pursue  this 
matter  somewhat  further. 

3.  The  data  of  Ref.  5  obtained  with  the 
transition  strip  located  at  30  %  chord, 
denoted  by  flagged  symbols,  show  at  the 
same  Rgt  consistently  lower  values  of  the 
normalized  bubble  extent.  The  data  of 
Ref.  23  were  also  partly  obtained  in  tests 
with  different  trip  locations  and  the 
effect  of  shifting  transition  at  constant 
Reynolds  number  may  well  be  hidden  in  the 
scatter  of  the  data.  One  may  therefore 
conclude  that  the  overall  evidence  is  not 
completely  consistent  that  Re  is  a  suf¬ 
ficient  parameter  for  the  viscous  simu¬ 
lation  process  considered  and  that  further 
research  is  warranted. 

The  comparison  between  the  data  of  Ref.  5 
and  Ref.  23  shows  some  further  quantita¬ 
tive  disagreement.  Firstly,  the  extent  of 
the  bubble  is,  especially  at  the  lower 
shock-upstrem  Mach  numbers,  less  in  the 
case  of  Ref.  5.  Secondly,  a  separation 
bubble  of  certain  extent  is  already  indi¬ 
cated  by  the  data  of  Ref.  23  at  a  shock- 
upstream  Mach  number  as  low  as  M|  =  1.25, 
i.e.,  incipient  separation  must  occur  much 
earlier  than  indicated  either  by  the 
results  of  Ref.  5  or  the  ONERA  data 
depicted  in  Fig.  27.  The  better  agreement 
in  bubble  extent  at  the  higher  shock-up- 
stream  Mach  numbers  suggests  that  the 
discrepancy  at  the  lewer  Mach  numbers  may 
be  a  consequence  of  the  different  ways  in 
which  incipient  separation  and  the  extent 
of  the  bubble  were  determined.  Some  evi¬ 
dence  that  also  for  the  results  of  Fulker 
and  Ashill  the  boundary  for  incipient 
separation  may  be  higher  is  given  by  these 
results  themselves;  this  is  outlined 
below. 
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Fulker  and  Ashill  have  correlated  the 
pressure  rise  across  the  shock  represented 
by  the  Mach  number  ratio  Mg/Mg  (  =  M,/Ms), 
where  Ma  i3  the  Mach  number  just  upstream 
of  the  shock  and  Mg  is  the  Mach  number  at 
the  end  of  the  "linear"  surface  pressure 
rise  due  to  the  shock.  Fig.  36.  Figure  38 
shows  this  Mach  number  ratio  as  function 
of  the  momentum  thickness  Reynolds  number 
for  the  results  of  Ref.  23  and  Ref.  5.  It 
can  be  seen  that  Rg(  represents  an  excel¬ 
lent  correlation  parameter  for  both  sets 
of  data;  however,  the  airfoil  data  of  Ref. 
5  exhibit  consistently  lower  Mach  number 
ratios.  There  is,  at  present,  no  explana¬ 
tion  for  this  discrepancy  except  that  it 
is  difficult  to  determine  the  correct 
value  of  M  if  only  a  limited  number  of 
pressure  orifices  is  available. 

The  results  of  Fig.  38  may  be  considered 
as  a  further  correlation  of  viscous 
effects  on  incipient  separation:  It  was 
pointed  out  earlier  (see  Figs.  4  and  25) 
that  incipient  separation  occurs  as  soon 
as  the  pressure  ps  (here  pb )  reaches,  with 
increasing  shock-upstream  Mach  number, 
sonic  conditions,  i.e.,  Mg  =  1.  The  Mach 
number  ratio  is  at  these  conditions  equal 
to  the  shock-upstream  Mach  number  Mj .  Fig. 
38  thus  represents  the  dependence  of 
incipient  separation  on  the  viscous 
parameter  Rg,  .  The  results  of  Fig.  38 
confirm  the  low  dependence  of  the  critical 
shock-upstream  Mach  number  on  viscous 
effects.  The  relatively  high  values  of 
Ha/Mb  suggest  furthermore  that  the  indi¬ 
cation  of  a  separation  bubble  at  M,  =1.25 
in  Fig.  37  may  be  erroneous. 
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Figure  38:  Correlation  of  pressure  rise 
across  the  shock.  Ref.  23 


Simulation  of  full-scale  separated  flow: 

The  correlation  of  the  bubble  extent  in 
Fig.  37  may,  as  mentioned  above,  be  used 
as  basis  for  simulating  full-scale  sepa¬ 
rated  flow  in  low  Reynolds  number  wind 
tunnel  tests.  Assuming  that  the  shock 
location  and  the  shock-upstream  pressure 
distribution  correspond  to  full-scale 
conditions  -  which  they  will  if  the  down¬ 
stream  boundary  layer  development  is  cor¬ 
rect  -  it  is  only  required  to  duplicate 
the  full-scale  bubble  length,  Lg/c,  in 
these  wind  tunnel  tests.  The  required  trip 
location  -  assuming  that  the  viscous  sim¬ 
ulation  may  be  achieved  by  aft-tripping  - 
can  be  determined  as  follows:  "Full-scale" 


i3,  for  example,  for  a  given  freestream 
condition,  taken  to  correspond  to  Reg  = 
30  x  10‘  with  transition  occurring  at  1  % 
chord.  Calculating  the  full-scale  bound¬ 
ary  layer  development  up  to  the  shock,  for 
instance,  by  the  method  of  Ref.  51,  one 
'tains  8,  and  Rg(  and,  via  the  corre¬ 
lation  of  Fig.  37,  Lg/c.  For  the  wind 
tunnel  model,  the  bubble  extent  Lg/c  can 
be  determined  in  a  similar  way  as  function 
of  the  transition  location  and  the  Rey¬ 
nolds  number  range  possible  in  the  wind 
tunnel  and  presented  in  form  of  a  car¬ 
pet-plot  Lg/c  =  f(Ref,  x/ctRANS  ).  The 
conditions  required  to  duplicate  the 
full-scale  Lg/c  can  be  selected  from  this 
plot.  The  results  of  such  a  simulation 
effort  are  presented  in  Figure  39:  The 
separated  flow  region  at  the  specific 
freestream  conditions  of  Fig.  39  and  a 
chord  Reynolds  number  of  Reg  =  30  «  10‘, 
hence  most  likely  also  the  development  of 
the  separation  bubble  with  increasing  M)  , 
can  be  simulated  either  by  a  transition 
trip  location  of  x/c  =0.15  and  a  Reynolds 
number  of  Reg  =  13  x  10‘  or,  alternatively, 
by  a  trip  location  of  x/c  =  0.30  and  a 
Reynolds  number  of  Reg  =  5  x  10‘ .  The 
excellent  agreement  of  the  pressure  dis¬ 
tributions  for  these  conditions  is  taken 
as  evidence  of  the  satisfactory  perform¬ 
ance  of  the  present  simulation  procedure. 


Figure  39:  Independent  simulation  of 
'full-scale'  pressure  distri¬ 
butions  at  M„  =  0.780, 

Cj_  =  0.70  for  a  three-dimen¬ 
sional  (outer)  wing.  Ref.  23 


4. 5. 5. 3  Change  in  global  boundary  layer  parame¬ 
ters  across  the  interaction  and  the  simu¬ 
lation  of  trailing  edge  flow 

For  the  simulation  of  the  overall  flow 
development,  it  is  important  to  determine 
and  simulate  the  conditions  in  the  vicin¬ 
ity  of  the  trailing  edge.  This,  in  turn, 
requires  the  knowledge  of  the  magnitude 
of  dominant  viscous  parameters  either 
immediately  downstream  of  the  shock  -  if 
there  is  no  shock-induced  separation  -  or 
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at  the  reattachment  point  of  the  sepa¬ 
ration  bubble.  In  the  "belief”  that  com¬ 
putational  methods  are  not  yet  able  to 
predict  the  changes  in  boundary  layer 
parameters  across  the  shock,  at  least  not 
in  the  presence  of  large  separated 
regions,  and  also  out  of  curiosity,  an 
attempt  was  made  to  correlate  the  data  of 
Ref.  5  accordingly.  The  result  is  depicted 
in  Figure  40  for  the  ratio  of  the  momentum 
thickness  across  the  interaction,  0r/Oi , 
where  Or  is  the  momentum  thickness  either 
immediately  down- tream  of  the  shock  or  at 
the  reattachment  point,  respectively.  The 
correlation  parameter  again  contains  the 
shock-upstream  Mach  number  in  the  form 
(M,  -  1.30),  for  reasons  outlined  before, 
and  0|  in  the  case  of  attached  flow  and 
the  nomalized  extent  of  the  separation 
bubble,  Lg/*0 j  ,  for  separated  flow.  One 
notices,  besides  the  good  correlation  of 
the  data,  that  the  effect  of  the  shock- 
upstream  Mach  number  on  the  momentum 
thickness  ratio  is,  in  the  range  consid¬ 
ered,  small  in  the  absence  of  separation 
but  becomes  very  pronounced  due  to  the 
development  of  separation.  Concerning  the 
viscous  simulation  process,  it  seems  that 
matching  0|  (actually  6,/c)  and  bubble 
length  will  provide  the  correct  global 
conditions  immediately  downstream  of  the 
shock  boundary  layer  interaction  region. 
This  is  likely  to  hold  for  other  boundary 
layer  thickness  parameters  as  well.  The 
Reynolds  number  does,  for  reasons  outlined 
in  conjunction  with  the  simulation  of  the 
bubble  extent,  not  enter  this  correlation. 
The  conditions  downstream  of  the  inter¬ 
action  may  be  used  as  the  initial  values 


•OtMV  f>fO 


Figure  40:  Change  in  momentum  thickness 
across  the  shock  boundary 
layer  interaction  region. 
Ref.  5 


in  the  treatment  of  trailing  edge  flow 
(see  Section  4.6). 

Concerning  the  simulation  of  trailing  edge 
flow,  the  following  remarks  seem  in  order 
here  since  this  simulation  is,  at  tran¬ 
sonic  speeds,  so  closely  related  to  shock 
boundary  layer  interaction: 

1.  The  correct  viscous  simulation  of 
shock  boundary  layer  interaction  in  the 
absence  of  shock-induced  separation  by 
scaling  the  upstream  influence  (duplicat¬ 
ing  6*  (Hn  -  1))  seems  to  lead  to  a  close 
approximation  of  the  full-scale  trailing 


edge  flow  development,  unless  the  trailing 
edge  flow  is,  at  full-scale  conditions, 
very  near  separation.  This  is  indicated 
in  Figs.  19  and  20  by  the  simulation  of 
the  high  Reyndols  number  flow  on  the  CAST 
10-2  airfoil.  Note,  that  this  "successful" 
simulation  occurs  in  spite  of  the  rela¬ 
tively  severe  adverse  pressure  gradients 
on  CAST  10-2.  Of  course,  how  close 
details  of  the  trailing  edge  flow,  e.i,., 
the  displacement  thickness  or  the  angle 
of  the  flow  leaving  the  trailing  edge, 
which  depends  on  the  energy  balance 
between  the  upper  and  lower  surface  boun¬ 
dary  layers  [53],  are  -  or  must  be  - 
matched,  is  unknown  and  should  be  inves¬ 
tigated. 

2.  The  above  statements  are  most  likely 
also  valid  for  the  condition  of  incipient 
separation 

3.  The  Fulker  and  Ashill  correlation  of 
bubble  extent  seems,  judging  from  Fig.  39, 
to  lead  to  the  correct  simulation  of 
full-scale  conditions,  including  trailing 
edge  flow,  in  the  absence  of  trailing  edge 
separation.  This  probably  also  holds  for 
the  condition  of  flow  break-down.  However, 
a  somewhat  more  detailed  experiment, 
including  boundary  layer  measurements  and 
possibly  a  configuration  with  more  severe 
rear  adverse  pressure  gradients,  should 
still  be  carried  out  to  determine  the 
limits  of  applicability.  Regarding  the 
bubble  development,  one  must  furthermore 
investigate,  why  the  aft-tripped  thin 
boundary  layer  bubble  extent  in  the  case 
of  the  Ref.  5-data  does  not  follow  quan¬ 
titatively  the  above  correlation,  i.e., 
the  uniqueness  of  Rg(  as  a  correlation 
parameter  must  be  substantiated  in  a  sui¬ 
table  experiment.  In  addition,  exper¬ 
iments,  covering  a  wider  range  of  viscous 
conditions,  should  be  performed  to  qualify 
the  scaling  parameter  derived  from  the 
results  of  Ref.  5  and  to  establish  its 
ability  to  approxmate  full-scale  trailing 
edge  flow,  still  assuming  the  latter  to 
be  attached. 

4.  It  is  not  at  all  established  whether 
the  correct  simulation  of  the  shock  boun¬ 
dary  layer  interaction  process  will  auto¬ 
matically  result  in  the  correct  -  or  suf¬ 
ficiently  close  -  simulation  of  trailing 
edge  flow  in  the  presence  of  trailing  edge 
separation  at  full-scale  conditions. 
Certain  is  that  the  former  will  affect  the 
trailing  edge  flow  "in  the  right  direc¬ 
tion".  Specific  experimental  and  theore¬ 
tical  studies  are,  however,  required  to 
determine  the  degree  to  which  this  flow 
can  be  approximated  by  simulating  the 
shock  boundary  layer  interaction  properly 
or  whether  a  second  ( rear )manipulator  is 
regui red . 

There  remains  one  more  subject,  also  very 
important  to  the  scaling  of  trailing  edge 
flow,  to  be  covered  before  summarizing: 
The  generation  and  possible  amplification 
of  turbulence  due  to  the  interaction  of 
the  boundary  layer  with  a  shock  whose 
potential  influence  on  the  downstream  flow 
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development  was  pointed  out  repeatedly 
during  the  preceding  discussions. 


4.5.6  Turbulence  Generation/ Amplification  due  to 
Shock  Boundary  Layer  Interaction 
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The  shock  boundary  layer  interaction 
region  is,  especially  in  the  presence  o£ 
separation,  for  one,  characterized  by 
large  turbulent  fluctuations.  These  may 
lead,  due  to  an  increased  turbulent  mix¬ 
ing,  to  "fuller"  boundary  layer  profils 
downstream  of  the  interaction  as  the 
interaction  grows  more  severe.  This  phe¬ 
nomenon  will  possibly  not  pose  a  direct 
problem  to  the  viscous  simulation  process 
since  the  full-scale  behavior  is  likely 
to  be  matched  if  the  correct  shock-induced 
bubble  development  is  ensured;  still  some 
further  analysis  of  this  situation  should 
be  carried  out.  There  may,  however,  arise 
certain  consequences  for  viscous  simu¬ 
lation  should  the  shock  boundary  layer 
interaction  process  act  as  a  strong 
amplifier  to  the  initial  turbulence  con¬ 
tained  in  the  boundary  layer  either  due 
to  an  increased  freestream  turbulence  or 
generated  by  a  tripping  device.  If  such 
amplification  is  significant  in  comparison 
to  the  self-generation,  one  must  ensure 
that  in  the  low  Reynolds  number  wind  tun¬ 
nel  tests  the  ‘correct’  turbulence  level 
(and  structure?)  prevails. 


4. 5. 6.1  Turbulence  generation 

Here,  we  shall  consider  specific  turbu¬ 
lence  properties  coupled  with  shock  boun¬ 
dary  layer  interaction  to  gain  some 
understanding  of  the  turbulence  generation 
-  and  turbulence  persistence  downstream  - 
and  its  importance  to  the  subsequent  flow 
development.  For  that  purpose,  the  inter¬ 
action  phenomenon  is  assumed  ’steady'  in 
the  sense  that  large  scale  unsteadiness 
with  large  shock  motions  (e.g.,  buffet) 
is  absent.  Following  Ref.  2,  we  shall 
employ  the  kinetic  energy  k  =  0.5  (u'J  + 
v'l  +  w'J  )  and  the  non-dimensional  effec- 
tive  Reynolds  shear  stress  (-u'v'/a,J), 
where  a;  is  the  Speed  of  sound  at  stag¬ 
nation  conditions,  to  study  the  turbulence 
behavior  within  and  downstream  of  the 
interaction  region.  Figure  41.  The  turbu¬ 
lence  data  were  obtained  from  LDA-mea- 
surements  on  a  bump  model  (set-up  similar 
to  Fig.  11)  at  shock-upstream  Mach  numbers 
corresponding  to  incipient  separation  and 
separated  flow  with  a  relatively  large 
separation  bubble.  Depicted  in  Fig.  41 
are  the  maxima  of  the  above  parameters  in 
y/c,  i.e.,  the  direction  normal  to  the 
surface,  as  function  of  the  normalized 
streamwise  distance. 

The  plots  of  Fig.  41  demonstrate  that 
there  exists  a  large  production  of  turbu¬ 
lence  in  the  initial  part  of  the  inter¬ 
action,  i.e.,  in  the  vicinity  of  the  foot 
of  the  shock.  This  production  increases 
considerably  with  the  advent  of  separation 
and  streamwise  maxima  occur  in  the  kinetic 
energy  and  shear  stress  levels  which  reach 
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Figure  41s  Streamwise  development  of 

maximum  kinetic  energy  and 
shear  stress  (bump  model 
similar  to  Fig.  11),  Ref.  2 

8  to  10  times  the  levels  of  the  undis¬ 
turbed  boundary  layer.  One  notices,  fur¬ 
thermore,  that  in  the  presence  of  sepa¬ 
ration  the  maxima  are  located  somewhat 
upstream  of  reattachment  and  that  the 
decreasing  turbulence  intensity  only 
reaches  flat-plate  levels  after  a  distance 
of  approximately  150  initial  boundary 
layer  displacement  thicknesses  (6*)  down¬ 
stream  of  reattachment.  If  one  transfers 
these  results  to  the  separated  flow  con¬ 
ditions  on  the  airfoil  CAST  10-2,  Fig. 
34c,  one  observes  that,  with  the  reat¬ 
tachment  point  of  the  shock-induced  bubble 
assumed  at  x/c  =  0.60,  higher  turbulence 
levels  would  persist  down  to  a  chord 
position  of  x/c  =  0.85  -  which  corresponds 
to  the  location  of  the  "stagnant"  rear 
separation  point  for  the  case  considered. 
It  is  judged  that  the  trailing  edge  flow 
must  be  favorably  affected  by  such  a 
development;  however,  adaquate  tests  are 
needed  to  directly  show  this  type  of 
influence . 


4. 5.6.2  Turbulence  amplification 

Anyiwo  and  Bushnell  (S4J  have  identified 
three  primary  turbulence  amplifier-gener¬ 
ator  mechanisms  and  shown,  by  linear 
analysis,  that  these  may  be  responsible 

for  turbulence  amplifications  across  a 
shock  wave  in  excess  of  100  %  of  the 
incident  turbulence  intensity.  These 
mechanisms  are 

•  the  direct  turbulence  amplification, 

by  which  turbulence  incident  upon  a 
shock  wave  can  be  amplified  by  up  to 
30  %  across  the  shock, 

•  turbulence  generation  from  acoustic 

and  entropy  fluctuation  modes  incident 

on  a  shock,  which  can  generate  vor- 
ticity  fluctuation  levels  of  up  to  SO 
%  of  the  intensity  of  the  incident 
mode,  and 
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•  turbulence  'pumping'  by  externally 

driven  shock  oscillations  which  may  cp 
generate,  at  transonic  speeds,  turbu¬ 
lence  of  intensity  in  excess  of  ISO  % 
of  the  shock  oscillation  intensity. 

Considering  the  turbulence  generated  in 
the  separated  shock  boundary  layer  inter¬ 
action  region  of  Fig.  41,  which  is  in 
excess  of  400  %  of  the  initial  turbulence 
level,  one  may  certainly  neglect  the 
direct  turbulence  amplification  of  30  %. 
Concerning  the  turbulence  generation  from 
acoustic  fluctuations,  it  is  shown  in  Ref. 

55  that  pressure  fluctuations  up  to  p/q  = 
0.015  have  essentially  no  effect  on  the 
maximum  turbulence  intensity  in  the  sepa¬ 
rated  boundary  layer  and  that  the  "frees- 
tream"  turbulence  level  downstream  of  the 
shock  is  not  at  all  affected  by  these 
pressure  fluctuations.  The  influence  of 
self-induced  shock  oszillations  -  in  the 
comparison  wind  tunnel  and  flight-  remains 
to  be  studied. 

There  are,  as  indicated  by  the  generality 
of  the  above  statements,  no  experiments 
directly  aimed  at  the  understanding  of  the 
turbulence  amplification/generation  proc¬ 
ess  in  transonic  shock  boundary  layer 
interactions  and  its  importance  to  trail¬ 
ing  edge  flow  development.  We  shall, 
therefore,  consider  here,  in  lieu,  briefly 
one  study  of  wind  tunnel  environmental 
effects  [561(571  and  try  to  draw  some 
conclusions  concerning  the  possible 
influence  of  turbulence  amplification. 

This  study  was  carried  out  on  bi-convex 
airfoils  and  "bump"  models  for  free  and 
fixed  transition.  We  will  restrict  our¬ 
selves  here  to  the  fixed  transition  case 
(also  see  Section  4.8). 

Keeping  transition  fixed,  e.g.,  by  rough¬ 
ness  elements,  the  turbulent  boundary 
layer  development  upstream  of  the  shock 
will  be  dependent  on  the  tunnel  turbulence 
level.  This  is  shown  in  Figure  42  by  the 
change  in  shock-upstream  momentum  thick¬ 
ness  for  the  flow  about  the  bi-convex 
airfoil  and  the  wall-mounted  bump  model 
[56).  It  is  observed  that  in  the  case  of 
the  low  Reynolds  number  tests,  the  effect 
of  the  freestream  turbulence  level  is 
small  and,  considering  the  direct  influ¬ 
ence  of  Rgj  on  the  extent  of  the  shock- 
induced  separation  bubble  in  Fig.  37,  most 
likely  of  no  consequence  to  the  simulation 
of  shock  boundary  layer  interaction  or  the 
downstream  flow  development.  At  the  higher 
momentum  thickness  Reynolds  numbers  (bump 
model),  a  very  pronounced  influence  is, 
however,  evident,  although  only  at  turbu¬ 
lence  levels  far  beyond  the  ones  present 
in  contemporary  transonic  wind  tunnels. 

(For  an  explanation  of  the  more  pronounced 
effect  at  the  higher  Reynolds  number,  the 
reauer  is  referred  to  Ref. 56).  Neverthe¬ 
less,  considering  these  turbulence  levels, 
there  are  two  ways  in  which  the  rear  flow 
development  may  be  affected  by  way  of 
shock  boundary  layer  interaction: 

(1)  The  extent  of  the  shock-induced  sepa¬ 
ration  bubble  is  changed,  altering,  in 


dO  sQf  ~0q, 

I  “O"  rtterz  to  zero  turbulence  level! 


A  'BUMP' MOOELL  R0oi  ’BllxlO! 

a  CENTER -LINE  ffD„  *  US *l03 

MODEL  01 

I FIXED  TRANSITION! 


(B)  CHANCE  IN  momentum  thickness .  REF 55 


©  VARIATION  OF  INITIAL  BOUNDARY  LAYER 
CONDITION  ( BUMP  MODEL  !,  REF  57 

Figure  42:  Effect  of  freestream  turbu¬ 
lence  on  the  momentum  thick¬ 
ness  upstream  of  the  shock 
(M,  =  1.44) 

turn,  the  chordwise  distance  available  for 
the  boundary  layer  recovery.  Considering 
first  the  change  in  Rgf  ,  corresponding  to 
the  increased  momentum  thickness  upstream 
of  the  shock.  Fig.  42c  [57),  and  trans¬ 
lating  this  into  a  change  in  the  bubble 
extent  via  Fig.  37,  one  sees  that  this 
influence  is  negligible,  at  lea  .t  at  the 
momentum  thicknesses  considered.  A  larger 
effect  occurs,  however,  due  to  the  direct 
influence  of  the  freestream  turbulence 
level  on  the  reattachment  length  [58|, 
which  is  reflected  in  a  reduced  bubble 
extent,  see  Fig.  16f  of  Section  4.8.  At  a 
freestream  turbulence  level  of  Tu„  =3.68 
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%,  the  reduction  in  bubble  length  of 
A(Lg/6*)  =  14  (for  6*  see  Fig.  42c)  seems, 
when  transferred  to  the  conditions  on  the 
CAST  10-2  or  CAST  7  airfoils  in  Fig.  3Sc 
no  longer  negligible.  Of  course,  at  tur¬ 
bulence  levels  of  Tu„  <  1.5  %  there  is  no 
need  to  worry . 


(2)  The  turbulent  mixing  within  the 
interaction  region'  is  enhanced  by  the 
higher  initial  turbulence  levels  due  to 
turbulence  amplification:  Plotted  in 
Figure  43  are  velocity  profiles  and  tur¬ 
bulence  properties  determined  upstream  of 
the  shock  and  within  the  separated  region. 
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respectively,  for  two  different  freestream 
turbulence  levels  (591-  At  the  higher 
level  (Tu„  =3.68  %),  the  turbulence 
intensity  upstream  of  the  shock  is  in  the 
outer  part  of  the  boundary  layer  naturally 
higher,  with  the  difference,  however, 
decreasing  as  the  wall  is  approached;  the 
velocity  profile  is  'fuller'.  Within  the 
separated  region  (exactly  at  the  trailing 
edge  of  the  bump),  the  maxima  in  the  tur¬ 
bulence  intensities  are  closely  the  same, 
despite  the  difference  in  the  initial 
levels,  and  a  higher  intensity  appears 
only  outside  the  boundary  layer.  The  dif¬ 
ference  in  the  location  of  the  maxima  as 
v  11  as  the  difference  in  the  velocity 
p  files  are  due  to  the  somewhat  smaller 
se  aration  bubble  present  at  the  higher 
freestream  turbulence  level.  It  is  also 
interesting  to  note  that  within  the  sepa¬ 
rated  region,  the  turbulence  spectra  are 
nearly  the  same  for  both  turbulence  levels 
in  spite  of  noticeable  deviations  upstream 
of  the  interaction.  Fig.  43c.  It  seems 
that  shock  boundary  layer  interaction,  at 
least  in  the  presence  of  separation,  gen¬ 
erates  its  own  turbulence  intensity  and 
pattern,  which  is  in  accord  with  observa¬ 
tions  made  by  Eaton  and  Johnston  (58)  for 
reattachments  downstream  of  steps,  viz., 
that  "initial  conditions  have  been  over¬ 
whelmed  by  the  time  the  shear  layer  reat¬ 
taches"  . 

The  above  results  suggest  that  differences 
in  the  level  and  structure  of  turbulence, 
contained  in  the  incoming  boundary  layer 
due  to  differences  in  freestream  turbu¬ 
lence,  are  not  amplified  by  the  shock 
boundary  layer  interaction  in  a  way  that 
there  is  a  major  effect  on  the  flow 
development  downstream  of  reattachment, 
at  least  not  at  turbulence  levels 
encountered  in  contemporary  wind  tunnels 
(Tu„  <  1.5  %) .  This  may,  of  course,  be 
entirely  different  if  larger  variations 
in  the  initial  turbulence  properties  are 
introduced,  for  instance,  by  tripping 
devices.  Here,  well  defined  experiments 
on  realistic  configurations,  sensitive  to 
shock-induced  and  rear  separation,  are 
strongly  recommended. 


Figure  43:  Velocity  profiles  and  turbu¬ 
lence  characteristics 
upstream  and  within  the 
interaction  region.  Ref.  59 


1.5.7  Conclusions  and  Recommended  Research 

Features  and  developments  associated  with 
transonic  shock  boundary  layer  interaction 
essential  within  the  context  of  viscous 
simulation  are 

(1)  the  upstream  influence  which  rules  the 
interactive  pressure  gradient  imposed  on 
the  boundary  layer, 

(2)  incipient  separation  whose  occurrance 
signals  to  the  designer  that  the  perform¬ 
ance  boundaries  of  an  airfoil  or  wing  are 
(more  or  less)  rapidly  being  approached 
as  the  freestream  Mach  number  and/or  angle 
of  incidence  are  raised. 
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(3)  the  development  of  the  shock- induced 
separation  bubble  which  leads,  possibly 
in  conjunction  with  the  development  of 
rear  separation,  to  the  total  break-down 
of  the  flow  and 

(4)  the  generation/amplification  of  tur¬ 
bulence  due  to  the  interaction  which  might 
have  a  pronounced  influence  on  the  trail¬ 
ing  edge  flow  development. 

UPSTREAM  INFLUENCE 

The  upstream  influence  is,  in  the  absence 
of  shock-induced  separation,  defined  as 
the  distance  between  the  chord  location 
where  the  pressure  rise  due  to  the  shock 
is  first  felt  and  the  location  where  the 
pressure  has  dropped  to  sonic  conditions 
and,  in  the  presence  of  separation,  as  the 
distance  between  the  former  and  the 
location  of  the  separation  point.  The 
upstream  influence  was,  for  turbulent 
interactions,  found  to  be  only  dependent 
on  the  viscous  parameter  6*  (HM  -1),  where 
6*  and  H, ,  are  the  displacement  thickness 
and  the  incompressible  shape  factor, 
respectively,  of  the  boundary  layer  imme¬ 
diately  upstream  of  the  shock.  This  means 
that  this  parameter,  normalized  by  the 
model  chord,  must  be  duplicated  in  the  low 
Reynolds  number  wind  tunnel  tests  in  order 
to  simulate  the  high  Reynolds  number 
full-scale  upstream  influence.  This  seems 
to  hold  for  two-  and  three-dimensional 
flows  (A  S  30°).  It  is,  furthermore, 
believed  that,  if  one  simulates  in  the 
case  of  attached  flow  at  the  shock  the 
upstream  influence  correctly,  one  will 
also  obtain  the  proper  simulation  of  the 
entire  shock  boundary  layer  interaction 
process,  including  the  subsonic  recom¬ 
pression. 

Considering  the  upstream  influence  in 
attached  flow  at  the  shock,  there  remain, 
however,  within  the  present  context  some 
open  questions  indicating  the  need  for 
further  research: 

1.  How  closely  must  the  parameter  5,* 
( H it  —  1 )  or  its  components  be  dupli¬ 
cated  to  achieve  a  sufficiently  accu¬ 
rate  simulation  of  full-scale  shock 
boundary  layer  interaction? 

2.  Do  the  boundary  layer  parameters 

downstream  of  the  interaction  (e.g., 
«*,  0,  H)  correspond  to  the  ones 

obtained  at  the  (higher)  Reynolds 

number  to  be  simulated? 

3.  As  a  consequence  of  (2),  is  the  simu¬ 

lation  of  the  high  Reynolds  number 
trailing  edge  flow  behavior  ensured  - 
or  what  degree  of  approximation  can 
be  attained  -  if  the  shock  boundary 
layer  interaction  is  simulated  cor¬ 
rectly?  The  former  is,  of  course, 

required  to  obtain  the  full-scale 

shock  location  and  strength. 

Experiments  must  be  carried  out  at  tran¬ 
sonic  speeds  on  realistic  configurations 
to  answer  these  questions  -  and,  of 


course,  to  confirm  (or  reject)  the  domi¬ 
nance  of  the  above  viscous  parameter.  In 
the  case  of  a  rejection,  which  is,  howev¬ 
er,  not  very  likely,  the  experiments  must 
serve  to  identify  the  "true"  dominant 
parameter.  The  experiments  must  cover  two- 
and  three-dimensional  flows  with  the 
(preferably  independent)  variables  being 
characteristic  parameters  of  the  incoming 
boundary  layer  and  the  outer  inviscid 
flow,  the  latter  including  sweepback  and 
the  rear  adverse  pressure  gradient. 

INCIPIENT  SEPARATION 

The  onset  of  shock-induced  separation 
(incipient  separation)  was  found  to  be 
rather  insensitive  to  viscous  effects  and 
there  is  strong  evidence  that  simulating 
the  upstream  influence  correctly  will  also 
result  in  a  sufficiently  accurate  simu¬ 
lation  of  incipient  separation.  Neverthe¬ 
less,  since  it  is  not  entirely  sure  what 
parameters  of  the  incoming  boundary  layer 
(e.g.,  H,,  or  1*6*)  are  predominantly 

responsible  for  incipient  separation  and 
in  which  way  they  manifest  their  influ¬ 
ence,  a  well  designed  transonic  experiment 
is  needed  where  the  variables  are  the 
shape  parameter  H,  ,  the  boundary  layer 
thickness  parameters  6*  and  0,  the  Rey¬ 
nolds  number  based  on  these  parameters, 
surface  curvature  (flat  plate  vs.  airfoil 
or  wing)  and  sweep.  The  experiments 
should,  of  course,  be  performed  in  con¬ 
junction  with  the  ones  related  to  the 
upstream  influence. 

DEVELOPMENT  OF  THE  SHOCK-INDUCED  SEPA¬ 
RATION  BUBBLE 

The  correlation  of  Fulker  and  Ashill  (23) 
of  the  shock- induced  separation  bubble 
extent,  viz.,  L0/0,  =  f  (M,  ,  Pg,  ) ,  seems 
to  lead  to  the  correct  simulation  of 
full-scale  conditions,  including  the  final 
flow  break-down,  at  least  in  the  absence 
of  an  "independently"  developing  trailing 
edge  separation.  An  alternative  corre¬ 
lation,  established  by  the  present  author 

(5),  suggests  that  simply  duplicating  the 
momentum  thickness  upstream  of  the  shock 
will  also  lead  to  the  correct  full-scale 
bubble  extent  and,  furthermore,  to  the 
right  magnitude  of  this  viscous  parameter 
at  reattachment;  however,  the  range  of 
viscous  conditions  covered  in  this  corre¬ 
lation  is  to  narrow  for  a  definite  con¬ 
clusion  so  that  here  additional  tests  are 
required.  Further  key  questions  concerning 
bubble  scaling,  indicating  needed  exper¬ 
imental  and  theoretical  research,  are: 

1.  What  is  the  limit  of  applicability  of 
the  Fulker  and  Ashill  correlation  in 
the  presence  of  an  "independent" 
trailing  edge  separation  development? 

2.  Why  does  the  bubble  extent  in  the  case 
of  the  aft-tripped  thin  boundary  layer 
data  of  Ref.  5  not  follow  the  corre¬ 
lation  of  Fulker  and  Ashill?  Is  Rg, 
really  unique  in  scaling  the  shock- 
induced  bubble  extent? 
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3.  How  closely  correspond  the  boundary 
layer  parameters  at  reattachment  to 
the  full-scale  ones  and,  as  a  conse¬ 
quence,  can  the  full-scale  trailing 
edge  flow  be  simulated  -  or  to  what 
degree  approximated  -  by  the  correct 
simulation  of  shock  boundary  layer 
interaction? 

4.  Is,  as  already  indicated  above,  the 
duplication  of  the  momentum  thickness 
upstream  of  the  shock  sufficient  for 
bubble  scaling? 

A  well  designed  experiment  must  be  con¬ 
ducted  to  study,  in  detail,  the  structure 
and  pattern  of  the  local  development  of 
shock- induced  separation  -  in  the  range 
incipient  to  total  separation  -  dependent 
on  the  initial  boundary  layer  condition 
and  on  parameters  of  the  outer  inviscid 
flow  such  as  the  shock-upstream  Mach  num¬ 
ber  M,  and  the  rear  adverse  pressure  gra¬ 
dient  3p/3x.  Geometric  variables  should 
include  sweepback  and  surface  curvature. 
The  experiments  can  be  performed  in  con¬ 
junction  with  the  ones  related  to  the 
upstream  influence  and  incipient  sepa¬ 
ration. 

TURBULENCE  GENERATION/AMPLIFICATION 

Strong  evidence  was  found  that  the  turbu¬ 
lence  generated  within  the  shock  boundary 
layer  interaction  region  may  have  a  pro¬ 
nounced  influence  on  the  boundary  layer 
development  downstream  of  the  interaction, 
hence  on  the  trailing  edge  flow  behavior. 
There  is,  furthermore,  evidence,  based  on 
results  obtained  at  various  wind  tunnel 
turbulence  levels,  that  the  magnitude  of 
the  shock-upstream  turbulence  level  has 
no  effect  on  the  maximum  turbulence 
intensity  within  the  interaction  region, 

i.e.,  turbulence  generation  is  much  more 
powerful  than  amplification.  Note,  that 
the  overall  flow  developmnent  associated 
with  shock-induced  separation  is,  never¬ 
theless,  affected  by  freestream  turbu¬ 
lence,  however,  only  at  turbulence  levels 
far  in  excess  of  the  ones  commonly 
encountered  in  wind  tunnels.  Still,  an 
experiment  is  suggested  where  the  turbu¬ 
lence  level  and  structure  of  the  incoming 
boundary  layer  can  be  varied  directly-  for 
instance,  by  the  introduction  of  different 
tripping  devices  or  the  variation  of  the 
output  of  air  jets  -  and  whers  its  ampli¬ 
fication  and  influence  on  the  rear  flow 
development  can  be  determined.  The  exper¬ 
iment  can  also  be  utilized  to  study,  in 
detail,  the  process  and  influence  of  tur¬ 
bulence  generation. 

GENERAL  CONSIDERATIONS  CONCERNING  THE 
EXPERIMENTS 

All  investigations  must  be  performed  for 
characteristic  two-  and  three-dimensional 
transonic  flow  developments  on  configura¬ 
tions  suiting  the  attendant  flow  problem. 
In  all  instances  detailed  surface  pres¬ 
sure,  boundary  layer  and  field  measurments 


must  be  carried  out  using  a  wide  range  of 
appropriate  instrumentation  including, 
besides  conventional  means,  hot-wire-  and 
laser-doppler-anemometers,  surface  hot- 
film,  dynamic  pressure  and  skin  friction 
gages  and  schlieren  and  interferometer 
systems.  Needless  to  say  that  the  exper¬ 
iments  must  be  accompanied  and  supple¬ 
mented  by  a  continued  literature  search 
and  theoretical  studies,  the  latter  having 
the  great  advantage  that  parameters  can 
be  easily  and  independently  varied.  In 
concluding,  it  should  be  noted  that  at  the 
DFVLR  Institute  of  Experimental  Fluid 
Mechanics  three  experiments  are  planned 
(the  models  have  already  been  manufac¬ 
tured)  to  investigate  some  of  the  phenom¬ 
ena  discussed  above;  the  experiments  com- 
pri se ; 

(1)  Tests  with  a  1-meter-chord  airfoil, 
where  chord  Reynolds  numbers  of  up  to  Re 
=  20  *  10‘  can  be  attained,  and  where,  for 
instance,  problems  related  to  the  depend¬ 
ence  of  the  rear  flow  development  on  the 
shock  boundary  layer  interaction  process, 
including  turbulence  generation  and 
amplification,  can  be  studied. 

(2)  Tests  with  a  flat  plate  model  on  which 
a  skewed  normal  shock,  generated  by  a 
wedge,  impinges.  The  set-up  has  a  large 
aspect  ratio  and  is  designed  to  study  all 
aspects  of  "pure"  three-dimensional  shock 
boundary  layer  interactions  at  transonic 
(local)  conditions. 

(3)  Tests  with  a  sheared  wing,  parallel 
to  (2),  where  the  conditions  of  three-di¬ 
mensional  shock  boundary  layer  inter¬ 
actions  can  be  related  to  the  trailing 
edge  flow  development. 
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Summary 

The  present  chapter  gives  an  overview  of  those  aspects  of  classical  separation,  trailing-edge  flows  and 
buffeting  which  are  relevant  to  the  simulation  process.  Viscous  flow  parameters  which  should  be  simulated 
are  defined  and  some  recommendations  for  further  research  are  given. 
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Subscripts : 
aep  at  separation 

tr  at  transition 

•  free-strenm  conditions 

4 .6. 1 .  lntroductior 

In  section  3.2.3*  Chan  examined  the  capnbilitics  of  compute tionnl  tools  for  simulation  methodologies;  this 
review  is  illustrated  with  typicnl  examples,  llis  Inst  concluding  remark  in  section  3*2. 3*6  may  be  taken  as 
n  starting  point  for  the  present  discussion:  "Due  to  strict  requirement  of  accuracy  in  aerodynamic  tests, 
npplications  of  computation  nre  limited,  at  present,  to  simulations  of  attnehed  flows.  For  complex  flow 
simulations,  esp^  ially  with  flow  separntion,  further  development  is  needed  in  better  understanding  the 
physical  nature  of  the  flow  and  its  modelling**. 

In  section  4.3  Michel  describes  in  some  detail  the  nvailable  methods  for  the  prediction  of  lnminar. 
transitional  and  turbulent  boundary  lnyers. 

It  is  the  purpose  of  the  present  chapter  (4.6)  to  review  flow  separation  in  some  more  dctnil  and  to  outline 
where  impro'enents  are  needed.  This  review  will  not  include  separntion  directly  induced  by  shocks;  this  is 
the  subject  of  the  review  by  Stanewsky  in  section  4.5.  neither  will  sepnrntion  from  sharp  edges  be 
discussed.  Laminar  separation  (4.6.2).  turhulont  separation  (4.6.6)  nnd  the  separation  buhblc.  where 
laminar  separation  is  followed  by  turbulent  rentiachaent.  (4.6.3)  nnd  buffeting  (4.6.9)  nro  included. 

A  laminar  separation  bubble  has  a  significant  effect  on  the  development  of  the  downs)  ream  turbulent 
boundary  layer.  Although  at  full  scale  Reynolds  numbers  lnrge  lnainar  .separation  bubbles  ennnot  be  expected 
to  occur,  the  subject  is  discussed  nt  some  length  in  4.6.3.  heenuse  these  bubbles  mny  occur  on  windtunncl 
models.  Furthe-.ttorc  this  type  of  flow  is  discussed  to  point  out  the  large  effects  on  the  downstrena 
turbulent  boundary  layer  development.  Similar  effects  arc  expected  to  occur  downstream  of  other  "obstnclcs" 
to  the  boundary  layer  flow  (natural  transition,  trips,  non-class icnl  manipulators,  shock-boundnry  layer 
interaction,  etc.). 

From  these  observations  it  follows  thnt  the  term  "stnte  of  the  boundnry  lnyor” .  by  which  in  general  is 
meant  whether  the  flow  is  laminar  or  turbulent,  should  be  defined  much  more  precise.  The  whole  turbulence 
structure  nay  be  ups«t  by  the  obstacle,  resulting  in  a  non  "well-developed"  turbulent  flow.  Ever,  the 
effects  of  classical  trips  should  he  further  nnu lysed;  they  cay  hnvc  been  well  resenrehed  only  in  wonk 
pressure  grndients.  The  usunl  conclusion  thnt  the  downstrena  flow  rnpidly  turns  into  n  wcl i-deveioped 
turbulent  boundnry- 1 nyer .  eight  not  be  true  in  strong  pressure  grndients. 

The  development  of  the  upper-  nnd  lower  surface  boundnry  layers  nenr  the  trni ling-edre  of  n  2D  or  30  wing, 
and  their  merging  into  the  wake,  hns  n  significant  influence  on  the  circulation  and  through  thnt  on 
pressure  distribution  nnd  shock  loenticn.  Therefore  the  "viscous  Kuttn-.loukowski  condition”  hns  to  play  an 
important  role  in  any  simulation  methodology  (4.6.5). 

When  more  than  a  limited  sepnrntion  region  occurs,  the  resulting  tins  tends*  pressures  may  have  nn  important 
effect  on  rigid-body  nnd  elnstic  vibrations  of  the  nircraft  structure,  impairing  comfort  and/or  the 
capability  to  execute  the  nirernfts  mission.  W*c  have  to  distinguish  between  buffet  onset  and  severe  buffet. 
The  first  may  be  related  to  the  occurence  of  small  sepnrntion  zones  nnd  hence  can  be  expected  to  be 
amenable  to  prediction  using  methods  for  the  calculation  of  steady  boundnry  lnyers.  The  prediction  of 
severe  buffet  is  much  more  complicated  (4.6.9). 

In  the  discussion  of  the  above  mentioned  subjects  it  will  be  tried  to  indicate  dominant  parnmeters 
determining  these  flows,  which  will  have  to  be  duplicated  in  the  wind  tunnel  experiment  for  an  ndequate 
simulation,  it  should  be  remembered,  thnt  the  present  volume  is  concerned  with  the  wind tunnel  simulation  nt 
low  Reynolds  numbers  of  flows  nround  bodies  nt  full  scnlo  Reynolds  numbers.  The  required  nccurncv  of  any 
method  to  predict  the  various  flows,  depends  on  whether  we  want  n  full  sixulntion  or  will  be  sntisfied  when 
the  results  of  the  windtunncl  experiment  become  oxtrnpolnble  to  full  scale.  In  the  Inst  ense  the  prediction 
and  the  resulting  manipulation  of  the  flow  at  model  scnle  is  satisfactory  when  it  is  nssured  that  the 
character  of  the  flow  in  both  cases  is  sufficiently  alike.  Tin's  implies  thnt  discontinuous  changes  of  flow 
character  between  tunnel  and  flight  Reynolds  numbers  should  be  climinnted.  Since  in  the  windtunncl  the 
boundary-layers  will  have  to  be  manipulated  to  provide  the  required  simulation,  predictive  methods  should 
be  capable  of  taking  into  account  the  effects  of  clnssicnl  and  future  tripping  ami  mnnipulating  devices  on 
the  viscous  flow. 

Before  writing  the  present  chnpter.  the  author  had  to  study  a  large  number  of  references:  therefore 
completeness  can  not  be  claimed.  Much  to  his  surprise  the  number  of  pnpers  containing  clenr  statements 
nbout  the  accurncy  of  predictive  methods  of  turbulent  separation  in  non-equi librium  flows  wns  rnthcr  small. 
Most  of  the  attention  in  recent  yenrs  seems  to  have  been  given  to  equilibrium  flows  and  to  the  development 
of  strong  vi scous/inviscid  interaction  oroeedures.  Much  additionnl  research  will  have  to  be  performed  to 
improve  on  this  situation.  Recent  progress  in  the  description  of  non-equilibrium  flows  has  been  discussed 
by  Cross  in  section  4.4  of  the  present  volume.  Some  recommendations  for  future  rosenrch  will  be  given  in 
section  4.6.10. 

4.6.2,  Laminar  separation 

The  calculation  of  lnminar  separation  for  a  prescribed  pressure  distribution,  has  for  a  long  time  been  a 
controversial  subject.  The  question  wns  whether  the  boundary  layer  equations  remain  valid  at  separation  or 
that  the  occurrence  of  the  Goldstein  singularity  means  that  the  boundary  Inver  concept  has  to  bo  abandoned 
at  separation.  In  the  last  two  decades  it  has  become  clear  thnt  the  use  of  the  boundary  l nyer  equations  enn 
be  continued,  if  only  the  influence  of  the  boundary  layer  on  the  pressure  distribution  in  the  separation 
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zone  is  taken  into  account  through  the  procedure  of  so-called  strong  viscous-inviscid  interaction.  In  such 
a  procedure  the  pressure  distribution  is  no  longer  prescribed  and  a  regular  behaviour  is  obtained  by 
letting  the  pressure  distribution  be  compatible  with  the  displacement  effect  of  the  bourdary  layer. 
Provided  the  pressure  distribution  upstream  of  the  separation  zone  is  fixed,  that  means  provided  the  flow 
downstream  of  laminar  separation  up  to  the  trailing-edge  is  given,  which  determines  the  circulation,  the 
prediction  of  laminar  separation  has  been  reduced  to  a  problem  of  numerical  analysis  only.  This  problem  can 
be  considered  to  have  been  solved  and  need  not  further  be  discussed  in  this  chapter.  Care  should  be  taken 
when  calculating  a  laminar  boundary  layer  for  an  experimentally  determined  pressure  distribution  with 
separation.  Due  to  the  interaction,  a  pressure  gradient  relief  occurs  in  the  separation  zone.  A  method 
predicting  separation  a  little  bit  too  late  will  then  predict  separation  not  to  occur  at  all;  use  of  the 
interaction  mode  will  then  be  mnndatory. 

'±. 6.3.  Laminar  separation  f ol lowed  by  turbulent  reattachment;  the  laminar  separation  bubble 
11.6.3.1.  Introductory  remarks  on  separation  bubbles 

The  occurrence  of  transition  downstream  of  laminar  separation  is  of  major  concern  at  low  Reynolds  numbers 
such  as  occur  for  full  scale  sailplanes.  When  transition  is  followed  by  reattachment.  a  so-called  short 
sepnration  bubble  is  obtained.  When  the  turbulent  boundary  layer  fails  to  reattach  "bursting”  is  said  to 
occur.  These  bubbles  have  been  researched  extensively  only  for  two-dimensional  low  speed  flows.  They  may, 
however,  also  occur  near  the  leading-edge  on  windtunnel  models  for  "peaky"  type  pressure  distributions  at 
high  subsonic  and  transonic  Mach  numbers  and  in  three-dimensional  flow.  Since  for  swept  wings  the  spanwise 
flow  component  remains  attnched.  it  may  be  expected  that  the  overall  characteristics  of  the  bubble  will  be 
determined  by  transition  due  to  the  highly  unstable  reversed  flow  in  chordwise  direction  which  might  be 
derived  from  20  results.  Bertelrud  [27.  28]  has  even  observed  a  laminar  separation  bubble  near  the  leading- 
edge  of  a  fighter  at  full  scnle.  Therefore  simulation  of  separation  bubbles  in  windtunnel  testing  may  be 
required  for  high  lift  cases.  Often  it  may  be  necessary  to  eliminate  laminar  separation  bubbles  by 
tripping. 

From  the  non-dimens ionalised  laminar  boundary  layer  equations  it  follows  that  the  position  of  separation  is 
independent  of  the  Reynoldsnumbcr.if  only  the  non-dimensional  pressure  distribution  is  independent  of 
Heynoldsnumber.  Therefore  the  simulation  of  this  position  is  guaranteed  if  the  6#  distribution  and 
circulation  ore  simulated  correctly.  This  will  depend  on  the  quality  of  the  simulation  over  the  downstream 
part  of  the  wing,  especially  in  the  trailing-edge  region. Although  the  direct  effect  of  a  short  bubble  on 
lift  may  be  small,  it  may  have  a  lnrge  effect  on  the  downstream  development  of  the  turbulent  boundary  layer 
and  especially  on  its  separation  characteristics  (section  *4 . 6 . !« > .  Therefore  in  simulating  laminar 
sepnration  bubbles  it  seems  more  important  to  reproduce  the  downstream  effects  than  the  bubble  itself  (see 
also  section  '1 .6. 9  .*4 . ) . 

In  a  recent  conference  on  Low  Reynolds  number  Airfoil  Aerodynamics  at  Notre  Dame  University  [29]  the 
subject  of  laminar  separation  was  discussed  extensively.  Notnbly  the  papers  by  Cleyzes.  Cousteix  and  Bonnet 
[30]  and  Vnn  Ingen  and  Boermans  [31]  may  be  consulted.  Some  additional  information  may  be  found  in  a 
further  paper  by  Vnn  Ingen  and  Boermans  [32].  An  important  finding  in  these  popers  is  that  transition  in 

bubbles  may  be  predicted  with  e11  type  methods.  A  good  description  of  a  local  inviscid-viscous  Interaction 
procedure  for  separation  bubbles  may  be  found  in  Vatsa  and  Carter  [33].  The  subject  of  2D  and  3D  laminor 
separation  bubbles  in  relation  to  windtunnel  simulations  has  been  discussed  by  Hall  [39]. 

*1.6.  3.2.  Some  further  details  on  laminar  separation  bubbles 

In  this  section  a  detailed  description  is  given  of  the  characteristics  of  laminar  separation  bubbles  ot  low 
speed.  It  is  mninly  based  on  research  at  the  Department  of  Aerospace  Engineering  of  Delft  University  as  it 
was  reported  by  Vnn  lngen  and  Boermans  [31.  32]. 

Fig.  1  indicates  a  schematic  of  a  laminar  separation  bubble  with  Separation,  Transition  and  Reattachment. 
From  many  different  experiments  in  low  speed  flow  it  was  found  thot  the  sepnrntion  streamline  in  the 
laminar  part  or  the  bubble  starts  straight  (Tig.  2)  and  leaves  the  wall  at  an  angle  T  which  is  related  to 

( Rg )  nt  separation  through  ton(T)  *  vg— : -  (fig.  3).  where  B  is  a  universal  constant  between  15  ond  20. 

"0  sop 

This  local  correlation  seems  to  be  independent  of  bubble  bursting  (fig.  9).  A  universal  description  of  the 
laminar  part  of  the  bubble  seems  possible  by  using  b  non-dimensional  coordinate  C  downstream  of  separation 
Ax  n 

according  to  C  -  g - -  .  Transition  in  the  bubble  can  be  predicted  using  the  e  method;  n  should  be 

sep  0 

sep 

a  function  of  the  ’'effective  turbulence  level**  Tu  (fig.  5)-  This  Tu  should  follow  from  experiments  in  the 
respective  facilities;  nt  present  values  nre  used  at  Delft  according  to  the  following  table: 


mam 

n 

NACA  I.TT  and  similar  tunnels 

0. 10 

9-75 

Advanced  low  turbulence  tunnels 

0.06 

11.2 

such  ns  at  Delft  University  of 

Technology 

Free  flight  of  gliders 

0.01'4 

15-0 

Renttnchment  or  failure  to  reattach  (bursting)  is  determined  using  a  renttnchment  locus  obtained  from 
Strntfords  limiting  pressure  distribution  for  zero  wall  shear  stress.  A  similar  locus  has  been  defined  by 
Hortnn.  Fig.  6  gives  some  typical  examples  of  bubble  prediction.  A  kind  of  viscous/inviscid  internet  ion 
procedure  «rescribing  the  shape  of  the  separntion  streamline  is  used.  For  bubbles  where  no  appreciable 
amplification  of  Tol  lmien-Schl  ichting  disturbances  occurs  upstream  of  separation,  a  short  cut  method  hns 
been  devised  to  calculate  the  transition  length  (strnight  lines  in  fig.  7)«  It  is  clear  thnt  the  length  of 
the  bubble  strongly  decreases  with  increasing  Heynoldsnumber.  When  these  bubbles  have  to  be  simulated  nt 
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lower  than  Tull  acale  Reynolds  number,  trips  will  have  to  be  used  to  simulate  the  downstream  effect  of  the 
bubble  on  the  turbulent  boundary  layer  development  rather  than  the  length  of  the  bubble  (see  also  section 
4. 6. 4. 4).  The  short  cut  method  reproduces  various  known  criteria  for  bubble  bursting  and  in  addition  allows 
the  effect  of  free  stream  turbulence  level  to  be  accounted  for.  Through  separation  bubbles  6  may  strongly 
increase  (fig.  8a):  aarly  tripping  may  thus  reduce  8  at  the  trailing-edge  and  hence  reduce  profile  drag 
(fig.  8b).  For  this  purpose  classical  trips  or  air  jets  are  being  used  extensively  in  sail-plane  practice. 
The  effects  of  sound  on  the  characteristics  of  an  Eppler  6l  airfoil  at  very  low  Reynolds  numbers  is  shown 
in  figs.  9  and  10:  it  follows  that  sound  can  be  an  effective  tripping  device. 

4 .6.4,  The  turbulent  flew  downstream  of  a  laminar  separation  bubble 

4. 6.4.1.  Introductory  remarks  on  the  turbulent  flow  downstream  of  a  laminar  separation  bubble 

It  has  been  observed  in  [30]  and  [31]  that  downstream  of  a  laminar  separation  bubble  the  momentum  loss 
thickness  8  may  be  much  larger  than  fo.  a  turbulent  boundary  layer  starting  at  the  laminar  separation 
point.  Depending  on  the  pressure  distribution  downstream  of  the  bubble  this  effect  on  9  may  be  amplified. 
This  may  have  an  appreciable  effect  on  turbulent  separation.  The  role  of  separation  bubbles  in  airfoil 
leading-edge  stalls  has  been  described  by  Van  den  Berg  [38] • 

It  has  been  observed  [39]  that  the  turbulence  intensity  in  the  turbulent  boundary  layer  downstream  of 
reattachment  is  much  higher  than  would  follow  from  mixing-length  models  for  regular  attached  turbulent 
boundary  layers.  Therefore,  when  applying  boundary  layer  trips  it  will  not  just  be  sufficient  to 
distinguish  between  the  "laminar  and  turbulent  states"  of  the  boundary  layer.  The  "turbulent  state"  should 
be  better  defined  including  details  about  the  turbulence  structure.  Arnal  nnd  Juillen  [40],  see  also  [30] 
have  shown  that  the  transition  process  in  the  separation  bubble  is  markedly  different  from  that  on  a  flat 
plate  in  zero  pressure  gradient.  For  the  flat  plate  transition  occurs  through  the  appearance  of  turbulent 
spots:  the  resulting  turbulent  boundary  layer  does  not  seem  to  remember  the  Tollmien-Schlichting  effects  in 

its  history.  For  separation  followed  by  transition  in  larger  adverse  ,  the  intermittency  decreases  and 

the  turbulent  flow  starts  to  remember  its  Tollmien-Schlichting  history.  By  analogy  it  may  be  expected  that 
the  turbulent  boundary  layer  downstream  of  other  "obstacles",  such  as  classical  trips,  other  manipulators 
and  shock  wave  boundary  layer  interaction  regions,  will  show  similar  deviations  from  the  "regular" 
turbulent  boundary  layer  behaviour.  CFD  programs  used  to  predict  boundary  layer  flows  or  used  as  an  aid  in 
simulation  procedures  only,  will  have  to  take  these  effects  into  account.  This  points  out  the  impossibility 
of  a  universal  turbulence  model  and  the  requirement  for  "zonal  modelling"  where  the  model  is  adapted  to  the 
local  type  of  flow. 

In  order  to  emphasize  this  point,  section  4. 6. 4. 2  contains  a  more  detailed  description  of  the  flow 
downstream  of  a  separation  bubble. 

4.6.4 .2.  Some  further  details  on  the  turbulent  flow  downstream  of  a  laminar  separation  bubble 

As  c  first  example  of  the  efrect  of  the  laminar  separation  bubble  on  the  downstream  development  of  the 
turbulent  boundary  layer  we  will  discuss  some  results  oT  a  comparison  between  experiments  and  calculations 
for  the  Eppler  E603  airfoil  at  low  subsonic  speed.  The  experiments  have  been  performed  by  Van  Groenewoud 
[4l]  in  the  low  speed  -  low  turbulence  windtunncl  of  the  Department  or  Aerospace  Engineering  at  Delft 
University  of  Technology.  The  calculations  have  been  made  in  Deirt  by  Von  Oudhcusden  [39]  using  the  1984 
version  of  the  NLR  program  BOLA  [42-46],  BOLA  uses  a  model  for  the  mixing  length  8  according  to: 

8  *  *.Aic  D  tanh  (;  x  ~> 

95  A-  95 

In  this  equation  A_  is  taken  constant  at  high  Reynolds  numbers  (equal  to  0.12):  at  low  Reynolds  numbers  an 

appropriate  Reynolds  number  dependent  correction  is  used:  D  contains  the  Van  Driest  damping,  k  is  the  Von 
Karman  constant.  Starting  conditions  for  the  calculations  have  in  the  present  case  been  introduced  by 

specifying  Cj.  and  8.  Experimental  pressure  distributions  at  two  values  or  the  chord  Reynoldsnumber  (1.8  and 

3.6  x  10^)  are  shown  in  fig.  11.  At  the  low.  r  Reynolds  number  transition  occurs  downstream  of  a  laminar 
separation  bubble;  at  thi  higher  Reynolds  number  no  bubble  is  present. 

Calculated  skin  friction  distributions  are  shown  in  figs.  12  and  13-  It  follows  that  in  the  low  Reynolds 
number  case  there  is  a  marked  difference  between  the  experimental  and  calculated  results.  Even  restarting 
the  calculations  further  downstream  with  starting  conditions  equal  to  the  local  experimental  values  does 
not  improve  the  results.  In  the  high  Reynolds  number  case  a  good  representation  of  the  experimental  results 
is  obtained.  It  should  be  noted  from  the  figures  that  the  differences  observed  are  not  removed  by  including 
the  customary  low  Reynolds  number  correction  on  8. 

It  was  expected  that  the  Increased  turbulence  intensity  downstream  of  reattachment  is  causing  the 
deviations  at  low  Reynolds  number.  Therefore  a  further  experimental  investigation  using  hot  wire  anemometry 
in  a  special  boundary  layer  channel  was  performed  by  Van  Oudheusdcn  [39]-  This  chnnnel  consists  of  one  flat 
wall  and  an  adjustable  curved  opposite  wall.  T  o  boundary  layer  is  measured  on  the  flat  wall.  Different 
pressure  distributions  can  be  generated.  In  the  rirst  case  investigated,  a  vanishingly  small  separation 
bubble  occurred.  Figs.  14  through  18  give  some  results  of  these  experiments.  It  nppears  that  the  expression 
used  in  BOLA  for  the  mixing  length  remains  valid.  However,  even  in  this  case  without  a  large  separation 
bubble,  the  "constant"  has  to  be  increased  to  about  0.19  at  reattachment  (fig.  17).  It  takes  a 

considerable  length  before  A_  returns  to  its  standard  value  (fig.  18).  A  calculation  with  BOLA  using  the 
experimental  A^  distribution  improved  the  results  of  the  calculation  considornbly .  In  the  future  some  cases 
with  larger  bubbles  will  be  investigated,  a  still  much  larger  effect  on  A  may  then  bo  expected. 

Some  interesting  observations  on  separation  bubbles,  including  the  transition  process,  hnve  been  reported 
by  Cleyzes  et  al  [30].  It  was  also  found  here  that  the  presence  of  the  bubble  hns  a  large  effect  on  the 
downstream  development  of  8.  This  paper  also  gives  details  of  the  transition  process  in  long  and  short 
bubbles;  no  difference  seems  to  exist  in  the  transition  mechanisms  in  short  or  long  bubbles.  In  both  cases, 
laminar  instability  waves  grow  and  this  growth  is  fairly  rapid,  because  of  the  strong  instability  of 


toundary  layer  velocity  profiles  in  an  adverse  pressure  gradient.  The  difference  with  the  well  known 
transition  in  zero  pressure  gradient  is  that  the  beginning  of  transition  is  not  associated  with  the 
development  of  three-dimensional  spots,  followed  by  an  intermittency  region.  Here,  the  amplification  of 
Tollmien-Schlichting  waves  generates  two-dimensional  vortices,  the  desegregation  of  which  leads  more  or 
less  rapidly  to  turbulence. 

4. 6.4. 3.  Some  reflections  on  the  turbulence  structure  downstream  of  trips  and  other  obstacles 

By  analogy  to  the  turbulent  flow  downstream  of  a  separation  bubble,  as  discussed  in  section  4. 6. 4. 2.  it  is 
the  present  authors  strong  belief  that  similar  flow  phenomena  may  occur  downstream  of  tripping  devices  or 
the  shock-wave  boundary  layer  interaction  region.  Therefore  a  warning  seems  to  be  in  place  against  often 
heard  remarks,  such  as; 

-  “the  turbulence  structure  downstream  of  a  trip  should  rapidly  approach  a  structure  of  well-established 

turbulent  flow" 

-  “the  turbulent  boundary  1  ay,. r  should  be  as  close  to  a  natural  transition  boundary  layer  as  possible" 

-  “the  trip  should  have  a  zero  penalty  drag". 

One  could  argue  of  course  about  the  definitions  of  "well-established"  and  "natural  transition  boundary 
layer".  There  are  already  differences  between  the  boundary  layers  on  the  model  and  nt  lull  scale  due  to  the 
difference  of  Reynolds  numbers.  What  really  counts  is.  that  the  trip/manipulator  should  produce  the  effects 
required  by  the  simulation  methodology  and  that  the  related  CFD  procedures  will  faithfully  reproduce  these 
effects.  Even  more  care  should  be  exercised  as  soon  as  non-classical  trips  such  as  vortex  generators,  air 
jets,  heating  and  cooling  or  suction  are  introduced.  The  need  for  zonal  turbulence  modelling  becomes 
clearly  apparent  here.  For  the  literature  survey,  which  was  undertaken  before  the  presen'  contribution  was 
written,  not  enough  time  was  available  to  make  a  detailed  study  of  this  subject.  It  is  believed  that  not 
enough  details  on  the  turbulence  structure  behind  trips,  other  than  in  small  pressure  gradients,  would  have 
been  found. 

A  further  study  will  certainly  be  needed.  For  further  remarks  on  boundary  layer  manipulation  the  reader  is 
referred  to  chapter  <1.9  of  the  present  volume  by  E.M.  Kraft 

4. 6. 4. 4.  On  simulation  procedures  for  laminar  separation  bubbles 

It  should  be  noted  that  at  high  (full  scale)  Reynolds  numbers  the  bubble  itself  and  hence  its  direct  effect 
on  wing  characteristics  may  be  expected  to  be  small.  What  should  be  simulated  is  the  effect  of  the  bubble 
on  the  downstream  development  of  the  turbulent  boundary  layer. 

This  downstream  effect  may  be  expressed  by  the  growth  rate  of  D  and  hence  will  depend  on  the  local 
turbulence  structure.  How  exactly  to  simulate  such  a  flow  is  n  matter  of  further  resenreh.  Simulation 
methodologies  should  state  the  parameters  of  the  boundary  layer  which  has  to  enter  the  next  streamwise 
critical  region.  The  CFD  method  used,  then  should  specify  what  characteristics  the  boundary  layer  should 
have  just  downstream  of  the  bubble.  This  in  turn  defines  the  required  manipulation  of  the  separation 
bubble.  The  CFD  method  used,  should  take  into  account  the  peculiarities  of  the  turbulence  structure 
downstream  of  bubbles,  trips  and  other  obstacles.  There  is  certainly  a  need  Tor  much  detailed  experimental 
research  on  the  subject. 

4.6.S.  Trailing-edge  flows  (not  necessarily  separated) 

The  viscous  flow  near  the  trailing-edge  of  an  airfoil  or  a  J-D  wing  has  an  overriding  influence  on  the 
circulation  and  hence  on  pressure  distribution  and  shock  location.  Therefore  in  any 
simulation/extrapolation  methodology  the  trailing-edge  region  deserves  special  attention.  The  most 
important  aspects  for  2D  flow  are; 

1.  for  lifting  cases  the  boundary  layer  approaching  the  trailing-edge  along  the  upper  surface  tends  to 
be  thicker  than  that  at  the  lower  surface;  this  causes  Bn  effective  decambcring  with  the  associated 
lift  loss; 

2.  the  streamlines  In  the  boundary- layers  and  the  wake  near  the  trailing-edge  (also  under  influence  of 
the  trailing-edge  angle)  are  curved  which  results  in  a  transverse  pressure  gradient; 

3.  related  to  (1)  the  flow  tends  to  leave  the  trailing-edge  in  the  direction  of  the  surface  which 
carries  the  boundary  layer  with  the  highest  momentum,  in  general  this  is  the  lower  surface  which 
contributes  to  the  decambering; 

4.  additional  weakening  of  the  upper  surface  boundary  layer  occurs  when  .  is  subjected  to  shock-wave 
boundary- layer  interaction  [1)7], 

For  a  swept  wing  there  is  the  additional  complication  that 

5.  the  flow  direction  for  the  upper-  and  lower  surface,  when  viewed  In  planform  may  be  markedly 
different  (and  varying  across  the  boundary  layer)  when  joining  up  at  the  trailing-edge. 

All  of  the  above  influences  combined  cause  an  appreciable  viscous  lift-loss  at  transonic  speeds,  which  may¬ 
be  strongly  dependent  upon  the  Reynolds  number.  This  again  emphasises  the  need  for  proper  simulation 
methodologies.  The  boundary -layer  approaching  the  trailing-edge  carries  with  it  its  whole  history  (free  or 
tripped  transition,  shock-wave  boundary- layer  interaction,  ndversc  pressure  gradient  between  shock  and 
trailing-edge).  Any  wrong  element  in  the  simulation  will  exert  n  large  influence  on  the  trailing-edge 
region  and  hence  on  the  global  flow.  It  nppears  that  parameters  to  be  simulated  at  the  trailing-edge  are 
boundary  layer  thickness  and  shape  factor.  To  what  extent  the  turbulence  intensity  and  structure  have  to  be 
simulated  is  not  clear  as  yet. 

Although  a  number  of  methods  to  calculate  2D  airfoil  flows  (including  the  trailing-edge  region)  is 
available,  capable  of  engineering  accuracy  (and  which  may  be  sufficient  for  simulation  and  extrapolation 
purposes)  improvements  are  needed  especially  for  3D  wings  and  non-standard  nirfoils  where  the  boundary- 
layer  (at  least  on  the  upper  surface)  is  brought  close  to  or  even  beyond  separation.  Well  designed 
experimental  Investigations  will  have  to  be  performed  to  reach  this  goal. 

Extensive  and  authoritative  reviews  of  the  flow  phenomena  described  nbovc  may  be  found  in  ACARD  CP-291  [11] 
on  the  Computation  of  Viscous- Inviscid  Interaction  (especially  paper  no.  1  by  Lc  Balleur,  no.  2  by  Lock  and 
no.  10  by  Melnik);  an  article  "Survey  of  techniques  for  estimation  of  viscous  effects  in  external 
aerodynamics"  by  Lock  and  Firmin  in  [48],  the  paper  [49]  by  Lock  in  [25]  and  a  number  of  papers  in  [50]. 

The  papers  by  Lock  and  Lock  and  Firmin  should  be  consulted  for  a  description  of  the  idea  of  calculating  a 
"real  viscous  flow"  by  the  introduction  of  an  "equivalent  inviscid  flow".  In  the  1985  review  by  Lock  [49], 
recent  modifications  to  the  shape  factor  relations  and  skin  friction  formulae,  as  used  in  the  lag 
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entrainment  oethod,  are  described.  These  modifications  are  in  part  based  on  the  ideas  of  Cross  as  discussed 
in  section  4.4  of  the  present  volume.  This  new  version  of  the  lag-entrainment  method  is  especially  better 
suited  for  calculating  separated  flow.  The  accuracy  is  shown  to  be  good  for  engineering  predictions;  the 
reader  is  referred  to  Locks  paper  for  a  detailed  discussion  of  some  examples,  a  detailed  calibration  is 
however  difficult  because  the  experimental  evidence  for  fully  separated  flow  is  sparse  and  of  unknown 
accuracy.  Further  research  along  these  lines  should  be  pursued.  For  descriptions  of  recent  benchmark 
experiments  the  reader  is  referred  to  the  articles  by  Thompson  and  Whitclaw  [51]  and  Nakayama  [52].  These 
(and  aimilar  experiments  which  should  be  performed)  deserve  a  thorough  analysis,  aimed  at  providing  the 
badly  needed  turbulence  modelling  for  trailing-edge  and  other  separntion  regions. 

4.6.6.  Turbulent  separation 


4. 6. 6.1.  Introductory  remarks  on  turbulent  separation 

The  improved  computational  capabilities,  both  due  to  hardware-  and  algorithm  development,  have  led  to  the 
existence  of  many  Important  CFD  programs  for  viscous  flows.  For  a  review  of  these  the  reader  is  referred  to 
the  contributions  by  Chan  (chapter  3-2.3)  and  Michel  (4.3)  in  the  present  volume.  However,  it  should  not  be 
forgotten  that  more  simple  methods,  based  on  empirical  correlations,  may  still  be  very  useful  in  design  and 
analysis,  and  certainly  in  simulation  methodologies  (see  the  contribution  by  Cross  in  chapter  4.4  in  the 
present  volume) . 

For  critical  flow  phenomena  such  as  shock-wave  boundary-layer  interactions,  we  will  have  to  rely  ouch  more 
on  empirical  correlationa,  such  as  have  been  discussed  by  Stancwsky  in  chapter  4.5  of  the  present  volume. 
In  the  current  chapter  wc  will  concentrate  on  the  sepnration  prediction  for  turbulent  flows  not  directly  at 
the  shock.  Of  course  the  weakening  of  a  turbulent  boundnry  layer  by  interaction  with  a  shock,  such  that 
further  downstream  separation  is  provoked,  will  be  included. 

The  subject  of  turbulent  separation  is  in  two  respects  more  complicated  than  in  the  laminar  case.  Of  course 
there  is  in  the  first  place  the  need  for  an  adequnte  turbulence  model  in  computational  procedures.  In  the 
second  place  it  should  be  observed  that,  even  for  a  flow  which  is  steady  in  the  mean,  turbulent  separntion 
is  an  unsteady  proces.  For  a  two-dimensional  mean  flow  wc  can  describe  the  "scpnrntion"  or  "detachment" 
proces  by  means  of  a  parameter  T.  which  is  the  fraction  of  time  the  instantaneous  flow  in  the  viscous 
sublayer  is  forward  (Kline  et  al  [53].  Simpson  [23]).  Fig.  19.  taken  from  Simpson  [23]  illustrates  this 
phenomenon;  the  related  terminology  follows  from  fig.  20.  It  should  be  noted  that  T  is  used  to  define  the 
severity  of  the  backflow  which  is  then  expressed  in  terms  such  as  "incipient  detnehment”.  "transitory 

detachment"  (T  =■  503!),  and  "detachment”  (time  mean  of  wall  shear  is  zero).  Mote  that  T  «  50'  and  »  0  are 

only  found  at  the  same  position  when  the  histogram  of  velocity  fluctuations  is  symmetric.  For  practical 
purposes  the  two  positions  may  be  assumed  to  coincide  (Kline  et  al  [53])-  Kline  and  also  Simpson  use  the 
word  "detachment"  where  previously  the  word  "sepnration"  was  used;  in  their  terminology  separation 
represents  the  flow  phenomenon  or  region  that  includes  detachment,  a  reverse  flow  zone  and  possibly  a 
reattachment  zone.  In  the  present  work  wc  will  bo  only  concerned  with  the  prediction  of  the  mean  flow  and 
will  stick  to  the  phrase  "separation"  to  denote  the  occurence  oT  a  mean  flow  streamline  leaving  the  wall. 
Observe  that  the  experimental  definition  of  a  separation  position  may  depend  on  the  instrumentation  or  flow 
vi sunlization  procedure  which  has  been  used. 

Much  to  the  present  authors  surprise  it  wns  found,  when  studying  the  relevant  literature,  that  the  accuracy 
of  turbulent  separation  prediction  still  leaves  much  to  be  desired.  Many  authors  seem  to  stay  away  from 
separation  (other  than  at  shock  wave  -  boundary  lnyer  internction)  nnd  state  that  their  methods  "may  be 
applicable  to  small  separations  only".  Very  often  they  seem  satisfied  when  their  methods  "give  some 
indication  that  separation  may  occur",  sometimes  due  to  brenk-down  of  the  computational  procedure. 

Much  attention  has  been  given  In  recent  years  to  the  development  of  computational  methods  for 
viscous/inviscid  interaction.  F-mphasis  seems  to  have  boon  on  the  computntionnl  procedures,  more  than  on  the 
required  turbulence  models.  Much  high  quality  experimental  resenreh  will  be  needed  to  provide  the  required 
bench-marks  for  turbulence  models.  These  investigations  should  include  the  effects  of  shock  wave  boundary 
layer  interactions,  laminar  separation  bubbles,  trips,  etc.  on  the  turbulence  structure  of  the  downstream 
now. 

4. 6. 6. 2.  Simple  criteria  for  turbulent  sepnration 

In  the  literature  very  often  thj  idea  of  a  separation  "criterion"  is  used  to  aid  in  determining  when  and 
where  separation  occurs.  There  seems  to  be  some  confusion  in  the  use  of  the  word  "criteria"  in  relation  to 
the  predicltion  of  separation  and  also  of  transition.  It  should  be  observed  that  the  sepnration  position 

can  be  defined  precisely:  for  steady,  laminar  2D  flow  as  the  position  where  t  *  0  or  where  reversed  flow 

o 

near  the  wall  sets  in:  for  turbulent  flow  some  time-averaged  vnlue  of  should  become  zero;  for  3D  flow 

the  topology  of  the  sk in- f ric t ion  lines  has  to  be  considered.  In  all  cases  a  precise  definition  of 
separation  can  be  given  and  the  separation  position  should  in  principle  follow  unnmbiguously  from  a 
calculation  or  experiment.  In  prncticc  some  problems  mny  occur,  bccnusc  it  mny  be  diffirult  to  mensurc  wall 
shear  stress  or  simple  calculation  methods  may  not  provide  directly.  Then  some  other  pnrameter  or  a 

combination  of  parameters,  hns  to  be  used  to  check  on  the  occurrence  of  separation.  These  parameters  should 
exactly  and  uniquely  be  related  to  tq  and  therefore  would  provide  nn  exact  determination  of  sepnration.  The 

word  "criterion"  then  should  not  bo  used.  Note  that  the  use  of  It  or  |  ^  Tor  non-equilibrium  rlow  docs  not 

satisfy  our  requirements  (sec  also  chapter  4.4  by  Cross);  these  parameters  enn  only  be  used  ns  part  of  more 
complicated  expressions  in  which  non-equilibrium  effects  have  been  tnken  into  nccount. 

Considering  the  present  CFD  capabilities  wc  should  not  be  sntisried  with  nny  method  thnt  does  not  provide  a 
good  prediction  or  separation.  The  use  of  "criteria"  to  "gucstimate"  scpnrntion  should  he  nvoided  ns  fnr  ns 
possible. 

With  transition  criteria  the  situation  is  different,  because  it  mny  not  be  possible  to  define  uniquely  when 
a  flow  may  be  called  turbulent.  However,  once  such  a  definition  would  be  given,  the  prediction  of 
transition  depends  only  on  our  ability  to  compute  a  trnnsitional  flow.  Only  when  avnilablc  cnlculation 
methods  cannot  distinguish  whether  the  turbulent  stntc  has  been  reached,  we  nrc  forced  to  use  "transition 
criteria"  which  give  an  approximation  only.  Examples  arc  Granville's  criterion  (a  certnin  combination  of 
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pressure  gradient  data  and  free  stream  turbulence  level)  or  the  en  method  which  is  based  on  linear 
stability  theory.  In  these  cases  the  word  criterion  can  and  should  be  used  to  indicate  our  inability  for  an 
exact  prediction. 

A  number  of  separation  criteria  which  have  been  and  sometimes  are  still  being  used  are  the  following: 

-  the  shape  factor  H;  aeparation  values  between  2  and  4  have  been  proposed;  it  was  shown  by  Cross 
(chapter  4.4  of  this  volume  and  [54])  that  H  *  4  corresponds  to  separation  of  equilibrium  flow  and 
t*  at  /alues  around  2  may  occur  in  larger  adverse  pressure  gradients  as  are  found  near  trailing-cdgcs 
isee  also  section  4. 6. 6. 3). 

-  the  pressure  gradient  parameter  -  jj  ;  values  around  0.004  are  often  quoted  [55]* 

-  rapid  growth  of  <5*. 

-  Stratford  type  criteria,  where  the  pressure  coefficient  at  separation,  and  hence  the  position  of 
separation,  follows  from  the  boundary  layer  data  at  the  position  of  minimum  pressure  and  the 
downstream  adverse  pressure  distribution. 

-  even  the  inability  to  proceed  with  a  calculation  procedure  has  been  used  os  on  indication  of 
approaching  aeparation. 

-  for  trailing-edge  separation  induced  by  an  upstream  shock  or  "flow  breakdown"  between  shock  and 
trailing-edge.  correlations  between  shock-upstrcam  Machnumber.  airfoil  geometry  and  shape  of  the 
pressure  distribution,  etc.  are  being  used. 

-  a  well-known  correlation  for  trailing-edge  separation  due  to  an  upstream  shock-wave  has  been  developed 
by  Kahn  and  Cahill  (see  discussions  of  it  in  the  present  volume  in  section  2.2. 3.6  by  Peterson  and  in 
3.2.3*  by  Chan) . 

It  should  be  stressed  that  criteria  and  empirical  correlations  arc  valid  only  in  circumstances  wiich  are 
comparable  to  those  used  to  derive  them.  When,  for  instance,  new  airfoil  types  are  introduced,  the  older 
correlations  may  loose  their  value.  One  should  constantly  be  aware  of  this.  The  more  local  the  correlation 
is,  the  more  universally  it  may  be  valid.  With  the  present  state  of  the  art  in  CFD  we  should  aim  at 
computation  of  viscous  flow  in  non-critical  regions,  using  the  proper  shape  factor  correlations,  taking 
into  account  the  possible  departure  from  equilibrium  and.  for  other  methods,  using  zonal  turbulence 
modelling.  It  is  advised,  where  possible,  not  to  rely  any  more  on  simple  correlations  and  criteria  but  to 
make  use  of  the  best  CFD  program  which  is  available  within  the  budget  for  a  certain  program.  This  budget 
should  be  at  least  os  high  as  to  allow  the  use  of  a  boundary  layer  code  with  a  better  than  "simple** 
separation  criterion  and  including  (strong)  viscous/inviscid  interaction.  The  use  of  empirical  correlations 
should  be  reserved  for  "critical  flow  phenomena"  as  defined  in  chapter  4.2.  The  discussion  on  shock  wove 
boundary  layer  interactions,  as  given  by  Stanewsky  in  chapter  4.5.  nay  be  quoted  as  an  example.  Furthermore 
it  should  be  realised  that  the  CFD  programs,  referred  to  above,  will  still  rely  on  empirical  information  in 
the  form  of  turbulence  models  or  shape  factor  correlations. 

To  illustrate  the  above  discussion  on  "simple  separation  criteria"  we  may  refer  to  an  interesting 
evaluation  of  such  criteria  by  Hahn  (56).  For  two-dimensional  incompressible  flow  the  following  separation 
criteria  have  been  compared  to  a  number  of  experimental  results. 

-  5tratford 

-  Townsend  *  modified  Townsend 

-  Goldschmied 

-  Bradshaw'  -  Calca 

-  Robertson 

-  Sandborn  -  Liu 

-  Boeing  boundary  layer  program  based  on  the  Nosh-Hicks  method. 

The  Stratford  criterion  is  bnsed  upon  a  division  of  the  boundary  layer  in  o  wall  region  and  in  on  outer 
region  with  corresponding  simplifying  assumptions.  This  lends  to  a  rcmnrkable  simple  rclntion  between  the 
pressure  coefficient  at  separation  and  the  (turbulent)  boundary  layer  parameters  at  the  start  of  the 
pressure  rise. 

Roughly  spenking  nil  other  criteria,  except  the  boundary  Inver  calculation  method,  arc  of  the  Strntford 
type  where  separation  is  predicted  using  some  boundary  layer  charnctcris tic  nt  the  beginning  of  the 
pressure  rise  region  and  the  pressure  distribution  downstream;  for  further  detnils  see  [5b].  All  criteria 
have  been  applied  to  measured  pressure  distributions  which  nil  show*  pressure  gradient  relief  near 
separation.  All  calculations  hnvc  been  mndc  for  extrnpolatcd  pressure  distributions,  however,  without 
taking  into  account  the  viscous/inviscid  interaction.  Fig.  21  shows,  os  on  example,  the  results  for 
experimental  datn  due  to  Schubaucr  and  Klebanoff.  This  shows  clearly  that  some  methods  give  early 
separation,  some  would  not  hnvc  shown  separntion  at  all  if  the  rcnl  mensured  pressure  distribution  would 
have  been  used  without  interaction.  Note  that  Townsend  predicts  nt  scpnmtion  very  close,  it  should  be 

observed  however  thnt  his  criterion  was  developed  using  these  some  experimental  data. 

An  impression  of  the  (lack  of)  nccuracy  enn  be  obtnined  from  figs.  22  through  2?.  A  general  conclusion  is 
that  a  full  boundary  layer  calculation  gives  better  results  thnn  the  simple  Strntford  type  criteria. 
However  the  boundnry  layer  calculations  should  be  improved  by  using  n  strong  interaction  procedure.  It 
should  be  noted  that  [56]  dotes  from  1973*  Our  CFD  capabilities  have  since  then  increased  to  such  an  extent 
that  there  is  not  much  need  to  stick  to  the  simple  criteria. 

Hahn's  discussion  of  sepnration  criteria  foi  compressible  flow  is  mninly  restricted  to  transonic  flow  and 
especially  in  the  shock  region;  trniiing-cdgc  scpnrntion  is  not  discussed.  Since  the  date  of  Hahn's  review 
our  knowledge  on  shock-wave  boundnry  layer  interaction  has  much  improved;  this  1ms  been  discussed  by 
Stanewsky  in  chnptcr  4.5  of  the  present  volume,  to  which  the  render  is  referred. 

4.6.6. 3.  Some  results  on  shape  factor  correlations 


Interesting  shape  factor  correlations,  in  rclntion  to  *' .scpnrntion"  nnd  "detachment"  hove  been  discussed  by 
Kline  ct  «1  [53.  57]  nnd  by  Simpson  in  his  review  paper:  "Two-dimensional  turbulent  separated  flow"  (23). 

The  discussion  by  Kline  relates  to  fig.  28  where  n  correlation  plane  of  h  vs  a  is  g*  .  n,  where  h  *  -jj-  nnd 

A  =  6*/6.  The  wall -wake  correlation  according  to  Coles  (curve  W-W  in  fig.  28;  ts  nt  most  only  weakly 
dependent  on  Reynolds  number,  nnd.  in  n  zone  of  either  "detachment"  or  reattnehaent  h  *  h(A)  is  linear 
and  independent  of  Rc.  Scpnrntion  for  equilibrium  fiow  according  to  Coles  occurs  for  a  *  0.5  nnd  I!  *  4. 
Included  in  fig.  is  the  Snndboin-Kl inc  correlation  for  "incipient  detnehment"  (curve  i-D). 

Kline  mentions  that  oil  known  points  for  detachment  recorded  in  the  literature  are  shown  In  the  figure. 
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With  the  exception  of  flows  far  from  equilibrium,  all  data  center  on  the  intersection  of  curve  W-W  and 
curve  I-D,  but  considerable  scatter  exists. 

Simpson's  version  of  the  h-A  diagram  ia  reproduced  here  aa  fig.  29.  Its  description  by  Siapson  in  [23]  ia 
as  follows: 


"Sandborn  and  Kline  observed  that  a  faaily  of  power-law  profiles  aeeaed  to  fit  data  near  where 
appreciable  intermittent  backflow  was  observed.  This  faaily  of  profiles  yielded  the  relation 


h 
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H 


6 _ 

60.995 


-1 


which  is  shown  on  fig.  29.  The  mean  wall  shearing  stress  is  greater  than  aero  at  this  condition. 
Another  faaily  of  power-law  moan  velocity  profiles  that  had  aero  shearing  stress  at  the  wall  were  used 
to  deacribe  conditions  at  detachment  (eqn.  6  of  Sandborn  and  Kline).  Pig.  29  shows  this  h  vs.  d*/d 
relation,  at  turbulent  detachment,  which  alao  correlatea  laminar  detachment  data.  The  shaded  regions  on 
tMs  figure  show  the  data  used  by  Sandborn  and  Kline  and  Kline  et  al.  (1983)  that  support  these 
relationships. 

Fig.  29  also  showa  h  vs.  6m/6  paths  taken  by  several  backward  facing  step  reattaching  and  adverse- 
pressure- gradient- induced  detaching  flows.  Using  a  modified  Coles  law-of-the-wall  and  law-of- the-wake 
mean  velocity  profile  model,  Kline  et  al.  showed  that  the  h  vs.  6 */d  path  is  only  weakly  Reynolds 
number  dependent  even  for  low  &m/6  and  is  nearly  the  saae  for  flows  on  flat  or  low  curvature  surfaces. 
The  Perry  and  Schofield  correlation  produces  a  path  among  these  data,  as  do  the  experiments  of  Chu  and 
Young  (1975).  This  path  can  be  approximated  by 

h  «  1.5(<5*/d' 

for  high  Reynolds  numbers.  Note  that  it  crosses  the  h  vs.  6m/6  relationships  for  intermittent  backflow 
and  detachment  in  the  shaded  regions.  For  near-equilibrium  flows  satisfying  the  Coles  velocity  profile 
model,  intermittent  transitory  detachment  occurs  at  <5*/6  «  0.92,  and  H  »  2.70  (end  of  quote) - 

Although  the  description  in  the  h-A  plane,  as  quoted  above,  has  been  very  useful  in  clarifying  the 
"separation"/detachment"  characteristics  of  turbulent  boundary  layers,  it  draws  too  heavily  on  equilibrium 
flows  and  its  related  "wall-wake”  velocity  profile  description.  In  order  to  make  further  progress  the 
departure  from  equilibrium  should  be  accounted  for.  A  worthwhile  start  with  this  has  been  made  by  Cross  in 
chapter  9.9  of  the  present  volume.  This  line  of  attack  has  to  be  further  pursued  to  arrive  at  a 
computational  procedure  which  is  sufficiently  advanced  to  describe  two-  (and  three-)  dimensional  turbulent 
separation  to  such  an  accuracy  that  it  can  be  used  for  simulation  purposes.  In  the  opinion  of  the  present 
writer  we  have  not  yet  reached  this  state  completely.  In  the  next  chapter  we  will  briefly  review  the 
development  of  turbulent  separation  prediction  in  the  last  two  decades,  deTine  the  present  state  of  the  art 
and  indicate  where  further  research  is  needed. 

9.6. 6.9  Development  of  turbulent  separation  prediction  capabilities  since  1968  and  present  state  of  the  art 

An  important  milestone  to  start  any  review  of  turbulent  boundary  layer  prediction  ia  the  first  Stanford 
conference  in  1968  [58].  In  this  conference  33  incompressible  two-dimensional  boundary  layer  flows  have 
been  documented  and  28  different  methods  have  been  used  to  compute  these  flows.  Possible  inaccuracies  in 
the  data  were  indicated  using  a  "momentum  balance"  method  obtained  by  integrating  the  momentum  integral 
equation  (without  Reynolds  normal  stresses)  w.r.t.  x.  Putting  the  skin-friction  term  in  the  righthand  side 
of  the  equation  and  all  remaining  terms  in  the  left-hand  side,  both  sides  were  listed  for  all  flows  for 
various  streamwisc  stations.  As  soon  as  on  unbalance  shows  up,  this  may  be  due  to  inaccurate  data,  flow 
-onvergence  or  divergence  or  the  existence  of  an  important  contribution  of  the  normal  Reynolds  stresses. 
Especinll”  near  separation  the  two  last  mentioned  effects  may  occur. 

Although  some  of  the  33  flows  considered,  showed  separation  in  the  experimental  results,  no  precise 
conclusions  on  the  suitability  of  the  various  methods  for  the  prediction  of  separation  could  be  drawn, 
either  because  the  experiments  were  not  extended  far  enough  in  the  aeparated  region  or  due  to  uncertainties 
about  the  momentum  balance.  Also  the  occurrence  of  pressure  gradient  relief  near  separation  in  the 
experimental  results,  without  the  use  of  viscous-inviscid  interaction  procedures  in  most  of  the 
computations,  may  have  caused  problems.  Furthermore  the  uncertainty  about  the  effect  of  the  normal  Reynolds 
stresses  or  a  pressure  gradient  normal  to  the  wall  nenr  separation  may  have  been  important.  It  is  of  course 
very  difficult  to  distinguish  between  the  various  effects  mentioned. 

The  outcome  of  this  important  conference  was  rather  disappointing  with  regard  to  the  quality  of  separation 
prediction  at  that  time  (1968). 

From  the  conclusions  of  the  evaluation  committee  we  quote  [58,  pages  970  and  971]. 

"We  have  drawn  no  conclusion  relative  to  the  prediction  of  separation  since  none  of  the  methods  currently 
in  use  is  really  legitimate  there,  and  the  available  data  are  likewise  suspect.  New  carefully-cross-checked 
data  thru  separation  are  critically  important.  Some  of  the  present  methods  which  appear  to  show  separation 
need  to  be  critically  examined  to  be  sure  the  predictions  arc  predictions  of  real  physics  and  not  Just 
mathematical  peculiarities  of  the  formulation". 

The  above  quotations  clearly  point  out  the  deficiencies  in  separation  prediction  for  incompressible 
turbulent  flow  as  of  1968.  They  should  not  be  taken  to  mean  Ihnt  a  reasonable  engineering  accuracy,  which 
might  be  sufficient  for  simulation/extra-polation  methodologies,  might  not  be  obtained  through  small 
improvements. 

The  entrainment  method,  as  first  developed  by  Head  [59],  was  one  of  the  methods  showing  good  results  at  the 
Stanford  1  meeting.  Later  it  was  improved  by  Green  [60]  through  inclusion  of  a  lag  effect.  The  method  is 
often  used  and  seems  to  have  been  accepted  for  engineering  calculations.  As  later  developments  also  point 
to  a  preference  to  use  the  ( lagjentrainoent  concept  (aee  Chan,  section  3-2.3  and  Cross,  chapter  9.9,  both 
in  the  present  volume)  it  seems  useful  to  review  the  entrainment  concept  with  apccinl  emphasis  on  ita 
separation  prediction  qualities.  In  Greens  version  it  ia  easy  co  take  into  account  oxtrnneous  influences  on 
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the  turbulence  structure  by  suitable  adjustments  to  the  dissipation  length  scale  L/6  ( free-stream 
turbulence,  longitudinal  curvature,  flow  convergence  or  divergence). 

Although  the  underlying  mechanisms  are  not  yet  well  established  and  probablv  ouite  different  from  case  to 
case,  the  method  may  be  useful  for  engineering  purposes.  Figs.  30a  through  30e  give  some  comparisons  of 
Green's  method  with  experimental  data  for  the  RAE  28l4  airfoil  at  H  *  0.725-  It  should  be  observed  that 
some  nominally  2D  flows  can  suffer  from  flow  convergence  or  divergence  (detected  through  failure  of  the 
momentum  balance).  Differences  between  theory  and  experiment  can  also  be  due  to  growth  of  Reynolds  normal 
stresses  near  separation.  In  making  the  comparisons  Green  has  in  some  cases  forced  the  calculated  0  to  fit 
the  experimental  data  by  assuming  that  the  whole  difference  was  due  to  convergence  or  divergence:  tho 
calculated  values  of  H  and  Cj.  are  then  in  general  improved.  From  these  results  it  may  be  concluded  that  for 

engineering  purpoaes  the  two-dimenaional  version  of  the  method  can  be  accepted;  some  improvement  near 
separation  would  be  welcome  however. 

The  prediction  of  the  development  of  two-dimensional  separated  turbulent  boundary  layers  by  the  lag- 
entrainment  method  has  been  discusaed  by  East  et  al  in  [61].  An  inverse  mode  has  been  added  in  which  6 *  is 
prescribed.  It  follows  that  the  standard  form  (applied  to  low  speed  flows  and  transonic  shock-induced 
separated  flows)  underestimates  the  shape  parameter  and  overestimates  the  adverse  pressure  gradient  in  the 
separated  region.  The  authors  suggest  that  primarily  this  is  due  to  the  use  of  the  shape  parameter 
relationship  which  has  a  substantial  influence  on  the  predictions  in  separated  flow  but  is  based  only  on 
attached  flow  data.  A  modified  relationship  gives  much  improvement.  Questions  remain  with  regard  to  the 
quality  of  the  experimental  data  (convergence/divergence)  and  the  "equilibrium  locus"  used  in  the  method 
which  is  based  on  attached  flow  data.  More  experimental  data  are  needed. 

Recently  Lock  described  some  modifications  to  the  lag-entrainment  method  to  improve  upon  its  accuracy  for 
separated  flow  (see  section  4.6.5).  Cross  (see  chapter  4.4)  combined  the  entrainment  concept  with  his 
modification  of  the  Coles  wall-wake  description  of  turbulent  boundary  layers.  Although  all  these  results 
are  promising,  much  more  work  than  can  be  done  in  the  present  review,  has  to  be  performed  to  arrive  at  a 
definite  procedure  which  is  sufficiently  accurate  for  simulation  purposes.  This  is  certainly  the  case  for 
3D  boundary  layers  to  which  the  lag-entrainment  method  has  been  extended  by  Smith  [62,  63],  see  also 
section  4.6.8. 

When  reviewing  the  development  and  present  status  of  turbulent  boundary  layer  separation  prediction,  there 
is  an  impressive  list  of  AGARD  Conference  Proceedings  and  Lecture  Series  to  be  consulted  ([1]  through 
[15]).  In  the  present  section  we  will  briefly  review  this  material  as  far  as  it  is  concerned  with 
separation  prediction. 

In  AGARD  CP-83  (15/1)  Green  reviews  the  (in  1971)  current  understanding  of  viscous- inviscid  interactions, 
with  particular  reference  to  the  characteristi  s  of  interactions  on  transonic  swept  wings  and  -.heir 
dependence  on  Reynolds  number.  It  is  stated  that  "Away  from  shock  waves,  boundary  layer  separation  depends 
on  the  upstream  history  of  the  flow  in  such  a  way  that  there  is  little  point  in  attempting  to  isolate  the 
separation  process  from  the  boundary  layer  development  which  precedes  it.  Boundary-layer  development  must 
be  regarded  as  a  whole  and,  if  predictions  have  to  be  made,  the  only  course  open  is  to  use  a  well-proven 
boundary- layer  calculation  method'. 

AGARD  CP- 102  (1972)  contains  a  now  classical  paper  by  A.H.O.  Smith  on  "Aerodynamics  of  high-liTt  airToil 
systems".  It  gives  an  evaluation  of  the  accuracy  of  some  existing  methods  for  the  prediction  of  turbulent 
separation,  namely  Goldschmied.  Stratford,  Head  and  the  Cebeci-Smith  boundary-layer  method.  The  last  three 
mentioned  "proved  satisfactory  for  purposes  of  general  engineering  analysis".  Some  typicol  results  for 
incompressible  flow  are  shown  in  figs.  31.  32  and  33-  Pis-  34  gives  some  further  results  obtained  by  the 
Cebeci-Smith  method.  It  is  concluded  that  "for  rear  separation  (no  laminar  bubble-reattachment  situation) 
existing  boundary  layer  methods  are  sufficiently  accurate"  to  justify  their  further  engineering  use.  It  is 
also  claimed  that  the  Cebeci-Smith  method  "con  account  Tor  high  Reynolds  number  and  Mach  number  effects 
accurately" . 

In  AGARD_CPI168  (1975)  the  paper  by  Siirieix  on  "Dccollement  turbulent  en  ecoulement  bidimensionnel" 
(turbulent  separation  in  2D  flow)  quotes  an  analysis,  extended  to  subsonic  compressible  flow  that  has  been 
performed  by  Gerhart  et  al  [64].  Eight  different  methods  have  been  tested  against  experimental  results  by 
Alber  et  al  [65]  in  one  experimental  set-up  (fig.  35).  Much  more  scatter  is  obtained  than  in  the  Cebeci- 

Smith  exercise  of  fig.  34.  Sirieix  then  concludes  that  even  if  separation  in  most  "classical"  cases  is 

predicted  well  by  the  most  elaborate  boundary  layer  calculation  methods  (Bradshaw  and  Ferris),  there  remain 
certainly  "rebellion  cases". 

In  AGARD  CP- 174  (1975)  Wu  et  al  study  transonic  high  Reynolds  number  flow  separation  with  a  severe  upstream 
disturbance:  a  shock -gene rated  local  separation  interacting  with  the  downstream  trailing-edge  separation  is 
a  good  example  of  such  a  phenomenon.  "The  boundary  layer  after  suffering  a  disturbance,  will  deviate  from 
the  normal  equilibrium  status.  Obviously,  this  disturbed  now  will  not  react  in  the  snme  manner  to  the 
downstrenm  adverse  pressure  gradient  as  would  the  normal  boundary  layer  flow".  The  test  model  used  was  a 
long  and  shallow  cavity  configuration.  A  controlled  upstream  disturbance  is  then  provided  by  the  rearward 
facing  step  of  the  cavity  (height  approximately  equal  to  the  boundary  layer  thickness).  This  provides  n 
significant  local  separation  and  "enables  the  flow  to  go  through  the  process  of  expansion,  mixing, 

reattachmont.  recompression  and  lelaxation.  These  arc  the  significant  ingredients  encountered  in  most 

upstream  disturbances".  The  downstream  rcseparation  mechanism  is  provided  by  the  forward  facing  step  which 
gives  a  positive  pressure  gradient  sufficiently  strong  to  separate  the  flow  locally.  In  the  present 
reviewers  opinion  this  is  the  type  of  experiment  which  should  be  used  ns  benchmark  for  turbulence 
modelling. 

AGARD  LS-73  (1975)  (fives  a  good  review  of  the  status  of  computational  procedures  in  1975.  A  general 
conclusion  is  that  the  increased  computational  capabilities  hnve  resulted  in  many  machine  codes  thnt  can 
generate  solutions  but  that  there  is  an  urgent  need  Tor  more  we  1 1 -des i gned  experiments  to  develop  and  test 
turbulence  models.  It  is  also  realised  that  zonal  modelling  may  be  the  wny  to  go. 

In  AGARD_CP;204  (1976)  a  good  review  of  problems  and  possibilities  of  lond  prediction  for  engineering 
applications  is  given,  As  long  a  separated  regions  have  n  modest  extension,  accurncy  was  considered  by  some 
speakers  to  be  sufficient  for  the  purpose  stated.  Others  noted  n  Inck  of  understanding  and  computing 
enpability  especially  for  more  extended  separations . 

Even  in  ACARD_CP;2"Q  (1979).  especially  devoted  to  "Turbulent  Doundary  Layers.  Experiments,  Theory  and 
Modelling”  not  much  new  information  on  turbulent  separation  was  provided:  emphnsis  was  on  large-scale 
coherent  structures  and  more  advanced  numerical  viscous  codes.  Tho  need  for  better  turbulence  models  was 
clearly  stated.  It  nlso  wa«  observed  thnt  turbulent  normal  stresses  in  streamwi.se  direction  have  to  be  tnken 
into  account  in  the  neighbourhood  of  separation.  Progress  wns  thought  to  be  held  up  by  the  lack  oi  good 
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experimental  data  on  aeparating  turbulent  flow.  To  quote  a  remark  made  by  Klebanoff  in  the  final  Round 
Table  Discussion:  "I  have  been  observing  and  listening  to  the  accounts  of  what  has  been  accomplished  and. 
in  view  of  the  difficulties  that  have  been  revealed  relative  to  the  handling  of  the  very  strong  pressure 
gradients,  and  the  difficulties  in  calculating  separation,!  believe  I  am  permitted  the  observation  that  not 
much  substantative  progress  has  been  made  in  the  last  30  years".  Of  course  it  should  be  reiterated  that  the 
required  accuracy  for  prediction  or  extrapolation  purposes  may  be  different  and  that  good  engineering 
methods  might  be  based  on  current  capabilities. 

In  AGARO  CP-291  (1980)  excellent  reviews  are  given  of  the  1980  state  of  the  art  in  the  computation  of 
viscous-inviscid  interactions.  Much  attention  is  given  to  the  coupling  procedures  as  such;  the  viscous  part 
haa  -  in  general  -  been  restricted  to  the  use  of  relatively  simple  integral  methods.  In  this  way  the  main 
viscous  effects  are  represented  reasonably  well.  It  is  not  easy  to  grasp  the  accuracy  of  the  various 
computations.  Especially  systematical  research  to  establish  the  level  of  accuracy  of  the  methods  to  predict 
separation  ia  absent.  Further  study  is  needed  to  determine  whether  available  methods  and  their  further 
developments  are  suitable  for  "predictions",  "simulations"  or  "extrapolations".  Many  of  the  methods 
presented  stay  away  from  separated  flows.  Nevertheless  some  methods  may  give  good  engineering  results. 

The  1980/1981  Stanford  II  conference  on  "Complex  Turbulent  Flows"  [66]  certainly  deserves  to  be  reviewed  in 
the  present  chapter,  if  alone  to  show  that  even  in  the  early  eighties  the  prediction  of  turbulent 
separation  is  still  a  problem.  For  the  present  purpose  the  following  flow  cases,  from  the  many  discussed  at 
the  conference,  are  of  interest: 

a.  the  NACA  9912  stalled  airfoil  at  low  speed 

b.  Some  transonic  airfoila 

c.  Internal  flows 

In  the  cases  mentioned  under  (b)  attention  was  restricted  to  fully  attached  boundary  layers,  as  it  was  felt 
that  separated  cases  involved  complicating  features  that  would  best  be  adressed  in  the  conference  section 
dealing  exclusively  with  separated  flow.  Some  reservation  was  expressed  in  using  these  datasets  because  of 
uncertainties  due  to  wind  tunnel  wall-  and  pitot  tube  interference. 

A  very  important  example  of  an  internal  flow  is  the  stalled  diffusor  studied  by  Simpson  et  al.  This  case 
will  be  discussed  separately  below.  Case  (a)  is  concerned  with  "massive  separation",  the  prediction  of 
which  may  not  be  very  sensitive  to  details  or  turbulence  modelling.  This  is  probably  the  reason  that  good 
predictability  was  reported.  However  prediction  of  the  separation  position  itself  does  depend  on  the 
quality  of  the  turbulence  model.  Not  much  progress  in  this  respect  was  reported.  It  was  stated  that  "the 
search  for  a  universal  model  of  turbulence,  which  can  provide  answers  of  an  engineering  accuracy  for  a  wide 
range  of  turbulent  homogeneous  and  shear  flows  is  premature  and  may  remain  "illusory".  As  a  consequence  the 
idea  of  "zonal  modelling"  was  strongly  advocated  by  Kline.  This  means  that  not  a  universal  turbulence  model 
is  sought  but  that  in  different  zones,  where  different  types  of  flow  a  occur,  a  different  turbulence 
model  is  used.  In  the  present  context  of  turbulent  flow  calculations  related  to  the  simulation  problem, 
this  means  that  it  may  be  necessary  to  develop  different  turbulence  models  Tor  attached  or  separated  flows, 
the  flow  downstream  of  various  trips,  separation  bubbles,  natural  transition  or  shock-wave  boundary  layer 
interaction,  or  in  the  trailing-edge  regions. 

Some  Turther  conclusions  from  this  meeting  deserve  to  be  quoted: 

-  "Integral  methods  have  emerged  as  providing  powerful,  yet  economical,  approaches  providing  their 

limitations  are  recognized  and  respected.  It  is  a  level  at  which  one  is  modelling  turbulent  flows 
rather  than  turbulence  . " 

-  "At  the  differential  level  the  Conference  results  have  underlined  that  mixing-length  models  should  not 
be  used  in  compressible  flows,  for  the  length  to  reattachment  seems  to  be  consistently  overpredicted 


-  "The  general  accuracy  of  results  involving  separated  riows  was  significantly  worse  than  for 
corresponding  attached  flows.  For  a  flow  involving  senaration.  the  Reynolds  stress  methods  did  no 
better  then  the  less  sophisticated  approaches,  and.  in  a  restricted  sense,  the  integral  methods  gave 
the  best  accuracy-'. 

-  "It  is  clear  that  there  are  great  difficulties  involved  in  truly  three-dimensional  computations". 

From  the  previous  review  it  has  to  be  concluded  that,  although  much  progress  has  been  made  on  viscous  flow 
computation,  a  clear  picture  on  the  prediction  of  turbulent  separation  has  not  yet  been  obtained.  We  can  do 
no  better  than  conclude  this  review  by  referring  to  a  recent  authoritative  discussion  on  two-dimensional 
turbulent  separation  by  R.L.  Simpson  [23]  (97  pages  text,  about  900  references  and  93  figs!).  An  important 
contribution  to  the  subject  has  been  given  by  Simpson  himself  and  his  group  [67.  68). 

Present  reviewer  considers  this  to  be  the  most  complete  recent  review  of  the  subject.  It  is  not  easily 
digested  in  sufficient  detail:  therefore  we  will  restrict  ourselves  to  some  main  conclusions. 

In  (23]  both  airfoil  and  diffusor  flows  are  discussed,  Many  of  the  results  shown  have  been  obtained  by 
Simpson  and  co-workers  in  the  channel  shown  in  fig.  38a  and  3&b.  Results  on  shape  factor  correlations  have 
been  discussed  already  in  section  9.6.6. 3  in  relation  to  the  work  of  Kline. 

Some  important  statements  made  by  Simpson  which  are  relevant  to  the  present  discussion  are  very  briefly 
summarized  below. 

-  Normal  Reynolds  stress  terms  play  an  important  part  in  both  the  momentum  and  the  turbulence  energy 
equations  for  flows  approaching  separation. 

-  Eddy  viscosity  and  mixing-length  values  decrense  as  detachment  is  approached. 

-  The  turbulent  energy  production  through  the  normal  stresses  is  important  in  separating  flows.  Fig.  37 
shows  this  for  flows  approaching  detachment. 

-  Streaawiac  surface  curvature  influences  the  behaviour  of  a  turbulent  boundary  layer. 

-  Turbulent  ahear  stress  near  reattachment  is  very  much  higher  than  at  detachment  for  the  same  mean 
velocity  profile  shape  factor.  Some  distance  downstream  of  reattnehment  these  stresses  decay  to  levels 
as  found  for  attached  boundary  layers  (fig.  38).  Note  that  results,  as  shown  in  fig.  38  can  only  be 
used  in  computational  procedures  if  these  can  be  brought  in  the  form  of  a  universal  correlation. 

-  Shock-induced  detachment  produces  n  flow  structure  similar  to  that  for  detached  lmcomprossiblc  flows. 
Mean  velocity  profiles  and  the  turbulence  structure  downstream  of  reattachment  look  qualitatively  like 
that  for  incompressible  reattaching  flows. 

-  Clearly,  more  experiments  are  needed  to  firmly  cstnhlish  the  nature  and  structure  of  separating  and 
reattaching  flows  (including  effects  of  wall  curvature  and  compressibility). 

-  Calculation  methods  need  substantial  improvement  before  they  can  be  used  confidently  to  compute  flows 
for  which  we  do  not  already  know  the  answers  from  experiments. 

As  a  main  conclusion  of  tho  present  review  emerges  the  following: 

-  the  accurate  prediction  of  2D  turbulent  separation  leaves  much  to  be  desired,  although  slight 
Improvements  on  the  entrainment  type  methods  might  be  sufficient  for  simulation  purposes 
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-  ouch  nore  attention  should  be  given  to  zonal  turbulence  modelling  with  particular  attention  to 
separatlon/detachnent  and  reattachaent  zones. 

the  possibility  of  turbulent  separation  bubbles  fe.g.  "cove  separation") 

It  Bight  be  possible  that  in  turbulent  flows,  developing  under  an  adverse  pressure  gradient  followed  by  a 
strong  favourable  pressure  gradient,  a  "turbulent  separation  bubble"  will  fora.  This  might  be  the  case  for 
instance  on  tha  lower  aurface  of  a  rear  loaded  airfoil  ("cove  separation").  During  the  literature  review 
which  was  undertaken  before  writing  the  present  paper,  no  direct  information  on  this  type  of  flow  was 
encountered.  It  can  be  expected  however  that  turbulent  separation  rapidly  followed  by  turbulent 
reattachaent.  will  show  a  peculiar  turbulence  structure.  Indeed  a  good  candidate  flow  for  zonal  turbulence 
modelling! 

*1.6.8.  On  tha  separation  properties  of  three-dimensional  turbulent  boundary  layers 

A  ,^ood  review  of  the  198il-knowledge  of  the  three  dimensional  turbulent  boundary  layer,  including  its 
separation  characteristics,  can  be  found  in  the  report  on  an  FDP-Round  table  discussion  [24];  some  updating 
has  been  given  in  [26]. 

In  addition  to  the  problems  already  encountered  in  the  2D-case  (such  as  the  lack  of  adequate  turbulence 
models,  the  need  to  use  strong  interaction  procedures)  there  arise  some  new  problems.  Prominent  is  the 
question  of  the  direction  of  the  shear  stress  vector  in  relation  to  that  of  the  velocity  gradient  vector: 
the  two  need  not  coincide.  It  appears  that  the  cross-wise  eddy  viscosity  is  smaller  than  that  in  the 
streamwise  direction.  In  general  it  may  be  concluded  that  current  turbulence  models  are  inadequate  for  3D- 
separatlon  prediction  but  that  this  will  not  ahow  up  in  cases  where  pressure  forces  dominate  over  the  shear 
stresses.  In  the  contribution  of  Young  to  [24]  reference  is  made  to  work  by  Cross  (see  also  chapter  4.4  in 
the  present  volume)  in  which  Integral  methods  are  developed  using  velocity  profiles  in  2D  and  3D  which 
combine  the  20  law  of  the  wall  with  a  30  wake-law.  With  reference  to  some  promising  results  obtained  in  2D 
it  is  hoped  that  extensions  to  3D  may  give  an  improvement  over  existing  methods  for  flows  involving  limited 
regions  of  separation.  In  total  the  conclusion  about  30  turbulent  boundary  layer  separation  must  be  that 
our  knowledge  is  inadequate  and  that  well-planned  and  carefully  executed  experiments  are  needed  to  provide 
a  data  base  that  will  challenge  the  development  or  computational  methods  and  provide  basic  insight  into 
important  viscous  phenomena. 

4.6.9.  Buffeting 

4.6.9. 1.  Introduction  on  buffeting  (contributed  by  J.B.  Peterson) 

Aircraft  buTTet  is  the  aeroelastlc  response  of  the  aircraft  structure  to  the  randomly  fluctuating 
aerodynamic  forces  developed  by  separated  flows,  primarily  on  the  wings.  Models  of  new  aircraft  designs  are 
usually  tested  in  wind  tunnels  to  determine  where  buffet  might  be  encountered.  For  transport  aircraft  the 
concern  is  primarily  for  the  boundaries  of  buffet  onset  since  buffet  brings  about  unpleasant  vibrations  and 
degradation  of  performance.  Fighter  aircraft,  on  the  other  hand,  regularly  maneuver  in  the  buffet  area  and 
their  concerns  are  (1)  the  effects  of  buffet  vibrations  on  aircraft  instrumentation  such  as  navigation  and 
fire  control  equipment,  (2)  degradation  of  performance  because  of  increased  drag  and  decreased  lateral 

stability  which  detracts  from  tracking  capability  and  (3)  excessive  st:-uctural  loads  on  the  aircraft  tail 
surfaces. 

Many  different  methods  are  used  to  conduct  buffet  tests  In  wind  tunnels.  The  two  most  widely  used  methods 
are  (1)  measure  the  response  of  a  dynamically  scaled  aeroelastic  model  at  buffet  conditions  and  (2)  measure 
the  pressure  fluctuations  on  a  rigid  wind-tunnel  model  and  calculate  the  dynamic  response  when  these 
pressures  act  on  the  flexible  airplane  structure.  Each  of  these  methods  has  its  advantages  and 
disadvantages,  and  there  is  still  considerable  room  for  improvement  in  the  accuracy  and  the  simplicity  of 
theae  procedures.  The  dynamically  scaled  aeroelastic  model  method  has  been  shown  to  give  reasonably 
accurate  results  [69],  but  the  construction  of  the  model  is  very  complicated  and  expensive.  The  model  in 
[69]  was  constructed  with  steel  spars  in  the  wings  and  fuselage  connecting  segmented  sections  made  of  balsa 
and  fibreglass,  ballasted  to  the  required  mass.  Research  on  methods  of  constructing  dynnmically  scaled 
aeroelastic  models  of  simpler  construction  such  as  composite  construction  materials  may  improve  the 
practicality  of  buffet  tests  considerably.  The  method  of  measuring  pressures  and  then  calculating  the 
structural  response  requires  that  the  pressures  be  measured  over  almost  the  entire  surface  of  the  wing  (and 
tails,  for  cases  where  the  tails  might  bo  involved  in  the  buffet  response  of  the  airplane).  In  cases  where 
the  buffet  pressure  con  cause  deformation  of  the  wing  structure,  enough  to  effect  the  pressures,  this 
method  cannot  be  used,  in  cases  where  the  structure  is  not  deformed  significantly,  this  method  requires  a 
considerable  amount  of  pressure  instrumentation.  The  development  of  a  less  complicated  method  of  measuring 
the  fluctuating  pressures  over  an  entire  wing  may  well  be  an  area  for  future  research  in  this  field. 
Whether  there  is  o  Reynolds  number  effect  on  buffet  and;  if  so.  how  much  of  an  effect  there  is.  is  still  a 
subject  for  research.  Configurations  that  have  sharp  leading  edges  and  little  camber  such  as  the  sharp¬ 
leading-edge  delta  wing  in  [70]  show  little  Reynolds  number  effect  on  the  angle  of  attack  for  buffet  onset, 
presumably  because  separation  is  forced  to  occur  on  the  sharp  leading  edge.  However,  n  ahorp-leading-edge 
delta  wing  with  camber,  especially  configurations  with  highly  deflected  leading-edge  flnps  will  probably 
have  Reynolds  number  effects.  The  blunt-leading-edge  rectangular  wing  tested  by  Boyden  [70]  showed  large 
Heynolds  number  effects  on  the  angle  of  attack  for  buffet  onset,  but  transition  was  not  fixed  during  this 
test  (see  figure  4  of  section  2.2.2.  High  Aspect  Rntio  Wings). 

Other  tests  with  blunt  leading  edges  and  transition  fixed  [71,  72.  73]  correlated  well  with  full  scale 
indicating  that  the  Reynolds  number  effects  nre  small  (see  figures  5.  6  nnd  7  of  section  2.2.2,  High  Aspect 
Ratio  Wings) .  Probably,  Reynolds  number  effects  arc  very  configuration  dependpnt  and  categorizing  the  types 
of  configurations  that  have  Reynolds  number  effects  is  a  field  for  future 'resenreh .  The  stnte  of  the 
boundary  layer  at  separation  is  probably  very  important  to  the  subsequent  devefApment  of  the  sepa.ated  flow 
at  buffet.  If  the  boundary  layer  is  laminar  at  the  separation  point  at  full-scale  Reynolds  numbers,  then 
the  boundary  layer  should  be  laminar  at  low  Reynolds  numbers,  too.  In  order  to  duplicate  the  relative 
thickness  of  the  laminar  boundary  layer  at  aeparation  in  low  Reynolds  number  flow,  it  might  be  possible  to 
use  suction  through  porous  surfaces  to  reduce  the  relative  boundary  layer  thickness  to  match  the  relntive 
thickness  of  the  full-scale  Reynolds  number  flow.  On  those  configurations  that  hove  a  turbulent  boundnry 
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layer  at  the  aeparation  location,  fixing  transition  would  seen  to  hold  promise  of  emulating  higher 
Reynolds  number  results  in  a  wind  tunnel.  Of  course,  the  relative  thickness  of  the  turbulent  boundary  layer 
ought  to  be  duplicated  too,  perhaps  with  surface  auction  to  reduce  the  thickness  to  the  relative  thickness 
of  the  full-scale  Reynolds  number  flow.  Determination  of  the  important  boundary  layer  parameters  (fl.  6*  and 
H)  for  simulating  full-acale  Reynolds  number  flow  in  buffet  ia  an  area  for  research.  Various  locations  und 
means  of  fixing  transition  should  be  investigated  to  determine  if  full  scale  Reynolds  number  flow  could  be 
duplicated  by  controlling  the  position  of  transition.  It  may  be  that  boundary-layer  trips  that  would  act  as 
tiny  vortex  generators  might  be  effective  in  simulating  high  Reynolds  numbers  in  low  Reynolds  number  flows. 
The  use  of  computational  fluid  dynamics  to  extrapolate  wind-tunnel-buffet  results  to  full-scale  Reynolds 
numbers  is  an  area  that  requires  much  development.  At  present.  CFD  is  not  able  to  calculate  complicated 
three-dimensional  buffet  flows  reliably.  Perhaps  development  of  batter  turbulence  models  for  use  in  buffet 
calculations  would  enable  better  buffet  calculations  to  be  made. 

Future  aircraft  nay  have  active  control  devices  to  suppress  or  eliminate  buffet.  Simulation  of  higher 
Reynolds  numbers  on  these  devices  may  require  development  of  new  procedures.  Also,  future  aircraft  may  have 
extensive  amounts  of  laminar  flow  on  the  wings  which  may  or  may  not  make  simulation  of  higher  Reynolds 
numbers  more  difficult. 

It  may  then  be  concluded  that  research  on  simulation  of  higher  Reynolds  numbers  in  buffet  tests  is 
complicated  by  the  fact  that  buffet  is  a  very  configuration  dependent  phenomenon.  Further  research  into  the 
Reynolds  number  sensitivity  of  various  configurations  such  as  sharp  leading-edge  configurations  with  camber 
of  deflected  leading-edge  flaps  is  certainly  warranted. 

Previous  results  on  round  leading-edge  wings  have  shown  that  fixing  transition  with  boundary  layer  trips 
has  been  successful  at  simulating  higher  Reynolds  number  results  in  the  wind  tunnel  in  some  cases  [71.  72, 

731. 

9. 6.9.2.  Buffet  prediction 

As  has  been  stated  in  section  4.6.9. 1  •  a  valid  wlndtunnel  investigation  on  buffeting  would  require  a 
dynamically  scaled  aeroelastic  model  in  addition  to  the  requirement  of  duplicating  full  scale  Mach  and 
Reynolds  numbers.  Using  a  rigid  model  instead,  measuring  the  pressure  fluctuations  on  this  model  and 
calculating  the  dynamic  response  when  these  fluctuating  pressures  would  act  on  the  real  aircraft  structure, 
assumes  that  these  pressure  fluctuations  would  not  be  influenced  by  the  actual  flexible  response.  Whether 
this  is  sufficiently  true  could  be  a  matter  of  debate.  Once  the  idea  of  using  a  rigid  model  at  the  correct 
Mach  number  has  been  accepted,  we  only  have  left  the  scale  effect  due  to  Reynolds  number.  It  might  be  that 
the  simulation  procedure  for  buffet  research  would  then  be  very  similar  to  those  for  steady  f  rces  and 
moments.  It  should  not  be  ruled  out  however  that  other  boundary  layer  parameters  have  to  be  reproduced  than 
for  steady  force  measurements.  Further  research  into  this  ratter  may  be  required. 

Recently  an  experimental  study  of  bufreting  has  been  started  in  the  transonic  windtunnel  T2  at  ONERA/CERT 

C7*< J  using  a  180  mm  chord  RA16  airfoil  at  M  =  0.7  and  R  *  9  x  10^.  From  unsteady  pressure  measurements  it 
follows  that  buffeting  is  related  to  an  oscillation  in  the  location  of  the  upperside  shock  wave,  coupled 
with  boundary  layer  separation  downstream  of  the  shock.  Frequencies  of  the  order  of  100  Hz  are  found  which 
do  not  correspond  to  any  mechanical  vibration  of  the  airfoil.  In  some  recent  studies  of  airfoil  related 
buffet  by  Basler  at  DFVLR  [75]  la  was  shown  that:  (These  results  were  communicated  to  the  present  author  hy 
dr.  E.  Stancwsky) . 

-  buffet  onset  (here  the  beginning  of  strong  shock  oscillations)  occurred  as  soon  as  total  separation 

occurred  on  the  airfoil  upper  surface.  "True"  buffet  onset  is  hence  related  to  the  development  of 

separation  and  therefore  governed,  in  the  present  context,  by  the  viscous  parameters  dominating 
separation. 

-  the  buffet  process  may  be  closely  related  to  the  growth  rate  of  the  separation  bubble  with  increasing 
shock-upstream  Mach  number.  Thi  rowth  rate  depends  on  some  boundary  layer  thickness  parameter 
upstream  of  the  shock  (sec  9.5)  t  v  .._..ce  on  Reynolds  number.  Basler  found  accordingly  that  the  buffer, 
frequency  for  a  turbulent  boundary  layer  interaction  decreased  with  Reynolds  number. 

Simple  prediction  methods  have  been  developed  by  eg  Thomas  in  which  the  extent  of  the  separated  zone  is 
taken  as  a  measure  for  the  occurrence  and  severity  of  buffeting.  For  two-dimensional  airfoils  it  is  claimed 

that  buffet  onset  is  reached  when  the  turbulent  separation  point  has  moved  upstream  from  the  t rai 1  i ng-edge 

up  till  90*.  chord  [76.  77]. 

For  three-dimensional  wings  the  chord-wise  extent  of  the  sepnrnted  zone  is  weighed  with  the  distance  to  the 
root  chord.  In  this  way  some  measure  for  the  unsteady  wingroot  bending  moment  is  said  to  be  obtained  [78]. 

Before  the  above  mentioned.  -h  simplified,  methods  of  buffet  prediction  can  be  used  with  confidence,  an 
extensive  research  progrnr  to  bo  carried  out  in  which  the  results  of  various  methods  are  compared  with 

each  other  and  with  the  f  e  results. 

9.6.10.  Concluding  remarks  and  recommendations 


As  a  general  conclusion  of  the  present  chapter  9.6  on  "classical  separation,  trai  1  ing-edge  Hows  and 
buffeting"  It  has  to  be  stated  that  our  present  capabilities  for  turbulent  separation  prediction  are  at  a 
disappointingly  low  level.  It  is  therefore  not  surprising  that  the  usunl  recommendnt  ion  thnt  “much  more 
research  is  needed"  is  also  given  here.  Furthermore,  even  if  separation  could  be  predicted  accurately, 
there  remains  the  question  about  the  proper  simulation  methodology.  A  few  important  points  seem  to  be: 

-  turbulent  separation  should  occur  at  the  right  position,  with  the  correct  boundary  layer  thickness  and 
with  proper  downstream  effects  on  circulation  for  instance 

-  for  laminnr  separation  the  proper  downstream  development  of  the  reattaching  turbulent  boundary  layer 
is  the  most  important. 

Some  specific  recommendations  are: 

1.  Laminar  separation  bubbles  may  have  a  large  effect  on  turbulence  structure  at  and  downstream  of 
reattachment.  Adequate  turbulence  models  in  a  sufficiently  general  form  still  hove  to  be  developed  for 
this  type  of  flow.  It  seems  less  important  to  simulate  the  bubble  itself  than  its  downstream  effects. 

2.  Similar  remarks  as  under  1,  may  apply  to  the  turbulence  structure  downstream  of  trips  and  shock  wave 
boundary  layer  interaction  regions. 

3.  Turbulent  separation  prediction  in  2D  flows  requires  better  (turbulence)  modelling  including  Reynolds 
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normal  stresses,  nornal  pressure  gradients  and  strong  interaction  procedures. 

4.  Although  no  fully  satisfactory  methods  for  turbulent  separation  prediction  in  simulation  methodologies 
are  readily  available,  it  is  expected  that  for  2D  flows  workable  methods  can  be  obtained  by  not  too 
extensive  modifications  to  the  present  state  of  the  art  (exemplified  by  the  lag-entrainment  method). 

5-  i"'liable  prediction  of  3D  turbulent  separation  requires  much  more  experimental  research  to  derive 
adc  1,  jate  shape  factor  correlations  and  turbulence  models. 

6.  Separution  near  a  trailing-edge  should  be  such  that  the  correct  circulation  is  obtained.  (More  general, 
even  without  separation,  the  flows  approaching  the  trailing-edge  along  the  upper-  and  lower  surface 
respectiv-ly,  should  be  such  that  the  correct  circulation  is  obtained).  Important  parameters  may  be 
momentum  1  is,  displacement  thickness,  shape  factor,  turbulence  structure. 

7.  Research  on  simulation  of  higher  Reynoldsnumbers  in  buffet  tests  is  complicated  by  the  fact  that  buffet 
is  a  very  configuration  dependent  phenomenon.  Further  research  into  the  Reynolds  number  sensitivity  of 
various  confi  -urations  such  as  sharp  leading-edge  configurations  with  camber  of  deflected  leading-edge 
flaps  is  certainly  warranted. 

8.  Before  simplified  methods  of  buffet  prediction,  as  discussed  in  4. 6. 9. 2,  can  be  used  with  confidence,  an 
extensive  research  program  has  to  be  carried  out  in  which  the  results  of  various  methods  are  compared 
with  each  other  and  with  the  full  scale  results. 
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Fig.  2:  Streamlines  in  n  laminar  separation  bubble 
obtained  from  flow  visualization  with  smoke  (taken 
from  [35]). 


Fig.  1:  Schematic  diagram  of 
now  field  and  pressure 
distribution  in  a  laminar 
separation  bubble  (S  = 
separation.  T  s  transition. 
R  a  reattachment). 


Ah  empirical  correlation 
between  the  angle  T  at  which  the 
laminar  separation  streamline 

leaves  the  wall  and  (Rft) 

0  sep 

(taken  from  [35])- 


(Re)  sep 


Figi_{l:  Separation  angles  T 
measured  on  a  Wortmann  FX66-S- 
196V1  airfoil  with  and  without 
bursting  (taken  from  [36]). 


Fig.  5‘-  The  critical  amplification 

factor  n  in  the  cn  method  for 
transition  prediction  as  a  function 
of  the  "effective  turbulence  level" 
Tu  (X).  {Taken  from  [37]). 
n^  *  beginning  of  transition  region 

=  end  of  transition  region. 


Fig^  6:  Some  typical  examples  of  the  prediction  of  the  pressure  distribution,  transition 
and  reattachment/bursting  of  laminar  separation  bubbles  on  a  Wortmann  FX66-S-196V1 
airfoil  {taken  from  [36]). 
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Results  of  van  Ingen's  short-cut  method  Tor  the  prediction  of 
of  transition  (n^)  in  the  laminar  separation  bubble  (taken  from 


Series, 
tunnel; 
series  3 
series  Q 
on  tape 
tunnel. 


1:  Worteann  airfoil  FX66-S-196V1 ,  o  =  1  in  a  small  noisy 
series  2:  the  same  airfoil  in  a  large  low  turbulence  tunnel; 
:  circular  cylinder  with  tail  in  a  large  low  turbulence  tunnel; 
:  the  same  as  series  3  hut  noise  Troa  the  small  tunnel  recorded 
and  reproduced  in  the  test  section  of  the  large  low  turbulence 


"i  tripped 
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(n)  0{x)  Tor  three  values  of  R 
0.154;  0.218  and  0.2W  *  106 
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(b)  the  effect  of  tripping  on  0(x>  nt 
R  -  0. 15*1  *  106 


EiSi_8:  Growth  of  momentum  loss  thickness  6  through  a  laminar  separation  bubble  on  a 
Wortmann  FX66-S-196V1  airfoil  including  the  effect  of  early  tripping  (taken  from  [31. 
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rig.  11:  Measured  pressure  distributions  on  the  upper  surface  of  the  F.ppicr  603 

airfoil,  a  =  5  ♦  * • ~  R  B  3*62  #  10^;  -x-  R  *  1.82  •  10^.  S  *  separation.  T  » 
transition.  R  »  rcattachmcnt  (taken  from  [4l]). 


Fig.  12:  Comparison  between  experimental  nnd  computed  skin  friction  for  the  upper 

t  <; 

surfnee  of  the  F.ppicr  603  nirfoil.  o  *  5  .  K  ■  1«82  •  10  .  Note  that  in  this  case 
transition  is  preceded  by  laminar  sopnrntion.  Experimental  vnlucs  (0)  taken  Trom 

[1*1].  Calculations  using  B0LA-2D  taken  from  [39]* - stnndnrd  cnlculntion 

started  at  measured  transition  position:  .  low  Reynolds  number  correction 

included,  -  nnd  starting  from  experimental  values  some  distance 

downs  t  re  Jim  of  transition. 
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Fig.. _ 13 2  Comparison  between  experimental  and  computed  skin  frietion  for  the  upper 

surface  or  the  Eppler  603  airfoil,  a  »  5  .  R  «  3  ^2  *  10^.  No  laminar  separation 
bubble  present.  Experimental  values  (o)  tnken  from  [9l]).  Calculations  using  BOLA- 
20  taken  from  [391- 

standard  calculation  started  at  measured  transition  position .  low 

Reynolds  number  correction  included,  -  starting  from  experimental  values  some 

distance  downstream  of  transition. 
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Boundary  layer-edge  velocity  U  obtained  from  the 
experimental  pressure  distribution  in  a  boundary  layer  ehnnnel  used 
by  van  Oudheusden  at  Delft  [39]  to  investigate  the  mixing  length  of 

turbulent  boundary  layers  downstream  oT  transition.  U  *  reference 

o 

velocity  at  entrance  of  channel.  For  comparison  the  distribution  for 
the  Howarth  linearly  retarded  flow  has  been  included  in  the  figure. 
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Fljk _ lj:  Mixing  length  profiles  in  the  turbulent  region  of  van  Oudheusdcn's  boundary 

layer  at  Uq  «  10.2  m/s.  Comparison  with  C  *  A^  6^_  D  tanh  (ky/A^-)  (taken  from  [39]). 


Fig.  18:  Various  developments  of  mixing  length  parameter  A  with  streomwise  distance  x 
used  by  vtin  Oudhcusden  [39]  in  B0LA-2D  calculations. 
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(X  time) 


Fig.  19:  Stresmwise  distribution  of  the 
fraction  of  time  that  the  flow  moves 
downstream  near  the  wall  for  a  typical 
mean  two-dimensional  separating 
turbulent  boundary  layer.  Data  due  to 
Simpson  et.nl.  (for  further  details 
consult  Simpson  [23].  page  2  and 
fig.  1). 
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Fig.  20:  Definitions  of  two-viimensional  turbulent  detachment 
states.  Distances  not  to  scale.  "Percent  Instantaneous  Backflow" 
means  along  a  spanwise  line  at  a  given  time,  or  percent  of  time  at 
a  point  (taken  from  Simpson.  [23],  fig.  2). 
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Kin.  21:  Evaluation  of  soao  separation 
criteria  for  the  Schubauer  and  K’.ebanoff 
experiaental  data  (Kahn  [56]). 
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EiSi.  22:  Evaluation  of  some  separation 
criteria  for  the  Ludwieg  and  Tillaan 
experiaental  data  (Hahn  [56]). 
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Kig.  23:  Evaluation  of  some  separation 
criteria  for  one  of  Boeing's 
experimental  data  (Huhn  [56])* 
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Figi_2{(:  Evaluation  of  Stratford's 
separation  criterion  with  experiaental 
data  (Hahn  [56])- 
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EiSj._25:  Evaluation  of  Townsend's 
separation  criterion  with  experimental 
data  (Hahn  [56]). 
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Fig.  26:  Evaluation  of  the  "modified" 
Townsend  separation  criterion  with 
experimental  data  (Hahn  [56J). 


Fig,  27:  Evaluation  of  Boeing  Boundary 
Layer  Computer  Program  with  experimental 
data  (Hahn  (56)). 
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A 

Fin.  28:  Shape  factor  correlation  for  flow  detachment 
according  to  Kline  [57 D  * 
h  =  (H-D/H,  H  =  d*/8.  A  =  6'/6. 


*  =6,/6 


EiSc._22:  Simpson's  version  [23]  of  Kline's 
shape  factor  correlation  given  in  Fig.  28.  The 
following  is  the  caption  to  Fig.  26  of  [23]: 
h  vs.  6*/d  plot  of  data  for  detaching  and 
reattaching  flows.  Shaded  regions  -  data 
reviewed  by  Sandborn  and  Kline  (1961 
equation  (6)  and  (7)  of  Kline  et  al.  (1983); 

equation  (IV. 13):  .  data  of  Chou  and  — 

Sandborn  (1973):  .  data  of  Sandborn  and  ™ 

Liu  (1968):  .  data  of  Wadcock  (1979); 

.  data  of  So  and  Mellor  (1972).  >. 

References  mentioned  above  are  those  of  [23]: 
this  report  (page  15)  should  be  consulted  for  a 
detailed  description  of  the  correlation.  Eq. 

IV. 13  which  is  referenced  above  reads: 


H-l 

—  '  I2  - 


For  the  mean  value  of  wall  shear  stress  is 

zero;  for  the  oean  value  is  positive. 


V> 


-/<= 

a.  Measured  pressure  distribution 


d.  Skin  friction  on  upper  surface  e.  gkin  friction  on  lower  surface 


Fig.  30:  Comparisons  between  experimental  data  and  calculations  using 
Head's  entrainment  method  and  Green's  lag-entrainment  method  {  = 
"present  method"  in  the  figures);  for  the  two-dimensional  aerofoil 

section  RAE  28l4  at  M  *  0.725  and  R  ■  15  x  10^  {taken  from  Green  [60]). 
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Fig^_21:  Comparison  of  predicted 
separation  points  with  experiment  for 
the  airfoil  like  body  of  Schubauer  and 
Klebanoff  (taken  from  A.M.O.  Smith 

[4]). 


Fig_L_2:2 :  Comparison  of  predicted 
separation  points  with  experiments  for 
Newman's  airfoil  (taken  from  A.M.O. 
Smith  [4]) . 


X  I06  (CALCULATED) 


FigA_^4:  Accuracy  of  predicting 
turbulent  separation  points  by  the 
Cebeci-Smith  method  (taken  from  A.M.O. 
Smith  [4]) . 


.  Stratford 
•  Bradshaw  et  Ferris 
x  auh-es  methodes 


Fig_^_25:  Prediction  of  turbulent 
separation  in  a  subsonic  compressible 
flow  (taken  from  the  review  paper  by 
Sirieix  in  [5]). 


Fig,  33:  Predicted  separation  points 
for  the  experimental  pressure 
distribution  on  the  NACA  66,2-420 
airfoil  (taken  from  A.M.O.  Smith  [4]). 
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Fig.  36o 


Fig.  36:  Experimental  set-up 
and  pressure  distribution 
used  by  Simpson  et.al.  for 
their  studies  on  turbulent 
separation;  major  divisions 
on  the  scales  are  10  ihches 
f~  (taken  from  Simpson  [23]). 


Fig.  36b 
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Fig.  37:  The  contribution  of 
normal  stresses  to  turbulence 
energy  production  upstream  or 
detachment,  expressed  as  the 
ratio  of  normal  stresses 
production  to  shear-stress 
production.  This  Figure  is 
taken  From  Simpson  [23]:  For  a 
detailed  explanation  oF  this 
Figure  the  reader  should 
consult  [23],  page  I7. 


Fig.  38:  Variation  oF  maximum  shear 
stress  and  hysteresis  near  detachment 
and  reattachment  according  to  Delery 
( AIAA  Journal.  21.  pp  I8O-I85.  1983). 
Figure  taken  From  Simpson  [23]. 
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SECTION  4.7 

VORTEX  FLOWS 

Edward  M.  Kraft 

Calspan  Corporation/AEDC  Division 
Arnold  Air  Force  Base,  Tennessee 


4.7.1  Introduction 

For  today's  high  performance  aircraft,  separation  and  vortical  flow  Is  a  fact  of  life.  The 

design  challenge  Is  to  control  vortex  separation  and  make  it  work  to  improve  the  aircraft  performance. 

Vortical  flows  are  generally  complex  and  correspondingly  difficult  to  model  analytically. 

Consequently  subscale  simulation  remains  the  primary  developmental  tool  for  vehicle  optimization, 
particularly  In  a  high  speed  maneuver.  Therefore,  it  Is  essential  to  understand  the  physical  aspects 
of  vortical  flows  that  effect  subscale  simulation. 

Peake  and  Tobak  (Ref.l)  have  outlined  some  fundamental  Issues  concerning  the  current  knowledge  of 
vortical  flows.  A  brief  summary  of  some  of  their  key  questions  and  current  assessment  is  given  below: 

1.  Do  we  have  an  unambiguous  definition  of  separation  in  three  dimensions?  -  We  have  an 

unambiguous  definition  if  the  separation  line  is  considered  always  to  emanate  from  a  saddle 
point.  Complications  arise,  however,  because  flow  configurations  exist  where  the  conditions 
for  3-D  separation  appear  to  be  present;  skin  friction  lines  on  the  body  surface  converge 
onto  a  particular  line  and,  in  cross  flow  planes,  streamlines  corresponding  to  trajectories 
of  the  velocity  components  in  these  crossflow  planes  roll  up  around  what  appear  to  be  vortex 
cores.  But  within  the  limits  of  numerical  or  experimental  resolution,  the  particular  skin 
friction  lines  on  which  others  converge  do  not  appear  to  emanate  from  a  saddle  point. 
Frequently,  they  appear  to  emerge  from  the  region  of  the  attachment  node  (i.e.,  stagnation 
point)  on  the  nose  of  the  body. 

2.  Do  we  understand  the  structure  and  mechanisms  of  separation  and  the  ensuing  coiled  up 
vortical  motions?  -  We  have  a  good  understanding  in  mean  flow  terms  in  that  we  know  how  to 
draw  topological  structures  of  separated  flows  and  we  can  envision  how  the  structure  changes 
with  variations  of  the  governing  parameters  (e.g.,  angle  of  attack).  We  do  not  have  a  firm 
grasp  of  the  relation  between  structural  features  and  physical  quantitites  such  as  surface 
pressures,  turbulence  quantities,  etc. 

3.  Is  it  possible  to  formulate  a  principle  that  will  distinguish  between  the  scale  of  vital  and 
unimportant  organized  vortical  structure?  There  is  experimental  evidence  of  small  scale 
streamwise  vortices  immersed  in  the  boundary  layer.  An  example  is  illustrated  in  Ref.  2. 
Studies  on  boundary  layer  transition  and  the  associated  longitudinal  vortices  developing 
from  amplifying  instabilities  in  the  laminar  zone  imply  that  these  vortices  may  be  exerting 
an  important  influence  on  the  development  of  the  leeward  flow.  In  Ref.  3,  the  existence  and 
behavior  of  longitudinal  vortices  with  respect  to  Reynolds  number  was  investigated. 
According  to  these  studies  the  vortex  distribution  in  the  boundary  layer  can  be  sketched  as 
seen  in  Fig.  1.  Pressure  measurements  in  the  boundary  layer  across  the  wing  span  have  been 
carried  out  by  Ginoux  (Ref. 4).  An  example  is  given  in  Fig.  2,  where  the  effects  of  free- 
stream  Reynolds  number  on  the  development  of  longitudinal  vortices  is  shown.  The 
longitudinal  vortices  have  been  found  within  the  region  about  the  plane  of  symmetry  (i.e. 
the  attached  flow  regime).  However,  in  Ref.  5  it  is  reported  that  there  is  evidence  of 
longitudinal  vortices  in  the  attached  inboard  flow  downstream  of  the  leading  edge  when  shock 
induced  separation  occurs.  All  these  studies  lead  to  the  conclusion  that  longitudinal 
vortices  develop  within  the  laminar  boundary  on  delta  wings  with  sufficiently  large  leading- 


edge  sweep  angles.  They  are  triggered  by  very  small  Irregularities  of  the  leading  edge. 
The  intensity  of  the  vortices  depends  on  free-stream  Reynolds  number,  velocity  of  the 
transverse  flow,  and  under  certain  conditions,  also  on  the  thickness  and  nose  of  the  leading 
edge  (Ref.  a).  It  Is  unclear,  however,  whether  small  scale  vortices  of  this  type  are  the 
precursors  to  3-0  separation,  whether  they  are  modifiers,  whether  their  effect  Is  relatively 
minor,  or  whether  all  or  some  of  these  conditions  apply. 

а.  Do  we  understand  the  flow  mechanisms  leading  to  vortex  breakdown?  -  He  have  conceptual 
notions  only.  No  theory  currently  yields  the  flow  detail  in  the  breakdown  zone,  nor  an 
accurate  location  of  breakdown  to  compare  with  experimental  results. 

5.  Do  we  understand  the  instability  mechanisms  leading  to  leeside  wake  asymmetries  at  high 
angles  of  attack?  -  Currently  we  have  conceptual  notions  only.  The  prevalent  theoretical 
models  are  the  use  of  Impulsive  flow  analogy  and  the  stability  of  the  flow  past  a  2-D 
cylinder.  Resolution  of  the  flow  in  the  tip  of  a  forebody  Is  a  major  obstacle  to  further 
understand Ing. 

б.  Can  modeling  the  vortical  flows  be  essentially  inviscid  approaches  provide  us  with 
satisfactory  Insight  Into  the  flow  physics?  For  configurations  where  the  location  of 
separation  Is  well  defined,  for  example  the  salient  edge  of  a  sharp  leading  edge  wing,  the 
flow  Is  virtually  Independent  of  the  oncoming  boundary  layer  properties  at  high  Reynolds 
numbers.  The  viscosity  causes  the  separation,  the  location  Is  determined  by  the  edge 
geometry,  after  which  the  flow  may  be  modeled  as  an  Inviscid  flow.  However,  the  details  of 
the  flow  field  are  not  represented  correctly  (i.e.,  the  pressure  distribution  for  shock- 
induced  separation  and  leading  edge  separation  look  very  much  alike). 

Many  of  these  physical  phenomena  are  also  important  issues  In  determining  the  proper  techniques  for 
subscale  simulation. 

The  primary  types  of  vof.'.dl  flows  of  interest  to  us  In  terms  of  proper  subscale  simulation  at 
transonic  speeds  are  forebuly  vortices,  wing  leading  edge  vortex  flows,  vortex  breakdown  and 
vortex/shock  interactions.  This  section  will  explore  the  fundamental  aspects  of  these  types  of  flow 
and  suggest  areas  where  further  research  Is  required. 

4.7.2  Physical  Aspect  of  the  Subscale  Simulation  of  Vortex  Flow 

For  each  of  the  vortical  flows  of  Interest  we  will  examine,  in  turn,  the  physical  parameters  that 
Influence  the  subscale  simulation  of  such  flows. 

4.7.2. 1  Forebody  Vortex  Flows 

It  has  long  been  recognized  that  long  slender  missile  bodies  are  sensitive  to  forebody  vortex 
formation.  The  trend  in  fighter  aircraft  forebodies  has  been  to  longer  nose  configurations  for 
improved  performance  and  to  package  avionics.  Correspondingly  more  emphasis  is  now  being  given  to  the 
design  of  aircraft  forebodies  to  properly  control  separation  and  vortex  formation. 

For  proper  subscale  simulation  of  forebody  vortex  flows,  it  Is  essential  to  produce  separation  at 
the  proper  location,  to  produce  the  proper  boundary  layer  type  flow  (laminar,  transitional,  or 
turbuient)  at  separation,  to  generate  the  correct  leeside  vortex  pattern  (symmetric  or  antisymmetric), 
and  to  produce  the  correct  trajectory  of  the  shed  vortices. 

As  discussed  in  Ref.  6,  and  summarized  In  Section  2.2.1  of  this  report,  the  side  force  and  normal 
force  coefficient  are  highly  dependent  on  the  nature  of  the  boundary  layer  (see  Fig.  2.2. 1-5  for 
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example).  Clearly,  for  a  subscale  simulation,  the  Reynolds  number  may  be  low  enough  that  the  flow  Is 
inadvertently  laminar  or  transitional  when  it  should  be  turbulent.  Even  though  the  total  sldp  force 
and  normal  force  coefficients  on  the  ogive-cyinder  reported  In  Ref.  6  were  coir'a'-aole  when  the 
boundary  layer  was  laminar  or  turbulent,  investigation  of  the  pressure  disnibution  on  the  body 
clearly  indicated  that  the  details  of  the  separation  and  vortex  foT.ation  are  entirely  different 
depending  upon  the  nature  of  the  boundary  layer.  This  can  be  Illustrated  by  relating  the  flow  over  an 
axisymnetrlc  body  at  high  angle  of  attack  to  flow  over  a  two-dimensional  cylinder.  The  pressure 
distribution  on  a  two-dimensional  cylinder  at  different  Reynolds  numbers  is  shown  in  Fig.  3,  taken 
from  Ref.  7.  For  low  Reynolds  number  when  the  boundary  layer  is  laminar,  flow  separation  occurs  early 
at  approximately  80  deg  and  discrete  well  defined  vortices  are  formed.  As  the  Reynolds  number 
Increases  to  0.7  x  106  the  flow  becomes  transitional.  This  is  the  range  of  Reynolds  number  in  which 
the  minimum  drag  coefficient  occurs  on  a  two-dimensional  cylinder  and  in  which  no  coherent  vortex 
shedding  can  be  detected.  Finally,  as  Reynolds  number  Increases  further  the  boundary  layer  becomes 
fully  turbulent.  With  a  turbulent  boundary  layer  the  flow  at  the  surface  Is  sufficiently  energized 
that  separation  does  not  occur  until  an  azimuthal  angle  of  approximately  110  deg  Is  reached. 
Comparing  Fig.  3  with  Fig. 2. 2. 1-6  clearly  Illustrates  that  the  same  fundamental  response  of  the 
boundary  layer  to  variation  in  Reynolds  number  occurs  in  the  three-dimensional  flow  of  an  axisymmetric 
body  at  angle  of  attack.  The  result  is  that  if  the  Reynolds  number  for  a  subscale  simulation  is  not 
sufficiently  high  to  generate  a  turbulent  boundary  layer  (if  that  is  the  full  scale  condition),  the 
location  of  the  separation  line  and  the  pressure  recovery  on  the  leeslde  of  the  body  can  be  distinctly 
different  than  in  flight.  The  resulting  vortex  formation  and  vortex  trajectory  can  have  an  entirely 
different  interaction  with  other  parts  of  the  vehicle  such  as  fins  or  the  vertical  tail  of  an 
aircraft. 

The  traditional  method  for  ensuring  the  boundary  layer  is  turbulent  in  a  subscale  simulation  is 
to  trip  the  boundary  layer.  Section  2.2.1  summarizes  the  inconsistencies  that  can  arise  from 

different  tripping  techniques.  Clearly  further  research  Is  required  In  order  to  ensure  that  the 
correct  vortex  generation  is  simulated  on  a  slender  forebody  at  angle  of  attack. 

Perhaps  an  even  more  difficult  flow  to  correctly  simulate  in  a  subscale  experiment  is  the 
formation  and  shedding  of  asymmetric  vortices  from  a  slender  body  at  high  angles  of  attack. 
Asymmetric  vortex  shedding  can  also  occur  at  flight  conditions  and  produce  significant  side  forces  at 
high  angles  of  attack  as  Illustrated  in  Fig.  4,  taken  from  Ref.  8.  Advanced  fighter  aircraft  are 
expected  to  provide  a  stable  weapons  platform  even  at  such  large  incidence  angles.  Hence  it  Is 
imperative  that  such  asymmetries  be  properly  simulated  In  the  wind  tunnel  if  they  Indeed  occur  in 
flight.  The  control  system  designer  would  not  appreciate  the  surprise  from  such  a  change  In  the 
lateral  stability  coefficients  if  they  were  not  predicted  in  subscale  developmental  tests. 
Conversely,  the  designe-  would  not  appreciate  a  subscale  data  base  that  indicates  strong  side  forces 
because  of  asymmetric  vort<"  '‘'-'latlon  if  that  condition  did  not  truly  exist  in  flight.  To  avoir  ,uch 
difficulties,  many  atrcra'  •  gners  use  chines  or  strakes  to  fix  the  separation  location.  For  these 
types  of  vehicles,  subsc  .a  simulation  is  not  as  difficult. 

One  of  the  stronger  Influences  on  axisymmetric  vortex  production  has  nothing  to  do  with  scale 
effects,  but  with  minute  asymmetries  introduced  by  slight  Irregularities  in  the  model  forebody 
geometry,  the  flow  uniformity  of  the  wind  tunnel,  or  alignment  of  the  model  support  mechanism.  As 
discussed  In  Ref.  6,  considerable  care  must  be  exercised  in  assuring  that  any  asymmetric  vortices 
formed  on  a  slender  body  are  not  created  by  these  slight  irregularities.  This  requires  that  an 
axisymmetric  body  be  systematically  rotated  about  its  axis  through  the  angle  of  attack  range. 

As  a  model  of  asymmetric  vortex  formation  we  will  follow  the  model  of  Peake  and  Tobak  (Ref.  1) 
and  assume  an  asymmetric  disturbance  to  originate  at  the  nose,  of  the  same  rotation,  say,  at  the  port 
side  primary  vortex.  If  this  disturbance  amplifies  in  the  vicinity  of  the  enclosing  saddle  point  as  a 
consequence  of  instability  of  the  inflexional  velocity  profiles,  there  will  be  an  effective  Increase 
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In  the  vortlclty  of  the  port-side  primary  vortex.  This  vortex  will  enlarge  slightly  and  move  away  from 
the  surface  as  shown  In  Fig.  5(a).  As  the  relative  Incidence  Increases,  the  feeding  shear  layer 
contlnuesto  stretch,  as  shown  In  Fig.  5(b).  A  further  Increase 

In  relative  Incidence,  In  conjunction  with  the  appearance  of  gross  unsteadiness  of  the  secondary 
vortices,  causes  the  elongated  shear  layer  Itself  to  pass  through  a  shedding  stage,  as  shown  In  Fig. 
5(c),  until  there  is  definite  evidence  of  a  third  spiral  vortex  motion  as  shown  in  Fig.  5(d).  In  order 
that  the  two  vortices  of  the  same  rotational  direction  be  able  to  coexist  In  tandem  on  the  left  hand 
side,  the  rules  of  topology  require  a  new  saddle  point  to  be  inserted  between  them,  as  shown  In  Fig. 
5(c).  As  the  relative  Incidence  Increases  still  further,  the  starboard  side  primary  vortex  begins  to 
grow,  as  shown  In  Figs.  5(d)  and  (e),  resulting  eventually  in  the  repetition  of  the  shedding  process 
for  the  opposite  side:  these  Incidences  at  which  shedding  occurs  correspond  with  the  maximum  Induced 
side  loads.  Note  that  the  one  crossflow  streamline  emanating  from  the  enclosing  saddle  point  to  the 
body  at  A1  as  shown,  for  example,  In  Fig.  5(e),  always  partitions  to  the  left  and  right-hand  sides  of 
the  wake.  Except  during  the  shedding  process,  each  flow  field  Is  composed  of  well  organized  spiral 
vortex  motions. 

Factors  Influencing  the  angle  of  attack  for  the  onset  of  vortex  asymmetry  for  bodies  of 
revolution  include  nose  bluntness,  strakes,  nose  half  angle,  Mach  number,  Reynolds  number,  etc.  For 
pointed  nose  bodies,  the  onset  of  asymmetry  occurs  at  an  angle  of  attack  approximately  equal  to  twice 
the  semi-apex  of  the  nose.  Cylindrical  afterbodies  behind  the  nose  tend  to  reduce  the  angle  of  attack 
for  asymmetric  vortex  shedding.  For  complete  aircraft  models  asymmetry  tends  to  occur  at  greater 
angles  of  attack,  possibly  as  a  result  of  favorable  noncircular  fuselage  effects. 

Only  some  semi-empirical  data  for  restricted  Re  -  M  ranges  on  cone  cylinder  configurations  exists 
for  predicting  the  vortex  starting  positions,  spacings,  and  strengths  for  asymmetric  vortex  formation 

(see  for  example  Thomson  and  Menlsorl,  Ref.  9).  At  the  present  time  no  purely  theoretical  means  for 
predicting  the  onset  of  asymmetric  vortex  shedding  exists. 

4. 7. 2. 2  Wing  Leading  Edge  Vortex  Flows 

Wing  leading  edge  vortex  flows  for  delta  wings  is  very  nicely  summarized  In  Section  2.2.3.  The 
fundamental  physical  aspects  of  subscale  simulation  can  best  be  discussed  by  considering  sharp  and 
blunt  leading  edge  wings  separately. 

Sharp  leading  Edge  Wings 

The  presence  of  a  salient  edge  to  fix  vortex  formation  significantly  reduces  the  sensitivity  of 
the  flow  to  scale  effects  as  long  as  the  separation  remains  at  the  salient  edge  (e.g.  regions  1,2,3, 
and  6  In  Fig.  2. 2. 3-5).  The  primary  Influence  of  Reynolds  number  Is  to  reduce  the  pressure  In  the 
vortex,  move  the  secondary  separation  line,  and  spread  the  vortex  core  as  illustrated  In  Fig  2. 2. 3-8. 
When  the  boundary  layer  at  separation  Is  turbulent  the  core  is  tighter  and  the  characteristics  of  the 
vortex  are  purely  kinematical.  This  is  why  inviscid  rotational  flow  computations  (i.e.  Euler  codes) 
•an  reasonably  model  vortex  flows  over  sharp  leading  edges  at  high  Reynolds  numbers.  In  fact,  the 
Inviscid  computational  methods  may  be  useful  in  estimating  the  scale  effects  for  sharp  leading  edge 
wings.  In  any  event,  even  though  there  are  localized  effects  of  Reynolds  number,  the  overall 
integrated  effects  are  only  a  weak  function  of  scale  and,  in  general,  vortex  flows  that  emanate  from  a 
salient  edge  are  considered  to  be  largely  indepenent  of  Reynolds  number  effects. 

In  regions  4  and  5  of  Fig.  2. 2. 3-5  the  vortex  does  not  separate  from  the  sharp  leading  edge  of 
the  wing,  but  instead  Is  Induced  by  a  shock  wave.  In  this  case,  one  would  expect  the  Reynolds  number 
to  influence  primarily  the  nature  of  the  boundary  layer/shock  wave  interaction.  Hence,  It  Is 
anticipated  that  these  classes  of  flows  will  be  more  Reynolds  number  sensitive.  To  date  no  systematic 
evaluation  of  Reynolds  number  effects  on  shock  generated  vortex  flows  has  been  made. 
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Round  Leading  Edge  Wings 

for  a  round  leading  edge,  the  vortex  separation  position  Is  not  fixed  by  geometric  features  and 
intuitively  one  would  expect  that  Reynolds  number  woud  have  a  larger  Influence  on  the  primary  vortex 
formation  than  for  a  sharp  leading  edge.  That  this  Is  Indeed  the  case  Is  Illustrated  In  Fig.  6,  taken 
from  Manle,  Heron,  and  Schmitt  (Ref.  10).  In  fig.  6,  the  angle  of  attack  at  which  vortical  flow  is 
initiated  is  strongly  dependent  on  the  Reynolds  number  for  this  round  leading  edge  wing.  Beyond  a 
"critical1’  Reynolds  number  the  formation  of  the  primary  leading  edge  vortex  Is  delayed  to  rather  high 
angles  of  attack.  This  behavior  has  been  related  by  Brocard  and  Monte  (Ref.  11)  to  the  type  of 

laminar  separation  bubble  that  occurs  at  very  low  angles  of  attack.  At  low  Reynolds  number  the  bubble 

is  long  and  Is  directly  at  the  origin  of  the  vortical  flow  generation,  whereas  such  an  influence 
cannot  be  noted  at  high  Reynolds  number,  when  the  bubble  Is  short  or  nonexistent. 

Poll  (Ref.  12)  has  systematically  examined  the  effects  of  sweep  angle,  leading  edge  bluntness, 
and  Reynolds  number  on  leading  edge  vortex  flow  of  a  swept  back  wing  (note  not  a  delta  wing).  His 
investigation  revealed  that  for  sweep  angles  In  excess  of  15-deg  there  are  at  least  three  different 
ways  in  which  a  spiral  vortex  can  be  generated  over  a  swept  wing.  These  are: 

1)  A  full  span  vortex  can  be  formed  by  a  rolling  up  of  a  shear  layer  which  leaves  the  wing 
surface  at  the  primary  separation  line.  This  type  of  vortex  flow  Is  very  similar  in 
appearance  to  the  flows  generated  on  sharp-edged  thin  delta  wings  at  incidence. 

2)  A  part-span  vortex  can  be  formed  when  conditions  are  such  that  the  shear  layer  from  the 

primary  separation  reattaches  to  form  a  short  bubble  on  the  Inboard  portion  of  the  wing  but 

falls  to  reattach  on  the  more  heavily  loaded  outboard  sections.  That  part  of  the  shear 

layer  which  does  not  reattach  rolls  up  to  form  the  vortex. 

3)  A  part  span  vortex  can  be  formed  when  the  boundary  layer  flow  downstream  of  a  short 

separation  bubble  leaves  the  surface  close  to  the  bubble  along  a  line  of  secondary 

separation.  This  secondary  separation  line  forms  first  in  the  vicinity  of  the  tip  where 

loading  is  highest  and  the  resulting  free  shear  layer  rolls  up  to  form  the  vortex. 

In  the  results  presented  in  Ref.  12,  type  1)  was  observed  for  all  the  wing  sections  tested  when 
the  unit  Reynolds  number  was  1  x  106/m.  When  the  unit  Reynolds  was  Increased  to  2  x  10&/m,  the 

section  with  the  sharp  leading  edge  continued  to  generate  type  1)  while  the  two  rounded  sections 
tested  produced  type  2)  at  30-deg  sweep  and  type  3)  at  5li-deg  wing  sweep.  In  general,  it  was  found 
that  the  Incidence  necessary  for  the  onset  of  spiral  vort.tx  flow  depended  strongly  upon  the  leading 
edge  radius  and  that  dependence  upon  Reynolds  number  Increases  with  increasing  leading  edge  radius, 
■his  is  illustrated  in  Fig.  7.  In  Ref.  12,  It  is  also  stated  that  Reynolds  number,  sweep,  and 

incidence  are  Insufficient  In  themselves  to  determine  the  type  of  flow  which  will  occur  on  a  given 
airfoil  section.  The  authors  recommend  that  future  experimental  work  should  include  measurements  of 
the  wind  tunnel  disturbance  environment. 

Compressibility  Effects 

A  common  vortex  flow  test  technique  is  to  perform  flow  visualization  studies  on  models  in  water 
tunnels.  Although  this  can  be  useful  for  qualitative  evaluation  of  vortex  trajectories  over 
complicated  geometries,  caution  must  be  exercised  in  trying  to  extrapolate  quantitative  infoimation 
from  low  speed  tests  to  high  speed  performance.  Compressibility  effects  can  have  a  pronounced  effect 
on  vortex  behavior.  Brown  (Ref.  13)  found  from  a  theoretical  study  that  as  Mach  number  Increases,  the 

ratio  of  the  axial  velocity  at  the  corre  to  the  external  velocity  decreases  as  shown  In  Fig.  8.  It 
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was  also  found  that  the  compressibility  drastically  changes  the  behavior  of  the  circumferential 
velocity.  At  M  =  0  the  circumferential  velocity  Increases  toward  the  vortex  axis  whereas  at  higher 
Mach  numbers  this  velocity  component  decreases  toward  the  axis  (also  shown  In  Fig.  8). 

Voropoulos  and  Wendt  (Ref.  14)  performed  laser  doppler  veloclmeter  measurements  of 
compressibility  effects  on  the  lee-side  vortical  flow  field  of  a  delta  wing  at  Incidence.  It  was 
found  that  the  axial  velocity  excess  In  the  vortex  core  observed  at  low  Mach  numbers  became  an  axial 
velocity  deficit  at  Mach  numbers  above  0.6.  This  Is  shown  In  Fig.  9.  At  M  »  0.B0  the  results  suggest 
the  appearance  of  a  conical  shock  below  the  primary  vortex.  A  similar  occurrence  of  a  shock  wave 
pattern  for  Mn  <  1  was  also  observed  by  Szodruch  (Ref.  5).  Obviously,  as  the  free-stream  velocity 
Increases,  the  additional  velocities  Induced  by  the  primary  vortex  can  cause  the  local  velocity  to  go 
supersonic  resulting  In  a  local  shock  wave.  This  phenomena  cannot  be  simulated  In  a  water  tunnel. 
So  far,  no  evidence  of  a  Reynolds  number  dependency  exists  for  this  phenomenon. 

4. 7. 2. 3  Vortex  Breakdown 

Another  Important  design  consideration  In  relation  to  the  control  of  vortical  flows  Is  the 
breakdown  of  vortices.  If  the  vortex  breaks  down  before  the  trailing  edge  considerable  loss  of 
performance  can  result.  If  vortex  breakdown  occurs  differently  on  each  wing,  then  the  lateral 
stability  of  the  vehicle  can  be  significantly  affected.  As  Illustrated  In  Ref.  15,  there  are  two 
fundamental  types  of  vortex  breakdown  -  spiral  and  axlsymmetrlc.  Spiral  vortex  breakdown  Is  the  more 
prevalent  form  of  vortex  breakdown  In  most  wing  flows.  The  spatial  regimes  of  vortex  breakdown  are: 

Approach  Flow: _ Characterized  by  a  concentrated  vortex  core  embedded  In  a  flow  that  may  be 

approximated  as  Irrotatlonal . 

Breakdown  Region:  Characterized  by  rapid  changes  In  axial  direction.  Has  three  subintervals  of 

approximately  equal  length 

-  approach  flow  Is  decelerated  and  a  stagnation  point  Is  formed  on  the  vortex  axis 

-  flow  reversal  occurs  near  the  axis 

-  original  direction  of  axial  flow  Is  restored  and  a  large  Increase  of  turbulent  Intensity 
occurs 

downstream  Vortex  Structure:  A  new  vortex  structure  with  an  expanded  core  Is  established. 

Vortex  breakdown  has  been  observed  only  In  highly  swirling  flows.  The  maximum  values  of  the  swirl 
angle,  tan-l(v/w).  Is  invariably  greater  than  about  40‘,  where  v  and  w  are  the  azimuthal  and  axial 
velocities,  respectively.  An  apparently  necessary  condition  for  breakdown  is  a  positive  or  adverse 
pressure  gradient.  A  third  condition  Invariably  found  with  breakdown,  and  related  to  adverse  pressure 
gradients,  is  a  divergence  of  the  stream  tubes  In  the  vortex  core  Immediately  upstream  of  the 
breakdown.  A  more  detailed  description  of  vortex  breakdown  Is  given  In  Refs.  16  and  17. 

The  primary  parameters  that  may  Influence  vortex  breakdown  are  wing  Incidence,  wing  sweepback, 
Reynolds  number,  and  pressure  gradient.  The  influence  of  incidence  and  sweepback  on  the  location  of 
vortex  bursting  over  a  delta  wing  was  explored  by  Lambourne  and  Breyer  (Ref.  15)  and  typical  results 
are  shown  In  Figs  10  and  11.  In  Fig.  11,  the  distance  from  the  apex  to  the  position  of  vortex 
breakdown  Is  conveniently  correlated  with  the  parameter  y  *  cos-1  (cos  a  sin  A),  the  angle  between 
the  leading  edge  and  the  free  stream  direction.  It  may  be  noted  that  y  Is  closely  related  to  the 
angle  between  the  vortex  axis  and  the  free  stream.  In  practice  vortex  bursting  may  fix  an  upper  limit 
to  the  range  of  incidence  and  a  lower  limit  to  the  range  of  sweepback  over  which  flow  with  leading 
edge  vortices  can  be  used. 

As  summarized  in  Fig.  2.2.3-16,  the  onset  of  vortex  breakdown  at  the  trailing  edge  Is  Independent 
of  Reynolds  number.  This  conclusion  Is  reinforced  In  Fig. 12,  also  taken  from  Ref.  15.  In  addition, 
the  comparison  In  Ref.  18  of  wind  tunnel  and  flight  data  Indicate  a  good  correlation  of  trailing  edge 
vortex  breakdown  even  though  the  wind  tunnel  Reynolds  number  was  l/20th  of  the  flight  condition.  This 
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independence  with  Reynolds  number  is  the  reason  that  reasonable  qualitative  understanding  of  vortex 
breakdown  and  vortex  interaction  with  other  aerodynamic  surfaces  can  be  obtained  in  low  Reynolds 
number  water  tunnel  experiments. 

The  dependence  of  vortex  breakdown  on  external  stream  pressure  gradient  has  been  explored  in 
detail  by  Delery,  Horowitz,  Leuchter,  and  Solignac  (Ref.  19).  The  flow  field  along  the  core  of  a 
vortex  in  a  series  of  adverse  pressure  gradients  was  probed  In  detail  with  a  laser  velocimeter.  The 
Influence  of  the  external  pressure  gradient  on  the  pressure  gradient  in  the  vortex  core  is  shown  in 
Fig.  13.  The  comparison  clearly  brings  out  the  very  large  amplification  of  the  pressure  gradients 
along  the  axis,  compared  with  those  In  the  outer  flow.  This  is  attributable  to  a  phenomenon 
characteristic  of  vortex  flows,  related  to  the  high  rotation  rates.  In  Fig.  13,  Kp  *  (p-Po/do)  Is  the 
pressure  coefficient  referenced  to  stilling  chamber  conditions.  The  limit  of  vortex  breakdown  can  be 
defined  by  the  intensity  of  the  pressure  gradient  and  the  vortex  strength. 

In  summary,  vortex  breakdown  Is  dominated  by  the  geometric  conditions  of  the  wing  and  the 
external  pressure  gradient.  Reynolds  number  has  very  little  Influence  on  the  location  of  vortex 
breakdown.  Consequently,  subscale  simulation  of  vortex  breakdown  can  be  easily  accomplished  if  the 
wing  geometry  is  correctly  modeled  and  the  appropriate  pressure  gradient  over  the  model  Is  simulated, 
'he  Implication  is  that  factors  that  Influence  the  free  stream  distribution  such  as  wall  Interference 
and  flow  quality  will  have  a  more  pronounced  Influence  on  vortex  breakdown  than  viscous  simulation. 

4. 7.2.4  Vortex/Shock  Wave  Interaction 

The  interaction  of  a  vortex  with  a  shock  wave  Is  a  special  case  of  the  influence  of  the  external 
pressure  gradient  on  vortex  breakdown.  A  detailed  laser  velocimeter  and  pressure  probe  study  of 
vortex/shock  interaction  is  presented  in  Ref.  20.  The  shock/vortex  Interaction  is  schematically 
represented  In  Fig.  14.  The  phenomenon  Is  characterized  by  the  Mach  number  which  defines  the  shock 

intensity  and  the  swirl  rate  t  which  is  the  ratio  between  the  maximum  tangential  velocity  and  the 
local  external  velocity.  Actually,  the  vortex  behavior,  in  particular  as  breakdown  is  concerned, 
depends  on  the  local  shape  of  the  longitudinal  and  tangential  velocity  distribution.  The  rarameter  i 
Is  only  a  very  rough  characterization  of  this. 

The  passage  of  the  vortex  thruugh  the  shock  increases  the  helix  angle,  y  =tan-l(Vt/Vx) 
everywhere  and  particularly  In  the  central  part  of  the  vortex  where  the  axial  component  is  slowed  down 
the  most.  We  thus  conceive  that  a  state  may  be  reached  at  a  certain  shock  intensity  where  y  is  close 
to  the  critical  value  of  50°,  locally,  which  will  burst  the  structure  at  the  slightest  disturbance. 
The  effect  of  the  shock  on  the  rate  of  swirl  is  shown  in  Fig.  15.  The  quasi-invariance  of  the 
tangential  velocity  Vt  combined  with  the  decrease  in  the  axial  external  velocity  increases  the  rate  of 
swirl  i,  thus  increasing  the' 'fragil 1 ty ' '  of  the  vortex  making  it  more  vulnerable  to  a  possible 
breakdown.  A  vortex  breakdown  limit  curve  in  terms  of  t  and  the  pressure  drop  across  the  shock  is 
shown  In  Fig.  16. 

Although  a  systematic  study  of  the  Influence  of  Reynolds  number  vortex/shock  interactions  has  not 
been  performed  to  date,  up  to  the  point  of  vortex  breakdown  It  can  be  argued  that  the  laminar  and 
turbulent  viscous  forces  are  negligible  compared  with  the  pressure  and  acceleration  terms.  The 
viscosity  is  Important  only  Insofar  as  It  creates  vorticity  when  the  vortex  is  formed.  Based  on  this 
argument,  an  Invlscld  numerical  model  of  the  vortex/shock  interaction  using  the  Euler  equations  has 
been  developed  in  Ref.  20.  The  results  of  the  calculation  are  presented  in  Fig.  16  as  the  inviscid 
flow  calculation.  The  good  agreement  with  the  experiment  justifies  the  inviscid  approximation. 

4./. 3  Recommended  Future  Research 

Based  on  the  review  of  vortex  flow  phenomena  presented  in  Section  4.7.2  future  research 
requirements  on  vortex  flow  simulation  will  be  discussed.  Although  there  is  much  worthwhile  research 
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to  be  performed  on  all  basic  vortex  phenomena,  these  recommendations  will  concern  only  subscale 
simulation.  In  all  experimental  research  It  Is  strongly  urged  that  body  surface  pressures,  surface 
skin  friction  lines,  surface  streamline  visualization,  vortex  trajectory  visualization,  and  vortex 
core  velocities  be  obtained.  As  suggested  In  Ref.  21,  these  multiple  pieces  of  Information  are 
necessary  to  understand  the  detailed  behavior  of  the  flow.  Isolated  measurements,  such  as  pressure 
distributions,  can  often  be  Inconclusive.  It  Is  also  recommended  that  computational  fluid  dynamics  be 
used  to  gain  further  understanding  of  vortical  flow  features.  For  simple  representative  geometries, 

the  Navier  Stokes  equations  can  be  solved  to  provide  detailed  flow  features.  First  attempts  at  such 

calculations  are  presented  In  Refs.  22  and  23.  When  the  computations  are  calibrated  with  measured 
flow  features  they  can  be  Invaluable  for  either  Interpolating  quantities  throughout  the  flow  domain  or 
determining  the  flow  parameters  not  measured  (for  example,  the  skin  friction  lines). 

In  the  large,  research  has  net  been  performed  to  address  the  Issues  of  subscale  simulation  of 
vortical  flows.  Consequently,  the  future  research  recommended  below  Is  directly  aimed  at  alleviating 
this  deficiency.  The  recommended  research  Is: 

1)  A  systematic  scaling  law  analysis  needs  to  be  performed  on  the  vortical  flows  of  interest. 
Appropriate  length  scales  and  physical  phenomena  need  to  be  defined  as  a  guide  to  proper 
subscale  simulation  of  vortical  flows.  The  scaling  laws  determined  need  to  be  evaluated 
against  full-scale  phenomena. 

2)  Systematic  studies  of  boundary  layer  tripping  Influence  on  vortex  separation  needs  to  be 

performed.  Specific  objectives  are  to  determine  the  Influence  of  trips  and  tripping 

techniques  on 

a.  symmetrical  vortex  adding  on  forebodies, 

b.  asymmetrical  vortex  separation  on  forebodies 

c.  reattachment  and  secondary  vortex  formation  on  sharp  leadlng-edgewings, 

d.  shock  Induced  vortices  on  sharp  edged  wings  with  supersonic  leading  edges,  and, 

e.  primary  vortex  separation  on  round  leading  edge  wings. 

3)  Systematic  studies  need  to  be  performed  to  determine  the  causes  of  asymmetrical  vortex 
formation  on  forebodies.  Only  If  we  can  recognize  under  which  set  of  conditions  we  should 
expect  asymmetric  vortex  formation  can  we  hope  to  confidently  simulate  such  flows.  Care 
must-  be  taken  In  such  research  to  assure  true  scaling  phenomena  are  Isolated,  and  the 
asymmetries  are  not  artifacts  of  flow  quality  or  model  precision. 

4)  The  role  of  streamwise  vortices  In  the  formation  of  vortical  flows  needs  to  be  ascertained. 

5)  One  last  conclusive  experiment  needs  to  be  performed  to  determine  the  Independence  of  vortex 
breakdown  on  the  Reynolds  number. 
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Figure  1.  Vortex  distribution  in  the  boundary  layer  (from  Ginoux). 


Figure  2.  Effect  of  Reynolds  number  on  longitudinal  vortex 
development  (from  Ginoux). 
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Figure  3.  Two-dimensional  cylinder  pressure  distribution 
at  different  Reynolds  number  (from  Roshko). 


Figure  4.  Yawing  moment  on  a  fighter  aircraft  at  zero  slideslip 
(from  Headley). 
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Figure  5.  Conceptual  development  of  asymmetric  leeside  vortex  wake  structure 
(from  Peake  and  Tabak). 
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Figure  6.  Appearance  of  leading  edge  vortex  flow  on  awing 
(from  Manie,  Neron,  and  Schmitt). 
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a.  Approximate  location  of  the  boundary  between  attached 

flow  and  spiral  vortex  flow  at  a  unit  Reynolds  No.  of  1.0x106/m. 
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b.  Approximate  location  of  the  boundary  between  attached 

flow  and  spiral  vortex  flow  at  a  unit  Reynolds  No.  of  2.0  x  106/m. 


Figure  7.  Influence  of  sweep,  thickness,  and  Reynolds  number 
on  the  formation  of  a  spiral  vortex  (from  Poll). 


Figure  10.  Variation  of  burst  position  with  incidence 

and  sweepback  (from  Lambourne  and  Breyer). 


Figure  V,  Burst  position  plotted  against  y,  the  angle 
between  the  leading  edge  and  free  stream 
(from  Lambourne  and  Breyer). 


Figure  12.  Burst  position  versus  incidence  for  various  Reynolds  numbers, 
delta  wing,  A  =  65  deg  (from  Lambourne  and  Breyer). 
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Figure  13.  Pressure  distribution  along  the  axis  of  a  vortex  with  variations 
in  the  external  pressure  gradient  (from  Delery,  Horowitz, 
Leuchter,  and  Solignari). 
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Figure  14.  Schematic  representation  of  a  shock-vortex 
interaction  (from  Miller  and  Wood). 


Figure  iS.  Effect  of  the  ihock  on  the  rate  swirl 
(from  Miiicf  and  Wood). 
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Figure  16.  Breakdown  limit  curve  with  uniform  axial 
distribution  (from  Miller  and  Wood). 
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SECTION  4.8  ENVIRONMENTAL  EFFECTS  ON  TRANSITION  AND  BOUNDARY 
LAYER  CHARACTERISTICS 

by 

C.Ciray 

Aeronautical  Engineering  Dept. 

Middle  East  Technical  University 
lndnii  Bulvan,  Ankara,  Turkey 

Nomencl ature 

C  Chord  length  or  wind  tunnel  working  section  perimeter,  (L) 

C i  Wind  tunnel  perimeter  of  1  ft  x  1  ft  working  section  =  1.20  m,  (L) 

Co  Orag  coefficient  (1) 

LF  friction  coefficient,  (1) 

Cl  Lift  coefficient,  (1) 

Cp  Pressure  coefficient,  (1) 

h  Shape  parameter,  8*/0,  (1) 

*t|  Shape  parameter  before  the  shock,  (1) 

i'P  Shape  parameter  after  the  shock,  (1) 

n,0  Clauser  shape  parameter,  /{ue-U/U,)2  dy//(Ue-U/Ui)dy,  (1) 

0  Turbulence  intensity  corrected  f,  G0(l-oT),  (1) 

»  Trip  Sl2e  (L) 

m  Mesh  size  of  turbulence  generating  grid,  (L) 

M(,k  Peak  Mach  number  at  the  shock,  (1) 

*«>  M0  Mach  number  of  the  external  flow,  (1) 

P  or  Ps  Static  pressure 
Pt  Total  pressure 

p'or  p's  r.m.s.  of  static  pressure  fluctuations 

p’T  r.m.s.  of  total  pressure  fluctuations 

Rex  Reynolds  number  based  on  distance  in  x  direction,  (1) 

Rev  Vortlclty  Reynolds  number  •  y2/v  •  dU/dy,  (1) 

Riii  Momentum  Reynolds  number  at  the  point  of  instability,  (1) 

Rulr  Momentum  Reynolds  number  at  transition  point,  (1) 

pet  or  Rxj  Transition  Reynolds  number  based  on  distance,  (1) 

I  or  Tu  Turbulence  intensity,  U'l/Ue,  (1) 

Taylor's  parameter,  T(X/M)l/5,  (1) 
lAW  Adiabatic  wall  temperature,  (T) 

Iw  Wall  temperature,  (T) 

U'l  r.m.s.  of  velocity  fluct,  itions  In  1  direction,  (IT-1) 

Ue  Mean  external  veloi  Tl) 

U  Instantaneous  velc  it;*.  v'.Ti) 

U  Mean  velocity,  (LTl) 

UT  Shear  stress  velocity,  U,  tw/p  -  Ue  Cf/2,  (LTl) 

X  Oistance  from  leading  edge,  (L) 

Xs  Shock  position  at  a  given  turbulence  intensity,  (1) 

xSo  Shock  position  at  quiescent  flow,  T  »  0,  (1) 

•k  Trip  position  (L) 

•lo  Untripped  transition  position,  (L) 

>•  Transition  position,  (L) 

•i  Position  of  point  of  instability,  (L) 

,  Normal  distance  from  wall,  (L) 

u  Angle  of  attack,  or  a  constant,  (1) 

6  Boundary  .layer  thickness,  (L) 

Si  Boundary  layer  thickness  before  the  shock,  (L) 
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&2  Boundary  layer  thickness  after  the  shock,  (L) 

figs  Boundary  layer  thickness  before  the  shock,  (L) 

8*  Displacement  thickness,  (L) 

X  Pohlhausen  parameter  •  82  •  dUe/dx/v,  (1) 

Xi)  Pohlhausen  parameter  based  on  0  •  02  •  dUe/dx/v,  (1) 

Xu  Mean  Pohlhausen  parameter  used  by  Granville,  (1) 

p  Density,  (FL-3) 

v  Kinetic  viscosity,  (l2t1) 

n  Momentum  thickness,  (L) 

iw  Wall  shear  stress,  (FL-2) 


4.6  ENVIRONMENT At  EFFECTS  ON  TRANSITION  AND  BOUNDARY  LAYER  CHARACTERISTICS 
4.8.1  INTRODUCTION  AND  NATURE  Of  ENVIRONMENTAL  EFFECTS 

A  boundary  layer  develops  under  the  influence  of  internal  interactions  or  mechanisms  controlled 
by  the  field  equations  and  by  inputs  thorugh  the  boundaries  of  the  control  volume  surrounding  the 
portion  of  the  boundary  layer  in  question.  The  Inputs  are  coming  through  material  and  non-material 
boundaries  as  shown  in  Fig.  1. 

The  environmental  effect  is  understood  to  be  the  component  of  the  boundary  conditions  that  are 
random  functions  of  time  and/or  spatial  coordinates.  Hence  momentum,  pressure,  entropy,  and  surface 
^regularity  are  quantities  which  give  rise  to  environmental  effects.  These  quantities  are  only 
random  functions  of  time  at  a  non-material  boundary  whereas  they  can  as  well  be  random  functions  of 
spatial  coordinates  at  a  material  boundary  when  they  act  as  an  environmental  effect.  A  boundary  layer 
developing  on  a  rough  surface  is  an  example  of  the  latter  case.  Therefore  a  perfectly  motionless, 
non-vibrating  but  rough  boundary  may  be  considered  as  an  environmental  effect  with  respect  to  the  non¬ 
slip  condition  and  also  to  temperature  and/or  heat  flux  conditions  if  these  latter  two  exist  all  along 
the  rough  boundary. 

It  can  be  inferred  that,  for  the  boundary  layer  developing  on  a  wing  of  an  airplane  flying  in  a 
perfectly  calm  weather  without  any  atmospheric  disturbance,  the  environmental  effect  may  be  produced 
only  by  the  material  boundaries.  Yet,  if  the  model  of  the  same  wing  is  tested  in  a  v;ind  tunnel, 
momentum,  entropy,  and  pressure  (noise)  ■'  id'tuations  generated  in  the  wind  tunnel  will  constitute  the 
environmental  effects  through  the  non-material  boundaries  as  well.  Therefore  estimation  of  boundary 
layer  characteristics  (hence  transition)  from  wind  tunnel  data  requires  not  only  Reynolds  number 
extrapoi  Lion  but  also  distinction  of  the  Influence  of  the  individual  environmental  factors  (elements) 
and  their  extrapolation  to  full  scale  flight  conditions. 

Suppose  that  Co  is  measured  for  a  given  configuration  in  a  wind  tunnel  for  a  range  of  Reynolds 
number  represented  by  the  full  line  portion  of  the  upper  curve  M  in  Fig.  2  for  a  known  wind  tunnel 
(W.T.)  environmental  condition  (say  turbulence  intensity).  Suppose  also  that,  the  correction 
necessary  to  bring  Co  to  zero  environmental  effect  is  shown  by  ACdIW.T.  Env|,  that  is  the  curve  m  in 
the  same  figure.  By  subtracting  m  from  curve  M,  a  point'l  on  M  will  be  brought  to  2  on  the  new  curve 
N.  Curve  N  is  representing  zero  environmental  effect  curve  and  the  point  2  corresponds  to  Cd  for  zero 
environmental  effect  at  W.T.  Reynolds  number.  Reynolds  number  extrapolation  to  flight  Reynolds  number 
at  zero  environmental  effect  will  bring  Cd  to  point  3  on  curve  N.  If  ACo  at  the  flight  environmental 
condition  (say  for  a  different  turbulence  intensity)  is  represented  by  the  curve  n,  the  Cd  at  flight 
Reynolds  number  and  environr.  :ntal  conditions  will  be  shown  by  point  4. 

1.  If  the  environmental  effect  was  not  considered  then  the  Reynolds  number  effect  alone  would  bring 

1  to  4  in. 
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2.  If  the  environmental  effect  was  Reynolds  number  independent,  then  at  flight  Reynolds  number,  Co 
for  zero  flight  environmental  effect  would  be  represented  by  the  point  a1  so  that  the  distance 
1-2  which  is  equal  to  4“-4‘  would  also  be  equal  to  the  distance  4"-3.  The  actual  Co  for  flight 
conditions  has  to  be  represented  by  the  point  4  where  the  distance  4-3  is  equal  to  ACo  on  curve 
n  at  Reft-  It  becomes  clear  that  an  environmental  effect  is  not  a  Reynolds  number  effect,  but  a 
Reynolds  number  effect  may  exist  in  the  extrapolation  of  environmental  effects  to  full  scale 
flight  conditions,  at  least  in  principle. 

The  effect  of  the  turbulence  level  of  the  wind  tunnel  environment  has  long  been  recognized  to  be 
influential  in  hastening  transition  and  has  also  been  led  to  formulations  that  relate  transition 
point  to  turbulence  level  for  subsonic  flows.  Similarly,  acoustical  disturbances  in  subsonic 
flows  at  very  low  wind  tunnel  turbulence  levels  has  been  recognized  to  influence  the  transition. 

But  the  importance  of  environmental  effects  on  boundary  layer  simulation,  transition  and 
development  has  been  emphasized  more  with  the  advent  of  more  stringent  requirements  imposed  on  wind 
tunnel  results  |47|.  Figures  2b  |48|  and  2c  |49|  demonstrate  that  these  requirements  such  as 
tolerable  errors  below  a  few  drag  counts  from  different  wind  tunnel  data  can  be  expected  only  if  the 
role  of  the  environmental  effects  influencing  the  boundary  layer  characteristics  are  quantitatively 
accounted  for. 

The  environmental  effects  are  classified  for  the  purpose  of  this  chapter  as  the  wind  tunnel  flow 
disturbances,  wind  tunnel  acoustical  disturbances,  and  model  effects  for  each  flow  regime.  Wind 

tunnel  flow  disturbance  effects  mean  more  specifically  velocity  (momentum),  pressure  and  temperature 
(entropy)  fluctuations  or  the  wind  tunnel  flow  having  an  impact  on  the  boundary  layer  flow 

characteristics,  development  and  transition.  The  main  effect  meant  by  wind  tunnel  acoustical 
disturbances  is  the  effect  of  the  noise  on  the  boundary  layer.  By  model  effects,  the  effects  of 
surface  irregularities,  non-adiabatic  wall  temperature  changes,  changes  in  attitude,  and  vibration  of 
the  model  are  understood. 

The  chapter  is  organized  in  five  sections.  Section  4.8.2  is  devoted  to  the  subsonic  regime,  with 
sub  sections  on  wind  tunnel  flow  disturbances,  wind  tunnel  acoustical  disturbances,  and  effects  of 
disturbances  of  the  model.  Section  4.8.3  is  for  transonic-supersonic  flows  and  is  organized  with  the 
same  subsections  as  4.8.2.  Section  4.8.4  is  devoted  to  theoretical  means  for  the  prediction  of  the 
environmental  effect.,.  Finally,  Section  4.8.5  resumes  with  some  concluding  remarks.  Each  subsection 
is  organized  In  an  order  reflecting  the  chronological  development  of  the  effect  studied. 

It  should  be  noted  that  this  chapter  is  essentially  devoted  to  the  environmental  effects  on 
transition  and  boundary  layer  characteristics.  The  actual  transition  phenomenon  or  boundary  layer 
characteristics  are  treated  in  specialized  secitons  such  as  that  of  R.  Michel's.  Therefore,  the 

reader  must  consult  these  sections  if  he  wants  a  general  account  of  transition  and  boundary  layer 

characteristics.  Also  some  of  the  studies  reported  here  are  reviewed  in  subsections  2. 3. 1.5  to 
2. 3. 1.8  of  this  report  under  the  title  of  Flow  Quality,  Temperature  Monequilibrium,  Surface  Roughness, 
and  Model  Deformation. 

4.3.2  Subsonic  I  low 

4.8.2. 1  Wind  Tunnel  Flow  Disturbances 

I  ransition 


Flow  disturbances  simply  mean  the  influence  of  external  turbulence  on  a  laminar  boundary  layer, 
therefore  affecting  the  transition.  The  functional  relation  of  turbulence  quantities  to  transition  is 
generally  represented  on1,  through  the  turbulence  intensity: 
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T  =  =  where  V  =  (U,  2)m . 

U  1  1 

e 

Goldstein  |1|,  following  G.  I.  Taylor  \2\,  reminds  us  that  transition  is  not  only  a  function  of  T  "but 
depends  also  on  the  scale  of  the  turbulence  producing  mechanism".  G.  I.  Taylor  adopts  the  view  that 
transition  is  enhanced  by  the  pressure  gradient  fluctuations  caused  by  the  turbulence  of  the  flow 
field.  With  further  assumptions  drawn  largely  from  isotropic  turbulence  studies  behind  a  grid  of  bars 
{mesh  size  M),  the  critical  Reg  or  Rex  for  transition  is  related  to: 

«  \  M  ) 

which  is  called  Taylor's  turbulence  parameter  by  Hall  and  Gibbings  |2|.  It  appears  that  Taylor's 
parameter  Ta  is  a  constant  at  transition  for  all  X,  T,  and  M  combinations.  If  the  transition  distance 
X  is  replaced  by  Rx,  Fig.  3  can  be  used  to  find  the  combined  effect  of  turbulence  intensity  T  and 
turbulence  scale  represented  by  the  mesh  size  M.  The  experimental  points  in  Fig.  3  are  reported  |3[ 
to  belong  to  Hi$lop  [ 4 f .  Hi s 1  op  |4|  reports  that  his  measurements  could  not  be  correlated  on  the 
basis  of  Ta  where  the  mesh  sizes  he  used  were  M  =  l"/2,  1"  and  2",  Fig.  3.  However,  Schubauer's  data 
| 5 |  obtained  with  higher  turbulence  intensities  and  larger  mesh  sizes,  such  as  M  =  1",  3  l"/2,  and  5", 
seem  to  correlate  on  the  basis  of  Ta.  In  their  review  section.  Hall  and  Gibbings  |3|  conclude  that  TQ 
is  a  good  correlation  parameter  for  high  turbulence  intensities  and  larger  turbulence  scales.  It 
should  be  noted  that  the  above  information  and  deliberations  are  for  zero  pressure  gradient.  Dryden, 
et  al .  /6/,  also  found  that  the  effect  of  external  turbulence  cannot  be  satisfactorily  correlated  only 
with  the  turbulence  intensity  but  that  the  scale  of  turbulence  had  to  be  introduced.  They  used 
correlations  of  fluctuations  between  neighboring  points  in  order  to  study  the  critical  Reynolds  number 
of  spheres  and  found  that  the  length  scale  as  well  as  the  intensity  had  to  be  introduced  into  the 
correlation. 

On  the  other  hand,  in  order  to  consider  the  influence  of  turbulence  intensity  and  pressure 
gradient.  Van  Driest  and  Blumer  |7|  start  with  the  assertion  that  transition  occurs  "when  the  ratio  of 
inertial  stress  to  viscous  stress  is  a  maximum".  The  ratio  is  named  vorticity  Reynolds  number,  Rev, 
and  defined  as: 

y2  dU 
v  dy 

The  maximum  vorticity  Reynolds  number  occurs  for  the  Blasius  profile,  at  a  relative  height  of  0.57  of 
the  boundary  layer  thickness,  8,  and  this  figure  is  almost  equal  to  0.6,  which  is  the  relative  height 
of  the  point  where  high  frequency  bursts  occur.  They  show  that: 


Re 

V 


=  A  +  B  A 


where  A  is  the  Pohlhausen  parameter  and  A  and  B  two  constants  to  be  specified  experimentally, 
fluctuating  flows 


is  perturbed  as: 


X  = 


8  dP 
]iUe  dx 


8  dUe 
v  dx 


dp ■  .  K 

A  =  X  +  A’  and - is  taken  proportional  to  p - 

dx  Y 


For 


With  further  assumption  that  the  maximum  size  A  of  disturbing  eddies  should  be  proportional  to  8, 
then  the  basic  relation: 

Re 

—  =A  +  B\  +CRes-  T 2 
fle6  8 
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is  obtained.  Rev,  A,  B,  and  C  are  constants  to  be  obtained  experimentally.  The  relation  contains 
the  pressure  gradient  and  turbulence  intensity  effects  simultaneously  in  the  same  equation. 

The  experimental  constants  are  supplied  in  Ref.  |7|,  for  various  classes  of  boundary  layers  such 
as  for  Falkner-Skan  profiles  with  or  without  mean  presssure  gradient.  With  respect  to  the  assumptions 
involved  and  the  number  of  experimentally  determined  constants,  I.  Tani  |8|  remarks:  "In  view  of  the 
questionable  assumptions  concerning  mixing  length  and  free  stream  turbulence  effects,  however  the 
relation  may  be  looked  upon  simply  as  an  empirical  correlation’  formula."  This  type  of  formula  has 
been  used  by  Wells  |9|  for  the  case  of  zero  pressure  gradient  and  found  to  fit  the  experimental  points 
’  for  the  range  of 

Re  <2.5x10® 

X 

corresponding  to  T  >  0.002  which  is  the  threshold  of  the  influence  of  acoustical  disturbances  as 
reported  below.  It  would  be  worthwhile  to  test  the  complete  Van  Oriest-Blumer  type  of  equation  with 
non-zero  pressure  gradient  against  experimental  data  and  to  find  its  range  of  validity.  Also  it  would 
be  interesting  and  beneficial  to  find  out  the  threshold  for  the  acoustical  (or  noise)  effects  when 
pressure  gradient  is  present. 

Junkhan-Serovy  1 10 1  reports  the  dependence  of  transition  Reynolds  number  Ret  on  turbulence 
Intensity  in  the  form  of: 

4x  104  <  Re(  <  4xl05u)/ien0.4%  <  T  <  8.3% 

for  a  flat  plate  with  zero  pressure  gradient  and  states  that  for  favorable  pressure  gradient: 

*  transition  region  increases  in  size  and 

•  Ret  decreases  with  increasing  T. 


Wells  1 9 1  gives  basically  the  two  figures,  namely  Figs.  4  and  5,  for  the  variation  of  Ret  with  T. 
figure  4  contains  results  obtained  in  two  different  wind  tunnels  (the  LTV  and  National  Bureau  of 
standards)  for  low  T  range  (T  <  0.003)  and  Fig.  5  for  higher  range  of  T.  The  Fig.  5  contains  the 
(.orrelation 


2200 


Re 


1/2 


=  1  +  38. 2.  T2  Re]n 


as  a  full  line  and  it  is  of  the  type  given  by  Van  Oriest-Blumer  analysis  |7|. 

Wells  experimented  at  the  L.T.V.  Research  Center,  Dallas,  in  an  open  circuit  wind  tunnel  with  a 
long  circular  test  section  that  he  calls  a  boundary  layer  channel  with  12  different  settling  chambers 
and  different  screens.  He  obtained  higher  Ret  as  shown  in  Figs.  4  and  5  when  compared  to  the  results 

of  Schubauer  and  Skramstadt,  Oryden,  Hall  and  Hislop  in  the  N.B.S.  tunnel  for  the  same  turbulence 
Intensities  T,  when  T  <  0.003.  More  information  about  the  experimental  setup  and  experiments  can  be 
found  in  Refs,  j 1 1 j  and  1 12 1 .  The  large  differences  in  Ret  between  the  two  different  facilities  for 
the  same  T  as  observed  in  Fig.  4,  is  ascribed  to  a  noise  effect.  This  has  been  later  the  subject  of 
another  study  by  Spangler  and  Wells  1 13 1  where  the  main  result  is  shown  in  Fig.  6  and  will  be 
discussed  further  in  sub-section  4. 8. 2. 2. 


Hall-Gibbings  |3|  review  the  works  of  Van  Oriest-Blumer,  Grabtree,  Granville,  Smith  and 
Gamberoni,  Van  Ingen,  Jof fe-Chamuse  and  Smith,  and  that  of  Michel.  They  conclude  in  summary  as 
follows: 


The  minimum  variables  required  for  a  reliable  prediction  of  transition  are: 

e2  du 

T-X»=~'^-andRv 
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in  spite  of  the  fact  that  turbulence  scale,  frequency  spectrum  and  the  previous  history  of  the 
flow  such  as  the  locus  of  T,  Xe,  Re  are  influencing  the  transition. 

Acoustic  disturbances  influence  transition  when  T  <  0.2%. 

For  dp/dx  =  0,  Fig.  7,  the  start  of  transition  is  given  by: 

In (fi0  -  190)=  -  103T+  6.88, 

and  the  end  of  transition  is  given  by: 

ln(Re  -  320)  =  -  44.7  T  +  7.70 


The  equation  for  the  start  of  transition  as  a  function  of  T  is  based  on  data  points  of  a  number 
of  experimentators  reported  in  Ref.  |3|  and  has  a  reasonable  reliability.  Yet  as  pointed  out  in 
the  same  work  the  end  of  transition  equation  has  a  weakness  in  the  sense  that  it  is  based  on  only 
three  experimental  points.  For 

e2  dU 

Xe=  -  —  *°. 
u  v  ax 

Fig.  8  gives  the  dependence  of  Rg  at  transition  as  a  function  of  Xo  and  T  in  graphical  form  |3|. 

v 

Granville  | 14 |  expressed  the  Rgtr  -  R0i  as  a  function  of  Xo,  Fig.  9,  stressing  the  Influence  of 
the  history  of  the  B/L  after  the  point  of  instability.  Rgtr  and  Roi  are  the  Reynolds  numbers  based  on 
momentum  thicknesses  at  the  points  of  transition  and  instability  whereas  Xg  is  defined  as: 


dUe 

dx 


dxKXtr 


X). 


A  transition  criterion  similar  to  that  of  Granville  but  including  the  effect  of  external  turbulence 
intensity  is  given  and  described  in  Section  4. 3. 3. 1.2  of  this  report,  (see  Fig.  7  of  the  appropriate 
section) . 

It  is  observed  that  most  of  the  experimental  work  related  to  the  influence  of  external  turbulence 
on  transition  in  the  incompressible  range  were  made  before  the  early  70's  and  go  back  as  early  as  the 
30's.  The  use  of  modern  sensing  elements  such  as  laser  doppler  anemometers  and  powerful  data 
acquisition  systems  will  help  to  increase  the  accuracies  and  reduce  the  scatter  common  to  all 
experimental  work  of  this  kind.  A  better  picture  of  transition  development  along  the  chord,  the  span, 
and  in  the  direction  perpendicular  to  the  wall  can  undoubtedly  be  obtained. 

The  external  turbulence  is  usually  represented  by  the  turbulence  intensity,  T.  Yet  the  influence 
of  the  scale  of  turbulence  which  has  been  shown  to  be  influential  has  not  received  much  attention.  It 
is  generally  accepted  that  external  turbulence  cannot  be  represented  by  a  single  parameter.  It  is  of 
course  desirable  to  have  a  minimum  number  of  parameters.  Yet  it  can  be  argued  that  external 
turbulence  has  at  least  to  be  described  through  its  power  spectrum,  the  peaks  in  the  spectrum,  and  the 
associated  wave  numbers  in  addition  to  the  intensity.  Taylor's  hypothesis  of  frozen  turbulence  may 
not  be  adequate  for  the  determination  of  meaningful  wave  numbers  in  this  respect  1 15 1  if  the 
experimentator  operates  with  the  hot  wire. 

Studies  to  obtain  the  Influence  of  external  turbulence  on  transition  using  some  closure  model  are 
not  numerous.  Arnal  and  Michel  1 16 1  have  an  attempt  in  this  direction.  They  try  to  predict  the 
transition  with  a  modified  K-e  model,  using  the  Jones  and  Launder  model  for  taking  account  of  the 
effect  of  viscosity  on  turbulence  by  "viscous  functions".  Figure  10  shows  the  displacement  thickness 
Reynolds  number  at  transition  as  function  of  the  turbulence  intensity  as  obtained  from  K  -  r  model  and 
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experiments,  (flat  plate  boundary  layer).  The  agreement  is  not  bad.  Unfortunately,  important 
weaknesses  of  the  model  appeared  in  other  applications,  essentially  attributable  to  the  fact  that  it 
does  not  take  account  In  any  way  of  the  stability  properties  of  the  laminar  boundary  layer.  It  does 
not  seem,  finally,  that  a  transport  equations  model  should  be  recommended  for  transition  problems 
|17| . 


The  final  observation  about  turbulence  effects  on  laminar  boundary  layer  transition  is  that  most 
of  the  experimental  work  was  performed  for  a  flat  plate  with  or  without  pressure  gradient,  or  on 
airfoils,  but  three-dimensional  configurations  have  not  been  treated  at  all  or  reported  in  readily 
available  literature.  It  is  felt  that  the  observations  outlined  above  suggest  the  need  and  direction 
of  some  research  work  for  the  future. 

J.  E.  Green  1 18 j  reviews  the  experimental  works  of  Charnay,  Compte-Bellot,  Mathieu  1 19 1  and  that 
of  Huffman,  Zimmerman,  Bennett  |20|  about  the  effect  of  free  stream  turbulence  on  flat  plate  (zero 
pressure  gradient)  turbulent  boundary  layer  characteristics.  The  Influence  of  turbulence  is  studied 
with  respect  to  turbulence  intensity,  T,  while  the  length  scale  of  turbulence  (at  least  the  integral 
longitudinal  scale)  has  been  the  same  or  almost  the  same  for  all  intensities.  The  main  qualitative 
conclusions  are  that 


a  thicker  boundary  layer 
a  fuller  velocity  profile  (smaller  H)  and 
higher  shear  stresses 


are  obtained  with  increasing  T. 


Another  important  result  is  that  the  law  of  the  wall  representation  is  almost  not  influenced, 
whereas  the  velocity  defect  region  is  critically  Influenced.  Charnay,  Compte-Bellot  and  Mathieu 
propose  | 19 |  for  the  velocity  defect  region  the  expression: 


Ue-U 
V  —  a  U , 


=  f[iyns,eadof^-=f(l) 


where  a  =  0.29  in  1 19 1  and  it  is  taken  as  1/3  in  1 19 1 .  Green  1 18 1 ,  gives  for  the  Clauser  shape 
parameter,  the  relation  s 


to  take  into  account  the  influence  of  turbulence  intensity  on  G.  Go  is  the  shape  parameter  at 
quiescent  external  flow  conditions  which  is  taken  as  6.4  or  6.5  (Clauser  value  is  6.1). 


Green  deduces  a  number  of  relations  to  calculate  the  fractional  increase  in  Cf  and  the  fractional 
decrease  in  H  in  terms  of  T  when  Re  is  held  constant.  He  obtains: 


4  8  T 


A  H 
H 


-  (2.4  -  0.25  H)T 


Also  the  fractional  decrease  in  Rq  when  H  is  maintained  constant  is  calculated  as: 


With  the  definition  of  the  effective  Reynolds  number  of  a  turbulent  boundary  layer  in  the  presence  of 
a  turbulent  external  flow  as  "the  Reynolds  number  at  which  the  same  H  would  be  obtained  if  the 
external  flow  was  quiescent",  it  is  shown  that  a  turbulence  intensity  of  T  =  1%  corresponds  to  almost 
60%  fractional  decrease  in  Rq  and  this  effect  increases  with  decreasing  Cf,  hence  increasing  Rq. 
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Green  ( 18 1  also  gives  a  series  of  results,  Fig.  11,  obtained  through  calculations  to  show  the 
influence  of  pressure  gradient  (high  lift  airfoils)  and  the  change  in  mean  mixing  length  of  the  outer 
boundary  layer  on  some  boundary  layer  characteristics.  Figures  lib  and  11c  show  that  the  influence  of 

changing  the  mixing  length  of  the  outer  boundary  layer  in  the  ratios  of  1/0.9  and  1/0.8  are  hardly 

noticeable  on  the  development  of  momentum  and  displacement  thicknesses  for  the  nominal  Reynolds  number 

of  7  x  106.  The  change  in  nominal  Reynolds  number  from  7  x  106  to  12  x  106  and  to  21  x  106  alter 

critically  A  and  8*.  Yet  Fig.  lid  reveals  that  the  effect  of  varying  the  outer  boundary  layer  mixing 

length  on  the  shape  parameter  H  is  by  no  means  small.  Indeed  it  is  observed  from  the  same  figure 

that,  changing  mixinq  lenqth  in  the  ratio  of  1/0.9  gives  the  same  variation  in  H  as  the  change  of  the 

nominal  Reynolds  number  from  7  x  106  to  12  x  106,  that  is  an  increase  in  Re  of  12/7  =  1.7  times.  Re 

increases  by  a  factor  of  3  for  a  change  of  mixing  length  of  1/0.8. 

Meier  and  Kreplin  1 21 1  tried  to  see  the  influence  of  turbulence  intensity,  boundary  layer 

history,  turbulence  scale,  and  power  spectrum  of  turbulence  on  boundary  layer  characteristics.  The 
measurements  were  made  in  an  open  wind  tunnel  with  a  convergent  nozzle  upstream  of  the  working  seciton 
whose  wall  was  used  as  a  flat  plate.  The  nominal  turbulence  level  in  the  wind  tunnel  was  0.06%  and 
turbulence  intensity  was  changed  by  means  of  different  grids  placed  at  various  places  in  the  settling 
chamber  and  the  nozzle.  The  transition  was  fixed  at  50  mm  from  the  leading  edge  and  boundary  layer 

characteristics  were  measured  at  a  fixed  point,  namely  850  mm  from  the  leading  edge.  Some  of  their 

results  are  summarized  below: 

1.  Figure  12a  shows  the  velocity  profile  U/Ut  at  the  fixed  measuring  seciton  for  various  turbulence 
intensities  at  the  leading  edge.  The  authors  specify  that  the  external  turbulence  intensities  at 
the  measuring  station  are  almost  the  same  for  different  intensities  at  the  leading  edge.  It  is 
observed  that  the  curve  is  unique  for  the  inner  wall  region  whereas  the  outer  region  is  heavily 
influenced  by  the  turbulence  intensities.  Furthermore,  the  higher  the  turbulence  level  T,  the 
smaller  is  the  deviation  of  the  velocity  defect  region  from  logarithmic  distribution.  That  means 
the  law  of  wake  is  less  influential  as  reflected  by  the  shape  factor  nl.  The  two  different 
curves  for  the  same  Intensity  (i.e.  0.06%)  clearly  indicates  the  influence  of  history  (note  the 
shift  in  the  zero  of  Fig.-  12a). 

2.  Figure  12b  shows  the  Cf  as  a  function  of  turbulence  intensities  corresponding  to  the  measurements 
mentioned  above.  The  calculations  of  Green  are  also  shown.  According  to  Meier  and  Kreplin's 
experimental  results  the  theoretical  values  of  Geren  overestimate  the  friction  coefficients 
significantly. 

3.  Figures  12c  and  12d  show  how  various  grids  located  at  different  positions  create  quite  different 
spectra  of  velocity  fluctuations  U'  and  integral  length  scale  Lx  at  a  given  point  (1420  mm  from 
leading  edge)  for  the  same  T  =  0.2%  measured  at  this  point. 

4.  Figure  12e  shows  the  correlation  attempted  by  the  two  authors  for  the  relative  change  in  Cf 
versus  the  length  scale  nondimensionalized  with  respect  to  the  boundary  layer  thickness  which 
Indicates  a  decrease  in  Cf  with  increasing  Lx. 

5.  High  turbulence  levels  at  the  leading  edge  generate  nonuniformities  which  cause  changes  in 
boundary  layer  structure,  such  as  for  example  the  increase  in  displacement  thickness  due  to 
momentum  loss  because  of  tripping  wire. 

Hancock  and  Bradshaw,  in  a  more  recent  work  | 22 |  ,  have  covered  a  wider  spectrum  in  the  matrix  of  T 
and  scale  of  external  turbulence  again  for  dP/dx  =  0  on  a  flat  plate,  compared  to  all  of  the  already 
available  information  from  previous  workers,  Fig.  13a.  Length  scale  is  defined  in  the  form  of 
dissipation  length  Leu,  u  meaning  longitudinal  component  of  velocity  fluctuation  has  been  used  in  the 
definition 
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where  Xg  Is  measured  from  the  turbulence  generating  grid.  Figure  13a  indicates  that  the  region 
covered  in  T  and  Leu  is: 
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0.018  <  T  <  0.06 and0.67  <  —  <  5. 

S995 

1.  The  authors  use  an  empirical  parameter  in  the  form  of 
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obtained  by  trial  and  error  in  order  to  correlate  ACf/CfQ  and  obtain  a  good  fit  for  their  own 
data,  Fig.  13b  (top).  But  for  ACf/CfQ  >  0.05  or  for  larger  T  (or  their  special  parameter),  the 
extent  of  the  scatter  area  is  of  the  same  order  as  ACf/Cf0  when  data  of  other  workers  are 
plotted,  Fig.  13b  (lower).  Whether  this  special  parameter  is  adequate  or  not,  it  fcombines 
Green's  1 18 1  inference  that  ACf/Cf0  is  proportional  to  T  and  confirms  Meier  and  Kreplin's  ] 21 1 
finding  that  ACf/CfQ  is  inversely  proportional  to  length  scale  more  convincingly,  (see  also  Fig. 
12e).  The  paper  by  Hancock  and  Bradshaw  |22|  gives  the  correlation  between  relative  increments 
in  CfQ  and  H0  as: 
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and  plotted  in  Fig.  13c  (top).  This  Is  very  close  to  the  relation  given  by  Green  | 18 | . 
the  latter  formulation  is  given  as: 
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2.  The  paper  1 22 1  explains  the  decrease  in  ACf/Cf0  with  increasing  length  scale  by  the  wall 
effect  which  reduces  the  normal  component  of  turbulent  fluctuations  affecting  the  boundary 
layer  below  the  free  stream.  If  this  supposition  is  true,  it  would  perhaps  be  more 
realistic  to  define  the  length  scale  as  Lev  rather  than  Leu,  i . e . : 
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Figure  13c  (lower)  shows  the  relative  incremental  increase  in  8995/0  in  terms  of  ACf/Cf0.  It 
would  be  instructive  to  be  able  to  control  the  data  in  the  figure,  with  respect  to  Green's 
formulation: 
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3.  Finally,  the  influence  of  external  turbulence  on  mean  velocity  distribution  is  shown  in  Fig. 
13d,  also  taken  from  the  same  reference  |22|.  The  top  two  curves  belong  to  low  turbulence 
level  and  small  scale,  whereas  the  lower  six  curves  are  for  high  turbulence  intensity 
(0.0362  <  T  <  0.0468)  and  large  length  scale 

jjl 

(  1.69  <—  <2.72) 

and  measured  at  different  x  positions  along  the  plate.  These  curves  confirm  once  more  that 
logarithmic  law  (inner  wall  region)  is  not  influenced  by  the  external  turbulence  and  further 
it  is  extended  with  increasing  turbulence  intensity  and  scale.  The  full  lines  are  given  by 
the  usual 


on  the  grounds  that  it  is  more  correct  and  realistic  1 23 ,  24|.  The  paper  does  not  offer  any 
physical  explanation  for  the  penetration  of  the  law  of  the  wall  region  into  the  wake  region 
and  n  values  that  give  the  solid  lines  are  not  given.  The  simplest  explanation  that  can  be 
offered  Is  that  larger  scales,  larger  or  equal  to  8,  are  bringing  and  spreading  the  wall 
region  behavior  to  the  whole  thickness  of  the  boundary  layer.  Therefore  n  may  be  found  to 
be  strongly  related  to  the  scale  than  to  the  intensity. 

The  above  studies  show  that  turbulent  velocity  fluctuations  as  an  environmental  parameter  affect  the 
boundary  layer  characteristics  through  its  intensity,  spectrum,  scale  and  also  through  the  history  of 
these  parameters.  For  the  time  being,  extensive  experimental  work  seems  to  be  necessary  to  lead  to, 
to  supplement,  or  to  confirm  any  theoretical  work  with  the  aim  to  predict  the  environmental  effects. 
It  has  to  be  pointed  out  that  while  it  is  extremely  worthwhile  to  design  experimental  work  to  isolate 
the  role  of  individual  parameters  of  the  environment,  it  is  equally  important  to  find  out  the  weight 
of  the  role  of  each  parameter  when  more  than  one  of  them  are  concurrently  present  while  affecting  the 
boundary  layer.  Perhaps  the  historical  evolution  of  the  external  flow  turbulence  intensity,  spectrum 
and  scale  should  be  measured  and  documented  for  a  given  wind  tunnel  and  experimental  setup,  in 
conjunction  with  the  boundary  layer  measurements  to  help  to  define  a  special  "signature"  for  a  given 
wind  tunnel.  It  is  recommended  that  wall  shear  stresses  be  'measured  by  direct  techniques  to  the 
extent  possible. 

4. 8. 2. 2  Wind  Tunnel  Acoustical  Disturbances 
Transition: 

The  dependence  of  transition  position  on  turbulence  intensity  is  shown  in  Fig.  4,  taken  from 
Wells  1 9 1  ,  for  different  wind  tunnels  when  T  >  0 . 3%.  For  smaller  turbulence  intensities,  different 
wind  tunnels  have  different  transition  Reynolds  numbers  at  the  same  T  values.  Spangler  and  Wells  | 1 3 | 
in  a  follow-up  paper,  discuss  the  acoustical  effect  which  was  stated  as  the  cause  of  this  discrepancy 
referred  to  in  the  previous  paper  by  Wells.  A  rotating  vane  provided  the  acoustical  disturbance 
without  producing  momentum  fluctuations.  It  is  illustrated  in  Fig.  6  that  Rt  is  sensitive  to  the 
frequency  of  the  disturbing  noise.  It  is  further  explained  that  the  spectrum  of  the  noise  is  also  an 
important  factor.  For  example,  the  insensitivity  of  transition  at  82  c/s  to  noise  whereas  there  is  a 
dependence  at  76  c/s,  is  attributed  to  the  fact  that  the  spectrum  for  76  c/s  contains  the  critical 
peak  at  20  c/s  which  excites  the  occurrence  of  transition  in  accordance  with  stability  theory,  whereas 
for  82  c/s  such  a  peak  does  not  exist  in  the  spectrum.  It  is  further  emphasized  that  some  frequencies 
were  effective  and  the  location  of  the  transition  could  be  varied  simply  by  changing  its  intensity. 
But  slight  change  in  the  fundamental  frequency  causes  a  complete  loss  of  control. 
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Murthy-Steinle  1 25 1  referring  to  1 26 1  and  |27|  state  that  there  Is  some  evidence  to  show  that 
free  stream  pressure  fluctuations  do  not  have  any  measurable  influence  on  turbulent  boundary  layers. 
They  go  further  to  suggest  that  pressure  fluctuations  do  not  affect  the  transition  as  they  deduce  from 
measurements  made  on  the  10°  AEDC  cone  in  Mach  number  range  of  0.4  to  1.2.  This  point  will  be 
discussed  at  the  proper  place  in  subsection  4.8.3.  But  it  has  to  be  reminded  that  Murthy-Steinle 
deductions  are  based  on  data  in  high  subsonic  range  for  the  AEDC  cone  | 28 |  and  also  the  data  show  a 
scatter  of  ±20%  in  transition  location  even  when  M  <  0.8  or  0.9.  With  that  kind  of  scatter,  it  seems 
necessary  to  be  able  to  separate  the  weight  of  the  role  of  other  parameters  in  order  to  see  whether 
the  pressure  fluctuations  alone  are  or  are  not  influential  at  all. 

It  is  worthwhile  to  remind  once  more  about  the  scarcity  of  studies  related  to  the  role  of 
external  pressure  fluctuations  on  transition  and  on  the  boundary  layer  characteristics. 

4. 8. 2. 3  Disturbance  on  the  Model 

Disturbances  on  the  model,  understood  in  the  manner  of  the  definition  of  the  environmental  effect 
appear  in  three  different  ways: 

•  The  influence  of  roughness  distributed  continuously  on  the  material'  boundary  or  the  rough 
boundary  problem, 

•  The  influence  of  Individual  or  a  row  of  roughnesses,  and 

•  The  vibration  of  the  model. 

The  first  problem,  i.e.  the  influence  of  distributed  (uniform)  roughness  on  boundary  layer 
characteristics  such  as  the  velocity  distribution  and  Cf  has  long  been  studied  and  will  not  be 
considered  here.  The  reader  is  referred  to  the  classical  work  of  Young  1 29 1 ,  Schlichting  1 30 1 ,  and 
references  in  these  books. 

Transition: 

How  distributed  roughness  affects  the  transition  has  not  received  the  same  attention.  The 
dependence  of  transition  Reynolds  number  both  on  roughness  Reynolds  number  and  the  pressure  gradient 
as  reported  by  Feindt  | 31 |  is  shown  in  Fig.  14. 

The  second  problem,  i.e.,  the  Influence  of  individual  or  a  row  of  roughnesses  is  studied  within 
the  context  of  Inducing  transition  i.e.  boundary  layer  tripping,  and  is  considered  in  Section  4.9  of 
this  report  (not  under  environmental  effects).  The  deformation  of  the  boundary  or  deformation  of  the 
boundary  with  time  (vibration,  third  question)  is  discussed  in  the  following.. 

The  work  by  Gougat  and  Martin  1 32 1  aims  to  study  both  static  (i.e.  not  moving)  and  dynamic  (i.e. 
vibrating)  phenomena  on  a  limited  portion  of  a  flat  plate  to  determine  the  effect  on  transition 
seemingly  at  zero  nominal  pressure  gradient.  The  location  of  transition  is  defined  as  the  location  X 
(from  leading  edge)  where  the  maximum  of  T  across  the  thickness  of  the  boundary  layer  is  observed. 
This  is  seen  in  Fig.  15a  for  flat  plate  and  for  bumps  (with  heights  ±  a)  100  mm  long.  The  location  of 
the  maximum  of  velocity  fluctuations  power  spectrum  is  seen  to  be  at  0.35  of  y/S  and  this  corresponds 
to  0.40  of  U/Ue. 

In  Fig.  15b,  it  is  seen  that  a  bump  of  ±1  mm  moves  the  transition  in  the  upstream  direction  by 
37%.  Yet  whether  the  bump  is  plus  or  minus  makes  a  difference  of  only  3%  in  the  upstream  migration  of 
the  transition.  Reference  | 32 |  only  suggests  that  the  transition  position  advances  if  the  bump  is  set 
into  vibration.  It  is  appropriate  to  call  attention  to  the  need  to  study  transition  in  the  presence 
of  vibrating  portions  of  a  solid  boundary  which  is  likely  to  affect  the  transition  as  suggested  above. 
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4.8.3  Transonic-Supersonic  Flows 

It  appears  that  the  interest  in  transition  studies  with  respect  to  environmental  effects  are  more 
numerous  for  supersonic  flows  than  for  transonic  flows.  This  may  be  because  of  the  knowledge  that  the 
effect  of  compressibility  is  small  on  the  performance  of  a  boundary  layer.  Yet,  today  a  few  drag 
counts  are  required  in  wind  tunnel  practice.  Therefore,  research  directed  towards  the  estimate  of  the 
influence  of  turbulence  intensity,  scale  and  power  spectra,  acoustical  disturbances,  orientation 
spectra,  etc.  on  transition  in  transonic  Mach  number  range  is  necessary. 

4.8. 3.1  Wind  Tunnel  Flow  Disturbances 

Transition: 

Laufer  1 33 1  gives  the  following  results  for  the  effect  of  turbulence  intensity  T  for  supersonic 
flows  with  regard  to  transition,  for  a  series  of  experiments  conducted  in  a  Mach  number  range  of  1.7  < 
M  <  4  and  a  turbulence  intensity  range  of  0.6%  <  T  <  7%.  It  is  stated  that:  for  M  <  2.5,  T  is 
effective  on  transition  whereas  for  M  >  2.5,  T  is  not  anymore  influential. 

Shock  B/L  Interaction  for  a  Turbulent  Boundary  Laver: 

Transonic  flow  over  a  bump  was  studied  | 34 |  for  varying  free  stream  turbulence  intensities  T,  and 
the  measurement  results  for  shock  position  Xs,  Ree  (Reynolds  number  based  on  momentum  thickness)  are 
given  as  a  function  of  T.  The  boundary  layer  is  turbulent  starting  from  the  monoplane  grids 
controlling  the  turbulence  level  in  the  wind  tunnel.  From  Fig.  16a  (left),  it  is  seen  that  the  shock 
position  moves  n  in  the  downstream  direction  with  T  for  a  constant  M«>.  The  8*  and  0  first  Increase 
with  increasing  T  up  to  a  maximum,  then  both  decrease  when  T  continues  to  increase.  The  Increase  in 
0  cannot  account  for  the  continuous  downstream  movement  of  the  shock  location.  Therefore,  the 
authors  conclude  that  the  turbulence  intensity  of  the  environment  has  a  direct  effect  on  shock 
interactions,  hence  on  shock  location.  An  explanation  in  physical  terms  of  "direct  effect  on  shock 
interaction  hence  on  shock  location"  is  not  given.  But  the  following  explanation  may  be  considered. 
From  Fig.  16d '(obtained  from  the  follow  up  study  by  the  same  authors  to  be  reported  below)  it  is  noted 
that  the  magnitude  of  the  turbulence  level  for  the  boundary  layer  before  and  after  the  shock  is  the 
same  for  TM  =  3.68%  and  0.34%.  Hence  at  higher  turbulence  level  the  contribution  to  momentum  flux 
term  in  the  momentum  equation  is  higher  on  the  supersonic  face  of  the  shock,  therefore  pushing  the 
shock  in  the  downstream  direction  to  reach  a  higher  pressure  for  balance.  Figure  16a  (right)  shows 
the  dependence  of  Mach  number  before  the  shock  i.e.  Mpk  as  a  function  of  turbulence  level  T.  The 
authors  observe  that  Mpk  is  more  sharply  influenced  by  T  for  Mpk  >  1.3  and  conclude  that  turbulence 
plays  a  rather  important  role  when  large  separation  zones  are  present  as  is  demonstrated  in  the  follow 
up  study  | 35 | .  The  latter  study  by  the  same  authors  and  for  the  same  bump  and  experimental  conditions 
concentrates  on  details  of  the  flow  at  two  different  stations  before  and  after  the  shock  for  different 
turbulence  intensities,  i.e.  0.3%  <  T  <  6%.  Figures  16b,c,d,e,f  show  the  results  obtained  for  Mpk  = 
1.44  which  corresponds  to  a  separated  zone  behind  the  bump  with  reattachment  to  the  wind  tunnel  floor 
at  the  trailing  edge.  In  Fig.  16b  the  velocity  profiles  measured  before  and  after  the  shock  indicate 
that  the  separated  zone  thickness  decreases  with  increasing  T  and  one  has  fuller  profiles  at  both 
stations  for  higher  T. 

Figure  16c  shows  that  H2/H1  and  8*2/8*i  are  especially  sensitive  to  T  when  T  <  2%  but  02/01  is 
not  as  sensitive.  The  role  of  T  on  longitudinal  intensity  distribution  of  turbulence  is  indicated  in 
Fig.  16d  and  it  Is  observed  that  the  maximum  turbulence  intensity  is  almost  unchanged  in  the  separated 
zone  whereas  its  location  has  approached  the  bump  surface.  For  the  same  y/Sf3S  the  role  of  increasing 
environmental  turbulence  level  seems  to  appear  as  a  reduction  in  longitudinal  turbulence  intensity 
down  to  y/8gs  =  0.6.  The  reduction  may  be  attributable  to  the  fact  that  increased  external 
turbulence  suppress  the  thickness  of  the  separation  bubble  as  observed  from  Fig.  16b.  Figure  16e 
shows  that  the  turbulence  spectra  are  altered  before  the  shock  with  a  change  in  T,  whereas  it  is  not 
changed  after  the  shock.  The  decrease  in  separation  length  with  increasing  T  is  seen  in  Fig.  16f. 
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It  may  be  recalled  from  studies  related  to  the  parameters  of  the  external  turbulence  affecting 
the  boundary  layer  characteristids  In  compressible  flow  that  the  role  of  the  turbulence  scale  was 
important.  There  is  no  reason  why  it  is  not  so  in  shock  boundary  laeyr  interaction.  Also,  how  the 
shock  influences  the  turbulence  and  scale  of  the  external  flow  is  worthwhile  to  study  in  a  deeper  way. 

It  is,  for  example,  very  interesting  to  note  that  the  relative  intensity  T  is  the  same  before  and 
after  the  shock  according  to  Fig.  16d. 

Temperature  Fluctuations  and  Heat  Transfer 

The  other  parameter  that  has  been  given  some  attention  within  flow  disturbances  is  temperature 
fluctuation.  The  study  by  Oekeyser  and  Burnage  |36|  is  theoretical  and  also  not  directly  related  to 
transition.  It  may  as  well  be  included  in  Subsection  7.4  where  theoretical  prediction  is  considered. 
The  study  is  concerned  with  the  development  of  entropy  fluctuations  represented  by  s',  in  2D  boundary 
layer  flow.  Entropy  fluctuations  result  from  the  interaction  of  an  entropy  gradient  and  irrotational 
velocity  fluctuations  where  for  the  latter  ones  pressure  fluctuations  are  responsible.  The 
development  of 


(s’ 


,2 .172 


is  schematically  shown  in  Fig.  17  for  a  2D  flow  with  a  mean  velocity  V«>.  It  is  assumed  that  the 
sound  sources  are  moving  with  a  velocity  Vs,  the  entropy  gradient  is  3s/3x3;  then  the  symbols  in  Fig. 
17  are  as  follows: 


M. 


M,  a 


where  ao  is  the  speed  of  sound  and  A  corresponds  to  some  sort  of  macroscale  of  pressure  fluctuations 
in  terms  of 


Morkovin  1 37 1  states  that  at  M  =  1.76  in  a  well  designed  supersonic  tunnel  no  influence  on 
transition  of  entropy  fluctuations  is  observed.  Lynch,  et  al.  | 38 |  report  a  number  of  significant 
changes  on  boundary  layer  characteristics  and  transition  caused  by  heat  transfer  at  the  model  wall. 

Their  experiments  have  been  conducted  on  a  14%  thick  4-in.  chord  aft  loaded  modern  airfoil  in  a  1-foot 
cryogenic  wind  tunnel.  They  have  studied  various  conditions  such  as: 


1.  Subcritical  attached  flow  conditions  with  no  transition  fixation  at  Re  =  7  x  106  and  M  =  0.72. 
From  Fig.  18a  it  is  seen  that  wall  temperatures  higher  than  the  adiabatic  one  decreases  the  Cl 
whereas  Cq  increases  by  one  drag  count  per  1%  increase  of  Tw/Taw.  '  The  reverse  is  true  for 
cooling. 

2.  Typical  cruise  conditions  at  Re  7.5  x  106,  M  =  0.74,  with  a  moderate  strength  shock  (no  shock 

induced  separation)  are  illustrated  in  Fig.  18b.  The  same  trend  is  observed  for  different  angles 
of  attack  tested  within  the  study.  Detailed  pressure  measurements  performed  within  the  shock 
boundary  layer  interaction  region  are  shown  in  Fig.  18c  which  also  includes  theoretical 
predictions  after  Inger's  triple  deck  theory.  It  is  observed  that  an  increase  in  wall 

temperature  relative  to  the  adiabatic  wall  moves  the  shock  in  the  upstream  direction  mainly 
because  of  the  influence  of  the  heating  on  the  development  of  the  boundary  layer  before  the  shock 
(see  also  Section  4.5). 

3.  Separation  (buffet)  onset  conditions  were  tested  and  Fig.  18d  shows  various  results.  It  is  seen 
that  cooling  has  little  effect  on  Cl  whereas  heating  decreases  Cl  appreciably.  The  separation  is 
hastened  by  heating  and  near  trailing  edge  pressure  coefficients  decrease  appreciably  with 
heating.  Correspondingly  shock  wave  moves  upstream  with  heating.  The  authors  conclude  that  a 
deviation  in  Tw/Taw  of  more  than  1%  is  unacceptable  for  the  definition  of  the  buffet  onset 
conditions. 
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4.  Separation  progression  at  angles  of  attack  beyond  buffet  onset  is  more  pronounced  with  heat 
transfer.  Fig.  18e.  The  interesting  thing  here  is  that  Cl  is  much  influenced  by  heating  and 
cooling  than  the  buffet  onset  and  that  Cp  near  the  trailing  edge  is  more  influenced  by  cooling 

than  by  heating  which  is  just  the  opposite  of  the  behavior  at  buffet  onset  conditions. 

It  is  not  very  clear  if  the  temperature  distribution,  though  different  than  adiabatic  temperature  and 
changing  with  time,  is  "uniform"  on  the  model  wall  or  if  there  was  any  randomness  with  respect  to  time 

and  position.  But  it  is  seen  that  even  1%  deviation  of  the  wall  temeprature  for  this  small  airfoil 

causes  significant  deviations  in  aerodynamic  characteristics  and  flow  conditions.  With  larger  exposed 
areas  and  on  three-dimensonal  configurations,  flow  behavior  and  therefore  aerodynamic  characteristics 
may  even  be  altered  more  severely. 

Dougherty  and  Fisher  1 28 1  report  experimental  results  of  the  non-adiabatic  wall  effect  on 
transition  of  the  10°  AEDC  cone  performed  in  flight.  These  results  are  reproduced  in  Fig.  19.  The 
solid  line  is  given  by  the  expression 


which  clearly  indicates  the  strong  dependence  of  transition  on  wall  temeprature.  The  flight  test 
envelope  covered  a  range  of  Mach  nubmers  as  0.4  <  M  <  2  and  Unit  Reynolds  number  (per  m)  of  3.20  106  < 
Ue/vc  <  16.40  106. 


Transition 


Pate  and  Schueler  1 39 1  attempt  to  rationalize  the  supersonic  wind  tunnel  noise  effect  on 
transition.  They  correlate  the  transition  Reynolds  number  (based  on  distance)  with  the  noise 
parameters  of  the  tunnel,  namely: 

Cf  Boundary  layer  skin  friction  coefficient  of  wind  tunnel  wall 

8*  Boundary  layer  displacement  thickness  of  wind  tunnel  wall 

C  Wind  tunnel  wall  perimeter 

and  have-  shown  that  the  correlation  holds  for  each  tunnel,  as  in  Fig.  20. 

The  correlation  is  further  extended  to  include  the  relative  size  of  tunnels,  Fig.  21.  This 
correlation  is  given  as: 


Re  =  0.0141  (CpT 255 10.56  +  0.44  (C]/C)|/(S*/Cj1'2 

and  is  valid  for  all  the  supersonic  wind  tunnels,  Mach  numbers,  and  Reynolds  numbers  within  the  tested 
cases.  Ci  in  the  above  expression  is  the  perimeter  of  a  1-ft  tunnel  i.e.  Cl  =  4  ft.  The  range  of 
Mach  numbers  covered  is  3  <  M  <  8  and  the  unit  Reynolds  number  varies  as: 

0.1  x  106  <  Re/in.  <  1.1  x  106. 

The  wind  tunnel  sizes  range  from  1  ft  to  16  ft.  Figures  22,  23,  and  24  also  taken  from  the  same 
reference  |39|,  show  how  the  correlation  given  above  represents  the  available  data  for  various  tunnels 
as  a  function  of  unit  Reynolds  nubmer,  size,  and  Mach  number.  Later  Pate  1 40 1  reported  on  transition 
for  a  10°  cone  under  supersonic  conditions.  The  noise  parameters  (Cf,  C,  8*)  are  shown  to  be  good 
indicators  of  Ret  for  cones  too,  Fig.  26.  The  Mach  number  range  is  3  <  M  <  4  and  the  wind  tunnel  size 
varies  from  12-in.  to  40-in.  (AEDC  VKF  Tunnels  0  and  A).  The  tests  were  performed  with  a  clean 
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surface  and  with  spherical  roughness.  It  is  seen.  Fig.  25,  that  Ret  is  tunnel  size  dependent  and 
increases  with  increasing  size.  Here  (Ret/in.)®  and  (Ret/in. )s  represent  the  unit  Reynolds  number 
based  on  velocities  of  the  external  flow  and  at  the  edge  of  boundary  layer  thickness.  Figure  26 
contains  the  transition  point  correlation  for  special  nondimenslonal  parameters  (shown  on  the  figure) 
for  a  wide  range  of  Mach  numbers  and  supersonic  wind  tunnels  and  both  for  planar  and  cone  models. 

Bergstrom  and  Raghunathan  1 41 1  comment  on  the  possible  representation  of  Ret  vs.  the  r.m.s.  of 
the  pressure  fluctuations  |more  precisely  P 1  /P |  to  discern  th’e  true  dependence  of  Ret  on  local 
effects,  particularly  of  Mach  number  which  would  be  obscured  if  8*,  Cf  type  parameters  are  used. 
Dougherty,  Jr.  | 42 |  reports  microphone  measurements  of  pressure  fluctuations  on  a  10°  cone  in  the  AEDC 
PWT  16S  at  58-ft  downstream  of  the  throat.  He  shows  that,  Fig.  27,  his  Ret  measurements  correlate 
with  Pate-Schueler  formula  for  a  Mach  number  down  to  2.  Furthermore,  the  r.m.s.  values  of  pressure 
fluctuations  P'  are  shown  to  be  a  function  of  the  tunnel  wall  boundary  layer  parameters  8*,  Cf,  and  C, 
Fig.  28,  where: 


The  empirical  fit  is: 


AC  =  0.1613.  {Cy  |6*/C) 1/2 jc  1 05  —  5} 


The  relation  of  ACp  to  Ret  for  the  wind  tunnel  and  the  limits  of  his  experiments  are.  Fig.  29: 


He  =  1. 695*10® (AC  )-0'627 
t  p 


This  expression  is  Indicating  that  Ret  and  ACp  are  strongly  related  in  spite  of  the  fact  that  the 
relation  is  not  universal.  The  study  also  reveals  that  the  Pate-Schueler  relation.  Figs.  21  and  26, 
can  be  used  down  to  a  Mach  number  of  2. 

In  the  transonic  range  Credle  and  Carleton  1 43 1  experimented  with  a  10°  angle  cone  in  two 
different  wind  tunnels.  The  overall  r.m.s.  levels  measured  on  the  cbne  were  functions  of  the  wind 
tunnel  wall  and  free  stream  noise  and  the  influence  on  transition  is  as  seen  in  Fig.  30  1 18 1  i.e. 
higher  noise  level  reducing  transition  Reynolds  number. 

Dougherty  and  Fisher  1 28 1  report  the  results  obtained  on  the  10°  AEDC  cone.  Experiments  were 
performed  in  various  wind  tunnels  in  U.S.A.,  England  and  France  also  In  flight  with  the  same  cone. 
The  range  covered  in  Mach  and  unit  Reynolds  number  in  these  tests  were: 

ft  l/c  ft 

0.20  <  M  <  5.50  and  0.80  x  10b  <  —  <41.5xlOb 

v 

Transition  detection  was  made  with  surface  pitot  tube  and  typical  detection  data  is  reproduced  in  Fig. 
31a.  Some  of  the  important  results  are  summarized  below. 

1.  From  the  comparison  of  the  Figs.  31b,  31c,  and  31d  that  flight  data  yield  almost  the  same  Rfj 
(end  of  transition  Reynolds  number)  under  the  same  M  and  Ue/ve  for  low  noise  level  wind  tunnels 
(i.e.  P's/qoo  <  0.01)  when  M  <  1.  When  M  >  1  (or  so),  transition  develops  much  earlier  than  in 
flight  conditions  even  for  low  noise  tunnels.  For  higher  noise  level  tunnels  (P's/qoo  >  0.01) 
the  disagreement  between  flight  and  wind  tunnel  data  is  more  severe.  Fig.  31d.  The  authors 
explain  that  the  noise  levels  can  be  reduced  by  taping  the  slots  and  thus  bringing  Rej  obtained 
in  the  wind  tunnel  closer  to  that  of  the  flight.  More  information  on  this  aspect  is  given  in 
1 44 1 .  Finally,  the  authors  1 28 1  offer  the  correlation  of  Rej  to  P's/qoo  within  ±20%  as  in  Fig. 
31e  with  the  expression: 


a 


-1/4 
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2.  The  data  for  Me  >  3  in  low  noise  wind  tunnels  agree  with  Pate's  correlation,  Fig.  27. 

3.  The  authors  relate  the  distinguishing  features  for  disturbance  spectra  signature  to  the  geometry 

of  the  wind  tunnels,  i.e.  to  the  slots  or  to  the  perforations  of  the  test  sections.  As  said 

before,  by  taping  the  slots  it  has  been  possible  to  reduce  the  noise  level. 

In  a  recent  paper,  Murthy  and  Steinle  | 25 |  have  used  exactly  the  same  data  of  the  previous  paper 
1 28 1  for  low  noise  level  wind  tunnels  and  plotted  what  they  call  the  equivalent  Reynolds  number  of 
transition  vs  Cp>rnls  =  p's/qco,  Figs.  32a  and  32b.  The  equivalent  Ret  (or  T)  is  obtained  by  reducing 
the  transition  Reynolds  number  measured  at  a  given  Mach  number  to  a  reference  Mach  number  equal  to 
0.8.  The  reduction  procedure  is  made  according  to 


R*«orT,,e<J=Re«or  Tt-W~  0.81X3X10° 


The  authors  thus  remove  the  compressibility  effect  from  the  data.  In  this  way  they  obtain  Figs.  32a 
and  32b  which  show  that  the  transition  Reynolds  number  is  Independent  of  Cp  r.m.s.  at  least  in  the 
Mach  number  range  of  M  <  0.8  or  0.9. 


Murthy  and  F i sher | 25 |  show  further  that  momentum  fluctuation  i.e.  (pu)1  is  influential  even  on 
the  equivalent  Reynolds  number  of  transition  (beginning  and  end)  as  shown  in  Figs.  32c  and  32d.  They 
suggest 


fl<Wn«T(pu)  "r-ms% 

where  n  =  1/4  for  beginning  and  n  =  1/6  for  end  of  transition  and 

lRiWRerJ~(P  urm2r.m.S.% 

In  view  of  the  large  scatter  of  the  data  used  In  the  two  studies  reported  above,  namely  Refs.  1 28 1 
and  1 25 1 ,  the  first  thing  that  is  normal  to  think  is  to  question  the  accuracies  involved  in  such 
measurement.  The  thorough  study  of  the  reference  |28|  shows  that  utmost  care  is  taken  in  data 
acquisition.  But  whether  this  utmost  care  is  enough  for  the  study  of  environmental  effects  or  not 
needs  further  studies. 

In  spite  of  the  fact  that  the  accuracies  in  the  data  acquisition  may  be  considered  to  be 
satisfactory,  the  data  reduction  and  presentation  to  lead  to  correlations  or  physical  explanations 
present  a  more  severe  problem.  The  choice  of  the  independent  parameters,  to  maintain  one  set  of 
parameters  constant  while  seeking  a  correlation  between  the  dependent  and  one  of  the  independent 
parameters,  or  to  sort  out  the  individual  weight  of  each  parameter  when  more  than  one  of  them  are 
contributing  to  the  dependent  parameter  require  further  studies  in  the  future. 

Transition  and  Tripping 

Transition  controlled  by  tripping  is  also  considered  in  the  paper  of  Pate  1 40 1  together  with  the 
heat  transfer  effect.  The  effective  or  knee  point,  upstream  of  which  all  xt  are  trip  dominated  is 
seen  in  Fig.  33a,  within  the  Mach  number  range  3  <  M  <  5.  The  knee  point  can  also  be  viewed  as  a 
transition  point  obtained  for  a  specified  trip  roughness  size,  trip  location,  and  a  specific  unit 
Reynolds  nubmer  for  which  the  transition  location  remains  fixed  no  matter  how  much  the  unit  Reynolds 
number  is  increased. 

Figure  33a  shows  results  for  trip  roughnesses  made  of  spheres  of  diameter  0.01-in.  and  located  at 
Xk  =  4.9-in.  and  the  untripped  conditions.  The  effective  point  is  obtained  at  approximately  8-in.  for 
a  unit  Reynolds  number  of  0.3  x  106  and  this  point  remains  fixed  (almost)  for  unit  Reynolds  number 
larger  than  0.3  x  106.  The  transition  point  changes  drastically  for  smaller  unit  Reynolds  number 
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(Region  II)  and  strongly  before  that  (Region  I)  as  in  the  case  of  untripped  conditions.  The  Potter- 
Whitfield  correlation  is  also  applied  to  date  of  the  study  |4D|  and  is  shown  in  Fig.  33b.  Ihe 
correlation  considers  the  heat  transfer  effect  and  is  applicable  to  both  planar  and  cone  models.  It 
further  provides  the  trip  size  required  to  locate  transition  anywhere  between  undisturbed  smooth 
surface  transition  location  and  trip  position.  This  Correlation  is  effective  for  20  surface  wires  and 
single  row  of  spheres.  The  knee  point  cannot  be  obtained  from  the  Potter-Whitf ield  correlation.  Xto 
which  appears  in  the  correlation  is  the  nontripped  transition  distance  and  can  be  obtained  from  Fig. 
26,  if  experimental  information  does  not  exist. 

4.8. 3. 3  Disturbances  on  the  Model 

The  role  of  distributed  roughness  on  boundary  layer  characteristics  was  not  touched  in  the 
Subsection  4. 8. 2. 3  for  subsonic  flows.  The  case  of  supersonic  or  transonic  flow  seems  not  to  call  a 
widespread  attention.  The  only  source  available  to  the  author  was  made  thorugh  the  courtesy  of  J.  8. 
Peterson,  Jr.  from  NASA,  Langley  and  is  dating  from  1959  |45|.  Therefore,  main  conclusions  of  this 
paper  are  reported  below  in  order  to  call  the  attention  on  the  subject  since  no  related  work  appears 
to  have  been  done  recently.  The  experimental  work  by  Goddard  was  made  on  the  surface,  of  cylindrical 
body  under  under  supersonic  conditions  in  the  range  of  1.98  <  M  <  5  and  3  x  10&  <  Re  <  8  x  1D&.  Skin 
friction  measurements  were  made  on  the  basis  of  measuring  the  average  skin  drag  of  the  cylinder  rather 
than  the  local  skin  drag.  Velocity  profiles  have  been  obtained  by  pitot  tubes.  The  paper  gives 
detailed  data  of  measured  average  skin  friction  with  respect  to  Mach  number,  Reynolds  number  based  on 
cylinder  corrected  length  and  relative  roughness  size  (relative  to  cylinder  length).  It  appears  that 
Cf,  the  average  skin  drag  coefficient,  decreases  with  M  and  also  the  role  of  compressibility  is 
entirely  via  the  change  in  wall  density.  Fig.  34a,  where  Cfi  represents  the  incompressible  skin  drag 
coefficient.  Cf/Cf0,  where  Cf0  corresponds  to  the  drag  coefficient  for  smooth  surfaces,  is  only  a 
function  of  k  U,/v  in  which  k  is  the  average  thickness  of  the  roughness,  Fig.  34b,  as  in  the  case  of 
Incompressible  flows.  Another  interesting  result  is  that  the  critical  roughness  below  which  the 

surface  Is  hydraulically  smooth  Is  obtained  with  roughness  Reynolds  number  k  U,/v  »  10  almost  as  in 
the  incompressible  case.  The  velocity  profiles  follow  the  inner  wall  region  logarithmic  distribution 
and  the  shift  In  the  velocity  profile  A(U/tO  f°r  supersonic  case  is  only  a  function  of  roughness 
Reynolds  number  and  follows  the  same  law  as  that  for  the  incompressible  case,  Fig.  34c. 

4.8.4  Theoretical  Development  for  Prediction 

Almost  all  of  the  results  explained  in  the  previous  subsections  are  based  on  experimental  studies 
whereas  the  parameters  used  in  these  correlations  are  determined  with  engineering  judgement  and  some 
dimensional  analysis. 

•  Arnal-Michel's  semi -empirical  study  |16|  relates  external  turbulence  Intensity  to  transition 
prediction  through  turbulence  laodeling  and  boundary  layer  equations. 

•  Ihe  Oekeyser-Burnage  |36|  gives  information  about  the  development  and  formation  of  entropy 
fluctuations  starting  from  a  mean  entropy  gradient  and  pressure  or  velocity  fluctuations. 

Im>  way  environmental  disturbances  enter  the  boundary  layer  and  lead  to  instabilities  and  finally  to 
transition,  is  studied  at  least  for  the  part  of  excitation  of  the  normal  modes,  hy  "receptivity". 

Per.epl  ivitv 

Ihis  subject  has  been  reviewed  in  the  AGARD  R.709,  Specia1  urse  on  Stability  and  Transition  of 
laminar  Flow  by  Reshotko  |46|.  The  receptivity  is  described  as  "the  means  by  which  u  particular 
forced  disturbance  enters  the  boundary  layer  and  the  nature  cf  its  signature  in  the  disturbance  flow". 
Therefore,  physically  the  signature  of  a  disturbance  is  aimed  to  be  obtained  within  the  boundary  layer 
with  reference  to  a  given  disturbance.  Three  different  receptivity  problems  namely,  external 


turbulence,  acoustic  disturbance  and  propagating  sound  waves  for  which  "some"  information  exists  is 
reviewed.  The  reader  is  referred  to  this  course  note  |46|. 

But  the  concluding  remark  wiii  be  repeated  here,  since  it  guides  future  work  in  this  fieid: 
“Although  much  progress  has  been  made  in  identifying  and  understanding  receptivity  issues  In  the  iast 
ten  years  or  so,  much  remains  to  be  done.  The  detailed  character  of  free  stream  turbuience  as 
observed  >„  wind  tunnels  has  yet  to  be  measured  and  the  t •'er  points  of  its  signature  in  the  boundary 
layer  leading  to  excitation  of  Toi imien-Schl ich ing  waves  clarified.  ihe  receptivity  to  acoustic 
disturbances  is  in  better  shape.  Initial  value  analysis  are  an  additlonai  tooi  for  providing  guidance 
toward  the  resolution  of  receptivity  issues." 

4.8.5  Conclusion  and  Recommendations 

Hie  following  is  a  summary  conclusion  containing  some  recommendations  concerning  the 
environmental  effect  on  transition  and  some  boun  ,:ry  layer  characteristics. 

1.  In  the  subsonic  range  the  way  that  external  turbulence  influences  the  turbulent  boundary  layer 
characteristics  has  been  studied  for  zero  pressure  gradient  by  Charnay.  et  al.  1191  and  Green 
1181.  But  those  with  non-zerc  pressure  gradient  require  stiii  more  attention.  Green'sllfli 
deductions  based  on  some  calculations  show  that  boundary  iayer  characteristics  may  largely  be 
influenced  by  the  mixing  length  of  the  external  turbulence.  But  now  that  length  is  related  to 
pressure  gradient,  stiii  requires  experimental  verification  and  more  information  on  flow  details 
is  needed. 


?.  Transition  in  subsonic  ?-0  flow  has  been  the  center  of  attention  and  a  number  of  correlations  for 
the  estimation  of  the  Influence  of  the  external  turbulencr  intensity  19.7,31  is  supplied,  either 
with  or  without  zero  pressure  gradient. 

Ihe  only  information  existing  on  the  influence  of  wind  tunnel  acoustical  disturbances  on  the 
transition  is  tne  not  well  defined  cut-off  turbulence  intensity  level  of  0.3f.  Yet  the  noise 
spectrum  characteristics  are  critical  for  transition  location  when  external  turbuience  intensity 
I  <  0.004  or  so.  Basic  work  is  needed,  to  relate  wind  tunnel  characteristics  at  ieast  to 
estimate  the  noise  spectrum  al  the  test  location  of  the  wind  tunnel  which  can  then  he  used  as  a 
boundary  condition  or  a  disturbance  source  for  the  kind  of  boundary  iayer  to  be  met  in  an  actual 
wind  tunnel  test. 

Model  vibration  and  the  way  in  influences  the  boundary  iayer  chararterislics  and  ihe  transition 
has  almost  received  no  attention.  There  is  some  evidence  that  a  local  vibration  on  the  model 
I3?i  will  provoke  an  earlier  transition.  Research  in  this  area  appears  to  be  necessary  since 

this  will  also  be  used  in  the  estimations  related  to  actual  flight  conditions. 

3.  Lxlernai  turbulence  intensity  affects  transition  posilion  for  supersonic  flows  if  K  •  ?.5  1331. 
Vet  how  the  external  turbulence  is  affecting  flow  properties  is  a  matter  for  investigation.  Ihe 
effects  of  external  turbulence  on  flow  properties  and  separation  associated  with  shoci  boundary 
layer  interaction  and  on  the  shock  posilion  studies  have  found  scarce  interest.  Only  external 
turbulence  intensity  Influence  on  these  characteristics  has  been  investigated  for  a  given  bump 
shape  134,351.  It  is  noted  that  turbulence  intensity  variation  influences  the  separated  zone 

behind  the  shock  quite  slgnif ica.itiy.  Similar  studies  for  various  realistic  shock  boundary  layer 

interaction  for  different  configurations  are  necessary. 


m 


4.  Non-adiabatic  wall  temperatures  even  of  the  order  of  one  percent  are  shown  to  be  affecting  the 
overall  aerodynamic  characteristics  significantly  1 38 1  in  the  transonic  regime  for  a  modern 
airfoil.  It  is  stated  that  even  lit  deviation  from  adiabatic  conditions  is  unacceptable  to  define 
buffet  onset.  Since  in  the  experiments  of  this  Investigation  |38|  the  temperature  distribution 
on  the  model  was  uniform,  it  would  be  important  to  investigate  the  consequences  when  there  are 
local  departures  from  adiabatic  wall  temperature  of  higher  percentages.  This  may  be  more 
important  actual  in  flight  performance  predictions. 

b.  With  the  exception  of  the  influence  of  acoustical  disturbance  on  transition  location  under 
supersonic  conditions  for  which  tne  correlations  exist  for  2-D  boundary  layer  and  boundary  layers 
on  conical  shape,  almost  all  of  the  environmental  effects  studied  so  far  are  for  2-1)  boundary 
layers.  There  exists  a  big  gap  for  similar  investigations  for  3-D  cases. 

6.  txternal  turbulence  has  been  represented  by  turbulence  intensity  T  as  a  usual  practice. 

Turbulence  scale  and/or  Its  Spectrum  is  very  seldom  quoted  or  taken  into  consideration.  lhe 
studies  1211  and  |?2|  emphasise  the  role  of  scale  in  characterisation  of  the  external  turbulence. 

Almost  all  of  the  investigations  are  empirical  in  nature  and  restricted  to  specific  cases. 
Intense  and  widely  spread  studies  of  receptivity  is  necessary  for  the  assessment  of  the  signature 
of  various  disturbances  on  the  transition  and  boundary  layer  characteristics. 

8.  environmental  effects  on  turbulent  boundary  layer  characteristics  of  supersonic  flows  i; 

especially  worth*1-  le  to  lie  studied  since  such  a  flo-  forms  upstream  as  the  input  to  a 
shock/boundary  layer  interaction  region. 

In  short,  environmental  effects  seem  to  be  a  section  of  fluid  dynamics  that  has  been  neglected  or 
that  has  not  been  studied  systematical  ly  and  in  an  organized  manner.  Yet  with  the  need  of 
increased  accuracies  required  from  recent  wind  tunnel  measurements  and  the  need  for  reduced 
discrepancies  of  the  experimental  data  obtained  from  different  wind  tunnels,  the  wind  tunnel 

environmental  effects  have  to  be  accurately  assessed.  Looking  at  the  breadth  and  delicacy  both 

from  experimental  and  theoretical  point  of  view,  the  sutject  of  environmental  effect  on 

tr  nsilion  and  boundary  layer  characteristics  appears  challenging  and  rewarding  for  fluid 
dynamicists. 
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Figure  1.  Description  of  environmental  inputs. 


Model  of  environmental  effects  on  wind  tunnel  data  extrapolation. 
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b.  Variation  of  transition  Reynolds  number 
with  Mach  number. 


Figure  2.  Wind  tunnel  environmental  influences. 
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2c.  Reynolds  number  effects  on  NACA  0012 
model  lift  curve  slope  measured  in  several  facilities. 
Figure  2.  Concluded. 


Figure  3.  Turbulence  intensity  and  scale  effects  on  transition 
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Figure  6.  The  influence  of  noise  and  turbulence  on  transition  Reynolds  number. 


Figure  7.  The  influence  of  turbulence  on  start  and  end  of  transition  on  a  flat  plate. 
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Figure  8.  The  influence  of  pressure  gradient  and  turbulence  on  transition. 
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Figure  9.  Results  for  the  effect  of  pressure  gradient  upon  the  beginning  of 
transition  accounting  for  the  development  of  the  boundary  layer.' 
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a.  Streamwise  velocity  distribution.  b.  Momentum  thickness  distribution. 


c.  Displacement  thickness  distribution.  d-  ShaPe  Parameter  distribution. 

Figure  11.  Calculated  influence  of  mixing  length  and  Reynolds  number 

on  boundary-layer  development  on  an  aerofoil  upper  surface. 


a  Velocity  profiles  at  different  intensities 
Tui  and  nonuniformities  in  the  freestream. 


Figure  12.  The  influence  of  turbulence 


b.  Changes  of  the  local  skin  friction  with 
the  freestream  turbulence  intensity; 
comparison  between  theory  and  experirr  t. 

on  boundary  layer  characteristics. 
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c.  Spectra  of  u'  for  two  different 
grids  and  positions  at  Tui  =0,2%. 
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FIGURE  12.  Concluded. 


Previous  workers  parameters:  range  of  momentum 


thickness  Reynolds  number,  Ue6/v,  shown. 


Present  measurements:  Ue  fl/v  >  2000.  A,  B,  C,  D,  and  E  identify  profile  sets, 
points  in  each  set  correspond  to  different  measuring  stations  along  plate. 

13  a.  Free-stream  turbulence  intensities  and  length-scale  ratios  used  in  experiments. 

Figure.  13.  The  influence  of  turbulence  on  boundary  layer  characteristics  of  a  flat  plate. 
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Present  measurements:  parameter 
range  and  symbols  as  in 


Present  and  previous  measurements: 
fit  to  data  of  Figure  2  (a),  symbols  for 
other  workers'  data  as  in  Figure  1  (a). 

Hatching  as  on  dry  present  analysis 
of  Chamay/12/.  For  data  of  Blair  see  (8). 

13  b.  Correlation  of  fractional  change  in  skin-friction  coefficient  as  a 
function  of  free-stream  intensity  and  length  scale‘.Cf0  is  value 
in  low-turbulence  stream  at  same  Ue  0/v. 
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Correlation  betw  fractional  increase  in 
shape  parameter  =  8*/0  and  Cf: 
present  data;  symbols  as  in  Figure  1(b). 


O  O'  0  2 


AC,/C)o 

Correlation  between  fractional  increase  in 
shape  parameter  6995/  0  and  Cf: 
symbols  as  in  Figure  1(b). 

13  c.  Correlation  between  fractional  increase 

in  shape  parameter  with  AH /Ho  and  8995/0. 
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13  d.  Mean  velocity  profiles  on 

"logarithmic  law"  plot.  Top  two 
profiles,  low-turbulence  stream: 
bottom  six  profiles  152  mm  grid, 
plate  leading  edge  2.06  m  from 
grid,  profile  set  C  in  Figure  1(b), 
x  increas*  „  upwards.  Solid  lines, 
equations  (4)  and  (5).  Ordinate 
scale  refers  to  lowest  profile. 


Figure  13.  Concluded 


Figure  14.  Influence  of  pressure  gradient  and  distributed  roughness 

on  transition  Reynolds  number.  Ue,  P0  and  q0  denote  velocity, 
static  pressure  and  dynamic  pressure  at  the  test  section  entrance. 


a.  Turbulence  across  the  boundary  layer. 

Figure  15.  Distribution  of  turbulence  in  a  flat  plate  boundary  layer. 
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b.  Velocity  profiles. 
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c.  Variation  of  compressible  shape  parameter  ratios, 
momentum  thickness  ratio,  and  boundary-layer 
thickness  ratio,  across  the  shock,  with  freestream 
turbulence  level. 


d.  Turbulence  profiles.  e-  Turbulence  spectra. 


f.  Effect  of  freestream  turbulence  on  separated  flow  length 
Figure  16.  Concluded. 
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Figure  18  c. 

Typical  experimental  and  theoretical  walll  pressure  distribution  across  the  SBLI  zone 
tor  various  Nonadiabatic  surface  temperatures  (M-  =  .74,  Rec  =  7.5x106). 


Ref.  38 


0.97  | 

r  * 

C, 

0.96  : 

* 

*  i“ 

°v 

-2.0, 

o.95 ; 

r 

1 _ 

■v 

0.90 

0.95 

1 

0  1.05 

1.10 

1.15 

-1.6 

Z5--  — - M 

4s 

•  »  1. 
Ml  - 

5 

1.4 

V 

,taw 

- 1.2 

-ml  * 

1.3 

Mq  = 

■  0.74 

-3 

TRAN511 

rroN  ? 

:,XED 

-0.8 

_ 

- 'SYMBOL 

!  T, 

V  ^  AW 

1- - 

V 

-  * 

l.C 

■  rr 

i 

0.92 

1.02 

-0.4 

u 

■3. 

1  Q 

i 

1.12 

01- 


0.2.—  0.4 


0.8  ~;1.0 


0.4  1  o' 

I. 

0.8  «■ 


N.  \ 

T  T  ~ 

1  W'  1  AW 

n  0  90  0  95  1  0  1.Q5  |  iq  ms 

0,0!  - 


0.02 
0.03. 
0  04. 


-.4  -  3 _ _j_ _ i.. _ ...-  * 

9l%  CHORO  —  UPPER  SURr  ACS 


p  0.05  -  97',  CHORO  - 
0  CG  .  UPPSa  SURF- ACE 


0.07- 

0C3i 

0.C9' 


Figure  18  d 

Wind  tunnel  measured  effect  of  Nonadiabatic  wall  on  airfoil  buffet  onset 
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Figure  18e. 

Wind-tunnel  measured  effect  of  Nonadiabatic  wall  on  airfoil  characteristics 


near  maximum  lift. 


Figure  18.  Concluded. 
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Figure  20.  Influence  of  tunnel  size  on 
the  transition  correlation. 
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Figure  22.  Comparison  of  measured  and 
estimated  transition  Reynolds 
numbers  from  several  tunnels 
at  IVL  =  3.0. 
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Figure  24.  Variation  of  transition  Reynolds 
number  with  increasing  tunnel 
Mach  number. 
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Figure  21.  Correlation  of  transition 
Reynolds  number. 
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Figure  23.  Effect  of  the  tunnel  size  on 
at  M„  =  3.0. 
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Figure  25.  Variation  of  adiabatic  smooth  wall  transition 
Reynolds  number  with  tunnel  size. 


399 


Ref.  40 

Cone  From  Ref.  12.  Based  on  Data  from  Ten  Different  Wlnfl  Tunnel  Facilities  Varying  in 

Correlation  Site  from  12  in.  to  *4  in.,  Atocn  Numoer  Range  from  3  to  14.  mo 

a  IRefm  ig,  Range  from  D.  1 1 1CP  to  1.2  ■  ltf>. 


Pltner  From  Ref.  11.  Based  on  Dai#  from  Nine  Different  Wine  Tunnel  Facilities  Varying  in 
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Figure  26.  Correlation  of  transition 
Reynolds  numbers. 


Figure  27.  Hollow  cylinder  transition  data  correlation 
in  tunnel  16S  (Pate  and  Schueler). 
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Figure  28.  Correlation  of  noise  levels  measured 
on  cone  with  tunnel  wall  boundary- 
layer  properties. 
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Figure  29.  Correlation  of  hollow  cylinder 

transition  data  with  noise  levels 
measured  on  cone. 


Figure  30.  Correlation  of  transition 
Reynolds  number  and 
test  section  noise  levels 
in  tunnels  16T  and  4T, 
0.60  M  1.00. 
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Figure  31  a.  Typical  pitot  pressure  profile  in-flight. 
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Figure  31  b.  In-flight  transition  Reynolds  numbers 
as  a  function  of  Me. 
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Figure  31c.  Transition  Reynolds  numbers  in  lower  disturbance- 
level  wind  tunnels. 
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Figure  31  d.  Transition  Reynolds  numbers  in  disturbance- 
level  wind  tunnels. 
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Figure  31  e.  Overall  correlation  of  data. 
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Figure  32  a.  Equivalent  beginning-of-transition  Reynolds  number  as  a  function  of 
pressure  fluctuation  level  for  ten  degree  cone  flow,  M  =  0.4  to  1.2. 
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Figure  32  b.  Equivalent  end-of-transition  Reynolds  number  as  a  function  of 

pressure  fluctuation  level  for  ten  degree  cone  flow,  M  =  0/;  to  1.2. 
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Figure  32  c.  Comparative  plot  showing  relative  influences  of  free  stream  turbulence 
level  and  pressure  fluctuation  level  on  equivalent  beginning-of-transition 
Reynolds  number  for  ten  degree  cone  flow,  M  =  0.4  to  1.2. 
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Figure  32  d.  Comparative  plot  showing  relative  influences  of  free  stream  turbulence 
level  and  pressure  fluctuation  level  on  equivalent  end-of-transition 
Reynolds  number  for  ten  degree  cone  flow,  M  =  0.4  to  1.2. 


Figure  33  a.  Effect  of  spherical  roughness  on  transition  location, 
M6  =  2.89,  VKF  Tunnel  A. 
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Figure  33  b.  Correlation  of  tripped  results  using  the  method 
of  Potter-Whitfield. 


Ref.  45 


Figure  34  a.  Ratio  of  compressible  to  incompressible  skin-friction-drag 

coefficients  for  a  rough  surface  vs.  ratio  of  wall  density  to 
free-stream  density. 


Figure  34  b.  Ratio  of  skin-friction-drag  coefficients  for  a  rough 
surface  to  that  for  a  smooth  surface  vs  logkv*/v 
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SECTION  4.9 

BOUNDARY  LAYER  MANIPULATION 
Edward  M.  Kraft 

Calspan  Corporatlcn/AEDC  Olvlslon 
Arnold  Air  Force  Base,  Tennessee 


4.9.1  Introduction 

It  Is  clear  that,  left  to  Its  own  development,  the  boundary  layer  on  a  model  used  in  a  subscale 
simulation  may  have  little  resemblance,  In  general,  to  the  boundary  layer  on  the  full-scale  vehicle. 
Consequently,  It  Is  Inevitable  that  some  sort  of  manipulation  of  the  viscous  dominated  regions  on  the 
model  will  have  to  be  performed  In  order  thatthe  wind  tunnel  results  can  be  extrapolated  to  flight, 
the  elements  necessary  for  a  successful  viscous  simulation  are: 

1.  An  understanding  of  what  parameters  need  to  be  controlled  in  the  subscale  experiment  to 
provide  a  surprise-free  extrapolation  to  flight. 

2.  Means  for  manipulating  and  controlling  the  required  viscous  parameters. 

3.  Methods  for  determining  that  the  viscous  parameters  were  properly  controlled  In  the 
wind  tunnel. 

4.  An  understanding  of  how  the  wind  tumv1  data  need  to  be  extrapolated  to  flight  from 
whatever  conditions  were  established  in  the  wind  tunnel. 

One  must  also  keep  In  mind  that  different  boundary  layer  manipulation  techniques  will  be  applied 
for  different  test  requirements.  The  viscous  simulation  criteria  for  determining  cruise  drag 
performance  will  generally  be  different  than  the  criteria  for  the  determination  of  buffet  onset  or 
post-stall  performance  of  an  aircraft.  In  addition,  different  requirements  may  exist  for  various 
components  of  a  vehicle;  for  example,  the  wing,  the  forebody,  or  the  nozzle/afterbody  region.  In  this 
section  an  overview  of  the  elements  required  for  boundary  layer  manipulation  will  be  presented  and 
'ome  suggested  areas  for  future  research  will  be  discussed. 

a.9.2  Viscous  Simulation  Parameters 

It  Is  currently  Impossible  to  simultaneously  reproduce  all  the  scaled  viscous  parameters  in  a 
subscale  wind  tunnel  experiment.  Nor  does  It  appear  practical  In  the  future,  even  with  further 
research,  to  attempt  to  completely  simulate  all  the  viscous  parameters-  Hence  the  thrust  of  the 
discussion  on  boundary  layer  manipulation  presented  here  will  be  based  on  the  premise  that  it  is 
impossible  to  simulate  all  the  parameters  simultaneously  and  that  progress  will  be  made  whpn  th.3  most 
important  parameters  are  identified  and  rohust  methods  for  controlling  these  parameters  are  developed 

such  that  extrapolation  to  flight  will  exhibit  the  correct  physical  phenomenon.  Therefore  the  fi'St 
order  of  business  is  to  Identify  the  viscous  parameters  that  are  the  most  Important  and  that  ca'  be 
confidently  manipulated  in  the  wind  tunnel.  The  primary  emphasis  in  this  section  will  be  for  the 
parameters  that  Influence  the  flow  on  the  wing. 

Unequlvocably ,  the  highest  priority  for  a  proper  simulation  in  a  transonic  wind  tunnel  test  is 
lhat  the  model-scale  test  must  reproduce  the  full-scale  location  of  the  shock  wave.  Unless  the  shock 
>s  in  the  correct  position  with  the  correct  shock  strength,  the  wing  loading  distribution,  wave  drag, 
and  Influence  of  the  Shock  on  the  viscous  parameters,  particularly  separation,  cannot  be  easily 
extrapolated  to  the  flight  condition.  Unfortunately,  because  of  the  sensitivity  of  shock  systems  in 
'he  transonic  regime,  the  location  of  the  shock  wave  on  the  wing  can  be  easily  influenced  hy  numerous 
non-viscous  phenomena  such  as  wall  interference,  support  interference,  flow  nonuntformity,  humidity, 
and  aeroelastic  effects.  It  Is  presumed  in  the  present  discussion  that  these  other  phenomena  have 
been  accounted  for  and  do  not  influence  the  shock.  However,  a  word  of  caution  is  necessary  here 
because  these  other  phenomena  can  also  be  functions  of  apparent  viscous  parameters  such  as  the  unit 
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Reynolds  number  In  the  wind  tunnel  (see  Section  2.3.1  or  Section  4.8).  In  addition,  any  experimental 
investigation  into  scaled  viscous  effects  must  recognize  and  account  for  these  non-viscous  phenomena. 

The  basic  principals  of  dynamic  simulation  require  scaling  the  mass,  momentum,  and  energy 
relations.  Although  future  research  may  unlock  more  primitive  descriptions  of  the  basic  criteria  for 
scaling  viscous  effects,  current  practice  is  concerned  with  the  scaling  of  integrated  or  global 
properties  such  as  6,  8*,  H,  and  cf.  In  addition,  other  parameters  such  as  transition  location,  xt, 
trailing  edge  pressure,  CpT£,  and  the  turbulence  structure,  Tu,  appear  to  be  important  indicators  of 
the  boundary  layer  behavior.  Hence  the  task  for  deciding  how  to  manipulate  the  boundary  layer  is  to 
determine  which  of  these  parameters  must  be  properly  scaled  at  critical  points  on  the  vehicle. 

The  ideal  boundary  layer  manipulation  technique  would  match  the  flight  transition  location, 
simulate  the  proper  parameters  at  the  shock  location.  Introduce  the  correct  turbulence  structure 
downstream  of  the  shock,  and  recover  the  flight  trailing  edge  conditions.  This  invokes  images  of  an 
almost  continuous  array  of  trips,  blowing  or  suction,  or  surface  heating  or  cooling  devices.  Before 
judging  the  impractical ity  of  such  an  approach  one  must  ascertain  the  gains  to  be  made  by  an  improved 
simulation  of  Reynolds  number  dependent  phenomena.  However,  for  a  practical  boundary  layer 
manipulation  one  must  develop  a  priority  list  of  criteria.  In  developing  the  priority  list  one  must 
keep  in  mind  the  ability  to  confidently  control  the  parameter  of  Interest  and  t.ie  utility  of  that 
parameter  in  peforming  an  extrapolation  to  flight. 

As  a  minimum  requirement,  transition  location  must  be  manipulated  to  at  least  provide  the  correct 
boundary  layer  behavior  (laminar  or  turbulent)  at  the  shock  location.  Aside  from  this,  the  actual 
transition  location  is  only  Important  in  how  it  influences  the  development  of  the  other  parameters. 
It  is  essential .however, to  know  the  actual  transition  location  in  the  wind  tunnel  test  in  order  to 
perform  a  correct  extrapolation  of  skin  friction  to  the  full  scale  conditions. 

Based  on  the  discussion  of  Section  4.5,  for  a  proper  interaction  between  the  shock  wave  and  the 
boundary  layer  the  most  Important  parameter  to  be  simulated  is  the  combined  parameter  8*  (Hi  -  l)/c. 
It  is  also  pointed  out  that  the  exact  high  Reynolds  number  value  of  the  displacement  thickness  and  the 
shape  factor,  which  would  automatically  lead  to  the  correct  8*  (Hi  -  l)/c,  cannot  be  attained 
simultaneously,  at  least  not  by  such  simple  means  as  manipulating  the  transition  location.  If, 
however,  a  manipulation  technique  is  developed  to  duplicate  the  8‘(Hi  -  l)/c,  it  appears  that 
extrapolation  to  flight  conditions  would  be  easily  attainable.  If  a  boundar.  layer  manipulation 
technique  cannot  be  developed  it  may  be  necessary  to  fudher  decide  which  of  the  parameters,  8*/c  or 
Hi,  is  the  more  impodant.  Of  these  two  parameters,  one  probably  has  least  control  of  Hi, but 
serendipitiously  the  shape  factor  frequently  approaches  the  full  scale  value  at  the  shock  location 
when  one  uses  simple  techniqjes  such  as  tripping.  Hence,  the  boundary  layer  displacement  thickness  is 
probably  the  pr'ameter  that  will  require  attention  in  the  subscale  simulation. 

As  an  illustration  of  the  Interplay  between  8*  and  Hi,  Prof.  Michel  has  performed  a  simple 
analysis  of  controlling  the  houndary  layer  parameters  on  a  flat  plate  by  varying  the  trip  location, 
the  results  are  presented  in  Fig.  1.  In  Fig.  1  a  fictitious  shock  location  is  selected  at  x/c  *  0.6. 
The  objective  of  the  calculation,  using  incompressible  boundary  layer  thoery,  is  to  determine  how  the 
parameter  8*(Hi-l)/c  varies  at  the  fictitious  shock  location  between  full-  and  Subscale  conditions  and 
with  different  wind  tunnel  transition  locations.  A  full  scale  Reynolds  nubmer  of  50  x  106  produces 
transition  at  x/c  *  0.1  and  a  value  of  0.00021  for  the  shock  interaction  parameter.  Assuming  a  "wind 
tunnel"  Reynolds  number  of  6  x  10&,  transition  locations  were  selected  to  either  match  the  shock 
interaction  parameter  or  the  displacement  thickness  at  the  fictitious  shock  location.  To  match  8*(lli- 
l)/c  between  flight  and  wind  tunnel  at  the  shock  requires  transition  to  occur  at  x/c  -  0.465.  To 
match  8*  at  the  shock,  on  the  other  hand,  requires  transition  to  occur  at  x/c  =  0.35.  It  should  he 
noted  in  Fig.  1,  that  when  8*(Hi-l/c  is  matched  at  the  shock,  S*/c  in  the  wind  tunnel  is  only  72/  of 
the  full  scale  condition.  It  Is  an  interesting  coincidence  that  matching  8*(Hf-l)/c  at  the  shock 
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requires  an  aft  trip  location  (approximately  15%  of  chord  ahead  of  the  shock).  This  may.  In  part, 
suggest  why  aft  tripping  is  successful  in  improving  the  shock  boundary  layer  Interaction. 

Shock  Induced  Incipient-separation  appears  to  be  Insensitive  to  simulation  of  any  of  the  viscous 
parameters,  but  Is  largely  controlled  by  the  shock  Mach  number.  This  underscores  the  necessity  of 
duplicating  the  correct  shock  position  which  In  turn  will  generally  duplicate  the  correct  shock  Mach 
number  and  hence  the  shock  induced  separation  characteristics. 

Of  more  difficulty  is  the  simulation  of  the  trailing  edge  characteristics,  particularly  for  a 
Type  8  trailing  edge  separation.  The  trailing  edge  separation  can  have  a  very  strong  Influence  on  the 
shock  location.  To  date,  no  single  criteria  has  been  identified  for  which  parameter  to  simulate  for 
correct  trailing  edge  behavior.  At  best,  one  may  resort  to  the  technique  of  Khan  and  Cahill  (Ref.  1) 
to  determine  the  sensitivity  of  trailing  edge  separation  to  changes  In  Reynolds  number  as  summarized 
in  Section  2. 2. 3. 6.  The  parameter  used  in  Ref.  I  for  the  correlation  Is 

(M2-  11 

*=  - 1 - j 

(y  +  1  kAf* 

where  c  *  (cf/2)l,  and  Me  is  the  local  Mach  number.  Both  Me  and  cf  are  the  values  Immediately 
upstream  of  the  terminal  shock.  This  correlation  suggests  that  Cf  at  the  terminal  shock  may  be  the 
viscous  parameter  to  be  controlled. 

The  review  of  flow  separation  In  Section  4.6  suggests  that  separation  criteria  should  relate 
directly  to  cf.  In  lieu  of  the  difficulty  of  discerning  Cf,  however,  the  correlations  for  separation 
have  been  based  on  more  easily  measurable  or  calculable  quantities  and  are  of  the  form 

//  —  t 

h  =  -jj-  =  A(5V8) 

as  Illustrated  In  Fig.  4.6.30.  These  correlations  seem  to  be  a  very  weak  function  of  Reynolds  number. 
It  Is  also  noted  In  Section  4. 6. 5. 4.1  that  separation,  when  It  occurs,  happens  very  rapidly  and  the 
prediction  of  separation  is  not  very  sensitive  to  the  particular  choice  of  the  critical  value  of  H. 
ihe  cause  of  separation  Is  the  adverse  pressure  gradient.  The  viscous  parameters  Just  determine  the 
strength  of  the  pressure  gradient  required  to  separate  the  boundary  layer.  What  Is  not  clear  In 
determining  the  viscous  parameters  that  must  be  simulated  for  flow  separation  Is  whether  particular 
values  of  Cf,  h,  or  8*/8  (or  their  combinations)  are  causes  of  the  separation  (and  hence  a  means  for 
controlling  separation)  or  just  measurements  that  determine  separation  has  occurred. 

For  trailing  edge  flows,  whether  separated  or  not,  the  viscous  parameters  that  should  be 
simulated  are  shape  factor  and  boundary  layer  thickness  (see  Section  4.6.8).  The  conslstancy  of  the 
trailing  edge  parameters  with  parameters  established  elsewhere  on  the  body,  e.g.,  shock  location,  has 
not  been  established.  Since  the  trailing  edge  flow  Is  a  result  of  the  history  of  the  boundary  layer 
upstream.  It  may  be  impossible  to  control  the  trailing  edge  Independent  of  other  viscous  similitude 
criteria. 

In  summary  of  the  discussion  of  viscous  parameters  required  for  simulation,  the  current 
untlcrstanilinf!  of  the  moat  important  viscous  parameters  for  carious  lest  requirements  amt  their  response  to 
manipulation  is  incomplete.  A  systematic  experimental/numerical  Investigation  of  the  variation  of  all 
pertinent  boundary  layer  parameters  with  different  manipulation  strategies  should  be  performed.  For 
example,  considering  boundary  layer  tripping  alone,  basic  numerical  simulations  at  subscale  conditions 
'or  two-dimensional  flow  over  an  airfoil  can  be  performed  applying  tripping  strategies  to  match  (1) 
flight  transition  location,  ( 2 )  selected  parameters,  say  8*.  at  the  shock  location,  (3)  viscous 
parameters  at  separation,  or  (4)  some  trailing  edge  condition  such  as  8*  at  the  trailing  edge.  In 
this  way  the  interaction  of  each  of  the  viscous  parameters  with  different  manipulation  strategies  can 
be  explored  leading  to  an  understanding  of  the  pertinent  parameters  that  should  and  can  be  duplicated 
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in  the  wind  tunnel.  The  basis  for  extrapolating  the  results  to  full  scale  conditions  must  also  be 
considered  in  evaluating  the  various  simulation  strategies.  The  investigation  needs  to  be  extended  to 
include  other  manipulation  techniques  such  as  suction/blowing  or  heating/cooling.  Furthermore,  these 
types  of  studies  should  also  be  extended  to  other  Important  viscous  flows  such  as  forebody  vortex 
flows,  nozzle  afterbody  flows,  etc. 


4.9.3  Boundary  Layer  Manipulation  Techniques 

As  mentioned  before,  the  ideal  boundary  layer  manipulation  technique  will  match  the  flight 
transition  location,  simulate  the  proper  parameters  at  the  shock  location,  introduce  the  correct 
amount  of  turbulence  downstream  of  the  shock,  and  recover  the  flight  trailing  edge  conditions.  In 
addition,  one  would  like  the  manipulations  devices  to  be  easily  applied  to  any  wind  tunnel  model  and 
to  be  adaptable  to  the  changing  conditions  in  the  test  program  (angle  of  attack  and  Mach  number).  At 
first  thought  this  approach  would  appear  to  be  prohibitively  expensive  in  model  fabrication  and 
•esting  time,  and  perhaps  not  worthy  of  further  consideration.  However,  the  advantages  to  correctly 
predicting  full-scale  conditions  will  decide  how  much  one  is  willing  to  Invest  in  the  wind  tunnel 
program.  If  these  techniques  can  be  used  to  avoid  surprises  in  the  flight  vehicle  that  require 
redesign  and  retooling  or  if  an  optimized  vehicle  Instead  of  a  conservatively  designed  vehicle  gives 
the  manufacturer  a  competitive  advantage,  the  expense  of  sophisticated  testing  techniques  will  be 
'ustified.  The  expense  of  having  to  modify  an  aircraft  design  late  in  the  development  cycle  to 
overcome  some  deficiency  not  Identified  in  the  wind  tunnel  program  will  easily  pay  for  advanced 
techniques.  The  legendary  costs  of  operating  a  fleet  of  C-5  transport  aircraft  if  the  drag  is  one 
count  too  high  also  suggests  the  payoff  for  more  advanced  testing  techniques. 

Boundary  layer  manipulation  devices  can  be  categorized  as  those  that  promote  transition  in  a 
desired  fashion  or  those  that  control  the  growth  of  the  boundary  layer  parameters.  The  first 
category, boundary  layer  tripping,  is  the  most  widely  applied  and  perhaps  easiest  boundary  layer 

manipulation  technique.  The  second  category,  control  of  the  boundary  layer  parameters  Is  less 
developed.  Current  understanding  of  the  techniques  used  for  either  tripping  or  control  are  given 
below. 

4. 9. 3.1  Boundary  Layer  Tripping  Methods 

The  basic  state  of  the  ad  of  tripping  techniques  is  summarized  in  Section2.3.2.  Our  current 
knowledge  of  the  properties  of  boundary  layer  tripping  techniques,  at  least  in  terms  of  distributed 
roughness,  is  reasonably  complete.  If  we  can  define  a  desired  transition  location,  then  generally  a 
trip  can  be  sized  to  assure  transition  at  that  location.  In  addition,  it  has  been  clearly  established 
that  for  the  more  popu.ar  trips  such  as  carborundum  grit,  ballontini  balls,  distributed  disks,  etc., 
the  boundary  layer  profiles  downstream  of  the  tripping  device  recover  to  a  basic  law  of  the  wall 
turbulent  profile.  It  should  be  recognized, however,  that  our  working  knowledge  for  sizing  such  trips 
is  based  on  data  bases  for  zero  pressure  gradient  flows  (e.g.,  Ref.  2).  The  primary  research  that 
should  be  performed  on  basic  distributed  roughness  boundary  layer  trips  is  to  determine  if  the 
pressure  gradient  is  an  Important  parameter  in  determining  trip  size  and  to  accurately  determine  trip 
drag. 


Even  though  our  knowledge  of  the  mechanical  properties  of  distributed  roughness  boundary  layer 
tripping  is  reasonable  complete,  our  basis  for  locating  and  sizing  trips  needs  to  be  improved.  The 
existing  correlation  techniques  for  placing  trips  at  the  flight  transition  location,  such  as  the 
Braslow-Knox  criteria  (Ref. 2)  or  the  Potter-Whitf ield  correlation  (Ref.  3),  were  developed  two  decades 
ago  and  do  not  reflect  current  understanding  about  facility  environmental  effects  such  as  turbulence 
or  the  Influence  of  unit  Reynolds  number  on  tunnel  calibration  and  were  developed  with  very  little 
variation  of  the  boundary  layer  conditions  such  as  pressure  gradient  or  nonequilibrium  effects. 
Consequently  it  would  be  useful  to  revisit  some  of  these  basic  experiments  and  finalize  the  working 
relationships  required  to  conf idental ly  locate  and  size  trips. 
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On  the  other  hand,  If  the  simulation  of  the  boundary  layer  requires  placement  of  the  trip  at  a 
location  different  than  full-scale  transition  location,  very  little  Information  Is  available  on  how  to 
size  or  locate  the  trips.  For  example.  If  It  Is  desired  to  duplicate  the  displacement  thickness  at 
the  shock  location  then  there  exists  no  systematic  correlation  to  suggest  where  to  locate  the  trip  or 
what  size  trip  should  be  used.  Hence,  In  conjunction  with  the  determination  of  the  critical  viscous 
parameters,  a  whole  new  range  of  experimental  Information  on  trip  effects  on  viscous  parameters  at 
other  critical  locations  on  the  model  needs  to  be  explored. 

Another  consideration  that  has  not  been  introduced  Into  the  existing  methodology  of  -transition 
fixing  Is  the  primary  natural  cause  for  transition.  For  example,  the  entire  approach  to  transition 
fixing  Is  premised  on  consideration  of  two-dimensional  Tollmlen-Schllchtlng  transition  models  to 
either  force  transition  at  the  full  scale  location  or  to  provide  a  minimum  thickness  boundary  layer  at 
the  shock  location  (l.e.,  aft  tripping).  In  nature,  transition  on  three-dimensional  wings  Is  more 
frequently  caused  by  cross-flow  Instabilities  or  leading  edge  contamination.  These  modes  of 
transition  are  not  reflected  In  current  tripping  practices.  If  one  considers,  for  example,  the 
standard  criteria  for  leading  edge  contamination  to  cause  transition,  namely, 

«  =  0.404 

<1  \  V  2  ) 

where  r  Is  the  leading  edge  radius  and  A  Is  the  leading  edge  sweep,  then  if  the  geometry  is 
faithfully  scaled  by  a  factor,  say  S.F.,  the  value  of  Ru  will  be  lower  by  a  factor  of  (S.F.)}  in  the 
wind  tunnel.  It  Is  obvious,  therefore,  that  for  many  scaled  wind  tunnel  experiments,  leading  edge 
contamination  will  not  occur  although  It  may  be  the  primary  mechanism  for  transition  at  full  scale. 
The  importance  of  simulating  leading  edge  contamination  In  a  wind  tunnel  experiment  has  been 
completely  overlooked. 

Are  the  boundary  layer  properties  downstream  of  transition  caused  by  cross-flow  Instability  or 
leading  edge  contamination  different  than  boundary  layer  properties  downstream  of  a  tripped  boundary 
layer,  and  If  so,  are  the  differences  Important  In  subscale  simulation?  When  cross-flow  Instability 
causes  transition,  periodic  streaks  have  been  observed  In  the  direction  transverse  to  the  flow 
direction  (e.g..  Ref.  5).  According  to  Poll  (Ref.  6),  the  behavior  of  the  flow  when  leading  edge 
contamination  causes  transition  to  turbulence  Is  different  If  the  leading  edge  contamination  Is  caused 
by  wires  at  the  leading  edge  or  by  massive  contamination  caused  by  a  turbulent  boundary  layer  at  the 
wing-sidewall  (or  fuselage)  Intersection.  At  a  minimum,  It  would  seem  that  leading  edge  contamination 
contributes  to  the  transition  locus  on  the  wing  surface.  Are  the  details  of  the  transition  flow 
features  important  to  subscale  simulation?  Or,  Is  It  only  necessary  to  know  where  transition  should 
occur  because  of  cross-flow  Instability  or  leading  edge  contamination  and  position  a  trip  there? 
Then  is  no  current  knowledge  base  of  the  nature  of  these  flow  structures  to  decide  this  issue. 

As  a  starting  point  to  these  and  other  Issues,  It  Is  Important  to  understand  the  fundamental 
physical  characteristics  of  tripping  mechanisms  to  determine  the  Influence  a  trip  may  have  on  the 
nther  viscous  parameters.  The  current  knowledge  of  the  physical  behavior  of  various  tripping 
techniques  Is  given  below. 

Two-Dimensional  Roughness  Elements 

For  a  given  two-dimensional  roughness  element  the  change  In  transition  location  Is  a  gradual  one 
with  Increasing  velocity.  The  basic  mechanism  by  which  a  two-dimensional  roughness  element  Induces 
earlier  transition  to  turbulence  Is  by  the  destabilizing  Influence  of  the  flow  In  the  Immediate 
downstream  vicinity  of  the  element.  Fundamental  experiments  to  determine  the  mechanism  by  which  2-D 
roughness  elements  Induce  boundary  layer  transition  have  been  performed  by  Klebanoff  and  Tldstrom 
(Ref.  6).  Some  of  the  Important  results  from  the  experiments  are  summarized  here. 
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The  experimental  setup  consisted  of  a  two-dimensional  roughness  element  In  the  form  of  a 
cylindrical  rod  attached  two  feet  from  the  leading  edge  of  a  12  ft  long,  4J  ft  wide,  flat  plate  In  the 
National  Bureau  of  Standards  wind  tunnel.  The  actual  roughness  height,  k,  of  the  1J 16  In  rod  was  0.066 
In.  Constant  current  hot-wire  anemometry  was  used  to  probe  the  recovery  zone  downstream  of  the 
roughness  element.  The  recovery  zone  Is  defined  as  the  region  In  the  downstream  vicinity  of  the 

roughness  where  the  mean  flow  has  been  distorted  by  the  presence  of  the  rougness. 

The  basic  disturbance  created  by  the  two-dimensional  roughness  element  Is  In  the  form  of  waves  of 
varying  frequencies  and  a  chz  in  the  Inflection  properties  of  the  basic  Blasius  velocity  profile. 
These  combine  to  promote  transition  to  turbulence  in  the  same  physical  manner  as  on  a  smooth  flat 
plate.  There  is  no  indication  of  the  existence  of  discrete  vortices  In  the  transition  process.  This 
is  illustrated  in  Fig. 2,  where  the  spectra  of  measured  fluctuations  of  the  streamwlse  velocity  In  the 
region  downstream  of  the  roughness  element  as  a  function  of  frequency  are  shown.  At  the  lower 
Reynolds  number,  close  to  the  roughness  element,  the  fluctuations  are  composed  of  relatively  high 
frequencies  and  in  the  downstream  direction  there  is  a  continuous  change  to  lower  and  lower 

‘Vequencles.  If  discrete  vortices  were  present,  one  would  expect  to  observe  the  same  frequency  at 
h  downstream  position.  The  two  vertical  lines  at  the  top  of  Fig.  2  are  the  frequencies 

corresponding  to  the  upper  and  lower  branches  of  the  Tollmien-Schllchting  stability  diagram.  It  is 
Hlustrated  in  Fig.  2a  that  In  the  downstream  direction  the  higher  frequencies  are  damped  and  the 
dominant  frequencies  which  emerge  lie  within  the  Tollmien-Schllchting  zone  of  instability.  In  Fig.  2a 
the  end  of  the  recovery  zone  Is  x-xk  *  4.5  in. 

At  the  higher  unit  Reynolds  number,  shown  In  Fig.  2b,  a  similar  damping  of  the  frequencies 
generated  by  the  roughness  occurs  up  to  3-in.  from  the  trip  but  at  4.5-1n.  the  behavior  has  reversed 
Itself  with  an  Increase  In  amplitude  of  the  higher  frequencies.  The  increase  in  amplitude  of  the 
higher  frequencies  continues  to  Increase  further  downstream.  At  the  end  of  the  recovery  zone,  in 
contrast  to  the  lower  Reynolds  number  case  where  a  dominant  frequency  emerged  within  the  T-S  zone  of 
instability,  there  Is  a  range  of  frequencies  present.  This  behavior  is  governed  by  the  initial 
disturbance  spectrum  and  the  manner  in  which  the  various  frequencies  are  amplified.  Thus,  it  is 
evident  that  basically  one  is  dealing  with  an  Instability  problem  within  the  recovery  zone,  and  that 
this  region  Is  considerably  more  unstable  than  the  basic  Blasius  flow  over  the  flat  plate. 

The  measurements  of  the  mean  velocity  profiles  in  the  recovery  zone  are  shown  in  Fig.  3.  It  is 
obvious  from  Fig.  3  that  the  velocity  profiles  change  from  a  separated  profile  with  an  Inflection  to 
the  Blasius  profile  as  one  progresses  downstream.  Increasing  unit  Reynolds  number  also  increases  the 
magnitude  of  the  Inflection.  Based  on  linear  stability  theory,  Klebanoff  and  Tldstrom  concluded  that 
the  inflectional  velocity  profiles  encountered  In  the  recovery  zone  cause  a  rapid  amplification  of  the 
Instability  waves.  The  disturbances  are  larger  than  they  would  be  without  roughness  and  lead  to  a 
premature  transition.  The  trip  does  not  introduce  new  disturbances  into  the  boundary  layer,  but 
strongly  amplifies  the  existing  perturbations. 

When  increasing  the  roughness  height  or  the  velocity,  the  transition  location  moves  gradually 
upstream.  A  correlation  of  the  Influence  of  trip  size  on  transition  is  given  in  Fig.  4  from  Ref.  7. 
The  ratio  Rxt/(rxj)o  is  shown  as  a  funtion  of  k/8k*,  where  (Rxj)o  is  the  transition  Reynolds  number 
untripped  and  6k*  Is  the  dlspacement  thickness  at  the  location  of  the  trip  If  the  trip  were  not 

present.  An  additional  pe-ameter  correlated  In  Fig.  4  Is  the  turbulence,  T.  It  can  be  seen  that 

appreciable  effects  occur  for  roughness  elements  of  height  equal  to  0.2  to  0.4bk*,  but  that  the 
forw<ird  movement  of  the  transition  process  is  very  gradual. 

The  fundamental  behavior  of  the  mean  boundary  layer  parameters,  8*  0,  and  H,  downstream  of  a 
0.066-1n.  diameter  roughness  element  located  at  2  ft  from  the  leading  edge  of  the  flat  plate  used  by 
Klebanoff  ari  Tldstrom  Is  Illustrated  In  Fig.  5.  The  shape  factor,  H,  changes  from  a  relatively  high 

value  associated  with  the  separated  laminar  layer  to  the  Blasius  value  of  2.6  at  the  recovery 
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position.  It  Is  Interesting  to  note  the  Independence  with  unit  Reynolds  number  of  H  at  the  end  of  the 
recovery  zone.  At  approximately  4.5  In.  or  70-d lameters  downstream  from  the  roughness  element  the 
boundary  layer  has  a  velocity  profile  and  growth  wt.lch  are  characteristic  of  a  boundary  layer  without 
roughness.  The  kink  In  the  curves  of  0  reflect  the  downstream  extent  of  the  actual  flow  separation 
within  the  recovery  zone  with  the  kink  apparently  Indicating  the  end  of  the  separated  region.  The 
extent  of  the  separated  region  varies  within  the  range  of  30  to  40  roughness  diameters  and  exhibits 
some  dependency  on  the  unit  Reynolds  number;  however,  the  change  Is  small,  and  the  range  of  parameters 
Is  too  small  to  accurately  assess  the  behavior. 

The  data  of  fig.  5  Illustrates  the  Influence  of  both  Reynolds  number  and  k/8|(*  since  the 
experiment  Incorporated  a  change  In  both  parameters.  To  determine  Just  the  Influence  of  Reynolds 
number  on  H,  additional  experiments  were  performed  by  Klebanoff  and  Tldstrom  varying  trip  size  and 
location  to  maintain  a  constant  k/8|<*.  These  results  are  shown  In  Fig.  6.  Using  H  as  a  measure  of 
the  velocity  profile  then  comparison  of  Figs  5  and  6  show  that  the  stability  of  the  flow  depends  on 
both  k/8k*  and  the  roughness  Reynolds  number.  However,  the  dependence  of  the  shape  of  the  velocity 
profile  on  the  latter  appears  to  be  a  relatively  weak  one. 

The  Influence  of  the  two-dimensional  trip  on  the  velocity  fluctuations  downstream  of  the  trip 
location  are  Illustrated  In  Fig.  7.  The  variation  of  u'/U,  at  the  end  of  the  recovery  zone,  is  shown 
for  a  range  of  unit  Reynolds  numbers,  and  compared  with  the  Intensity  that  would  exist  at  the  same 
position  without  the  roughness.  It  Is  seen  that  for  the  critical  Reynolds  number,  the  turbulence 
level  downstream  of  the  recovery  zone  approaches  the  same  structure  as  for  a  naturally  transitioned 
turbulent  boundary  layer. 


Three-Dimensional  Roughness  Elements 

In  contrast  to  two-dimensional  roughness,  transition  moves  rapidly  forward  toward  a  three- 
dimensional  roughness  element  with  a  relatively  small  Increase  In  velocity  after  a  critical  velocity 
has  been  reached.  The  essential  flow  features  of  a  three-dimensional  roughness  element  have  been 
defined  by  flow  visualization  (e.g.,  Refs  8  and  9).  At  subcritlcal  Reynolds  numbers,  two  sets  of 
vortices  have  been  delineated  as  the  predominant  flow  features.  One  set  of  vortices  Is  a  closely 
spaced  pair  of  spiral  filaments  which  form  on  the  near  wake,  spiral  upward  at  the  rear  of  the 
roughness,  and  at  the  height  of  the  roughness  turn  and  trail  downstream.  The  other  set  is  a  horseshoe 
vortex,  close  to  the  surface,  which  wraps  around  the  front  of  the  roughness  element  forming  a  pair  of 
streamwlse  vortices  which  extend  downstream.  The  vortical  structures  are  illustrated  in  Fig.  8  for  a 
flow  around  a  cylindrical  roughness  element.  The  flow  visualization  studies  have  also  yielded  the 
observation  that  as  the  free-stream  velocity  Is  increased,  a  waviness  appears  on  the  vortex  filaments, 
and  this  waviness  Increases  with  increasing  velocity  until  the  filaments  roll  up  Into  hairpin 
vortices. 

The  basic  manner  in  which  transition  to  turbulence  Is  triggered  for  the  three-dimensional  element 
is  open  to  conjecture.  For  example,  Ref.  10  suggests  that  these  vortices  generate  a  three-dimensional 
laminar  boundary  layer  with  a  cross  flow  velocity  component.  Then  the  possibility  exists  that 
transition  occurs  via  a  cross-flow  Instability,  much  In  the  same  manner  as  It  would  for  a  rotating 
disk  or  swept  wing. 

To  try  to  understand  the  tripping  process,  fundamental  experiments  on  an  Isolated  hemispherical 
or  cylindrical  tripping  element  on  a  flat  plate  have  been  performed  recently  by  Klsbanoff,  Cleveland, 
and  Tldstrom  (Ref.  11).  The  hemispherical  roughness  elements  had  nominal  diameters,  d,  of  3.18  and 
6.36  mm  and  were  placed  at  various  x-locatlons  from  tne  leading  edge  of  the  plate.  For  comparison  a 
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cylindrical  element  with  d  *  3.18  mu,  k/d  *  1.0.  and  positioned  at  xy  *  91.4  cm  was  also  tested  with 
its  axis  In  the  y-direction.  Oetailed  measurements  were  made  downstream  of  the  roughness  element  using 
standard  constant  temperature  hot  wire  anemometry. 

To  determine  the  phenomena  responsible  for  the  transition  to  turbulence,  the  flow  downstream  of 
the  roughness  element  was  probed  with  two  hot  wires  separated  in  the  y-dir  .ction  (  y  is  normal  to  the 
plate).  A  major  feature  observed  in  the  oscillograms  of  the  output  signals  from  the  hot  wires  was  a 
phase  reversal  once  the  critical  Reynolds  number  was  exceeded  at  the  x  station  of  the  measurement.  In 
addition,  the  phase  reversal  occurred  only  within  a  lateral  extent  comparable  to  the  diameter  of  the 
roughness.  It  is  unlikely  that  a  three-dimensional  wave  motion  could  provide  the  appropriate  phase 
reversals.  Instead  it  appears  that  there  is  a  rapid  change  from  an  initial  wave  motion  of  relatively 
short  wave  length  to  a  vortex.  The  change  from  ave  to  vortex  was  determined  to  occur  within  a 
distance  of  7.5  times  the  trip  height. 

The  frequency  content  of  the  eddy  shedding  process  for  the  single  element  suggested  the  Strouhal 
number  should  be  defined  with  the  characteristic  velocity  Uv  and  characteristic  length  fi*  as 

s  - 

where  U|c  is  the  velocity  that  exists  in  the  boundary  layer  at  the  height  of  the  roughness  element 
without  the  roughness  element  present  and  S*  is  the  displacement  thickni-ss  at  the  trip  location. 
Traditionally,  Strouhal  number  is  characterized  by  the  effective  trip  height,  k.  The  appropriateness 
of  S*  as  the  characteristic  length  is  clearly  illustrated  in  Fig.  9.  In  Fig.  9a,  the  Strouhal  number 
referenced  to  k  is  shown  to  be  a  strong  function  of  Reynolds  number  whereas  in  F'g.  9b  it  is  clearly 
seen  to  be  only  weakly  dependent  on  Reynolds  number.  Also  in  Fig.  9b,  a  compa-ison  is  made  of  the 
shedding  frequencies  of  the  hemispherical  and  cylindrical  elements.  The  Strouhal  number  for  the 
cylindrical  element  Is  lower  than  for  the  hemispherical  element  and  exhibits  T  greater  dependence  on 

Res  at  the  lower  Reynolds  numbers,  i.e.,  Rek  <  800.  It  is  suggested  by  the  results  shown  in  Fig.  9b 
that  the  details  of  the  eddy  shedding  process  are  dependent  on  the  geometric  characteristics  of  the 
tripping  element. 

To  further  determine  the  role  of  the  eddy  shedding  in  the  transition  process,  the  behavior  of  the 
eddies  were  observed  with  the  free-stream  velocity  oscillated  sinusoidally  at  low  frequencies  (1  and  2 
Hz).  It  was  observed  in  the  experiments  that  the  intensity  of  the  eddies  Is  highly  modulated  which 
provides  an  explanation  for  the  random  occurrence  of  turbulent  spots  downstream  of  the  roughness 
element.  Although  there  is  a  continuous  generation  of  eddies  by  the  roughness  element,  since  the  eddy 
shedding  process  is  highly  modulated,  eddies  of  relatively  weak  intensity  may  damp,  and  not  all  eddies 
participate  in  the  evolution  of  the  turbulent  spot.  The  high  degree  of  correlation  of  the  duration  of 
turbulent  spots  with  the  duration  of  eddy  shedding,  coupled  to  the  fact  that  when  the  eddy  shedding  is 
periodic  with  the  frequency  of  the  free-stream  oscillation  the  turbulent  spots  also  become  periodic, 
'eads  to  the  conclusion  that  not  only  Is  the  eddy  shedding  essential  to  the  transition  process  but  the 
eddies,  although  modified  in  form,  are  Intrinsic  to  the  vortical  structure  of  the  turbulence. 

The  spanwise  distributions  of  the  mean,  U,  and  fluctuating,  u',  velocities  measured  14.9 
roughness  heights  downstream  of  the  roughness  element  are  shown  in  Figs.  10  and  11,  respectively.  At 
the  subcritical  Reynolds  number  the  spanwise  distribution  of  U  clearly  shows  the  presence  of  the  two 
pairs  of  streamwise  vortices  observed  In  previous  flow  visualizaton  studies.  The  pair  of  vodex 
filaments  rotate  in  such  a  direction  as  to  transfer  momentum  away  from  the  plate  at  z  =0.0  cm,  and  the 
horseshoe  vortex  rotates  so  as  to  transfer  momentum  towards  the  plate  at  z  *  *0.5d.  The  spanwise 
distribution  of  u'  at  the  subcritical  Reynolds  number  reflects  a  low  level  of  unsteadiness  in  the  two 
sets  of  stationary  vortices.  At  the  higher  Reynold?  number,  the  peak  in  the  spanwtse  distribution  of 
u'  indicates  the  presence  of  the  hairpin  vortices.  With  increasing  Reynolds  number  the  peak  increases 
in  intensity  and  extends  further  from  the  surface.  It  can  also  be  inferred  that  the  spanwise  extent 
of  the  eddy  is  on  the  order  of  z/d  >  10.5,  centered  about  z  -  0.0  cm,  and  that  the  disturbed  boundary 
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layer  can  be  separated  Into  two  regions;  and  outer  region,  y/k  i  1.0,  where  the  hairpin  eddy  is 
dominant,  and  an  inner  region  y/k  <  1.0,  where  the  two  sets  of  vortices  alluded  to  at  the  subcriticai 
Reynolds  number  still  play  a  role. 

The  hairpin  eddies  downstream  of  the  roughness  have  a  marked  resemblance  to  the  eddies  generated 
In  connection  with  the  secondary  inflectional  instability  which  occurs  in  the  iater  stages  of  natural 
transition  (see  Ref.  12)..  However,  the  eddy  shedding  frequency  associated  with  the  roughness  varies 
with  U?  rather  than  ll3/2  as  in  the  natural  transition  case. 

Measurements  were  also  made  at  various  x-stations  downstream  of  the  roughness  element  at  various 
unit  Reynolds  numbers.  The  mean  velocity  profiles  in  the  immediate  vicinity  of  the  roughness,  x-xy  * 
1.27  cm  (7.5k),  are  compared  in  Fig. 12  with  the  Hartree  profile  for  a  two-dimensional  separated  layer. 
The  upper  value  of  unit  Reynolds  number,  4.82  x  105/m,  is  slightly  above  critical.  It  is  seen  in 
fig. 12  that  the  measured  profiles  are  even  more  inflectional  than  the  Hartree  profile  suggesting  that 
the  profiles  are  sufficiently  inflectional  to  sustain  an  incipient  wave  type  of  instability  which  can 
develop  into  a  rolled-up  vortex,  and  eddy  generation  at  and  above  the  critical  Reynoids  number.  Also 
there  is  an  indication  in  Fig.  12  that  the  inflection  increases  with  increasing  Reynolds  number.  This 
may  contribute  to  a  very  rapid  increase  in  amplification. 

The  consideration  of  the  infiectional  instability  provides  a  simple  modei  for  the  behavior  of  a 
three-dimensional  roughness  eiement.  The  critical  roughness  Reynolds  number  reflects  the  seoaratlon 
into  ilnear  and  nonlinear  instabi iities.  In  the  linear  range,  at  subcriticai  Reynoids  number,  the 
disturbance,  aithough  it  may  be  Intialiy  amplified,  cannot  sustain  itself.  It  can  oissipate 
laterally,  and  damps  as  it  travels  downstream  into  more  stable  regions  where  the  mean  flow  profiles 
become  less  and  less  Infiectional.  At  some  Reynoids  number  the  instability  becomes  nonlinear.  In 
this  range  the  disturbance  can  no  longer  be  characterized  by  linear  theory.  A  frequency  which  may  be 
stable  according  to  linear  theory  may  well  be  unstable  when  it  is  nonlinear.  The  amplification  In  the 
nonlinear  range  of  Reynolds  number  is  extremely  rapid,  and  the  instability  results  in  a  rolled-up 
vortex.  The  vortex  is  intrinsic  to  the  transition  process.  The  final  onset  of  turbulence  results  from 
vortlcai  instability,  and  the  complex  vortex-vortex  interaction  of  the  shedding  vortices  with  the  pre¬ 
existing  stationary  vortices. 

Finally,  consideration  Is  given  to  the  state  of  the  boundary  layer  downstream  of  the  roughness 
eiement.  In  Fig. 13  the  mean  veiocity  distributions  at  various  x-xt  distances  from  tnp  element  for  the 
subcriticai  and  bareiy  critical  Reynolds  number  are  compared  with  the  mean  velocity  profile  measured 
without  the  roughness.  For  subcriticai  Reynolds  number  the  Blasius  profile  is  recovered.  At  the  unit 
Reynoids  number  just  above  critical  the  mean  velocity  distribution  Is  indicative  of  transitionai  flow 
consisting  of  intermitttent  turbulent  spots.  Measurements  of  the  mean  velocity  profile  for  Reynolds 
number  above  the  critical  value  are  compared  in  Fig.  14  with  a  turbuient  boundary  iayer  profile 
measured  by  Purtell  (Ref.  13).  It  is  seen  in  Fig. 14  that^t  the  higher  Reynolds  numbers,  the  boundary 
layer  transitions  to  a  fuliy  developed  turbulent  profile.  Correspond Ingly,  the  velocity  fluctuations 
for  the  fuily  transitioned  profiles  are  shown  in  Fig.  15.  In  comparison  with  the  measurements  of 
Purtell,  the  turbulence  level  of  the  fuiiy  transitioned  boundary  layer  is  similar  to  the  turbuience 
level  of  a  naturally  transitioned  turbulent  boundary  iayer.  Hence,  for  a  Reynolds  number  above 
critical  for  a  single  three  dimensional  roughness  element  in  the  absence  of  a  pressure  gradient,  the 
behavior  of  the  boundary  layer  downstream  of  the  element  is  identical  to  that  for  a  naturally 
transtioned  turbuient  boundary  iayer. 

Experiments  to  determine  the  characteristics  of  distributed  three  dimesional  roughness  elements 
have  been  performed  by  Sinclair  and  Strike  (Ref.  14)  at  the  Arnold  Engineering  Development  Center 
(AEDC) .  Boundary  layer  trip  performance  data  were  obtained  on  a  7-de9  half  angle  sharp  nose  cone  at 
subsonic  and  transo';‘r  speeds  in  the  AEDC  Tunnels  A  and  4T.  The  performance  of  a  slngie  and  triple 
row  of  disks,  #60  carborundulm  grit  in  a  random  and  prescribed  pattern,  and  two-dimensional  wire  loops 
were  evaiuated.  The  trips  were  located  16  inches  from  the  tip  of  the  cone  where  the  undisturbed 
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laminar  boundary  layer  thickness  was  about  0.050  inches.  The  primary  device  for  detecting  the  onset 
and  end  of  transition  were  surface  mounted  constant  temperature  hot  film  anemometers.  In  addition, 
boundary  layer  pitot  pressure  surveys,  model  surface  pressue  and  temperature  distributions,  flush 
mounted  acoustic  gage,  c  id  free-stream  pitot  acoustic  and  const’"',  hot  wire  anemeometer  data  were 
obtained  to  support  the  analysis. 

The  critical  roughness  Reynolds  number  for  which  the  trip  effectively  moved  transition  to  the 
trip  location  (xfc)  was  determined  by  plotting  the  experimentally  defined  transition  location  (xt)  on 
the  model  as  a  function  of  the  free-stream  Reynolds  number  as  shown  in  Fig. 16.  Once  the  locus  of 
transition  locations  was  determined,  a  straight  line  was  drawn  through  the  points  to  the  model  station 
coinciding  with  the  trip  location.  Typical  results  for  various  disk  and  grit  samples  are  Illustrated 
in  Fig. 17.  The  carborundum  grit  was  applied  in  a  random  dense  pattern  and  in  a  carefully  spaced 
pattern.  The  randomly  spaced  grit  produced  a  slighltly  lower  critical  Reynolds  number  than  the 

carefully  spaced  grit.  However,  it  was  noted  following  the  removal  of  the  trip  from  the  model  that 
some  of  the  tripping  elements  were  missing  from  the  carefully  spaced  grit  trip.  Therefore,  the 

apparent  decrease  in  trip  effectiveness  may  have  been  the  result  of  the  lack  of  a  sufficient  number  of 
tripping  elements,  ihe  durabllty  of  carborundum  trips  during  testing  highlights  one  of  the 
difficulties  of  carborundum  grit  trips,  in  addition  to  the  difficulty  of  defining  the  effective  trip 
height.  The  disks  trips  produced  as  low  a  critical  Reynolds  number  as  the  grit  trips.  The  advantage 
of  using  the  disks  is  that  their  geometry  (trip  height  and  spacing  of  the  elements)  is  well  defined 

and  durable.  At  subsonic  and  transonic  speeds  a  single  row  of  disks  was  as  effective  as  multiple  rows 

of  disks. 

The  results  of  the  trip  studies  were  correlated  with  the  local  Mach  number  that  would  exist  in  an 
undisturbed  laminar  layer  at  the  top  of  the  tripping  element,  M|<,  as  shown  In  Fig. 18.  For  comparison, 
the  traditional  Braslow  -Knox  criteria  (Ref.  2)  defines  the  critical  roughness  Reynolds  number  as 
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and  it  is  assumed  to  vary  with  the  local  Mach  number  at  the  edge  of  the  boundary-layer,  M[.  The 
Potter- Whitfield  (Ref.  3)  correlation  defines  the  critical  trip  Reynolds  number  as 
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Both  correlations  can  be  redefined  in  terms  of  the  free  stream  Reynolds  number  and  edge  Mach  number  as 
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ihe  critical  trip  Reynolds  number  for  the  distributed  grit  was  estimated  to  be  600  from  the  Braslow- 
Knox  criteria  and  800  for  the  Potter-Whitf leld  criteria  for  Mach  numbers  less  than  2.  As  seen  from 
the  correlation  shown  in  Fig.  18  these  values  are  very  conservative  for  subsonic  and  transonic 
conditions;  that  is  the  recommended  trips  are  too  large.  Additional  data  obtained  frc  a  few  other 
sources  is  also  Included  in  Fig.  18.  It  is  seen  in  Fig.  18  that  multiple  rows  of  tripping  elements 

are  no  more  effective  than  a  single  row  in  transonic  flows,  but  do  become  important  In  supersonic 

flows. 

The  mean  velocity  distribution  in  the  boundary  layer  downstream  of  the  tripping  elements  was 
compared  with  the  classical  law  of  the  wall  and  logarithmic  velocity  profiles  for  a  turbulent  boundary 
layer.  A  typical  result  is  shown  in  Fig.  19  for  a  disk  trip.  It  is  seen  that  Immediately  behind  the 

trip  (xs  «  17.5  in)  the  velocity  profile  Is  representative  of  a  transitional  profile  whereas  further 

downstream  the  mean  velocity  distribution  transitions  into  a  fully  developed  turbulent  profile. 
Correspondingly,  the  Reynolds  shear  stress  distribution  in  the  fully  trans.tioned  boundary  layer 
downstream  of  the  trips  reflects  the  same  behavior  as  a  naturally  transitioned  turbulent  boundary 
layer  as  demonstrated  in  Fig.  20.  Consequently,  similar  to  the  isolated  roughness  element. 


distributed  three-dimensional  tripping  elements  in  the  absence  of  a  pressure  gradient  produce  the  same 
type  of  turbulent  boundary  layer  as  natural  transition. 

The  effect  of  the  three-dimensional  tripping  elements  on  the  boundary  layer  properties  downstream 
of  the  trips  is  summarized  in  Fig.  21.  It  is  seen  that  for  those  tripping  elements  that  were 
effective  In  causing  early  transition  of  the  boundary  layer,  the  displacement  thickness,  8*,  and 
momentum  thickness,  0,  exhibit  the  typical  overthickening  caused  by  a  tripping  element.  Also  there 
is  no  noticeable  difference  In  the  boundary  layer  properties  because  of  the  difference  in  the  tripping 
elements.  It  Is  interesting  to  note  that  the  shape  factor,  H  =  8*/l)  ,  re< -ivers  to  the  natural 
transition  value,  although  in  a  shorter  distance.  As  mentioned  in  Section  a. 9. 2  the  shape  factor  is 
the  least  controllable  of  the  boundary  layer  parameters,  but  fortuitously  may  be  the  easiest  parameter 
to  duplicate  full  scale  values. 

Suction/Blowing  Heat  Transfer,  and  Compliant  Surfaces 

It  Is  well  known  that  mass  or  heat  transfer  at  a  surface  can  have  a  strong  effect  on  the 
stability  of  a  laminar  boundary  layer.  Consequently,  these  are  potential  mechanisms  for  controlling 
transition  location  in  a  subscale  experiment.  To  date,  the  majority  of  research  performed  in  the  areas 
of  mass  and  heat  transfer  at  a  surface  has  had  the  objective  of  delaying  transition  for  laminar  flow 
control.  Hence,  little  information  is  available  in  the  use  of  these  techniques  as  a  boundary  layer 
tripping  device.  However,  if  ones  maintains  the  broader  perspective  of  boundary  layer  manipulation 
to  also  include  the  possibi’ity  that  it  may  be  required  to  delay  transition  in  a  scale  test,  then 
there  may  even  be  more  utility  in  the  mass  and  heat  transfer  techniques. 

Following  Liepmann  Brown,  and  Nosenchuck  (Ref. 15)  the  relative  effects  of  various  parameters 
within  the  boundary  layer  can  be  sec-  from  the  boundary  layer  momentum  equation  written  in  the  form 
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The  effect  of  surface  heating  In  a  gas  for  which  py  >  0  is  such  that  at  the  wall  Uyy  >  0,  and  hence 
must  lead  to  an  inflection  point  in  u(y),  and  therefore  increased  instability.  Cooling  has  the 
opposite  effect,  and  In  liquids,  for  which  usually  pT  >  0,  heating  stabilizes  and  cooling 
destabilizes  the  boundary  layer.  The  equivalence  of  the  term  pT  TyUy  and  of  an  effective  p*  has  been 
used  to  demonstrate  the  relation  between  surface  heating  and  stability  (Liepmann  and  Fila,  Ref.  16). 
For  example,  heating  the  surface  in  a  gas  has  roughly  the  same  effect  as  an  adverse  pressure  gradient. 

Similarly,  the  term  can  be  locally  interpreted  as  a  nonvanishing  pvuy  at  the  surface. 
Consequently,  in  a  gas,  cooling  and  heating  of  the  surface  is  roughly  equivalent  to  suction  and 
blowing  or  negative  and  positive  surface  displacements  of  a  compliant  surface,  respectively,  with 
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For  water,  tne  role  of  cooling  and  heating  are  reversed. 

The  influence  on  stability  for  these  various  techniques  Is  manifested  through  a  change  of  the 
Inflection  point  of  the  boundary  layer  i-nflle.  For  example,  for  a  gas,  cooling  the  surface,  suction, 
or  negative  surface  displacement  will  move  the  inflection  of  point  of  the  boundary  layer  closer  to  the 
surface  making  the  boundary  layer  less  responsive  to  the  Tol lmien-Schl Ichting  waves  and  hence  more 
stable. 

Experiments  representative  of  these  effects  have  been  performed  by  Saaric  and  Reed  (Ref. 17)  for 
the  effect  of  weak  mass  injection  on  boundary  layer  transition.  They  used  porous  titanium  and 
Oynapore  panels  inserted  in  a  flat  plate  and  introduced  disturbances  to  the  boundary  layer  with  a 
vibrating  ribbon.  The  mean  and  disturbance-flow  velocities  were  measured  with  a  hot  wire  anemometer. 
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fhe  Integrated  disturbance  amplitude  for  two  different  porosity  arrangements  are  shown  in  Figs.  22a 
and  b.  For  the  results  shown  In  Fig.  21a,  a  dimensionless  disturbance  frequency  of  F  *  20  was 
introduced  into  the  boundary  layer  with  one  porous  strip  open  on  the  panel.  The  average  suction 
velocity  over  the  strip  was  5.5  x  10-TlU  where  U^,  =  14  m/s.  in  Fig.  ?2b,  seven  strips  were  open  on  an 
upstream  porous  panel  and  two  more  porous  strips  were  open  on  a  downstream  panel.  The  total  mass  flow 
rate  is  the  same  as  for  the  single  porous  strip.  The  experimental  results  agree  well  with  the 
linearized  triple-deck  stability  analysis  of  Reed  and  Nayfeh  (Ref.  18)  which  also  provides  a  suction 
optimization  scheme.  The  optimization  scheme  supported  by  these  experiments  suggest  the  suction 
should  be  concentrated  near  the  Rl  branch  of  the  neutral  stability  curve  for  efficiency. 

The  influence  of  the  porous  strips  on  transition  Reynolds  number  is  shown  in  Fig.  23.  Both  the 
one-strip  and  seven-strip  cases  are  Included  to  show  the  effect  of  local  blowing  velocity  on  the 
stability  characteristics;  i.e.,  average  mass  flow  rate  is  constant,  but  the  one-strip  case  has  seven 
limes  the  local  blowing  velocity  of  the  seven-strip  case.  For  the  no-blowing  case,  a  disturbance 
frequency  F*20  was  Introduced  and  transition  was  forced  at  x  •  280  mm  with  Re  *  2.4  x  106.  As  clearly 
seen,  suction  delays  transition  and  Increased  suction  rates  do  not  appear  to  induce  large  local  hole 
effects.  Conversely,  small  blowing  does  not  introduce  any  catostrophic  behavior  either  -  just  an 
orderly  forward  shift  in  transition  location.  Unfortunately,  measurements  of  the  downstream  boundary 
layer  properties  after  transition  are  not  presented,  hence  the  quality  of  the  transitioned  boundary 
layers  cannot  be  examined. 

A  word  of  caution  Is  necessary  here.  For  flow  over  a  swept  three-dtmesional  wing  flow  with 
crossflow,  the  use  of  slot  or  porous  plate  suction  may  disrupt  the  crossflow  In  the  boundary  layer 
hence  deleteriously  effecting  the  simulation.  This  may  be  most  apparent  If  crossflow-instability  or 
leading  edge  contamination  are  the  primary  mechanisms  for  transition  In  the  boundary  layer. 

Have  Superposition  Principles 

A  new  technique  that  may  be  used  to  control  transition  is  the  principle  of  wave  superposition, 
these  techniques  were  pioneered  by  Llepmann,  Brown,  and  Nosenchuck  (Refs. 15  and  19).  Additional 
experiments  have  been  performed  by  Thomas  (Ref.  20).  The  wave  superposition  principle  Is  premised  on 
the  Introduction  of  Tol Imien-Schl ichting  waves  with  controlled  amplitude  and  phase  to  Interact  with 
other  disturbances  that  may  grow  and  lead  to  transition.  By  phasing  the  generated  disturbances  with 
existing  disturbances,  the  Instabilities  can  be  enhanced  leading  to  early  transition.  Similarly,  by 
generating  equal  amplitude  waves  antlphased  to  the  nxistlng  disturbances  it  is  possible  to  disrupt  the 
growth  of  the  instabilities  and  delay  transition.  It  Is  this  latter  approach  that  has  been  explored 
because  of  the  potential  for  laminar  flow  control. 

The  experiments  of  Refs.  15  and  19  used  flush  mounted  heater  strips  to  excite  instability  waves 
tn  a  laminar  boundary  layer  on  a  flat  plate  in  a  water  tunnel.  Similar  heating  strips  were  located 
downstream  In  order  to  excite  the  control  disturbances.  It  was  demonstrated  that  using  a  feedback 
loop  activated  by  measured  wall  shear  stress  It  was  possible  to  reduce  the  amplitude  of  naturally 
occurring  instability  waves.  A  significant  Increase  in  the  transition  Reynolds  number  was  achieved. 
One  important  feature  of  this  technique  Is  that  the  velocity  profiles  are  not  affected,  just  the 
instability  waves.  Using  surface  strip  heaters  is  very  effective  in  water  because  of  the  very  good 
thermal  coupling  that  can  be  achieved  with  water  and  the  strong  temperature  dependency  of  the 
viscosity. 

Thomas  (Ref. 20)  performed  similar  experiments  except  he  used  vibrating  ribbons  to  excite  the  flow 
of  air  In  a  wind  tunnel.  The  spectra  of  the  fluctuations  corresponding  to  a  normalized  wave  frequency 
of  F  =  110  are  shown  in  Fig.  24  at  a  location  corresponding  to  RXJ.  When  only  the  first  ribbon  is  used 
it  can  be  seen  that  the  spectrum  of  the  velocity  fluctuations  has  a  broadband  character  with  a  readily 
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identifiable  peak  at  80  Hz.  A  broadband  peak  centered  around  40  Hz  can  also  be  identified  along  with 
a  similar  peak  at  120  Hz.  Evidently,  for  this  particular  case,  transition  is  taking  place  by  a 
subharmonic  wave  interaction.  The  spectral  levels  are  dramatically  reduced  when  the  second  ribbon  is 
in  operation,  and  the  spectrum  is  very  similar  to  that  which  is  obtained  if  no  excitation  is  present 
on  either  ribbon.  An  exception  can  be  seen  around  80  Hz  where  some  energy  still  remains  that  would 
otherwise  not  be  present.  These  data  therefore  show  that  delays  of  transition  have  been  achieved,  but 
that  it  is  not  possible  to  return  the  flow  completely  to  its  base  state  with  the  superposition  scheme. 

The  wave  superposition  principle  has  been  demonstrated  to  influence  transition  on  a  flat  plate, 
but  to  date  most  of  the  experiments  have  been  aimed  at  transition  delay,  not  early  transition  as 
typically  required  for  viscous  simulation.  Also  no  experimental  information  on  the  boundary  layer 
parameters  downstream  of  transition  have  been  presented.  An  open  question  about  practical  apr  -ations 
is  the  effectiveness  r  '  •*•*«  concept  when  the  initial  disturbances  enter  the  boundary  layer  over  a 
region  or  some  recept  .  -  ?a  around  and  near  a  leading  edge  and  not  at  a  discrete  point  as  in  the 

experiments  to  date.  :n  addition,  the  applications  in  three-dimensions  have  not  been  explored  at  all. 

4. 9. 3. 2  Viscous  Parameter  Control  Techniques 

It  is  evident  from  the  discussions  of  Sedions  4.3  and  4.5  that  boundary  layer  tripping  alone  will 
not  create  a  proper  viscous  simulation.  Consequently,  consideration  must  also  be  given  to  boundary 
layer  manipulation  techniques  that  control  the  development  of  the  boundary  layer  parameters  of  the 
model  surface.  The  most  obvious  techniques  for  such  control  are  distributed  blowing  or  suction  and 
distributed  heating  or  cooling  of  the  surface.  Of  these,  blowing  and  suction  at  the  surface  probably 
has  the  best  means  for  direct  control  of  the  viscous  parameters.  it  is  obvious  that  the  boundary 
layer  thickness  and  displacement  thickness  in  a  scaled  boundary  layer  are  always  too  thick  and  the 
removal  of  mass  in  the  boundary  layer  can  be  effective  in  reducing  these  thicknesses.  Green  (Ref. 

21)  and  Bore  (Ref.  22)  illustrated  through  simple  numerical  simulations  that  distributed  suction  could 

effectively  control  the  development  of  the  displacement  thickness  and  shape  factor  to  essentially 
duplicate  full  scale  conditions.  Examples  from  Green's  calculations  for  localized  and  distributed 

Suction  are  shown  in  Figs.  25  and  26.  Although  localized  suction  could  be  used  to  control  the  shape 
factor  over  the  aft  part  of  the  airfoil,  distributed  suction  was  required  to  simultaneously  control 
the  shape  factor  and  displacement  thickness.  Consequently  distributed  suction  appears  to  be  a  viable 
boundary  layer  manipulation  technique  that  can  be  used  to  simulate  various  viscous  parameters. 

Although  adding  provisions  for  boundary  layer  suction  appears  to  add  a  significant  complication  to  the 
testing  process,  significant  advances  have  been  made  in  the  practical  applications  of  these  techniques 
in  the  development  of  laminar  flow  control  (e.g..  Ref.  23)  and  shock/boundary  layer  Interaction 

control  (Ref.  24).  What  has  to  be  done  is  to  peform  experiments  using  similar  mechanical  devices  to 
try  to  control  the  Important  viscous  parameters. 

4.9.4  Viscous  Parameter  Measurement  Techniques 

The  primary  viscous  parameter  to  be  routinely  measured  in  a  wind  tunnel  test  is  the  transition 
location.  The  basic  techniques  for  transition  detection  can  be  divided  into  three  general  categories: 

1.  surface  sensor  techniques  such  as  heat  transfer  measurements, 

2.  visualization  techniques  such  as  sublimation  observations,  and 

3.  optical  techn'ques  such  as  shadowgraph  images  and  laser  1nterfe*ometry. 

these  categories  are  usually  distinct,  although  the  second  and  third  divisions  are  nominally  similar. 

Measuring  techniques  used  to  detect  transition  differ  in  sensitivity  to  each  of  the  various 
aspects  involved  in  the  physical  mechanisms  of  the  transition  process.  Generally,  two  detection 
techniques  applied  to  the  same  boundary  layer  will  yield  slightly  different  indications  of  transition, 
because  each  is  dependent  upon,  or  at  least  emphasizes,  a  different  flow  parameter.  For  example,  the 
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optical  method  based  upon  shadowgraphs  and  the  sensor  method  based  upon  the  variation  in  the  measured 
heat  transfer  distribution  may  yield  somewhat  different  indications  of  transition  location.  This 
follows  from  the  fact  that  the  shaoowgraph  is  sensitive  to  changes  in  density  gradients  as  the  flow 
becomes  turbulent  and  is  a  record  of  the  boundary  layer  at  an  Instant  in  time;  whereas,  the  heat 
transfer  measurement  tends  to  be  a  time  averaged  value  sensitive  to  the  average  change  in  heat  flux 
level  transmitted  to  the  model  surfacxe  by  the  laminar  and  turbulent  flows.  In  addition,  each  of 
these  two  sets  of  results  is  somewhat  subject  to  individual  interpretation. 

The  surface  sensor  techniques  include  thermocouples  and/or  heat  transfer  gages,  surface  mounted 
heat  film  gages,  dynamic  pressure  transducers,  acoustic  monitors,  laser  heated  slugs,  pitot  pressure 
probes,  and  anemometer  probes.  Each  of  these  techniques  has  been  shown  to  be  useful  in  determining 
transition  and  the  basic  principles  underlying  their  application  are  well  understood.  Consequently 
there  is  no  need  for  a  major  research  program  to  Improve  on  these  techniques.  Care  in  the  application 
and  interpretation  of  any  one  technique  will  provide  useful  Information  on  transition. 

The  gages,  transducers,  and  slugs  are  limited  as  to  the  area  of  a  model  surface  thatthey  can 
monitor  because  of  restrictions  imposed  by  the  sensor  size  and  model  geometries.  This  may  be 
overcome,  in  part,  by  causing  transition  to  move  along  the  model,  usually  by  changing  the  wind  tunnel 
unit  Reynolds  number  by  altering  tunnel  stagnation  pressure.  Probes,  on  the  other  hand,  may  be  moved 
along  the  model  surface  while  tunnel  conditions  are  maintained  at  a  nominally  constant  level. 
However,  probes  may  under  certain  conditions  alter  the  flow  field  under  investigation  by  their 
presence.  In  either  case, considerable  attention  must  be  paid  to  model  and  test  installation  design 
before  the  experiments  are  performed  and  the  application  of  these  techniques  is  generally  a  unique 
Installation  for  each  model  tested. 

The  visualization  techniques  include  sublimation,  evaporation,  thermographic  phospors.  and 
infrared  scanning.  These  methods  are  used  to  observe  flow  patterns  on  a  surface  area  at  a  single  test 
condition  and  require  documentation  by  photographs  or  video  recording  after  allowing  the  selected 
medium  sufficient  time  to  conform  to  the  flow  pattern  details.  The  sublimation  and  evaporation 
techniques  are  frequently  used  but  unfortunately  require  recoating  for  each  test  condition  and  hence 
only  a  few  selected  conditons  are  ever  evaluated  in  a  test  program.  The  thermographic  phospors  and 
infrared  scanning  techniques  are  based  on  the  differences  in  heat  transfer  between  a  laminar  boundary 
layer  and  a  turbulent  boundary  layer.  In  supersonic  flow  the  temperature  gradients  through  transition 
are  sufficiently  large  that  these  techniques  are  effective.  However,  in  transonic  flow  the 
temperature  gradient  between  laminar  and  turbulent  flow  is  very  small  and  hard  to  detect.  Also 
provisions  must  be  made  to  insulate  the  model  surface  to  avoid  mod"!  temperature  transients  as  the 
tunnel  environment  and  model  heat  up.  There  has  been,  however,  sufficient  promise  shown  for  the 
thermographic  phospors  and  infrared  scanning  techniques  in  the  transonic  regime  that  further  research 
is  warranted. 

for  high  Reynolds  number  wind  tunnels,  additional  problems  arise.  Because  of  model  surface  finish 
requirements  at  high  Reynolds  numbers  it  Is  essentially  mandatory  for  non-intrusive  optical  techniques 
to  be  used  to  determine  transition.  One  such  approach  is  Infrared  thermography,  but  fundamental  and 
practical  limitations  appear  to  prevent  its  use  for  transition  detection  in  a  high  Reynolds  number 
facility  such  as  the  National  Transonic  Facility  (NTF)  or  the  Koln  Kryo  -Kanal  (KKK).  Ihe 
ralculated  range  of  temperature  chanqe  across  the  transition  region  on  a  model  transport  wing  at 
transonic  Mach  numbers  is  illustrated  in  Fig.  27  from  Ref.  25.  It  is  seen  that  the  temperature 
rnanges  associated  with  transition  in  conventional  wind  tunnels,  in  which  only  marginal  results  have 
been  obtained,  are  far  larger  than  those  at  conditions  of  Interest  in  a  high  Reynolds  number  facility. 
An  innovative  alternative  is  needed,  perhaps  based  on  properties  of  coherent  light  reflected  from 
mode!  surfaces  or  transmitted  through  the  model  boundary  layer  from  sources  in  the  model  surface. 

The  optical  techniques  offer  the  great  advantage  of  being  non-intrusive  and  not  requiring 
modification  of  the  model.  Schlieren  and  shadowgraph  imagery  have  been  applied  many  times  and  are 


based  on  (1)  observed  turbulence  in  the  boundary  layer  or  the  fading  of  the  clearly  defined  attached 
laminar  boundary  layer  on  a  model  in  a  schlieren  picture  or  ( 2 )  the  change  in  growth  rate  in  the 
observed  boundary  layer  thickness.  There  is,  therefore,  a  chance  for  large  uncertainties  associated 
with  interpretation  and  these  techniques  can  only  be  applied  to  simple  bodies  since  the  view  must  be 
tangent  to  the  body  surface. 

A  scanning  laser  Interferometer  offen  the  promise  of  being  the  ideal  transition  detection  device 
in  that  it  is  noninterfering,  does  not  require  modification  of  the  model,  and  interpretation  is 
perhaps  more  straight  forward.  The  technique  is  based  on  the  observation  that  turbulence  in  a  boundary 
layer  produces  high  frequency  shifts  in  tht  interferometric  fringes  created  by  the  Integrated  density 
fluctuations  along  the  path  of  a  beam  of  coherent  light  passing  through  the  boundary  layer.  Two 
approaches  are  presently  available  for  studies  to  prove  the  principle  underlying  this  technique:  (1)  a 
single  point  probe  which  can  be  mounted  on  a  traversing  mechanism  to  survey  along  a  model  surface  and 
(2)  a  ..robe  that  optically  scans  along  a  model  surface.  The  instrumentation  for  the  scanning  model 
provides  a  real  time  display  of  the  boundary  layer  status  along  a  length  of  model  surface,  or  discrete 
locations  along  the  surface  can  be  selected  for  frequency  measurements.  This  approach  can  be  used 
viewing  the  surface  either  tangentially  or  vertically.  Clearly,  further  research  should  be  devoted  to 
the  development  and  verification  of  these  laser  interferometric  techniques. 

Viscous  parameter  measurement  implies,  in  addition  to  the  traditional  transition  detection,  tnc 
need  for  monitoring  the  essential  viscous  parameters  at  critical  locations.  The  trailing  edge 
pressure  coefficient  and  even  the  trailing  edge  boundary  layer  distribution  can  be  routinely  measured 
in  a  test  program.  However,  much  more  difficult  is  the  determination  of  the  viscous  parameters  at  the 
shock  location,  at  incipient  separation,  or  the  location  and  extent  of  separated  regions.  Host 
conventional  probing  techniques  have  a  high  probability  of  interfering  with  the  sensitive  nature  of 
the  flow  field.  Laser  velocimetry  offers  an  oppodunity  for  nonintrusive  measurements  in  the  boundary 
laye*-  but  are  not  easily  applied  for  routine  testing.  Perhaps  the  only  practical  techniques  for  future 

application  will  be  the  Inference  of  the  viscous  parameters  through  computations  based  on  limited 
measurements  such  as  the  transition  location  and  trailing  edge  pressure.  Based  on  the  determination  of 
the  most  important  viscous  parameters  to  be  simulated,  this  computational  approach  opens  up  an  entire 
new  area  for  research  to  develop  valid  correlation  techniques. 

4.9.5  Recommended  Research 

As  a  result  of  the  review  of  boundary  layer  manipulation  techniques  the  following  research 
activities  are  suggested: 

1.  The  single  most  important  research  to  be  done  is  to  Identify  which  of  the  viscous  parameters 
so  far  identified  in  Chapter  4  that  must  be  controlled  at  critical  locations  on  the  model  in 
a  subscale  experiment  to  allow  correct  extrapolation  to  full  scale  conditions.  These 
parameters  must  be  defined  for  each  type  of  fundamental  test  requirement,  e.g.,  cruise  drag, 
buffet  boundary,  vortex  shedding,  post  stall  performance,  etc. 

2.  Based  on  the  criteria  developed  in  1)  bound^'y  layer  manipulation  techniques  must  be 
developed  that  will  produce  the  desired  control  of  the  relevant  parameters.  The  primary 
candidates  for  further  development  are  boundary  layer  tripping  and  boundary  layer  suction. 
The  research  should  explore  the  effectiveness  of  boundary  layer  manipulation  devices  for 
families  of  favorable  and  adverse  pressure  gradients.  Correlations  should  be  developed  to 
define  the  boundary  layer  parameters  such  as  H,  8*,  or  6  that  will  occur  downstream  of  the 
boundary  layer  manipulation  device.  These  correlations  will  be  the  basis  for  selecting  a 
boundary  layer  manipulation  device  to  produce  the  desired  effect  defined  in  l). 

3.  Research  needs  to  be  performed  to  determine  the  flow  structures  in  a  transitioned  boundary 
layer  downstream  of  a  cross-flow  instability  or  leading  edge  contamination  induced 


424 


transition.  These  flow  features  need  to  be  compared  with  the  flow  features  downstream  of  the 
boundary  layer  manipulation  devices  examined  In  2)  to  evaluate  the  adequacy  of  conventional 
tripping  In  simulating  other  than  streamwlse  Instability  Induced  transition. 


4.  The  use  of  CFO  In  extrapolating  the  Reynolds  number  sensitive  parameters  from  the  subscale 
to  the  full  scale  conditions  must  bo  exploreo  In  conjunction  with  the  boundary  layer  state 
that  will  be  determined  In  the  wind  tunnel  as  a  result  of  applications  of  2)i 

5.  Nonintruslve  boundary  layer  measurement  techniques  must  be  developed  to  the  point  of 
practical  application.  The  use  of  laser  interferrometry  to  determine  transition  location 
should  be  further  developed.  In  addition,  the  use  of  CFD  to  Infer  viscous  parameters  that 
cannot  be  easily  measured  should  be  explored. 
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b.Uo/v  =  1.42  x  105/ft 

2.  Spectra  of  velocity  fluctuations  downstream 
of  a  0.066-in  diameter  roughness  element  at 
xk  =  2.0  ft,  y  =  0.06  in.  (Ref.  6). 


Figure  3.  Mean  velocity  measurements  downstream 
of  a  0.066-in  diameter  roughness  element 
compared  with  Hartree  profiles.  (Ref.  6). 


Figure  4.  Correlation  of  transition  Reynolds  number  with 
roughness  elements  for  smooth  plates.  (Ref.  7). 
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Figure  5.  Distribution  of  boundary  layer  parameters 

downstream  of  a  0.066-in  diameter  roughness 
element.  (Ref.  6). 


Figure  6.  Variation  of  the  shape  parameter  with  roughness 
Reynolds  number  with  k/ «*  fixed.  (Ref.  6). 
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Figure  7.  Velocity  fluctuation  downstream  of  a  0.066-in  diameter 
roughness  element  illustrating  increase  in  amplification 
within  the  recovery  zone.  (Ref.  6). 
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Figure  8.  Representation  of  flow  past  a  cylindrical 
roughness  on  a  flat  plate.  (Ref.  8). 
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Figure  9.  Influence  of  tripping  elements  on  Strouhal  number.  (Ref.  11). 
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Figure  11.  Spanwise  distributions  of  the  intensity  of  u-fluctuation  at  various  positions 

from  the  surface  for  varying  unit  Reynolds  number;  k  =  1.7  mm,  xi<  =  91.4  cm 
x  =  2.54  cm.  (Ref.  11). 
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Figure  12.  Comparison  of  mean-velocity  profiles  1.27  cm  downstream  of  a 

hemispherical  roughness  element  with  the  separated  Hartree  profile, 
k  =  1.7  mm,  x|<  =  91.4  cm,  (Ref.  11). 
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Figure  14.  Comparison  of  mean-velocity  profiles  downstream  of  a 

hemispherical  roughness  element  with  the  mean-velocity  profile 
for  fully  developed  turbulent  boundary  layer,  k  =  1.7  mm, 

Xk  =  91.4  cm,  (Ref.  11). 
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Figure  15.  Comparison  of  u-velocity  fluctuations  downstream  of  a 

hemispherical  roughness  element  with  the  u-velocity  fluctuations 
downstream  for  fully  developed  turbulent  boundary  layer,  k  =  1.7  mm, 
xk  =  91.4  cm,  (Ref.  11). 
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Figure  16.  Nomenclature  for  a  tripped  boundary  layer. 
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Figure  17.  Transition  locations  of  a  tripped  boundary  layer  on  the  cor.e.  (Ref.  14). 
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Figure  18.  A  correlation  of  the  critical  trip  Reynolds  number  as  a  function 
of  the  local  trip  Mach  number.  (Ref.  14). 
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Figure  19.  Velocity  profiles  downstream  of  a  0.015-in  disk  trip, 
M.  =  0.6,  Re/ft  =  0.63  x  106.  (Ref.  14). 


TAUft/TAUW  -  u'v'/~U  TAUT/TAUW 


M  =0.6 
TUNNEL  A 


□ 


2  4  6  8  10  12  14  16  18  20 

x-xk,  inches 


a.  Displacement  thickness. 

Figure  21.  Distribution  of  boundary  layer  properties  downstream  of  tripping 
elements  on  a  7-deg  cone  at  M  =  0.60.  (Ref.  14). 
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Figure  22.  Integrated  disturbance  amplitude  for  boundary 

layer  suction.  Strip  locations  and  suction  rates  are 
indicated  on  the  horizontal  scales.  (Ref.  17). 
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Figure  23.  Effect  of  suction  on  transition  Reynolds  number.  (Ref.  17). 
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Figure  24.  The  spectrum  of  velocity  fluctuations  in  the 

boundary  layer  for  a  wave  frequency  of  F  =110 
arising  from  the  first  ribbon.  (Ref.  20). 
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Figure  25.  Partial  simulation  of  high  Reynolds  number  using 
localized  suction.  (Ref.  21). 
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SECTION  4.10  SUMMARY  OF  FUTURE  RESEARCH  AND  CONCLUSION 

by  E.Stancwsky 

Institut  fiir  E.xpcrimentcllc  Stromungsmcchanik 
Deutsche  Forschungs-  und  Versuchsanstalt 
fur  Luft-  und  Raumfahrt  c.V. 

Buns;  .rassc  1 0,  D-3400  Gottingen,  FRG 


The  improvement  of  full-scale  transoni^^,  tabular  summary  Table  1  of  the  present 
performance  prediction,  especially  under  section), 

off-design  conditions,  requires  boundary  \ 

layer  simulation  and  control  in  low  Rey-  Boundary  layer  development  and  transition: 

nolds  number  wind  tunnel  tests.  The  phy-  In  any  viscous  simulation  scenario,  it  is 

sics  of  the  flow  associated  with  such  a  generally  required  to  compute  the  boundary 

viscous  simulation  were  reviewed  and  layer  development,  commencing  in  the 

research  needed  to  verify  the  results  of  stagnation  region  of  a  given  aerodynamic 

the  present  study  and  to  fill  the  gaps  in  configuration,  at  least  up  to  the 

our  knowledge  were  outlined.  encounter  with  a  critical  phenomenon, 

e.g.,  up  to  a  shock  wave,  under  full-scale 
In  a  first  s  ap,  the  Research  Committee  as  well  as  wind  tunnel  conditions.  Con- 

defined  flow  phenomena  critical  in  the  cerning  the  laminar  boundary  layer  devel- 

oresent  context,  distinguishing  between  opment.  it  is  stated  in  Section  4.3  that 

phenomena  involving  the  direct  interaction  its  theoretical  treatment  for  weak  inter- 

between  the  outer  inviscid  flow  and  the  actions  with  the  outer  flow  field  is,  for 

boundary  layer  -  thus  being  potential  all  relevant  configurations,  "well  in 

contributors  to  major  scale  effects  -  and  hand".  Considering  "classical"  equilib- 

phenomena  primarily  affecting  the  boundary  rium  turbulent  boundary  layers,  it  is 

layer  development  without  having  a  direct  reasonable  to  assume  that  the  numerical 

influence  on  the  outer  flow.  The  former  codes  available  today  are  able  to  predict 

include  shock  boundary  layer  interaction,  the  boundary  layer  development,  at  least 

trailing  edge  flow,  classical  {low  speed)  for  incompressible  flow,  up  to  its  sepa- 

separation  and  vortex  flows,  the  latter  ration  by  direct  or  inverse  mode  calcu- 

comprising  the  formation  of  body  and  wing  lations.  For  compressible  equilibrium 

vortices,  vortex  breakdown  and  asymmetri-  boundary  layers,  turbulence  modelling  is, 

cal  vortex  shedding.  It  was  attempted  to  for  certain  conditions,  still  insuffi- 

establish  for  these  phenomena  dominant  cient;  More  systematic  experimental  and 

viscous  and  outer  inviscid  flow  parame-  theoretical  studies  must  be  conducted  in 

ters,  i.e.,  parameters  that  must  be  order  to  obtain  fundamental  data  on  the 

duplicated  in  a  low  Reynolds  number  simu-  structure  of  turbulence,  especially  at 

lation  process.  The  implementation  of  such  non-adiabatic  wall  conditions  and  in  the 

a  process  requires,  in  addition,  the  presence  of  streamwise  wall  curvature.  The 

understanding  and  predictability  of  the  former  relates  to  the  -  in  practice  - 

oounda-y  layer  development  as  it  occurs  important  question  of  the  influence  of 

naturally  on  a  given  aerodynamic  surface  wall  temperature  on  turbulent  skin  frre- 

or  as  it  evolves  under  the  influence  of  tion.  Here,  valuable  information  may  be 

the  wind  tunnel  environment  or  by  boundary  obtained  from  tests  in  cryogenic  wind 

layer  manipulation.  Accordingly,  relevant  tunnels  which,  in  addition,  provide  the 

aspects  of  the  laminar  and  turbulent  tool  for  much  needed  fundamental  reseaich 

boundary  layer  development,  including  on  turbulent  boundary  layers  at  high  Rey- 

non-equi librium  boundary  layers  and  free  nolds  numbers.  In  three-dimensional  flow 

and  forced  transition,  environmental  some  uncertainty  evolves  from  the  ques- 

effects  and  boundary  layer  manipulation  tion  of  the  direction  of  the  shear  stress 

techniques  were  reviewed.  vector  in  relation  to  that  of  the  velocity 

gradient  vector  which  need,  as  was 
In  concluding  Section  4,  the  primary  observed  in  some  experiments,  not  coin- 

results  of  the  present  study  with  emphasis  cide.  It  appears  that  this  is  due  to  the 

on  research  still  needed  shall  briefly  be  cross-wise  eddy  viscosity  being  smaller 

recapitulated,  following  in  essence  the  than  that  in  the  streamwise  direction, 

sequence  given  by  the  table  of  contents  Since  boundary  layer  calculations  are 

(see  Figure  1  of  Section  4.2  and  for  a  generally  based  on  the  classical  hypoth- 
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esis  of  the  coincidence  of  the  shear 
stress  and  velocity  vectors,  an  improve¬ 
ment  of  three-dimensional  turbulence  mod¬ 
els  seems  to  be  required. 

Boundary  layer  transition  still  carries  a 
great  number  of  open  questions  and 
research  is  needed  in  the  experimental  as 
well  as  the  theoretical  domain.  Needs  for 
experimental  studies  are  particularly 
pressing  in  three-dimensional  flows: 

•  Transition  criteria  have,  been  estab¬ 
lished  based  on  but  a  few  experimental 
data.  These  criteria  must  be  verified 
in  experiments  where  the  main  influ¬ 
ence  parameters  are  systematically 
varied. 

•  Knowledge  concerning  the  influence  of 
noise,  freestream  turbulence  and  sur¬ 
face  roughness  on  three-dimensional 
transition  is  totally  insufficient. 

Most  data  on  transition  are  for  flat 
plates  and  cones  and  there  is,  generally, 
a  lack  of  systematic  results  for  realistic 
transonic  configurations  such  as  airfoils 
and  wings  where  pressure  gradients  play 
an  essential  role.  Here,  research  is  par¬ 
ticularly  needed  on  the  effect  of  wall 
temperature  on  transition  in  the  presence 
of  non-zero  pressure  gradients  since  the 
influence  of  wall  temperature  is  highly 
dependent  on  such  gradients.  Due  to  the 
environmental  effects,  present  in  wind 
tunnel  tests,  it  is  highly  desireable  to 
supplement  such  tests  by  in-flight  inves¬ 
tigations.  Concerning  (stability)  theory, 
it  is  stated  in  Section  4.3  that  the 
amplification  method  (en)  is  the  most 
promising  approach  to  transition  predic¬ 
tion  m  the  present  domain  of  interest, 
provided  all  effective  parameters  -  such 
as  freestream  turbulence  -  are  properly 
accounted  for. 

Turbulent  non- equilibrium  boundary  lay¬ 
ers!  tor  "turbulent  flow,  air  important 
consideration  is  its  departure  from  equi¬ 
librium  since  here  the  similarity  solu¬ 
tions  so  frequently  used  in  boundary  layer 
calculations  no  longer  apply.  Including 
non-equi librium  effects  in  the  velocity 
profile  is  particularly  revealing  in  the 
analysis  of  the  state  of  the  boundary 
layer,  and  it  is  essential  for  determining 
important  scale  parameters  and  establish¬ 
ing  separation  criteria.  It  is  outlined 
in  Section  4.4  how  the  description  of  the 
velocity  profile  by  a  revised  version  of 
the  law  of  the  vail  and  wake  can  be  uti¬ 
lized  for  a  detarled  examination  of  the 
effect  of  a  departure  of  the  boundary 
layer  develops »nt  from  equilibrium. 
Applying  the  law  of  the  wall  and  wake  to 
the  devel  ,pment  leading  to  separation,  it 
is  shown,  for  instance,  that  the  shape 
parameter  at  separation  -  and  this  is 
especially  important  in  the  present  con¬ 
text  -  is  highly  dependent  on  the  relative 
pressure  gradient  parameter,  i.e.,  depar¬ 
ture  from  equilibrium.  This  explains  the 
apparent  inconsistency  between  estab¬ 
lished  separation  criteria,  generally 
based  on  equilibrium  flows  (H  =  4),  and 


experimental  observations,  say,  on  air¬ 
foils  with  trailing  edge  separation,  where 
shape  parameters  of  H  2  at  separation 
were  observed.  The  revised  law  of  the  wall 
and  wake  can  also  be  applied  to  three-di¬ 
mensional  flow. 

A  general  conclusion  of  Section  4.4  is: 
Theoretical  methods  are  increasingly 
becoming  available  which,  though  initially 
developed  largely  from  the  consideration 
of  simpler  flows,  aim  to  treat  very  com¬ 
plex  flows  involving  separation,  large 
normal  pressure  gradients  and  shock  waves. 
This  requires  a  ful’  description  of  the 
incoming  boundary  layer  away  from  the 
traditional  description  based  on  boundary 
layer  momentum  and  displacement  thickness. 
Future  experiments  must  similarly  aim  to 
provide  all  relevant  flow  parameters  and 
boundary  conditions,  such  as  skin  fric¬ 
tion,  velocity  profile,  pressure  gradient 
parameter,  skin  friction  lines  in  three- 
dimensional  flow,  and  so  on. 

Cl  ass ical  separation,  trailing  edge  flow 
and  buffeting:  If  one  considers  classical 
separation  within  the  present  context,  two 
critical  locations  where  such  separations 
may  occur  can  be  identified:  the  leading 
edge  region  where  the  initial  natural 
state  of  the  boundary  layer  is  in  most 
instances  laminar  and  the  trailing  edge 
region  where,  for  all  practical  situ¬ 
ations,  a  turbulent  boundary  layer  pre¬ 
vails.  baminar  separation  bubbles,  likely 
-  but  not  exclusively  -  to  be  present  m 
low  Reynolds  number  wind  tunnel  tests  for 
peaky-type  pressure  distributions,  may 
have  a  large  effect  on  the  turbulence 
structure  at  and  downstream  of  reattach¬ 
ment,  hence  on  the  subsequent  turbulent 
boundary  layer  development.  It  is  indi¬ 
cated  in  Section  4.6  that  adequate  turbu¬ 
lence  models  in  a  sufficiently  general 
form  still  have  to  be  developed  for  this 
type  of  flow;  suitable  experiments  must 
be  conducted  to  achieve  this  goal.  For  the 
simulation  of  such  laminar  separation 
bubbles  in  low  Reynolds  number  wind  tunnel 
tests,  it  is  suggested  that  the  bubble  be 
manipulated  in  a  way  that  results  in  the 
"correct"  magnitude  of  the  dominant  vis¬ 
cous  parameter  upstream  of  the  next 
streamwise  critical  region. 

Considering  turbulent  boundary  layer 
separation  ,  it  is  advocated  in  Section 
4.6  that  one  should  predict  the  boundary 
layer  development  leading  to  separation 
(by  CFD)  for  given  initial  conditions, 
provided,  e.g.,  ’ewnstre-am  of  the  chock 
boundary  layer  iteraction  region,  and 
dependent  on  the  attendant  pressure  gra¬ 
dients.  One  should  then  use  "criteria" 
that  will  identify  the  location  of  sepa¬ 
ration.  This  means,  in  essence,  that 
improved  computational  procedures  must  be 
provided,  accounting  for  the  departure  of 
the  boundary  layer  from  equilibrium,  and 
that,  sim  larly,  reliable  separation 
"criteria"  for  two-  and  three-dimensional 
flews  must  be  established.  A  promising 
step  in  this  direction  has  been  undertaken 
by  Cross  who  combined  the  entrainment 
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concept  with  hio  revised  version  of  Coles' 
wall-wake  description  of  turbulent  bound¬ 
ary  layers  (see  Section  4).  It  is  judged 
in  Section  4.6  that  by  not  too  extensive 
modifications  to  the  present  state-of- 
the-art,  as  exemplified  by  Cross'  work, 
sufficiently  reliable  methods  can  be 
obtained  for  the  prediction  of  separation 
for  simulation  purposes,  at  least  for 
two-dimensional  flows.  It  is,  furthermore, 
stated  in  Section  4.6  that 

•  the  reliable  prediction  of  three-di¬ 
mensional  separation  requires  much 
more  experimental  research  in  order 
to  derive  adequate  shape  factor/pres¬ 
sure  gradient  parameter  correlations 
and  turbulence  models  (The  latter  also 
applies  to  the  flow  downstream  of 
trips  and  shock  boundary  layer  inter¬ 
action  in  two-dimensional  flows.), 

•  the  trailing  edge  flow  development  - 
attached  or  separated  -  on  the  upper 
and  lower  surfaces  of  an  airfoil  or 
wing  should  be  such  that  the  correct 
circulation  is  obtained.  Importent 
parameters  to  be  considered  here  are 
the  momentum  loss,  the  displacement 
thickness,  the  shape  factor  and  the 
turbulence  structure.  How  closely 
these  parameters  must  be  duplicated 
to  simulate  full-scale  flow  -  or 
whether  it  is  sufficient  to  just  avoid 
separation,  should  it  not  occur  at 
full-scale  conditions  -  is  not  known 
and  requires  additional  experimental 
and  theoretical  studies  (also  see  the 
section  on  shock  boundary  layer 
interaction) . 

Buffet  onset  is  strongly  related  to  the 
development  of  separation  on  ar.  airfoil 
or  wing.  This  implies  that  if  one  simu¬ 
lates  the  flow  development  leading  to 
total  separation  correctly,  buffet  onset 
should  also  be  adequately  represented.  Tne 
subsequent  buffeting  process  has  been 
found  in  transonic  flow  to  be  closely 
coupled  to  the  growth  rate  of  the  shock- 
induced  separation  bubble  which  was  shown 
to  depend,  in  turn,  primarily  on  the 
boundary  layer  momentum  thickness  upstream 
of  the  shock  (sec  section  on  shock  bound¬ 
ary  layer  interaction) .  Whether  the  "cor¬ 
rect"  simulation  of  the  bubble  extent 
under  steady  conditions  will,  however, 
also  result  in  an  adequate  representation 
of  the  full-scale  unsteady  buffeting  pro¬ 
cess  (e.g.,  the  duplication  of  relative 
frequency  and  amplitude  of  the  shock 
oscillations)  remains  open  and  a  subject 
for  future  research.  It  is,  furthermore, 
suggested  in  Section  4.6  that  in  order  to 
establish  and/or  verify  (needed)  simpli¬ 
fied  methods  for  buffet  prediction,  a 
suitable  research  program  should  be  car¬ 
ried  out  where  various  methods  can  be 
co-oared  with  each  other  and  especially 
with  coi responding  flight  test  results. 

Shock  boundary  layer  interaction:  Shock 
boundary  layer  interaction  seems- to  be  the 
most  impoitant  phenomenon  in  transonic 
flow,  at  least  for  large  aspect  ratio 
w,ngs,  since  the  interaction  not  only 


severely  affects  the  local  flow  structure 
but,  due  to  the  impact  of  the  shock  on  the 
boundary  layer,  also  the  entire  flow 
development  up  to  and  beyond  the  trailing 
edge,  hence  the  total  flow  field.  Shock 
boundary  layer  interaction  comprises  three 
main  elements  whose  full-scale  simulation 
should  be  ensured  in  the  low  Reynolds 
number  wind  tunnel  tests:  the  upstream 
influence,  which  rules  the  interactive 
pressure  gradient  imposed  on  the  boundary 
layer,  the  onset  of  shock-induced  (incip¬ 
ient)  separation  and  the  development  of 
the  shock-induced  separation  bubble.  The 
upstream  influence  was,  for  turbulent 
interactions,  found  to  be  only  dependent 
on  the  viscous  parameter  6j  (Hj^-l),  where 
and  are  the  displacement  thickness 

and  the  incompressible  shape  factor, 
respectively,  immediately  upstream  of  the 
shock.  It  is  believed  that  duplicating 
this  parameter,  normalised  by  the  proper 
chord  length,  in  t’>e  low  Reynolds  number 
wind  tunnel  tests  w. .1  result  in  an  ade¬ 
quate  simulation  of  the  entire  shock 
boundary  layer  interaction  process  in  the 
absence  of  shock-induced  separation.  This 
seems  to  hold  for  two-  and  three-dimen¬ 
sional  interactions  up  to  local  sweep 
angles  of  the  shock  of  A  =  30°. 

Incipient  separation  in  two-  as  well  as 
three-dimensional  flows  was  found  to  be 
rather  insensitive  to  viscous  effects  and 
there  exists  strong  evidence  that  simu¬ 
lating  the  upstream  influence  corrsctly 
will  also  result  in  a  sufficiently  accu¬ 
rate  representation  of  full-scale  incipi¬ 
ent  separation.  Beyond  that  stage  in  the 
interaction,  it  seems  that  the  dominant 
viscous  parameter  for  the  development  of 
the  shock-induced  separation  bubble  with 
incieasing  shock  upstream  Mach  number 
(shock  st.ength)  is  the  momentum  thickness 
upstream  of  the  shock.  This  result  is 
supported  by  two  independent  correlations 
of  the  bubble  extent  on  airfoils  and 
wings,  one  based  on  the  shock-upstream 
momentum  thickness  and  the  local  Reynolds 
number  based  on  momentum  thickness,  the 
other  based  on  just  the  momentum  thickness 
and  the  average  radius  of  curvature  of  the 
surface  between  shock  and  trailing  edge, 
the  latter  mainly  representing  the  sus¬ 
tained  sdveise  pressure  gradients  pre¬ 
vailing  in  that  region.  With  the  dupli¬ 
cation  of  the  normalized  momentum  thick¬ 
ness  upstream  of  the  shock  it  seems  thus 
possible  to  simulate  the  full-scale 
shock-induced  bubble  development  includ¬ 
ing  the  final  breakdown  of  the  flow  (buf¬ 
fet  onset)  ,  at  least  in  t)  absence  of  an 
"independently"  spreading  trailing  edge 
separation. 

There  remain,  however,  within  the  present 
context,  several  unresolved  issues  which 
recniire  further  experimental  and  theore¬ 
tical  research  effort: 

•  The  results,  summarized  above,  are 
partly  based  on  a  rather  limited  num¬ 
ber  of  experiments  so  that  in  some 
instances,  especially  in  three-dimen¬ 
sional  flow,  well  designed  experiments 
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must  be  carried  out  at  transonic 
speeds  on  realistic  configurations  to 
confirm  (or  reject  and  re-define)  the 
dominance  of  the  viscous  parameters 
identified  above. 

•  Although  there  is  some  positive  evi¬ 

dence,  it  must  be  conclusively  deter¬ 
mined  how  closely  the  boundary  layer 
parameters  at  the  downstream  face  of 
the  shock  boundary  layer  interaction 
region  (e.g.,  6*,  0,  H)  correspond  to 

the  ones  at  the  (higher)  Reynolds 
number  to  be  simulated. 

•  Partly  as  a  consequence  thereof,  one 
must  investigate  whether  the  simu¬ 
lation  of  the  high  Reynolds  n-mber 
trailing  edge  flow  behavior  is  ensured 
-  or  what  degree  of  approximation  can 
be  achieved  -  if  the  shock  boundary 
layer  interaction  is  simulated  cor¬ 
rectly.  Proper  simulation  of  the 
trailing  edge  flow  conditions  is,  of 
course,  required  to  obtain  the  full- 
scale  shock  location  and  strength. 

•  What  are  the  limits  of  applicability 
of  the  shock-induced  bubble  simulation 
in  the  presence  of  an  "independently" 
developing  trailing  edge  separation? 

A  further  aspect  of  shock  boundary  layer 
interaction  that  was  addressed  in  Section 
4.5  is  the  generation  and  amplification 
of  turbulence  due  to  the  interaction. 
Here,  strong  evidence  was  found  that  the 
turbulence  generation,  especially  in  the 
presence  of  separation,  nay  have  a  pro¬ 
nounced  influence  on  the  boundary  layer 
development  downstream  of  the  interaction, 
hence  on  the  trailing  edge  flow  behavior. 
There  is,  furthermore,  evidence  that  the 
magnitude  of  the  shock-upstream  turbulence 
has  no  effect  on  the  maximum  turbulence 
intensity  within  the  interaction  region, 
i.e.,  turbulence  generation  seems  much 
more  powerful  than  turbulence  amplifi¬ 
cation.  Nevertheless,  the  overall  flow 
development  associated  with  shock-induced 
separation  is  affected  by  freestream  tur¬ 
bulence;  however,  only  at  turbulence  lev¬ 
els  far  in  excess  of  the  ones  commonly 
found  in  wind  tunnels. 

The  open  questions  related  to  the  viscous 
simulation  of  transonic  shock  boundary 
layer  interaction  may  be  answered  by  some 
thorough  bench-mark  experiments  predomi¬ 
nantly  involving  realistic  configurations 
such  as  airfoils,  sheared  wings  and  com¬ 
plete  three-dimensional  wings  of  suffi¬ 
cient  size.  Variables  of  such  experiments 
must  be  characteristic  parameters  of  the 
incoming  boundary  layer  (6*,  0,  H,  local 
Reynolds  number,  turbulence  intensity  and 
structure)  and  the  outer  inviscid  flow 
(shock  strength  (K[),  pressure  gradient 
parameters  upstream  of  the  shock  and  in 
the  trailing  edge  region)  and  geometric 
parameters  including  sweep  angle  and  cur- 
\  ture.  In  all  experiments  detailed  sur¬ 
face  pressure,  boundary  layer,  wake  and 
field  measurements  must  be  carried  out 
using  a  wide  range  of  appropriate  instru¬ 
mentation.  The  experiments  must,  of 
course,  be  supplemented  by  extensive  the¬ 
oretical  studies  (which  have  the  added 


adventage  that  parameters  can  be  easily 
and  independently  varied) . 

Vortex  flows :  Vortical  flows  are  gene¬ 
rally  complex  and  correspondingly  diffi¬ 
cult  to  model  analytically  so  that  sub¬ 
scale  wind  tunnel  testing  frequently 
remains  the  primary  developmental  tool  for 
vehicle  optimization,  especially  with 
regard  to  high  speed  maneuvers.  The  types 
of  vortical  flows  of  interest  in  the  pre¬ 
sent  context,  considered  in  Section  4.7, 
comprise  forebody  vortices,  wing  leading 
edge  vortex  flows,  vortex  breakdown  and 
vortex/ shock  interaction.  For  the  correct 
simulation  of  the  vortical  flow  develop¬ 
ment,  it  seems,  first  of  all,  important 
to  duplicate  the  full-scale  primary  sepa¬ 
ration  line.  Here,  some  guidance  concer¬ 
ning  critical  viscous  parameters  may  be 
obtained  from  the  discussion  of  nock 
boundary  layer  interaction  (Section  4.5) 
and  classical  separation  (Section  4.6). 
The  proper  type  of  boundary  layer  at 
separation, i . e. ,  laminar,  transitional  or 
turbulent,  must,  of  course  be  ensured.  One 
must,  furthermore,  generate  the  correct 
leeside  vortex  pattern  and  produce  the 
correct  vortex  trajectory  in  the  subscale 
wind  tunnel  tests. 

Considering  the  different  types  of  vorti¬ 
cal  flows  enumerated  above,  one  can 
clearly  distinguish,  within  the  present 
context,  between  phenomena  sensitive  and 
insensitive  to  viscous  changes.  Tlr.  former 
include,  for  instance,  (fore)bcdy  vortic¬ 
es,  with  the  formation  and  shedding  of 
asymmetric  vortices  from  a  slender  body 
at  high  angle  of  attack  being  a  partic¬ 
ularly  challenging  task  for  viscous  simu¬ 
lation,  and  wing  leading  edge  vortex  flow 
in  the  presence  of  round  leading  edge'. 
The  second  category  of  phenomena  includes 
the  vortex  development  off  sharp  leading 
edge  wings,  where  viscous  effects  are 
largely  restricted  to  the  secondary  sepa¬ 
ration,  vortex  breakdown,  whose  occurrance 
is  dominated  by  geometric  conditions  and 
the  attendant  external  pressure  gradi  nt, 
and,  similarly,  shock/vortex  interaction, 
where  viscosity  is  important  only  insofar 
as  it  creates  vorticity  when  the  vortex 
is  formed. 

It  is  concluded  in  Section  4.7  that,  in 
the  large,  research  has  not  been  performed 
to  address  the  issues  of  subscale  simu¬ 
lation  of  vortical  flows.  To  alleviate 
this  deficiency  the  following  research  is 
recommended: 

•  A  systematic  scaling  law  analysis 
needs  to  be  performed  on  vortical 
flows  of  interest.  Appropriate  length 
scales  and  phys.cal  phenomena  must  be 
identified  as  a  guide  to  proper  sub¬ 
scale  simulation.  The  scaling  laws 
determined  must  be  evaluated  against 
full-scale  flow  development. 

•  Systematic  studies  of  the  influence 
of  boundary  layer  tripping  on  vortex 
separation  are  needed  Specific 
objectives  are  to  determine  the 
influence  of  the  state  and  condition 
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of  the  incoming  boundary  layer,  as 
altered  by  tripping  and  tripping 
techniques,  on  symmetrical  and  asym¬ 
metrical  vortex  shedding  on  forebo¬ 
dies  ,  reattachment  and  secondary 

vortex  formation  on  sharp  leading  edge 
wings,  shock-induced  vortices  on  sharp 
edged  wings  with  supersonic  leading 
edges,  and  primary  vortex  separation 
on  round  leading  edge  wings. 

•  Further  systematic  studies  must  be 

carried  out  to  determine  the  cause  of 
asymmetric  vortex  formation  on  fore¬ 
bodies.  Here,  care  must  be  taken  to 
assure  that  true  scaling  phenomena  are 
isolated  and  the  asymmetries  are  not 
artifacts  of  flow  quality  (wind  tunnel 
environment)  or  model  precision. 

•  Vortex  breakdown  was  found  to  be 

dominated  mainly  by  geometric  condi¬ 
tions  on  the  wing  and  the  external 
pressure  gradient.  Here,  one  last 
conclusive  experiment  needs  to  be 

performed  to  determine  (confirm)  the 
independence  of  vortex  breakdown  on 
Reynolds  number. 

It  is  strongly  urged  that  in  all  experi¬ 
mental  research  body  surface  pressures, 
surface  skin  friction  lines,  surface 
streamline  visualization,  vortex  trajec¬ 
tory  visualization  and  vortex  core  velo¬ 
cities  be  obtained.  These  multiple  pieces 
of  information  are  necessary  to  understand 
the  detailed  behavior  of  the  flow.  It  is 
also  recommended  that  CFD  be  used  to  gain 
further  understanding  of  vortical  flow 
features. 

Environmental  effects  on  transition  and 
boundary  layer  characteristics:  In  Sec¬ 

tion  4.8  it  is  distinguished  between 
environmental  effects  entering  the  flow 
about  the  wind  tunnel  model  through  dis¬ 
turbances  to  the  freestream,  i.e.,  veloc¬ 
ity,  pressure  and  temperature  fluctu¬ 
ations,  and  effects  directly  related  to 
the  wind  tunnel  model  such  as,  for 
instance,  surface  roughness,  non-adiabat- 
ic  wall  temperature  conditions  and  model 
vibration.  The  model  flow  is  mainly 
influenced  'i.>  changes  to  boundary  layer 
transition  and  the  (turbulent)  boundary 
layer  characteristics. 

It  is  stated  in  Section  4.8  that,  although 
a  wide  body  of  information  is  available 
in  certain  areas,  environmental  effects 
have  not  been  studied  in  a  systematic  and 
well  organized  manner.  Vet  the  need  for 
increased  accuracy  in  contemporary  wind 
tunnel  testing  make  such  studies  and  the 
detailed  assessment  of  the  wind  tunnel 
environment  a  necessity.  In  the  following, 
some  major  deficiences  concerning  the 
present  subject  are  pointed  out- 

•  The  effect  of  external  turbulence  on 
the  characteristics  of  the  turbulent 
boundary  layer  has  mainly  been  studied 
for  zero-pressure  gradient  flows; 
flows  with  non-zero  pressure  gradients 
still  require  more  detailed  exper¬ 
imental  and  theoretical  attention, 
especially  with  regard  to  the  relation 


between  pressure  gradient  and  the 
mixing  length  of  the  external  flow  and 
its  influence  on  the  characteristics 
of  the  turbulent  boundary  layer.  Also 
needed  are  more  detailed  studies  of 
the  effect  of  the  turbulence  scale. 

•  The  information  on  the  influence  of 
wind  tunnel  acoustical  disturbances 
on  transition  is  not  well  defined 
beyond  the  cut-off  turbulence  inten¬ 
sity  of  0.3  %.  Yet  the  noise  spectrum 
characteristics  are  critical  for  the 
transition  location.  Concerning  the 
process  of  viscous  simulation,  it  is 
required  to  determine  these  charac¬ 
teristics  at  the  model  location  of  a 
given  wind  tunnel  so  that  they  can  be 
used  as  boundary  condition  for  the 
necessary  prediction  of  the  boundary 
layer  development  on  the  wind  tunnel 
model . 

•  The  effect  of  external  turbulence  on 

certain  flow  phenomena,  such  as,  for 
instance,  shock  boundary  layer  inter¬ 
action  and  trailing  edge  separation, 
has  not  been  sufficiently  investi¬ 
gated.  Such  investigations  should  be 
carried  out  for  configurations  of 
various  degrees  of  sensitivity  to 

viscous  changes  (keeping,  however,  in 
mind  that  fairly  high  turbulence  lev¬ 
els  seem  to  be  needed  before  any 
effect  is  felt).  Similarly  the 
accumulative  effect  of  non-adiabe Sic 
wall  conditions  on  such  flow  pht-ic.-  s:ia 
should  be  further  studied. 

•  There  is  a  considerable  gap  in  our 

knowledge  about  the  influence  of 

environmental  effects  on  three-dimen¬ 
sional  flows. 

In  order  to  better  understand  the  way 
certain  environmental  disturbances  act  on 
the  boundary  layer  characteristics, 
improved  theoretical  methods  must  be 

devised. 

Boundary  layer  manipulation:  It  is  obvi¬ 
ous  that,  left  to  its  own  development,  the 
boundary  layer  on  a  model  in  sjbscaia 
simulation  may  have  little  resemblance, 
in  general,  to  the  boundary  layer  Oi.  the 
full-scale  vehicle.  Consequently,  it  is 
inevitable  that  some  sort  of  manipulation 
in  viscosity  dominated  regions  on  the 
model  will  have  to  be  performed  for  an 
improved  prediction  of  full-scale  condi¬ 
tions.  It  is  also  obvious,  to  quote  Sec¬ 
tion  4.9,  that  the  ideal  boundary  layer 
manipulation  technique  in  any  viscous 
simulation  process  would  match  the  flight 
transition  location,  simulate  the  proper 
parameters  at  the  shock  location,  intro¬ 
duce  the  correct  turbulence  structure 
downstream  of  the  shock  and  recover  the 
flight  trailing  edge  condition,  totally 
without  otherwise  disturbing  the  flow. 
Meeting  all  of  these  conditions  is,  of 
course,  impracticable  and  also,  judging 
from  the  present  studies,  not  necessary. 

Boundary  layer  manipulation  devices  can 
be  categorized  as  those  that  promote  (or 
delay)  transition  in  a  desired  fashion  or 
those  that  control  the  growth  of  the 
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(dominant)  boundary  layer  parameters.  In 
the  first  category,  boundary  layer  trip¬ 
ping  is  the  most  widely  applied  and  per¬ 
haps  easiest  boundary  layer  manipulation 
technique,  although  strongly  limited  in 
its  application  by  the  attendant  model 
pressure  distribution.  More  freedom  is 
here  provided  by  relying,  for  instance, 
on  the  effect  of  suction/blowing,  heat 
transfer  or  compliant  surfaces.  The  latter 
techniques  also  provide  the  tools  for  the 
control  of  the  development  of  the  (turbu¬ 
lent)  boundary  layer.  Note,  that  an  inte¬ 
gral  part  of  boundary  layer  manipulation 
is  the  identification  of  the  transition 
location  and  the  determination  of  the 
magnitude  of  dominant  viscous  parameters, 
which  are  being  duplicated  in  the  low 
Reynolds  number  wind  tunnel  tests,  by 
measurement  and/or  computation. 

As  a  result  of  the  review  of  boundary 
layer  manipulation  in  Section  4.9,  the 
following  research  activities  are  sug¬ 
gested: 

•  It  is  most  important  to  identify,  as 
far  as  this  has  not  been  accomplished 
by  the  present  committee  effort  (see 
Sections  4.5  and  4.6),  the  viscous 
parameters  that  must  be  controlled  at 
critical  locations  on  the  model  to 
allow  the  correct  simulation  of  or 
extrapolation  to  full-scale  condi¬ 
tions.  These  parameters  must  be 
defined  for  each  fundamental  test 
requirement,  e.g. ,  cruise  drag,  buffet 
boundary,  vortex  shedding  and  so  on. 

•  Based  on  these  criteria,  boundary 
layer  manipulation  techniques  must  be 
developed  that  will  produce  the 
desired  control  of  the  relevant 
parameters.  (Primary  candidates  are 
here  boundary  layer  tripping,  boundary 
layer  suction  and  surface  cooling.) 
Research  should  explore  the  effec¬ 
tiveness  of  the  boundary  layer  manip¬ 
ulation  devices  for  families  of 
favorable  and  adverse  pressure  gradi¬ 
ents.  Correlations  should  be  developed 
to  define  the  boundary  layer  parame¬ 
ters,  such  as  H,  6*/c,  0/c,  that  will 
occur  downstream  of  the  manipulation 
device . 

•  Research  needs  to  be  performed  to 
determine  the  flow  structure  in  a 
transitioned  boundary  layer  down¬ 
stream  of  a  cross-flow  instability  or 
leading  edge  contamination  induced 
transition.  These  flow  features  must 
be  compared  to  those  downstream  of  the 
manipulation  devices  developed  in 
order  to  evaluate  the  adequacy  of 
conventional  tripping  in  simulating 
other  than  streamvise  instability 
transition. 

Finally,  non-intrusive  boundary  layer 
measurement  techniques,  such  as,  for 
instance,  last-r  interferometry  to  deter¬ 
mine  transition  location,  must  be  improved 
and  developed  to  the  point  of  practical 
application.  In  addition,  the  use  of  CFD 
to  infer  viscous  parameters  that  cannot 
be  easily  measured  should  be  explored. 


To  conclude  Section  4.10,  relevant  results 
and  research  requirements  related  to 
boundary  layer  simulation  and  control  in 
low  Reynolds  number  wind  tunnel  tests  are 
summarized  below  in  tabular  form. 


FLOW  PHENOMENON 

DOMINANT 

PARAMETERS 

NEEDED  FUTURE  RESEARCH 

SBLX  + 

-  Upstream  influ¬ 
ence 

-  Incipient  sepa¬ 
ration 

-  Separation 
bubble 

[6*/c]  [HU-1] 

HiX.  MX 

°1  -  Ml 

-  Verification  of  dominant  parameters  especially 
in  3-D  flows 

-  Boundary  layer  parameters  downstream  of  SBLI 
region  in  relation  to  full-scale  flow 

-  Is  additional  manipulation  of  trail' ng  edge 
flow  required? 

-  Importance  of  turbulence  generation/amplifica¬ 
tion  to  trailing  edge  flow 

-  Improve  theory 

CLASSICAL  SEPARA¬ 
TION/TRAILING  EDGE 
FLOW 

(also  see  non¬ 
equilibrium  bound¬ 
ary  layers) 

Hi(  *r 

«*,  0 

-  Improvement  of  theoretical  methods  to  account 
for  non-equilibrium  effects  in  2-D/3-D  flows. 
Establish  shape  factor/pressure  gradient  para¬ 
meter  correlation  for  3-D  flows 

-  Improve  turbulence  modelling  for  flows  with 
transition  occurring  in  laminar  separation 
bubbles 

-  Improve  turbulence  modelling  for  strong 
viscous/inviscid  interactions 

VORTEX  FLOW 

For  primary  sepa¬ 
ration  line  see 
SBLI  and  CLASSI¬ 
CAL  SEPARATION 

-  Conduct  scaling  law  analysis  for  vortical 
flows.  Identify  appropriate  length  scales 

-  Determine  the  ef'^ct  of  tripping  (state  and 

condition  of  in  ng  boundary  layer)  on 

vortical  flows  of  interest 

BOUNDARY  LAYER 
DEVELOPMENT 

-  Equilibrium 
turbulent 
boundary  layer 

-  Transition 
(also  see  en¬ 
vironment) 

-  Non-equilibrium 
boundary  layers 
(also  see  clas¬ 
sical  separa¬ 
tion) 

-  Turbulence  modelling  in  the  presence  of 

Tw/TWad  3*  1  and  curvature 

-  Fundamental  research  at  high  Reynolds  numbers 

-  Verify  transition  criteria 

-  Influence  of  noise,  turbulence  and  surface 
roughness  on  3-D  transition 

-  Establish  transition  criteria  for  realistic 
transonic  configurations.  Effect  of  Tw/Tw._ 
for  dp/dx  3*  0 

-  Provide  experiments  with  a  complete  descrip¬ 
tion  of  the  incoming  boundary  layer  (velocity 
profiles,  wall  shear  stress,  etc.) 

ENVI RONMENT 
(also  see  transi¬ 
tion) 

-  Influence  of  external  turbulence  on  turbulent 
boundary  layer  for  dp/dx  3s  0 

-  Effect  of  turbulence  scale  on  turbulent 
boundary  layer  development 

-  Effect  of  turbulence  on  certain  flow  phenomena 
(SBLI,  classical  separation) 

-  Influence  of  noise  on  transition  at  Tu  >  0.3  l 

-  Improve  dove  lop/ theory 

MANIPULATION 

-  Effectiveness  of  boundary  layer  manipulation 
devices  for  dp/dx  /  0.  Define  boundary  layer 
parameters  (Hi,  6*.  0,  turbulence  structure) 
downstream  of  specific  manipulation  devices 

-  Boundary  layer  structure  downstream  of  cross- 
flow  instability  transition  in  comparison  to 
tripped  boundary  layer 

-  Improve  non-intrusive  boundary  layer  measure¬ 
ment  techniques 

-  General:  Find  an  inexpensive  device  that  is 
easy  to  install,  remotely  controllable,  does 
not  disturb  the  flow  and  also  measures  the 
boundary  layer  condition  upstream  of 
"critical"  flow  phenomena 

+SBLI  =  Shock  boundary  layer  int  raction. 

6*,  G,  Hj  =  Displacement  thickness,  momentum  thickness, 
incompressible  shape  factor. 
nr  I  Relative  pressure  gradient  parameter 
Tw  z  Wall  temperature. 

Subscripts:  1  =  upstream  of  shock  AD  s  Adiabatic  wall  conditions 


Table  1:  Summary  of  results  and  major  research  requirements. 
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